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I. INTRODUCTION
Volume 5 presents the design considerations and tradeoffs that
resulted in the preferred mechanization of the Voyager spacecraft sub-
systems. This volume provides the discussion designated as Part B,
Section IV of the final report format provided in JPZ's statement of work.
Possible approaches to mechanization of the subsystems are defined, and
design analyses and possible implementation difficulties are described.
In general, the selections were based on Mariner approaches and the
following criteria:
l) That the system or technique performs the required
function
2) That the most simple and reliable method or approach
is utilized
That the technique is consistent with the 1966 conceptual
freeze date
That the mechanization easily interfaces with other
spacecraft functions.
Since Volume 2 contains functional specifications for each area,
the selected subsystems are not described in great detail in this volume.
The process which resulted in the preferred subsystem approach being
selected is described, and performance analyses for the selected sub-
systems are provided. Detailed analyses and background data are pre-
sented in the appendices.
Reliability is of the utmost importance to Voyager, and _-nuch effort
has been devoted to defining subsystems with this in mind. Since the
simultaneous operation of at least portions of the communications,
attitude control, and sequencer subsystems are required to maintain
ground control of spacecraft functions, the fundamental elements of these
subsystems were selected with great care. Each subsystem is described
in terms of the approach for attaining increased reliability through the
use of alternate modes and redundant components. Strong emphasis was
l-l
placed on minimizing switching and control in achieving the alternate
functions.
Section II presents the selection criteria and interface requirements
of the science payload and planet oriented package (POP). The photo-
graphic sequence and its effect on the data handling and data automation
equipment (DAN) interfaces are discussed. Considerations relating to
the use of a body-fixed POP and one with one and two gimbaIs are des-
cribed. A solution of the problem of bearings operating in vacuum, which
TRW has used on other spacecraft, is illustrated and applied to the POP
gimbal drive mechanization.
Design of the telecommunications subsystem is described in
Section III. The main alternates considered were the selection of trans-
mitter power outputs in the range of 10 to 80 watts with telemetry rates
between 128 and 8000 bits/sec, the use of single and double gimballed
antennas of various sizes, and sizing of bulk storage within the constraints
of present capabilities and telemetry capacity. Some of the critical
choices related to the attainment of the desired omniantenna coverage and
resolution of probIems related to the use of a coherent or noncoherent
capsule link in the presence of propagation uncertainties.
Section IV describes the design of the stabilization and control
(S and C) subsystem, the central sequencer and command (CS and C)
subsystem, and the electrical power subsystem. The rationale used in
defining the suggested interface between the DAN and the spacecraft
sequencer is included in this section.
The processes used to define the structural design, the thermal
control system, and separation and deployment mechanisms are des-
cribed in SectionV. Structural considerations that result from use of a
liquid bipropelIant engine are shown and compared with similar consider-
ations for the solid engine. Also included are the structural designs for
the spacecraft using a large fixed-dish antenna (Configuration C) which
uses earth-pointing attitude control.
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Section VI describes the electrical packaging design and shows
integration of the packaging design with spacecraft structural and thermal
control considerations.
Finally, in Section VII, the propulsion subsystem design tradeoffs
are described. These are based on the three basic vehicle configurations
that were selected for design study, considering primarily the liquid
bipropellant engine versus the solid engine. Other over-all propulsion/
vehicle configuration tradeoffs are described in Volume 4.
Several pages in Section IV (Electrical Power Supply) bear infor-
mation that is proprietary to TRW. These pages are so identified in the
text and should not be reproduced or disclosed to others without the
written permission of TRW. The pages to which this pertains are 4-231,
4-232, 4-257, 4-259, 4-260, 4-261, and 4-262.
Analyses and detailed design data to support the considerations
discussed in the text are provided in Volume 5 Appendices, A through L.
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II. SCIENCE PAYLOAD AND PLANET ORIENTED PACKAGE
I. ALTERNATIVE SCIENCE PAYLOADS
The objective in considering alternative experiments and the resulting
science payload changes is to evaluate the flexibility of the spacecraft
design concept. It is intended to become involved here neither in the
design problems of the experiment equipment nor in the selection of the
particular experiments to be included in the final payload. Consequently,
some liberties have been taken in combining worst-case conditions without
examining fully the likelihood that an experiment embodiment would exhibit
all of the features at once.
i. I Interplanetary Environment
It appears that the next generation of interplanetary experiments
will operate on the same principles as those carried today but will be more
complex. Additional detectors and signal processing will result in higher
data rates. It had been intended to hypothesize a variety of possible sets
of instruments to test whether the spacecraft design could accommodate
them. However, as the design evolved it became clear that all of the
major interplanetary fields and particles experiments could be accommo-
dated. Consequently, a single set of instruments, similar to those for
Mariner but with higher data rate, was chosen for evaluation {see VS-4-210).
These instruments are as follows:
a) A set of four directional meteorite detectors capable of
n_===4...._,_'__Nux. velocity, acoustic energy, and mass
b) Two solar plasma detectors
c) Four cosmic detectors
d) Three solar flare detectors (also suitable for trapped
radiation measurements
e) Two magnetometers.
A major objective for Voyager is the refinement of magnetic field
and plasma data obtained in interplanetary space. Unfortunately, the
magnetometers have reached the limit of the state of the art in their de-
tection threshold. The helium magnetometer flown on Mariner, for
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example, had a threshold of a few tenths¥. The flux gate magnetometer
with a threshold similar to the helium magnetometer, is lower in weight,
volume and power consumption. However, it is susceptible to the acquisi-
tion of an unknown zero offset (<ZY) on exposure to large magnetic fields
prior to and during launch.
The magnetometer requires that the magnetic field of the over-all
flight spacecraft be less than 1 Y at the sensor. A similar requirement
exists for the Pioneer spacecraft which TRW met by selection of non-
magnetic components where possible, by careful electronics design,
and by cancellation if components (such as the TWT) have a field that
exceeds the desired limits. These precautions resulted in a field that
was below the threshold of the test instruments (<0.2Y}. Similar pre-
cautions will be required for Voyager, including the use of a boom to
extend the magnetometer away from the spacecraft.
The state of the art in flight magnetometers has provided sensi-
tivities of the order of 0.25y, therefore, a target field of-<0.25¥ at the
magnetometer sensor is appropriate. In the case of Pioneer the sensor
was approximately 7 ft from the control axis of the spacecraft. The
electronics on Voyager will be about one order of magnitude more in
mass than that on Pioneer. H we assume the magnetic field will be
proportional to the mass of electronic components, then using a dipole
law, the Voyager sensor should be about 20 ft from the electronics.
Since the boom can be mounted at the edge of the solar array, a 0.25Y
field at the sensor should be obtainable with a 14 ft boom. It appears
appropriate, however, to ease the problems of parts selection, ground
loop reduction, boom lengths and over-all magnetics control. Accord-
ingly, a boom length of 20 feet was selected for vehicle design purposes.
I. 2 Mars Exospheric Environment
Basically, the same measurements made in the interplanetary
environment are also of interest in Mars orbit.
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Prior to Mariner encounter, it was thought that the planetary
magnetic field would be several orders of magnitude greater than the
interplanetary field. Consequently, the possibility of carrying two
magnetometers--one primarily for interplanetary measurements and
the other primarily for in-orbit measurements was considered. Use
of a flux gate and a helium magnetometer will permit correlation of
outputs during cruise. A fixed magnetometer with a precise angular
orientation at the edge of the solar array would be prime for the planetary
measurements and the boom-mounted instrument would be prime for
cruise. The boom-mounted magnetometer would be retractable for the
injection acceleration period but would be sized to survive deboost
without retraction. This approach stillappears desirable because of
the backup feature provided. It should be possible to calibrate the
spacecraft fields by comparison of sensor outputs and by rotating the
spacecraft in Mars orbit such that the fixed sensor can provide an
uncertainty less than l_. Accordingly, two magnetometers are included
in the selected design. Further evaluation based on explicit Mariner
data compared with estimates of the spacecraft field at the edge of the
solar array will be required to ensure the advisability of this approach.
In addition to these instruments, a radio antenna and receiver
have been postulated. This experiment involves comparing the phase of
VHF or UHF signals with each other or with the telemetry carrier during
occultation of the spacecraft by Mars. At other times, the receiver
could be used for radio noise measurements. Means for deploying
antennas will be required for this experiment.
Several radio noise measurement experiments have been considered
such as a VLF plasma wave and EM wave experiment and a LF/MF radio
noise experiment. For these experiments, obtaining large unobstructed
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fields of view is the most difficult requirement, but a similar requirement
exists for the particle and fields experiments, and therefore the RF ex-
periments pose no special problems.
1.3 Planetary Observations
Hypothesizing the science payload for planetary observations has
largely consisted of collecting a representative list of instruments which
approximate the size, weight, and power given in the 1971 Voyager mission
guidelines and apportioning the available telemetry capacity among them.
The spacecraft design provides more than enough volume for these instru-
ments, permitting larger instruments or some additional instruments as
weight and power budgets allow. Specific interface problems are discussed
below.
1.3. 1 Photographic Observations
As discussed in Appendix A, with the contemplated telemetry rates
(up to 4,000 bits/see) a partial map of Mars at a resolution of 1 km together
with nested high resolution pictures can be obtained during the six months
in orbit. The coverage will depend on the number of color filter pictures
taken. Complete coverage over 120 degrees of latitude could be obtained
in three colors for the sample orbit considered.
The most significant interface problems which arise from a photo-
graphic experiment are those caused by the data rates into bulk data
storage (BDS), the pointing requirements imposed on the planet oriented
package, and the complex storage and sequencing required to interleave
engineering and other data, amounting to 10 per cent or so of the total,
with the almost continuous transmission of pictures. The factors which
size the photographic experiment are described in detail in Appendix A.
The fundamental limit on the photographic experiment is the BDS
design, assuming existing state of the art tape recorders. The equipment
postulated uses a pulsed digital scan of 1024x 1024 points, obtaining
6.3 x 106 bits/picture and a storage vidicon to permit reading into the BDS
relatively slowly. The use of a SEC storage vidicon would improve per-
formance somewhat, but such a tube adaptable to pulsed digital scan is
felt to be a significant development problem.
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Using film is extremely attractive from the standpoint of obtaining
high quality pictures with modest optics and open loop image motion
compensation (IMC). However, the uncertainty of the radiation environ-
ment that will be encountered represents a significant risk in relying on
film. Depending on the conclusions reached from the Mariner IV flight
it may be desirable to consider film for data storage.
Another storage possibility is dielectric tape. Although the perfor-
mance of this transducer approaches that of film and its development is
proceeding rapidly, some development risk would be involved in selecting
such a device.
Although the mission guidelines state that IMC would be the respon-
sibility of the experiment equipment, the preferred design for the POP
can provide 5 to I0 per cent IMC for image motion encountered at periapsis.
This performance is good enough for obtaining reasonably good resolution
for the postulated high resolution camera. Also the high resolution camera
is shown as incorporating IMC based on ground command values of pre-
dicted motion, which is also expected to be good to 5 per cent or better.
To obtain the best resolution possible under lower lighting conditions, the
experiment would require active IMC good to 1 per cent or better. This
capability was not postulated because of the complexity of such sensors
and because EPD 250 indicates a willingness on the part of experimenters
to limit the high resolution capability to lighting angles near 180 degrees,
for which 5 to I0 percent IMC is adequate.
1.3.2 Spectrometric Experiments
The experiments postulated (see Volume 2) for spectroi_etry g_'_rallv
represent existing state-of-the-art instruments. The fields of view, the
wavelength ranges, and the wavelength scanning speed are consistent with
instruments of moderate complexity capable of diagnosing the presence of
various atomic and molecular constituents with sufficient detail to resolve
ambiguity. Quantitative photometric measurements permit estimating
scattering cross sections, absorption coefficients, fluorescent lifetime,
and the like. Generally, the spectral resolution postulated is not good
enough for determining pressure.
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If there were no flight capsule, more spectral resolution would
probably be desirable. For the 1971 mission, however, it appears better
to obtain diversified coverage of the spectrum within the weight and power
allocation.
The sele
a)
cted instruments are as follows:
A vacuum UV scanning spectrophotometer covering the
range 0. 11 to 0.34_x in the first order. This instrument
with its 5-inch aperture telescope, 10_spectral resolution,
and a 0.02 by 2 degree field of view is essentially the UV
air glow experiment of POGO.
b) An IR scanning spectroradiometer covering the range of
0.7 to 20}_. This instrument has 6-inch optics, about
0.02_ wavelength resolution, and an 0. 05-radian field of
view.
The UV spectrometer couldbe designed to produce 1 _ resolution
at a sacrifice in sensitivity, although it is possible that the telescope
aperture could be designed to retain the sensitivity.
Consideration was given to substituting an interferometric IN
-1
spectrometer capable of a resolution of 5 cm over the region 5 to 30 }x
for the instrument postulated. However, within the weight limits of the
mission guidelines it appeared more desirable to obtain coverage of the
near IN. Thus, the more conventional scanning instrument was
postulated for the tentative science payload.
1.3.3 Radiometric Measurements
One thermal-mapping experiment has been postulated. Aiternative
schemes may eventually be adopted, but requirements for thermal control,
clear fieId of view, and output data rates are representative of a broad
range of potential mechanizations. The selected instrument is an IN
muItichannel scanning radiometer covering the visible and near IR, the
water vapor bands, and the far IN. This instrument has a resolution
varying between about 0.5 and 3 mr and a scan line length of 50 mr.
1.3.4 Photometric - Meteor Flash
In addition to the complex scanning instruments, it seems appropriate
to incorporate a simpler photometric experiment. Such an experiment
requires a more continuous pointing at Mars and produces data at a lower
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rate over longer periods of time than the others listed above. At the
same time, as shown in Appendix B, monitoring the vacuum UV bands
appears to offer great potential for obtaining useful statistical data on
meteors in the Mars atmosphere. The instrument selected is an UV
photometer meteor flash detector. This instrument operates in the 0.25
to 0.3 _tand 0.3 to 0.45 _ bands with 30-degree fields of view and 2.3-inch
diameter optics.
i. 3.5 Alternative Planet Observation Experiment
One alternative which would require relatively major changes in the
POP configuration has been suggested by Eastman Kodak Company. A
single layer aperture (say 12 inches) reflecting optical system could be
used at the central few degrees of the field for obtaining very high resolu-
tion photographs (order of 10 meters), with the surrounding segments of
the field (say between 5 and I0 degrees) used for spectrometric and radio-
metric measurements with an order of magnitude improved spectral resolu-
tion. The basic telescope would probably weigh about 100 pounds making the
the planetary observation sensors weigh 150 instead of 90 pounds. How-
ever, some such technique may be the only way to achieve photographs
approaching 5 meters' resolution. Since this type of alternate could use
up most of the available weight margin and implies the development of all
these experiments by one contractor (a significant departure from the
experimenter-oriented methods of the past), this alternative has not been
considered in our spacecraft design. However, the balanced gimbal POP
concept recommended provides a basic design capable of accommodating
such a change as this without major redesign.
1.4 Spacecraft Flexibility
The recommended spacecraft design provides a large (,_, 60 ft)
circumference. At any point on this disk, sensors can achieve solid
angle fields of view of greater than 2_r steradians with the flight capsule
attached and nearly 4_ steradians after capsule separation. Consequently,
within foreseeable growth possibilities, such factors of two or three in
weight, the planetary and interplanetary observation experiments of the
Voyager 1971 spacecraft science payload are limited only by the degree to
which weight reserves are made available for power supply and for the
experiments themselves.
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Tilt" r¢,commcndt;d d_,sign of the POP provides additional volume,
spare leads, and excess ht'at dissipation capacity to permit adding (about
25 per ce,_t) to lhese instrun_ents. As mentioned in Section l. 3. 5,
although signi[icant changcs could rcquirt, redesign of the POP, the space-
craft conct'pl provides the flexibility to accommodate such an increase if
the overall weight allocation is available. The limit on weight in the POP
will probably be established as much by c.g. control problems as by any
other factor. However, sufficient weight allocation to permit the use of
counterweights could solve this problem too.
In accordance with the description of the data automation equipment
(DAE) given in the mission guidelines, it has been assumed that the DAE
has a number of built-in sequences plus the capability to accept new pro-
grams from the command and sequencing system. The data sequences
contained in Figures 3.5-1, 3.5-2, and 3.5-3 of VS-4-210 (Volume 2} are
based on the assumption that the DAE formats the photographs in the BDS
so that blanks occur at times at which transmission of other data is planned.
An alternative method, that of stopping and starting the tape recorder, has
not been postulated for normal (short) interruptions except under failure
mode conditions. See section III. For long interruptions in the picture
sequence the tape recorders are assumed not to run.
1.4. 1 Telemetry and Data Handling
Equipment used for video and IR mapping and imaging imposes the
greatest demands on the telemetry and data handling subsystems. Changes
in sequencing, scan rates, and resolution can significantly affect the data
storage format and write-read requirements in the bulk data storage
system and determine the data transmission rate requirements.
The proposed telecommunications and data handling subsystems are
sized for a data transmission rate of 4096 bits/sec, corresponding to a
total data capability of _" 2 x 108 bits/orbit. This allows a mapping mission
to be performed, using a tricolor television system at a ground resolution
of 1 kin, and also allows simultaneous thermal mapping at a resolution of
a few kilometers. Nesting high resolution (_ 50 rn) TV pictures can also
be obtained by time sharing the data storage capability. The system design
assumes that images can be stored on the TV sensors for 30 to 40 seconds.
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Changes in the selection or operation of other experiments do not
significantly affect the telemetry and data storage subsystems, since ade-
quate buffering is provided by a core storage in the data handling subsystem.
1.4. Z DAE-Spacecraft Sequencer Interface
Two definitions of the interface between the DAE and central
sequencer and command (CS and C) subsystem are hypothesized and exam-
ined in Section III-2 of this volume. One definition is that the spacecraft
sequencer simply passes ground commands and data to the DAE and has
no further participation in science sequencing. The other definition is that
the DAE decodes incoming commands, but virtually all are transmitted at
the time of execution and the DAE is not required to have an extensive
memory. It is found that the spacecraft sequencer can accommodate the
second approach by simply doubling its memory. Since this appears to be
the maximum task that is required of the CS and C and since it can easily
be performed, the subsystem sizing is based on this requirement. Clearly,
any requirements between these extremes can be accommodated by the
selected design.
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2. PLANET ORIENTED PACKAGE
Part of the Voyager science payload will be contained in the planet
oriented package (POP) incorporating those experiments that require
articulation with respect to the spacecraft body. The instruments and
selected POP design are described in Volume Z. The alternate mechan-
izations and considerations that led to that design are discussed in this
section.
2. 1 Design Requirements and Objectives
The POP provides a minimum of 8 cubic feet for mounting science
experiment equipment (SEE) with an area of 6 square feet perpendicular
to the nominal line of sight. All equipment requiring Mars visibility will
have access to this common face. The structural design of the POP will
provide pointing precision for the SEE in both a zero- and one-g environ-
ment without realignment or compensation and with an equipment weight
of 100 pounds, An objective is to obtain full coverage of Mars from
any point in the orbit when the spacecraft is in the normal cruise attitude,
Provisions for mounting the SEE will consist of a single center
located equipment-mounting shelf parallel to the viewing direction
(Figure 2-1).
EXPERIMEN" ENCLOSURE
r__ REMOVABLEAPERTURE
PLATE
N
G I MBA L .j_-------_O J NJ
TRUNNION
. EXPERIMENT
MOUNTING
ENCLOSURE PLATFORM
Figure 2-l. Plant Oriented Package
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The shelf provides rigidity between instruments, insuring alignment
integrity. Mounting provisions are available for equipment installation
on both sides of the shelf. This method of mounting will provide a means
of attaching numerous SEE with a maximum frontal area for sensors.
It also maximizes access room and keeps cable lengths to a minimum.
The accuracy of the POP pointing and spacecraft attitude control
system will be such that each axis of the POP will be pointed at the
center of Mars or a selected spot on the surface of the planet with an
accuracy of 0.5 degree and a maximum rate of 10 -4 rad/sec. These
requirements are based on obtaining no more than 10 per cent overlap
on 5 x 5 degree pictures and maintaining image smear rates caused by
attitude rates to values commensurate with orbital velocity smear rates
(see Appendix A}. Exposure of high speed elements of the pointing drive
to vacuum is avoided.
2.2 POP Mechanizations Considered
POP configurations having no gimbals, one gimbal, and two
gimbals have been evaluated in terms of operational utility, vehicle
interface, and implementation complexity. In addition, two gimbal sub-
systems have received fairly detailed design consideration involving
equipment layouts, gimbal and drive design, and evaluation of design
difficulty. The tradeoff factors associated with over-all POP design are
discussed in the following paragraphs; mechanization techniques are
covered in later subsections.
2.2. ! Body-Fixed POP
A body-fixed POP is possible if the pointing is accomplished by
using the attitude gyros for reference and torquing to the required
attitude. The basic reference would be provided by sun-Canopus
attitude and the vehicle would be required to return to that attitude every
2 or 3 hours to reset the gyros. This is the simplest system, at least
in terms of the POP, but it is also the least accurate for general pointing
because of gyro drift and torquing errors. All of the required orientation
components are already available in the attitude control system.
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However, normal use of this technique introduces considerable complexity
in the central sequencing and command (CSand C) subsystem and in the high
gain antenna pointing requirements if efficient utilization of communica-
tion time is achieved.
Another method of pointing uses body-mounted horizon scanners.
A difficulty of this method is that provisions have to be made to enable
offset pointing if it is desired to point away from the center of the
visible surface. This can be done either by biasing the horizon scanner
outputs or by gimballing the horizon scanner.
2. 2.2 Sin_le-Gimballed POP
A single gimballed POP was seriously considered for Configuration
C, which has a large body fixed antenna pointed along the roll axis
toward the Earth. For this configuration, spacecraft roll does not
require change in antenna pointing. Hence, the functional replacement
of one POP gimbal with spacecraft roll is attractive. The gimbal axis
would be parallel to the vehicle yaw axis. A horizon scanner would
provide the roll attitude and gimbal angle reference. Pointing in
directions other than the center of Mars would be achieved by biasing
the horizon scanner output. An alternate {backup} approach would be to
use the Canopus sensor or a special star sensor with a wide slit field of
view to update the roll attitude based on star recognition (on earth} as
they pass the sensor field of view with gimbal angle controlled by
command. Because of the variation in orbital rate during the orbit,
attitude control gas requirements increase unless a reaction wheel in
the roll attitude control channel is included. Configuration C (see
Volume 4) shows the system. A single gimballed POP could also be used
for a solar pointing spacecraft but has been dropped on the basis of the
additional antenna pointing complexity.
2.2.3 Double-Gimballed POP
With a double-gimballed POP the vehicle can remain sun-Canopus
oriented and a gimbal arrangement devised such that the entire planet
can be viewed at any time. Such a gimbal arrangement, indicated in
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Figure 2-2, imposes the fewest constraints on the CS and C, the antenna
pointing program, and the stabilization and control system.
a HINGE ANGLE
SHAFT ANGLE
POP
CANO,USk2J
Figure 2-2. Conceptual Double-Gimballed POP
2.2.4 Comparison of POP Gimbal Arrangements
The POP control and gimbal techniques just described are
compared in Table 2-I on the basis of simplicity, accuracy, and the
availability of backup or alternate modes of operation. For the accuracy
evaluation the following component errors were used in the various
system configurations. All errors are assumed to be 3 values.
• Canopus-sensor accuracy, 0. 1 degree
• Fixed gyro drift, 0.4 deg/hr
• Gyro torquer (and power supply) scale factor, 0. I per cent
• Gyro, sun sensor, canopus sensor alignment to TV
camera LOS, 0.2 degree
• Sun-sensor accuracy, 0. I degree
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• Horizon-scanner accuracy, 0.4 degree
• Attitude control system dead zone, 0.25 degree
• Horizon scanner scale factor uncertainty, 8 per cent
• POP gimbal drive error, 0.3 degree (each axis)
These errors are considered typical values that can be obtained by
careful design but are not necessarily the best achievable. The accuracy
estimates do not include pointing errors because of uncertainty in vehicle
orbital position, a significant factor the first few days in orbit.
The complexity factors shown in Table 2-I refer to the complexity
of the instruments required for pointing and do not include complexity
introduced in other subsystems. These factors were determined by
assigning one point of complexity to each gimbal and drive (POP or
horizon scanner) and one point to each ungimballed horizon scanner. If
continuous or nearly continuous Mars pointing is required, it is felt
that the additional complexity in the sequencer and DAE required for the
body fixed or single gimbal system nearly offsets the simplicity of these
approaches. Therefore, pointing system complexity alone is not a basis
for selection.
As far as accuracy is concerned, all systems are nearly the same
except those that use a bias in the horizon scanner output to provide
offset pointing. This is brought about by the 8 per cent uncertainty in
scanner scale factor.
For the _-_-- _11nted or single-gimballed platforms, periods of
relatively high body or gimbal angle rates may be required for some
orbit inclinations. Also, these periods are likely to occur near
periapsis, at which time picture-taking operations occur and the best
accuracy is required.
System 6 (two gimbals) is capable of performing all of the required
operations with a minimum of interaction with Other spacecraft sub-
systems. Its accuracy is compatible with the system requirements and
it imposes no restrictions on picture-taking time and does not require
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time-consuming sequence to arrive at the required attitude. It also can
easily accommodate image motion compensation in the pointing commands.
This approach was selected for the baseline design. Although the
television experiment will require only brief periods of Mars pointing,
some of the instruments will require pointing for long periods. To avoid
having to sequence pointing commands continuously for these periods,
use of horizon scanners is desirable. For this reason, they are
included and the POP will have both closed loop (horizon scanners) and
open loop (gimbal angle commands) modes of control. These modes will
be selectable by ground command.
Z. 3 Boom-Mounted Double-Gimballed POP
A two-axis boom-mounted system which provides a capability for
unlimited fields of view is shown in Figure 2-2. This POP is mounted
on a hinged shaft, the hinge located on the outer edge of the solar panel
to enable rotation to both sides of the panel. The hinge allows the POP
to be swept through+ 90 degrees. The shaft would then be designed to
allow the POP to be rotated through + 180 degrees. The shaft is of
n
sufficient length to give full visibility over the equipment section of the
spacecraft.
2. 3. 1 POP Drive Mechanization
Except for the requirement for a cable wrapup instead of an RF
joint, the drive mechanization for the boom-mounted double-gimballed
POP is identical to that for the high gain antenna (see Section III-1).
Both consist of an integral yoke and shaft drive system using sealed
wabble gear drives and AC motors. The gimbal angle rotations and
general mounting arrangements are as indicated in Figure 2-2. The
general vehicle layout shown reflects configuration A-Z, which is not
the preferred design.
g. 3. Z Operational Considerations
The long shaft which enables viewing over the spacecraft equip-
ment compartment requires that the boom-mounted POP be stowed and
latched during launch and orbital injection an undesirable feature of this
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approach. It may be desirable to use the television cameras or an
approach guidance sensor prior to injection; if so, the added requirement
to relock the platform prior to injection is a serious deficiency. In
addition, design studies showed that it is unreasonable to design the
drives to support the POP fully extended in a l-g field. Therefore
special provisions have to be made to test the platform drives at less
than i g. For these reasons this approach was not selected although
its flexibility and ability to handle a variety of orbits is desirable.
Instead an approach was devised in which the unbalanced moments
restrained by the drives are nominally zero. This system is described
in the remainder of this section.
2.4 POP Design Considerations
Figure 2-3 shows the selected POP configuration and general
equipment arrangement. Its over-all weight is 125 pounds, including
the science instruments. A honeycomb center shelf provides support
for all instruments using top and bottom mounting. Access covers are
provided in the top, bottom, and rear of the compartment. To avoid
feed-through bolts which could interfere with equipment on the opposite
face of the shelf, the instruments are mounted to inserts bonded into the
honeycomb. TRW has used this mounting approach with success on
Pioneer and OGO and has encountered no difficulty with honeycomb
panels of this size.
The instruments with the largest fields of view are mounted on the
side of the compartment away from the solar array to allow the largest
possible gimbal rotation before the solar panel obstructs their view.
Conversely, it is desirable to locate the television cameras closest to
the array to maximize the shading of their apertures, which is desirable
since they are generally not used when the POP is pointing in the general
direction of the sun.
2.4. I Fields of View and Coverage
As shown in Figure 2-3, the instrument package is supported by a
fork on the end of a rotatable shaft. The shaft permits + 180 degrees of
rotation and the fork permits + 135 degrees to provide coverage of
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somewhat more than a hemisphere, as limited by the spacecraft body or
solar panels. The shaft is supported by bearings contained in two
housings which are fixed to the spacecraft structure. The shaft angle
is set at 22.5 degrees relative to the solar panel, placing the shaft nearly
normal to the orbit plane when the spacecraft is in the sun-Canopus
attitude. This arrangement permits viewing any point on the visible
surface of Mars from any point of the orbit. For most viewing conditions
the field of view is perpendicular to the shaft axis, this requiring near
zero rotation for the fork angles. To keep the fork angles zero the ideal
configuration would be to align the shaft axis perpendicular to the Mars
orbit. However, nodal regression can change alignment within a few
months by I0 to 20 degrees depending on the orbital characteristics so
there is no reason to attempt to obtain exact normality. Fork angle
excursions within + 20 to 30 degrees would cover the majority of arrival
conditions at Mars and orbital inclinations typical for the mission. The
large unobstructed field of view for the POP assembly is in the
direction of the daylight portion of the planet. A detailed description
of the orbital considerations and coverage provided by this system is
given in Section III-5 of Volume 4.
/
/
SPACECRAFT /
STRUCTURE /
GIMBAk
SUPPORT
STRUCTURE
,
POP
TWO AX_S
Figure 2-3. Selected POP Configuration and
General Equipment Arrangement
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2.4.2 POP- Mounted Instruments
Typical POP-mounted science instruments consist of the
following:
• Photographic experiment, high resolution television
low resolution television
• Meteoroid flash
• II% scanning spectrometer
• UV spectrometer
• Scan radiometer
The present design is for 89 pounds of instruments, but heavier weights
could be accommodated. In addition to the experiments, the POP will
mount the Mars horizon scanner.
2.4. 3 Thermal Control
Of the oriented experiments, the television optical systems place
the greatest demands upon the thermal design. The high resolution
optical systems require a nearly uniform temperature in order to main-
tain optical resolution. The Mars scanning radiometer requires a
fairly uniform temperature since it has an image-forming optical
system. The remaining experiments have temperature level but not
temperature gradient requirements. Most of the POP will be shaded
from the sun by the solar array. Because of this and the rather large
heat leaks through the optics, a thermal radiator will not be required.
With thermal conductance mounts and multilayer radiation insulation,
a 25-watt heater will be required to maintain average 1_,_-_^1_o tempera-
ture between 0 and 85°F. For a detailed analysis of POP thermal
requirements, see Section V-2.
2.4.4 Gimbal Drive
POP gimbal drive design requirements are as follows:
a) Pointing accuracy relative to spacecraft, _+0.25 deg
b) Angular tracking rate, 3 mr/sec
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c) Slew rate, 10 mr/sec
d) A,_gular acceleration, 0.6 mr/sec 2
e) Cable wrapup required for 100 wires
f) Angular freedom:
shaft axis, +180 degrees
g)
h)
i)
package axis,
Mass imbalance,
Stall conditions.
+135 degrees
8 ft-lb without tumbling
The drive must withstand stalled
conditions without internal damage.
Seals. High speed elements sealed in a pressurized
atmosphere.
a. Gimbal Motors
The drive systems considered were: l)
torque motor, 2) a DC torque motor and gearing,
a DC direct drive
3) a stepper motor,
and, 4) an AC servomotor with gearing. A DC motor coupled directly
to the lead gives the theoretical maximum load acceleration. From
size and weight considerations, however, a small 400-cps motor with
a large gear ratio has a definite advantage, and thus a compromise is
indicated. Since high accelerations will not be encountered, a direct-
drive DC motor is not a logical choice. In fact, because of the
problems associated with brush life, RFI, and magnetic fields the
selection of any DC motor is not indicated even when used with
appropriate gearing.
Direct-drive using stepper motors cannot be considered
because of the prohibitive size and weight of the motors required and
the fact that the required system resolution cannot be obtained without
gearing. Stepper motors used in conjunction with appropriate gearing,
however, offer some desirable characteristics. The size, weight,
power, and gear ratio requirements closely approximate those of an
AC servo-motor drive system while the response and speed regulation
under varying load conditions are superior. In addition, the stepper
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motor is particularly adapted to digital control. The undesirable
characteristic is the lack of information on which to estimate the
possibility of long life, and for this reason a stepper motor is not
recommended. In addition, the stepper motor requires relatively
complex drive circuitry compared to that required for an AC servo-
motor.
An AC-servomotor drive system appears to be the logical
choice for the following reasons:
1) AC servomotors are free from the undesirable features
of DC motors, namely brush life, R_FI, and high
stationary magnetic fields.
2) AC servomotors are rugged and reliable and control
circuitry is highly developed for either proportional
or on-off control.
3) The drive mechanism of the AC servomotors can be
made into a relatively compact package although the
high speed components must be sealed and pressurized
to prevent exposure to the space environment.
b. Sealed Drive Selection
Three small, light-weight candidates are available which
fall into the category of sealed rotary drives:
1) Spur Gear Drive, similar to that developed by Kearfott
for JPL.
2) Harmonic Drive, developed by United Shoe Machinery
Corporation.
3) Wabble Gear _.,....,r_-*"_ _._lnporl hy TRW Svstems. Group
and used on OGO.
Table 2-2 summarizes the relative tradeoffs for the various candidates.
The two most appropriate drives in terms of over-all packaging are the
wabble gear and the spur gear drives. Because of its simplicity,
sealing provisions, and proven space performance, the wabble gear is
preferred. The wabble gears are similar to those developed for the
drives for the OGO solar array and experiment package. During the
OGO program these drives were subjected to environmental and
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Table 2-2. Sealed Drive Packaging Tradeoff Summary
Tradeoffs
Sealed Drive
Candidate s
Wabble gear
(Preferred)
Harmonic
drive
Spur gear
drive
) Number of Gears
Based on 100:1
Reduction
Gears: 2
Gears: 2
Gears: 8
(Based on 4:1
reduction per
gear mesh)
Reliability
Number of
Rotatin_ Seals
None
Uses bellows
and static "O"
ring or herme-
tic seals
None
. Uses thin flex-
ible metal
tube hermeti-
cally sealed
Two sets of
"O" ring
seals
Packaging
and Gimbal
Compatibility
Internal design
mode rately
simple, pack-
ages extremely
well with
gimbal
Internal de sign
mode rate ly
simple, difficult
to package with
gimbal, requires
additional gears
and bearings
Internal design
mode rate ly
simple, can be
designed to
package well
with gimbal
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performance testing and were operated beyond i0,000 hours in vacuum.
On OGO I, launched September 5, 1964, and last interrogated on
May 27, 1965, the units operated properly upon command.
Figure 2-4 shows a typical OGO sealed drive mechanism.
Sealing is accomplished by two bellows installed between the nonmoving
parts of the mechanism and the driving gear. The unique feature of the
drive mechanism is the use of a pair of specially-cut wabble gears for
the output stage. Action of the bearing carrier and a tilted bearing
internal to the unit produces a nonrotating conical nutation (or wabble)
motion of the driving gear at the end of the main bellows. This motion
causes rotation of the output gear and shaft by sequential engagement
of a limited number of gear teeth.
MOTOR AND GEARHEAD GEARHEAD PINION
Tl LTED CARRI ER
BEARING /
POINT
I I _ OF MESH
MOU NTI NO i i
)UTPUT GEAR
DRiViNG GEAR
Figure 2-4. Wabble Gear Drive
c. Shaft Position Encoder
Two types of analog devices, the potentiometer and the
resolver, were considered for possible use in control of the shaft
position. Although potentiometers can be obtained which approach the
required resolution and accuracy, they depend on brushes for electrical
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contact between the stationary and rotating elements. Brushes are
susceptible to shock, vibration, and wear. The requirements for long
life, high resolution, and continuous rotation dictate the use of a film
type potentiometer. The complete mechanization using potentiometers
becomes rather involved. D-to-A converters will be required to convert
the command signals to analog form. Also, an A-to-D converter will be
required to convert and hold the potentiometer outputs for telemetry.
Since the telemetry word length is 7 bits, this information will require
two telemetry words. For these reasons and because of the extreme
care required to meet the accuracy and linearity requirements, the
potentiometer pickoff was rejected.
Resolvers eliminate the need for mechanical contact between
the stationary and rotating members by depending instead on magnetic
coupling. The resolver produces two outputs which are sine and cosine
functions of the shaft angular position. However, both outputs are
needed to provide unambiguous position information, and complex
electronic circuits are required.
Digital shaft position encoders are basically of four types.
These include:
I) Brush, in which readout is effected conductively through
brushes making contact with a segmented disc
2) Magnetic, in which readout is effected magnetically
3) Capacitive, in which readout is effected electrostatically
4) Optical-photoelectric, in which readout is effected by
photoelectric means.
These types can be further divided into devices in which successive
increments of position are not identified and therefore must be counted
and devices in which successive positions are uniquely coded so that
absolute position information can be determined directly.
Since the resolution required is 0. 1 degree or better, the
direct reading encoders must produce 12 bits of information. These
encoders are subject to errors that arise from incorrect relative
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positioning of multiple tracks, from optics which use brushes or mag-
netic or capacitive sensors to read these multiple tracks, and from
radial misalignment of an indexing assembly. Brush devices also
have multiple brush problems and the photoelectric devices require
light sources of questionable long life; the capacitive devices are
sensitive to noise, and the m_gnetic devices produce rotating permanent
magnet fields.
The incremental encoder represents the simplest type of
encoder, usually consisting of a rotating disk having a single track of
equally spaced segments and a suitable sensing member. The data is
derived in increments and must be accumulated in external circuitry
to represent shaft position. The direction of shaft rotation is obtained
by using the output of a second pickoff displaced in phase 90 degrees
from the primary output. By operating logically on the outputs of the
two pickoffs direction of rotation can be determined. A disadvantage
of using incremental encoders for position determination is that errors
generated by noise transients, power failure, and other sources are
accumulated. However, with the addition of reference points, another
pickoff to the encoder, and provision for resetting the reference, these
accumulated errors can be eliminated. Because of its simplicity the
incremental shaft encoder was selected.
d. Drive Electronics
The drive electronics for the POP are dictated by the
accuracy requirements and the type of shaft encoder. The electronics
for both urlv_ _,__.... Io _o ........_nwni Fi_ure_ 2-5. Two modes of control
for the POP orientation will be selected by command from the space-
craft sequencer. The closed loop mode will point the POP at Mars in
response to signals from the Mars horizon scanner, and open loop
control will provide for positioning by ground commands programmed
by CS and C. In open loop control, a digital signal from the CS and C
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corresponding to a shaft position command is loaded serially into an up-
down counter register. The logic compares the digital words in the
command register with the word in the shaft angle register and generates
a signal to drive the motor in the required direction. Preliminary
dynamics studies indicated that the drives can provide pointing errors
less than I. 5 mr with a steady-state rate variation less than 0. i mr/sec
when subjected to a 3 mr/sec command.
FROM__MCOM_ANOI
CSANOCI REGS+ERI
___ G _ALITO AP _LETELEMETRY REGISTER
CS AND C
COMMANO I 'EVELI--
I I °ETEcT°RI--
+oo_PsIPOWER lt
I
POSITION
I LOGIC l-- l ENCODER
i
,+,S SOR l)P I
Figure 2-5. POP Drive Electronics Block Diagram
When (in closed loop control) the output signal from the Mars
horizon scanner is fed into a level detector, and when the error signal
exceeds a predetermined level, the level detector will trigger the
motor driver, which will in turn apply two-phase, 400-cps power to
the drive motor.
In either mode of operation the output of the shaft position
encoder will feed an up-down counter register to accumulate the
absolute shaft position angle for telemetering back to earth.
e. Mars Horizon Scanner
The initial studies of the radiometric character of Mars and
its atmosphere have led to the selection of the planetary disk itself,
rather than an atmospheric absorption disk, as the best known and
most suitable optical reference to be used for infrared attitude sensing
and control for a vehicle orbiting the planet. As discussed in
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Appendix L, the wavelength region beyond 20 microns has tentatively
been chosen, both because the variation of radiance with temperature
difference is smaller in this region and because more energy is available
than at shorter wavelengths in the expected temperature range. In
addition, it was desired to avoid interference from atmospheric CO 2
radiation. The 20 to 35 micron region will require the use of silicon
optics, but both of the principal vendors have manufactured flight hard-
ware using silicon optics.
The possible variation in radiance across the face of the
planet is in the order of 4 to l for even the most favorable wavelength
region. For this reason the accuracy requirements immediately
eliminate the simple radiation balance type of sensor, since the total
radiation from one half of the planet can greatly outweigh that from the
other half. Devices have been breadboarded and tested which eliminate
radiance variations to the first order by dividing the detector array and
processing the output to compensate for variations. Accuracy of better
than 0.5 degree from 4 to I radiance variation have been claimed.
In addition, the large angular variation makes the radiation balance
instrument more difficult to design since a signal range of about 50 to 1
must be accommodated. We are thus restricted to scanners which in
one way or another detect the geometrical edge of the planetary image.
Five classes of instruments presently exist or are under development
which do this.
• Conical scanners
• Rosette scanner
• Edge trackers
® Sector scanners
• Electronically scanned arrays
Table 2-3 presents a comparison of the characteristics of most
of the horizon scanners that are flightworthy or in advanced development
today. The qualification status of the instruments is indicated in the table.
Edge Trackers. Edge trackers which can accommodate the
required angular range have been built and operated successfully in
space. The mechanical reliability of such devices will depend strongly
upon the specific mechanization used. The ATL device uses a flexure
pivot to dither the field of view across the edge of the planet. The dither
of about + 2 degrees is about a deflection of the flexure pivot necessary
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to accommodate the angular span of the planet. The OGO scanner can
be deflected to + 2Z. 5 degrees (mechanical) on either side of null. An
examination of the quoted material properties indicates that for such
large deflection angles the flexure pivot is being operated beyond the
fatigue endurance limit. However, if null is designed to be at the
average angle subtended by the planet, such excessive stress will be
avoided and the pivot will operate well below the endurance limit.
Thus, the flexure pivot edge tracker has the advantages of
offering adequate instrument accuracy, good potential reliability, and
a history of having flown successfully.
Edge trackers in general are sensitive to radiometric
anomolies such as cold clouds near the edge. This constitutes a dis-
advantage, but one which appears less serious for the relatively cloud-
less climate of Mars than for earth.
Both the edge tracker and the rotating scanners automatically
provide a chopped radiation signal which helps to reduce sensitivity to
radiation from the surroundings. The presence of chopped radiation
also permits the use of thermistor bolometers with their relatively high
sensitivity and short time constant. Only a single detector is used, so
matching of detectors is not required.
The Barnes Engineering edge tracker uses a tuning fork
principle for dithering the scan field across the edge of the planet. This
results in a rather small angular shift and makes locking onto the edge
of a cold cloud a possibility. Barnes has tested a laboratory
model of the same basic scanner configuration which uses the frustrated
internal reflection principle rather than the tuning fork dither to provide
a field shift of 10 degrees.
Characteristics of Lunar-PlanetaryHorizon Scanner. An
electronically scanned array Lunar-Planetary Horizon Sensor (LPHS)
was developed by Barnes Engineering for JPL. Data indicates that
analogue interpolation is necessary to meet the accuracy specification.
The angular range can readily be met by this scanner. The power and
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weight are expected to be reduced very shortly by the use of field effect
transistor chopping rather than light modulation chopping. Laboratory
tests of FET switching have proved encouraging. The prime advantage
of this device is its ability to do the job without the use of moving parts.
Disadvantages are the necessity for matching large numbers of thermo-
couples in the array, the very small signals developed by thermopiles
and the necessity for incorporating an offset heater to take care of the
problem of negative output signals generated by radiation into space
by elements not looking at the planet. As in all devices in which the
radiation is not chopped, temperature gradients within the structure
are more critical.
Edge Tracker versus LPHS with Respect to Mission Require-
ments. If a selection of scanners must be made at this time, one would
have to choose the OGO-ATL scanner because of its development status.
However, both the Barnes edge tracker using the frustrated internal
reflection modulator (FIRM) and the Barnes LPHS with analogue inter-
polation are attractive although further development is necessary. The
latter is especially attractive because of its lack of moving parts; it
does not presently have the required accuracy but the vendor has
indicated that accuracies of + 0.25 degree are feasible. The develop-
ment of these units must be followed carefully during Phase I-B to
establish their status in relation to the 1966 development freeze date.
f. Additional Design Considerations
Cable Wrapup. It presently appears that two cable wrapup
assemblies will be required to accommodate wires from the POP. Each
assembly will consist of approximately 50 wires grouped together in flat
ribbons and curled between two discs. A cover will be provided to
shield the wires from direct exposure to space environment. This
technique is presently being used successfully on OGO.
Lubrication. The gimbal bearing and drive units will employ
the same proven lubrication techniques which were developed and used
on OGO. All exposed slow-moving elements will be plated with low-
shear precious metal and impregnated with molydisulphide.
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III. TELECOMMUNICATIONS SUBSYSTEM
transmitters,
I.
1.1
1.1. t
The Voyager spacecraft telecommunications subsystem performs
two essential roles. It maintains an adequate two-way link between the
spacecraft and the earth for tracking, telemetry, and command and as
well keeps contact with the capsule after it separates from the spacecraft
and lands on Mars. Data received from the capsule is then relayed to
earth over the earth-spacecraft telemetry link. The discussion of the
subsystem here first concerns itself with the studies that have led up to
selected configurations for both of these roles. Next, the performance
analyses that supported the communication subsystem design effort are
reviewed. Tradeoff studies covering specific items in the subsystem are
finally discussed, first with respect to antennas and then with respect to
RF switches, and diplexers.receivers, command detectors,
COMMUNICATIONS
Earth-Spacecraft Communications
Functions
The requirements of the earth-spacecraft communication link are as
follows:
a) Telemetry. Transmit the output of the data handling
subsystem (engineering and scientific data) from the
spacecraft to the Deep Space Network (DSN) stations.
b) Command. Receive and process commands from the
DSN stations and deliver detected command bits to the
central sequencer and command (CS and C) subsystem.
c) Ranging. Receive, demodulate, and retransmit the
DSIF ranging code signal.
d) Range Rate. Receive, coherently translate, and re-
transmit the RF signal transmitted from the DSIF.
The above functions are required at ranges up to encounter plus i month
(Z. 3 x 10 8 krn) and an objective of the design is to provide significant capa-
bility at encounter plus 6 months (3.8 x 10 8 kin).
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1. 1.2 Baseline Antenna Confil_urations
The baseline communication subsystem for spacecraft configurations
A and B (see Volume 4) utilizes two antennas, a fixed low-gain antenna
and a high-gain, double-gimballed antenna. Configuration C utilizes three
antennas, high, medimn, and low gain.
A fixed, broad coverage, low-gain antenna is required for early
postlaunch coverage and is desirable to permit critical command capability
for the entire mission independently of the spacecraft orientation capability.
The requirements for a low-gain antenna are essentially identical for the
three spacecraft configurations.
In Configurations A and B the nose fairing and spacecraft structure
arrangement constrain the size of the high-gain antenna to a maximum of
about 6 feet. With two-axis gimbal actuation the antenna can be utilized
during cruise and maneuver to keep the beam directed toward the earth.
With Configuration C, however, a body-fixed, 16-foot fixed parabolic dish
antenna can be incorporated, a capability which, in fact, is the principal
advantage of this configuration. With a fixed antenna, earth pointing is
accomplished by the vehicle attitude control system.
To communicate while in maneuver attitude, Configuration C re-
quires an additional antenna with :kg0 degrees of freedom about one axis
(assuming the spacecraft can roll to an arbitrary angle). It is desirable
to keep the beamwidth of this additional antenna as broad as possible com-
mensurate with adequate communication margin at encounter range to
minimize its required pointing accuracy and to enable the antenna to pro-
vide backup cruise mode communications if the spacecraft reverts to sun
pointing. (See Volume 4, Section III.) A dish of approximately 3-foot
diameter appears to be best for this role.
A block diagram of the baseline communication subsystem for space-
craft Configurations A and B are given in Figure 3-1, and operating modes
in Table 3-1. The baseline subsystem block diagram for spacecraft Con-
figuration C is given in Figure 3-2, and operating modes in Table 3-2.
In all three configurations, a 20-watt transmitter is used in the
spacecraft providing a bit rate capability at encounter plus 1 month of
approximately 4000 bits/sec for Configurations A and B and 28,000 bits/
sec for Configuration C.
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Figure 3-I. Baseline S-Band Communication Block Diagram for
Spacecraft Configurations A and B
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Figure 3-2. Baseline S-Band Communication Block Diagram for
Spacecraft Configuration C
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Table 3-i. Communication Modes for Configurations A and B
Early postlaunch
Cruise
Maneuver and orbit
Receive
low- gain
low- gain
hi gh - gain
Transmit
low- gain
high-gain
hi gh- gain
Table 3- 2. Communication Modes for Configuration C
Early postlaunch
Cruise
Maneuver
Orbit
Receive
low-gain
low- gain
me diurn -gain
high -gain
Transmit
low-gain
high-gain
medium-gain
high-gain
I.i.3 Selected Configuration
The basic configuration selected for the spacecraft is Configuration
A, as discussed in Volume 4. Consequently, the detailed analysis of the
communication subsystem focused on that configuration. Two objectives
were dominant in the analysis of the subsystem:
a) Increase reliability by utilizing redundancy and alternate
modes of operation
b) Minimize switching complexity, particularly in the com-
mand link where lock-out failure modes could prevent
ground command corrective action.
Six alternate transmitter-receiver antenna configurations were evaluated
in the light of the mission requirements, development problems, relia-
bility, and interactions with other subsystems. Weight-reliability tradeoff
studies were conducted on a total system basis to assist in over-all choices
of conffguration. This study is described in Volume 4, Section IV. These
studies led finally to the configuration shown in Figure 3-3.
a.
medium,
line subsystem since the weight-reliability studies demonstrated that the
redundancy thereby provided for operational modes using the high-gain
antenna was an efficient means for enhancing total spacecraft reliability.
Antenna s
The selected configuration has three S-band antennas, low,
and high gain. The medium gain antenna was added to the base-
3-4
S AND C TRANSMITTER SELECTOR
TELEMETRY- = :
]4 PoRr
J HYBRI )
J RING
HIGH
GAI N
ANTENNA
MEDIUM
GAIN
ANTENNA
COHERENT REFERENCE
RANGE CODE
COMMAND RECEIVER I-
C _DATA SELECTOR[,,
TO S AND q DETECTORS INLI.___ _
I I
SANDC _
1 RECEIVER
I NO. 3
J RECEIVER J
J NO. 2 r---
J RECEIVER I
I NO_ I I"
Figure 3-3.
LOW
GAIN
ANTENNA
Selected S-Band Communication Configuration
Low-Gain Antenna. To meet the performance goals with the
low-gain antenna, coverage is required to be as large as possible com-
mensurate with adequate communication margin. In evaluating gain
requirements the following criteria were used:
a) Command capability on low-gain antenna is required to
at least encounter plus I month when the spacecraft is
sun-oriented
b) The maximum cone angle a_Lur.... _1....._.,...._" plus __n_days is
45 degrees (occurs near encounter)
c) Use of the 100-kw ground transmitter at DSIF Venus
site is acceptable, if required, near encounter
d) Spacecraft receiver noise figure is 10 db
e) Early cruise will require communication at cone angles
up to approximately 110 degrees
f) The antenna must provide shroud-on communications
during boost.
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The selected antenna, described in Section 1.4.3 provides
approximately hemispherical coverage (-8 db minimum for 90-degree
cone angle) for short range, and at least 2 db over a 45-degree cone
angle as required for encounter range. {See Link Analysis, Volume 2,
Section IV. )
To obtain significantly larger solid angle coverage for com-
mand, it would be necessary either to employ a multiplicity of low-gain
antennas with associated receivers or receiver-input RF switches, or to
increase the effective DSIF transmitter power to reduce the spacecraft
antenna gain requirement below 2 db.
High-Gain Antenna. The high-gain antenna is a 5. 5 x 6.5 foot
elliptical paraboloid providing 30-db gain, the slight ellipticity necessi-
tated by fairing constraints. Since approximately 6 feet is the maximum
dimension that can be accommodated for this configuration, an unfurlable
antenna is required to obtain higher gain. Until the reliability of unfurling
mechanizations is established, it does not appear desirable to incorporate
them in a conservative design.
A two-axis actuation on the high-gain antenna is required:
I) To prevent a 3-db pointing loss after encounter {see Fig 3-1z_
2) To provide the capability for a two-maneuver trajectory
correction sequence.
Medium-Gain Antenna. A medium-gain antenna (3-foot para-
boloid) similar to that used on Configuration C was selected to back up the
6-foot dish. The broader beamwidth of the 3-foot antenna (10 degrees)
enables the use of a single gimbal drive without producing excessive point-
ing lo_s after the first 30 days of flight. At encounter and in orbit, the
maximum pointing error is approximately 2. 5 degrees. The single-
gimbal, lightweight antenna is a more conservative implementation of
redundancy than the provision of an additional 6-foot, double -gimballed
dish, but still provides for adequate margins in the redundant mode.
b. Transmitters
The selected transmitter configuration provides cross-strap
redundancy of modulator-exciters and power amplifiers with operation on
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any of the three antennas. The transmitter utilizes power monitor probes
to provide on-board switching of the standby exciter and power amplifier
in the event of RF power loss because of the long round-trip propagation
time needed for ground command switching of redundant transmitter ele-
ments. Ground command backup is provided.
Launch mode communication uses a separate low power trans-
mitter (solid-state, 1-watt output) which can operate continuously from
liftoff through critical pressure altitude without danger of corona. The
separate transmitter was selected for launch communication because the
normal transmitter uses power amplifier voltages of 1000 VDC and pres-
surization would be required to prevent arcing. In addition, 20 watts of
RF power would probably produce corona in the RF circuitry. If the
exciter were designed to be large enough to use for launch transmission,
additional in-line RF switching would be needed and an unnecessary power
drain (about 10 watts) would be present during the remainder of the flight.
The normal and backup transmission modes are summarized
in Table 3-3. All of these modes can be configured by ground command.
In addition, on-board switching is accomplished by the transmitter selec-
tor logic summarized in Table 3-4.
As discussed in Section 1. 5.2 in more detail , 20-watt TWT
amplifiers are proven tubes currently in production for Apollo, andtubes
of higher power, 40-watt ESF klystrons or TWT's, would require develop-
ment for Voyager. Between the two tubes, the TWT development is as-
sessed as the lesser risk for 1969 and 1971 missions, although the kly-
stronwi!! eventually yield superior performance. The spacecraft electri-
cal power profile (see Section IV-3) indicates that a 40-watt transmitter
probably cannot be supported at encounter plus 6 months and during the
several hours of battery charging at initial sun acquisition, after maneu-
ver and after eclipse. After capsule separation and during the first few
months in orbit, however, the available electrical power is adequate to support
a 40-watt transmitter. The availability of power suggests that a redundant
combination of two tubes, a 20-watt and a 40-watt, is a good arrangement
maximizing bit rate capability at encounter (40-watt transmisstion) and
providing reduced power level (20-watt) during cruise and near end of life.
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Table 3-3. Transmission Modes
Mode
Normal
I (launch)
II (after sun-Canopus lock)
III (cruise, maneuver, en-
Power
(watts)
1
1
7.0
Antenna
low- gain
6-ft
6- ft
counte r,
Backup
IV
V
VI
orbit)
I 3-ft
20 3-ft
20 low-gain
Circulator Switch Used
1 2 3 4
cow
cw cw
cw
ccw
cw
- - ccw CW
cw CCW cw -
CW ccw CCW cw
See Figure 3-3. cw = clockwise, ccw = counterclockwise
Circulator switch no. I selects power amplifier no. I or no. 2.
Normally, the on-board logic selects the power amplifier, with
ground command backup.
::"**Shown for operation with power amplifier no. i.
Table 3-4. Transmitter Selector Logic
Initial Condition Malfunction Backup Condition
Mode I
Mode II
.t. I
"6" _l _
Mode II
Mode III**
#*
Mode III
Loss of power
Loss of power
Loss of Canopus lock
Mode VI
Mode III
Mode I***
Loss of power
Loss of Canopus lock
Switch 20-watt amplifiers
Mode VI
*Inhibited by interlock for preset time after launch (post spacecraft-
Centaur separation).
**If there is a high-gain antenna malfunction, Modes IV and V are
substituted for Modes II, III, by ground command.
***Inhibited by C and S for fixed time interval during maneuvers.
****Provided that modulator exciter Output is normal; if not, then
modulator exciters are switched.
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However, risk is incurred in a TWT development, type approval, and life
test program within the time scale of the 1971 mission. In view of this
risk the selected design utilizes two 20-watt TWT amplifiers. During
Phase IB it is proposed to re-assess the scope of a 40-watt TWT develop-
ment program.
c. Receiver and Command Decoder
The selected receiver configuration (see Figure 3-3) utilizes
three on-line receivers, one per antenna and contains no input RF switch-
ing. The receiver antenna selection occurs at the receiver output a
decision based on the fact that input cross-switching between antennas
(i. e. , one receiver on each antenna with capability to interchange receivers)
is excessively complex. Configurations in which a pair of receivers switch
between antennas introduce possible lock-out failure modes if the receivers
are on the failed antenna. The three receivers operate continuously on a
single frequency. In normal cruise mode, for example, signal acquisition
occurs in all three receivers. The choice of the signal fed to the redun-
dant command detectors is made in the receiver selector using the
following selection logic:
Mode No. Logic
I. Maximum Coverage Select receiver i (Figure 3-3) if signal present,
if receiver I is not present, select receiver 2;
if neither 1 nor 2 is present, select receiver
3._:_
1 I. Maximum Gain Select receiver 3 if signal present; if receiver
3 is not present, select receiver Z; if 3 and 2
are not present, select receiver I. ',"--_-"
The redundant command detectors utilize mutually orthogonai
pseudonoise codes so that detector selection at the DSIF is by selection of
the proper code to address the desired command detector. Output switch-
ing to the CS and C subsystem is provided by the in-lock function of the
command detector.
If no receiver is in lock, no range code, VCO reference signals, or
command subcarriers are sent to either the modulator or the command
detector.
g"':"Ifthe spacecraft loses sun-Canopus lock, the CS and C provides signal
which automatically switches the receiver selection to Mode I.
3-9
1. 1.4 Telemetry Bit Rate Selection
Maximum range capability at the selected bit rates is shown in
Table 3-5 for three operating modes: 1) the nominal mode for orbital
operation, and 2) and 3) backup modes. A 210-foot DSIF listening station
is assumed. (See Volume 2, VS-4-310 for Telecommunications Desgin
Control Tables. )
Table 3-5. Range versus Bit Rate
Mode
I) 20-watt high-gain antenna
2) 20-watt medium-gain antenna
3) l-watt high-gain antenna
128
(xlO 6 km)
1050
545
235
Bit Rate
1024 2048 4096
Note: Encounter Range
+1 month
+6 months
90 to 185 x 106km
130 to 230 x 106 km
330 to 380 x 106 krn
(x106 km)
492
255
II0
(xlO 6 km)
336
174
75
(xl 0 6 km
238
123
53
The 4096, 1024, and 128 bit rates were selected to obtain 0-db
margin operation at the maximum range at encounter plus 1 month for the
three operating modes 1), 2) and 3). An intermediate bit rate, 2048, was
selected in order to increase the data rate and hence the amount of data
received at intermediate ranges.
The bit rates selected also satisfy the objective of communications
at encounter plus 6 months for operation in modes 1) and 2).
Additional intermediate bit rate steps could be included with a
modest increase of equipment complexity. However, the value of such
additional steps has not been established. The 3-db binary step granular-
ity of the three highest bit rates is considered quite adequate. At bit
rates below 1024, normal bulk storage tape readout cannot be utilized due
to readin/readout ratio limitations. (See Section III-Z, Data Handling
Subsystem. ) Hence, additional steps (e. g., 5t2, 256) would be utilized
normally for non-nominal operation.
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The inclusion of a higher bit rate (8192) has considerable
justification since a maximum range of about 168 x 106 km is possible at
this bit rate. At present, however, there appears to be a possible pro-
blem on tape recorder readout speed range for speed lock control over
greater than a 4/I range. Hence, with this assumed constraint, inclusion
of 8i92 bit rate requires deletion of the 1024-bit rate unless separate tape
recorders are utilized to cover the 8/i bit rate range (i.e., one recorder
reading out at 8i92, 4096, 2048, and the other recorder reading out at
4096, 2048, and I024). The bulk storage interface will be studied further
during Phase IB (and in addition, link parameters further definitized)with
a view to including the higher bit rate as discussed above.
i. i. 5 Operations with Multiple Spacecraft
The DSIF will be required to communicate with at least two space-
craft and possibly with two capsules for the Voyager mission. To permit
this capability, the spacecraft and the capsule should transmit to the
DSIF on different downlink frequencies to prevent interference and to
facilitate their simultaneous reception. The 85-foot DSIF antennas pro-
vide two channel reception (JPL TM No. 33-83)and it is assumed that the
Z i0-foot DSIF antennas will all provide two-channel reception. Hence it
appears possible to receive, at a given antenna, from two spacecraft
simultaneously or from one spacecraft and one capsule simultaneously.
During cruise, and up to nominal encounter range, link calculations show
that spacecraft telemetry reception (1024 bits/sec) is possible on the 85-
foot antenna as well as on the Zi0-foot antenna, (see Volume Z, VS-4-
3!0), thus providing four-channel reception capability at sites having
both antennas.
There are two methods of obtaining two-way coherent communica-
tions with two spacecraft operating on different channels with the same
coherency ratio. The simplest is to time-share the uplink, providing
doppler data on one spacecraft for a period of hours while receiving from
the second spacecraft operating in the noncoherent mode, and then vice
versa. A disadvantage of this method is the operational inconvenience of
changing transmitter frequency and reacquiring both spacecraft receivers.
A second method is to frequency multiplex the uplink, i.e., transmit
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simultaneously on both spacecraft receiver frequencies, necessitating
duplicate doppler extraction equipment and reducing the effective trans-
mitted power per channel by as much as 6 db as the result of the genera-
tion of intermodulation products.
If the transponders of the two spacecraft operate at slightly different
coherency ratios so as to obtain downlink frequency separation, it be-
comes possible to obtain two-way doppler from both spacecraft utilizing
a single uplink frequency (simultaneous doppler). However, the practic-
ability of implementing slightly different coherency ratios within trans-
ponders has not yet been assessed.
Another alternative is to operate both spacecraft receivers on the
same frequency with the same coherency ratio and provide downlink fre-
quency separation by transponding coherently from one spacecraft and
_.,_
noncoherently from the other at a different frequency. By ground com-
mand, the two spacecraft modes could be interchanged. This method
eliminates the need for DSIF transmitter time or frequency multiplexing,
but still requires time-sharing for doppler extraction.
In view of the disadvantages and uncertainties of implementation of
these alternatives, it is concluded that each spacecraft should be assigned
a different frequency channel, both operating at the standard 240/22i
coherency ratio, with two-way doppler obtained by time-sharing.
i.i.6 Areas of Future Study
The power amplifier and the low-noise preamplifier are two key
areas where component development could increase the capabilities of the
communication subsystem.
The selected transmitter configuration uses two 20-watt power
amplifiers developed on the Apollo program. Forty-watt TWT amplifiers
are currently under development by several manufacturers. These
#
A "noncoherent" override transponder mode is provided in the selected
design. This mode {activated by ground command) inhibits coherent
transmission during receiver lock in order to eliminate turn-around
noise degradation of the telemetry link during command transmission at
or near threshold.
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developments could be expected to meet a mid-1966 date for an
engineering model if development were supported on the Voyager program.
An attractive possibility for later missions is a 40 to 100 watt ESF kly-
stron (see Section I. 5. 2).
At present, the tunnel diode appears to be the best candidate for a
low noise preamplifier but further reliability data is required. The tunnel
diode is under active development and some life and failure mode data are
available. The use of the low-noise preamplifier would reduce the receiver
noise figure from 10 to 5 db. A 5-db improvement could be used in several
ways. First, for the selected configuration, it would extend the command
reception capability on the low-gain antenna to the maximum earth-Mars
separation distance when using the 100-kw DSIF Venus site, and to encoun-
ter ranges for approximately a l-month launch window when using the pre-
sent 10-kw 85-foot antenna DSIF stations. It would similarly reduce the
need for the 100-kw Venus site DSIF transmitter for two-way range code
at encounter ranges. A second possibility using the device would be to
reconfigure the receiver redundancy and provide passive input cross-
strapping of receivers.
A third major area requiring further investigation is DSIF opera-
tions with multiple spacecraft and capsules. This assumes particular
importance for the 1973 mission for which extended postlanding capsule
life is anticipated.
i. 2 Capsule-Spacecraft Communications
The flight capsule mission profile is divided into three phases:
_paration, entry, and post!and. Of these three_ the entry phase is the
most demanding on the spacecraft communications subsystem, and at the
same time the most important, at least for the 1971 mission, since
measurement of the Martian atmosphere properties will be of prime
importance. A summary of the complete capsule-spacecraft analysis is
presented in Section i. 3.4, and the complete analysis is in Section Z of
Appendix F.
The nonredundant baseline configuration selected for study consists
of a VHF antenna, VHF receiver, and a demodulator. The receiver and
demodulator are switched on at the appropriate time in the mission and the
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I0 bits/sec asynchronous capsule data are sent to the data handling subsystem
for commutation withother telemetry traffic for transmission to earth.
1.2. i System Configuration Selection
In reaching a configuration, five alternatives were evaluated (see
Volume 4, Section IV), in the process of which weight-reliability tradeoffs
were conducted on a total system basis to aid in determining the preferred
redundancy for the link. A nonswitching configuration was selected pri-
marily because of the short transmission time of the post-blackout entry
data and the possibility of signal intermittancy which could create difficul-
ties for on-board signal selection, A common preamplifier for both
receiver channels was selected rather than a passive coupling of the
receiver inputs in order to avoid a 3 db signal loss.
As a result of these tradeoffs and operational considerations, the
configuration shown in Figure 3-4 was selected. This configuration pro-
vides two on-line i36-mc receivers for the capsule data; both detected
outputs are commutated with other telemetry traffic and transmitted to
earth. The antenna on the spacecraft for this link is a fixed, body-mounted
turnstile, with reflector, providing a ll0-degree beamwidth.
0 i iDATA TO DATA DEMODULATOR _ RECEIVERHANDLING SUBSYSTEM
q t t k-DATA TO DATA DEMODULATOR _ RECEIVERHANDLING SUBSYSTEM
Figure 3-4.
--_ PREAMPLIFIER _--
Selected VHF Communications Configuration
I. 2.2 Dual Spacecraft and Capsule Operation
It is specified for the 1971 mission that spacecraft time separation
at arrival will be a minimum of I0 days, whereas post-impact capsule
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life is 2 days. Hence, only the first spacecraft can receive from the first
capsule; however, the first and second spacecraft might receive from the
second capsule. It follows that for the 1971 mission both capsules should
be on the same VHF frequency.
In 1973, when capsule life is extended, spacecraft in orbit and two
landed capsules may all be operating at once. If spacecraft-to-capsule
command is utilized to turn on capsule transmission, both capsules could
be on the same frequency and both spacecraft could receive from either
capsule. Alternately, both capsules could operate on separate frequen-
cies and two-channel VHF receivers utilized on the spacecraft.
1.2.3 Parameters and Constraints
Table 3-6 lists the parameters associated with the spacecraft-
capsule link for the entry phase.
The VHF link imposes the following constraints on the spacecraft:
a) The antenna must have a 4-db gain at !36 Mc and be able
to point in the direction of Mars during capsule entry
b) A control signal is required from the CS and C to turn on
and off the power to the VHF receiving and demodulating
equipment
c) The data handling subsystem must be capable of commuta-
ting two l0 bits/sec capsule data signals which are asyn-
chronous vcith respect to the spacecraft timing.
The VHF link imposes the following constraints on the capsule:
a) The capsule must be preprogrammed or receive commands
from its own command system after separatiot_, since no
spacecraft-capsule transmitter is provided
b) For the present mechanization, the capsule VHF antenna
must have at least 0-db gain (circulary polarized) over a
90-degree cone angle and a front-to-back ratio of at least
6 db
c) The capsule VHF transmitter must be capable of providing
Z0 watts power output with a ZZ-kc separation between the
mark and space channels in the 136 to 138 Mc band.
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Table 3-6. Capsule-Spacecraft Parameters for Entry Phase
Frequency
Modulation
Data rate
b
P
e
Maximum range
Total system margin (l)
Capsule transmitter power
Capsule circuit losses
Capsule antenna gain (3' 5)
Capsule antenna pointing loss
Spacecraft antenna gain (2)
Spacecraft antenna pointing loss
Spacecraft circuit loss
Effective system temperature (3)
Predetection receiver bandwidth (4)
Type detection
1 36 Mc
FSK
10 bits/sec
-3lxl0
4x 104 km
12 db
20 watts
0.5 db
0 db
0 db
4 db
I db
1 db
1020°K
44 kc
Matched filter
NOTES:
(1) Includes 6 db for equipment tolerances and 6 db for fading effects.
(2) Antenna gains are referenced to perfectly circular isotropic.
(3) Includes contributions due to cosmic noise and preamplifier
noise figure (4 db).
(4) Total receiver bandwidth is 44 kc; mark and space channel are
each Z2 kc.
(5) The capsule antenna should have a front-to-back ratio of 6 db to
reduce the effects of multipath.
i.2.4 Areas of Future Study
It is assumed that significantly higher capsule-to-spacecraft data
rate is desirable. It is probable that an increase of 10 to 20 db is obtain-
able by a combination of improvements as discussed below:
a) Capsule Entry Sequence. For the selected entry sequence
(see Volume IV), the Spacecraft remains in cruise attitude
until after capsule impact. As a consequence, the maxi-
mum range at impact is 40,000 krn. An alternate sequence
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could be employed with the spacecraft in deboost attitude
prior to capsule impact. This would effectively add
approximately 6 db '_ to the power margin.
VHF Spacecraft Antenna. A larger aperture, narrower
beam antenna is a possibility, but a careful assessment
of look angle history would be required to determine point-
ing requirements during entry and during orbit.
c} Capsule Antenna. The present study assumes 0 db capsule
antenna gain. Further definition of the capsule design and
look angle history may establish the feasibility of a higher
antenna gain.
d} Frequency Uncertainty. The frequency uncertainty estab-
lishes receiver predetection bandwidth and directly affects
bit rate. Further study can probably establish means of
reducing the frequency uncertainty {see Appendix F,
Section 2}.
Multipath Fading. The present study conservatively allo-
cates 6 db margin for fading. Further study may allow a
reduction in margin allocation (see Appendix F, Section 2).
1. 3 Subsystem Performance Analysis
This section summarizes the tradeoff and performance analyses
conducted during the study to support the communication subsystem design
effort. Details are given in Appendix F. In brief, four areas are covered:
1} The Range and Range Rate Link Analysis (Section 1.3. l)
shows that ranging is available at least to encounter +l
month when the 100-kw DSIF transmitter and the spacecraft
high-gain antenna are utilized. Range accuracy will be con-
sistent with the DSIF Mark I ranging subsystem specification
of +15 meters. Range code acquisition time is about 8 min-
utes at encounter. The analysis also shows that threshold
receiver noise contributions do not limit the given DSIF
range rate accuracy of 0. 003 m/sec.
z) The Telemetry Link Analysis (Section i. 3.2) considers
synchronization methods, pseudonoise sync acquisition and
retention performance, single- versus two-channel systems,
and performance of the selected systems. The communica-
tion efficiency for the selected two-channel system is shown
to be comparable to the efficiency of a single-channel sys-
tem. Bandwidth requirements and intermodulation and inter-
ference problems do not compromise system performance.
See Volume 4, Section 3. 5. I
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3) The Command Link Analysis (Section I. 3. 3) compares
various modulation and multiplexing schemes, concluding
that the two-channel configuration of Mariner C will satisfy
Voyager constraints. The performance of the selected
command system is analyzed for communication efficiency,
sync acquisition time, probability of in-lock indication, and
the effects of bandwidth restrictions on data and sync chan-
nels. The Mariner C system appears adequate in these
respects except perhaps for the degradation of the sync loop
error function caused by the carrier-tracking loop. This
problem requires further study.
4) The Capsule Link Analysis (Section I. 3.4) evaluates the
effects of propagation (fading), system dynamics, frequency
uncertainty, and efficiency on the choice of modulation for
the capsule-spacecraft data link. A noncoherent FSK link
is recommended because of its more gradual degradation
characteristics in a fading environment whereas a coherent
PM link has a relatively abrupt threshold characteristics
and has potential problems related to frequency search and
acquisition. Also considered are the tradeoffs between de-
modulating the capsule data at the spacecraft and repeater
operation where capsule and spacecraft data aretrans-
mitted simultaneously in real time. The demodu/atingmode
is chosen as primary with the repeater deserving further
consideration in Phase IB.
i. 3. i Range and Range Rate Link Analysis
Range rate information will be available from two-way coherent
doppler measurements on the received carrier. One-way doppler can
also be obtained but the stability of the spacecraft oscillators is such that
the accuracy of the measurement will be no better than 30 m/sec based on
a 5-hour minimum tracking period and smoothing times of i minute. Con-
sidering received noise only this accuracy can be achieved at doppler
threshold (0 db in 2BLo) as shown in Appendix F.
The ranging system will employ the JPL-developed multiple com-
ponent pseudonoise sequences. After carrier demodulation the range code
will simply be turned around, rather than regenerated in the spacecraft.
This operation is shown to be feasible out to Mars encounter using the
DSIF i00-kw transmitter and the spacecraft high-gain antenna. The ther-
mal noise error at encounter is consistent with the over-all Mark I ranging
system accuracy of ±i5 meters.
The ranging system analysis has assumed the use of the Mark Ilunar
code which provides unambiguous ranging to 800,000 kin. Planetary codes
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are available for unambiguous ranging to I00 million miles, although,
naturally the acquisition times increase for these longer codes. Acquisi-
tion procedures and times are analyzed in Section I of Appendix F, which
shows an 8-rninute acquisition time at encounter for the Mark I lunar code.
This is comparable to the 27-minute, two-way transmission time.
Finally, more efficient adaptive codes are being developed* which
offer hope of greater ranging efficiency. An optimum way to choose the
code bandwidth (pseudonoise bit rate) is such that more of the downlink
power is put into the code and less into the turn-around noise. The rela-
tion of the code bandwidth to ranging performance and acquisition time has
been derived. Various acquisition schemes have also been considered.
The greater efficiency obtainable with these adaptive codes would permit
ranging with lower gain spacecraft antennas, lower power ground trans-
mitters, shorter acquisition times, or appropriate combinations of these
alte rna tive s.
a. Turn-Around Ran_ing Analysis
Two effects of the uplink noise in the turn-around system are
studied in Section 1 of Appendix F. First, the useful transmitter power is
reduced by modulation of the downlink carrier by the uplink noise.
whe re
Modulation loss caused by uplink noise
2
-(_n
= e
c;n = rms phase deviation caused by uplink noise
Second, the uplink noise density adds to the noise density of the ground
receiver. However, for the Voyager parameters this effect is shown to be
small, adding less than O. 1 db to the downlink noise density.
In addition to these effects, the noise in the IF limiter in the
transponder will suppress the pseudonoise signal such that the effective
I
downlink modulation index @D will be:
JPL Space Programs Summary No. 37-30, Volume IV, pp. 253-259.
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whe re
e D
eD- - B 0D ' > 10
= NI/S ! noise-to-signal ratio at input to transponder limiter
= dowulink phase deviation at strong signal (no uplink noise)
The limiter also serves to control the uplink noise modulation of the down-
Z .
link carrier. Section 1, Appendix F shows that gn is determined almost
solely by the uplink and downlink deviations at strong signal levels. In
particular, the downlink pseudonoise deviation should be minimized and
the uplink deviation maximized, both consistent with carrier tracking
requirements, to minimize the uplink noise modulation loss as well as its
contribution to the over-all noise spectral density at the ground receiver.
Under the nominal conditions of the design control table, the
downlink pseudonoise deviation will be 0. 355 rads. The mean square
phase deviation because of uplink noise is 0.77 rad 2.
b. Ranging Performance
For a carrier phase-modulated by a turn-around pseudonoise
code and uplink noise, the total power PT is distributed as follows:
Carrier power, PC = PT
Z
Z ' -(;n
cos ODe
Z
Z ' -CYn
sin ODeRanging power, PR = PT
In principle, the carrier and ranging performance margins can be made
$
equal by the proper choise of OD. However, because of the need to res-
trict the downlink noise modulation (Crn), the optimum pseudonoise code
deviation cannot be achieved unless the S/N at the transponder is main-
tained above about 0 db. The telecommunications design control table for
ranging (Volume Z, VS-4-310) shows that even with the i00-kw trans-
mitter and the high-gain spacecraft antenna, the S/N is -10 db. There-
fore, the optimum deviation is not achieved.
Under the nominal conditions of the design control table, the
downlink pseudonoise deviation will be 0. 356 tad. The mean square phase
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deviation due to uplink noise is 0.77Z rad Z. The corresponding modulation
losses and power requirements are summarized below:
Modulation Losses Carrier Ranging
2
-(r n
-10 log e 3. 35 db 3. 35 db
Z ,
-I0 log sin @D 9. 17
-I0 log cos 2 OD' 0. 57
S/N required in icps 16.8 Zi. 0
Total power S/N in I cps 20.7 33.5
More than half the downlink power is wasted in transmitting uplink noise.
The total power requirements based on ranging is dominant indicating that
the ranging will have the smaller margin. However, the design control
table {Volume Z, VS-4-3_0) shows that the margin (14 db) is adequate to
cover the sum of the adverse tolerances.
1.3. Z Telemetry Link Analysis
The telemetry link was analyzed (Section 4,
for the following:
• Perforn_ance of *_^ two_channe! sy_*_rn
Methods of acquiring pseudonoise sync, acquisition times,
characteristics (mean time to unlock) have been studied.
App endix F)
Comparison of synchronization methods
Acquisition and retention performance of pseudonoise
synchronization
Comparison of single- versus two-channel systems
and retention
Since the acquisi-
tion time for this link is very short, no penalty is paid for utilizing a lon-
ger pseudonoise code which provides word as well as bit sync. Further-
more, the longer code minimizes the false-lock probability. The
Mariner C sync format is therefore adopted: a 6B-bit maximal length
sequence with nine pseudonoise bits per information bit and seven data bits
per word.
3-21
The choice between the single- and two-channel system is considered
in the light of the Voyager bit rates. The sync power requirements are
shown to vary from less than 1 to about 10 per cent of the data power.
This means that two-channel communication efficiency is within less than
I db of that of the single-channel system except at the lowest bit rate. Con-
sideration of this small performance advantage of the single-channel over
the two-channel system weighted against the flight-proven capability of the
Mariner C mechanization led to the selection of the two-channel system.
The performance of the selected telemetry system is analyzed in
terms of bandwidth requirements, power requirements, and intermodula-
tion and interference effects. No important bandwidth limitations either at
low or high frequency are encountered when the Mariner C data and sync
formats are adopted. The power requirements considered the effects of
receiver thermal noise and timing noise because of carrier, subcarrier,
and bit sync jitter. An over-all data threshold S/N is developed which
compares favorably with the Mariner C experience. The sync threshold
is determined by limiting the data degradation from this cause to 0.5 rib.
The intermodulation analysis shows that these products are a large
source of wasted power ina two-channel system. An optimization proce-
dure for the phase deviations is developed to minimize the over-all power
requirements by minimizing such waste power. However, these products
ideally do not appear as interference at baseband. Direct baseband inter-
ference between data and sync channels is made small by placing the data
subcarrier at the null of the sync spectrum, and by keeping the sync
power at least 1 per cent of the data power.
a. Synchronization Methods
Two basic methods of obtaining telemetry bit synchronization,
using Voyager parameters have been compared: the pseudonoise synchro-
nization system of Mariner C, and synchronization to a non-return to
zero NRZ code as implemented on Pioneer. An integral part of the bit
synchronization problem is the choice of bit waveforms to avoid inter-
action with the carrier loop; hence the problem of demodulation of a sub-
carrier, where used, is also considered.
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The comparison of these systems is restricted to those para-
meter values most suitable for Voyager. The subcarrier frequency for
the two systems is chosen as low as possible, consistent with the maximum
bandwidth of the carrier tracking loop in the DSIF receiver. The two sys-
tems are chosen to have the same communication efficiency and data
degradation caused by jitter on the locally-generated reference.
Other choices which must be made in the comparison are:
• Pseudonoise code length and NRZ subcarrier frequency
• Sync loop bandwidth
• Bandwidth expansion with single level
• Acquisition procedures.
Pseudonoise Code Lengthand NRZ Subcarrier Frec_uency. Both
synchronization schemes require that the sync (and data) waveforms be
such that the carrier tracking loop causes little distortion. The DSIF band-
width 2BLo is 12 cps at threshold but expands to 120 cps under strong sig-
nal conditions. An NRZ subcarrier frequency of four times the data rate
yields tolerable distortion at the lowest bit rate (128 bits/sec). Similarly,
choosing the pseudonoise code length of 63 bits as in Mariner C, the basic
clock rate is fs = 576 cps at 128 bits/sec and the waveform distortion is
comparable to that for the NRZ subcarrier waveform.
Choice of Loop Bandwidths. Based on a 10:! apportionment of
power between data and sync, and a 7-db S/N ratio in the data bandwidth,
it is concluded that at 128 bits/sec the pseudonoise sync loop noise band-
width should be t. 3 cps or less. The required S/N in this bandwidth is
17 to 18 db. The NRZ synchronizer subcarrier demodulator requires a
loop bandwidth of 20 cps to achieve the same mean time to unlock (about
200 hours). The bit sync loop following the subcarrier demodulator re-
quires a loop bandwidth of 0.3 cps. At a loop S/N of 12 db in ZBLo , the
mean time to unlock is over an hour.
Bandwidth Expansion. Section 4 of Appendix F shows that essen-
tially no expansion of the basic sync loop bandwidths occurs, assuming that
the coherent AGC available in the DSIF receiver maintains the signal level
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constant into the NRZ demodulator/bit synchronizer. The bandpass
limiter in the pseudonoise sync channel accomplishes the same function
for that system.
Acquisition Procedures. For acquisition by the frequency off-
set technique, the acquisition time is about 50 seconds and the oscillator
stability muxt be about 0.05 per cent. For the NRZ synchronizer, the
acquisition time depends on the bit transition density but should not exceed
10 or 20 seconds. The subcarrier demodulator oscillator must be stable
to 0. 1 per cent the bit sync loop VCO to 0.04 per cent. Neither system
should suffer from false-lock problems.
The performance of the two systems in terms of mean time to
loss of lock, acquisition time, presence of false-lock points, and the
required oscillator stabilities to implement these parameters are com-
pared in Table 3-7 ata data rate of 128 bits/sec. As can be seen, the
two loops do not differ greatly in performance with the chosen parameters.
The pseudonoise synchronizer provides much quieter bit synchronization,
while the NRZ synchronizer provides quieter subcarrier demodulation.
With frame synchronization available independently, the word synchroniza-
tion provided by the pseudonoise system is somewhat redundant. However,
it may be useful for some real-time data reduction applications. ]Based
on these comparisons, it is concluded that the two-channel pseudonoise
synchronization system will best satisfy the over-all Voyager mission
requirements. Further justification for the choice of the two-channel
versus single-channel pseudonoise sync system is given in 1.3.2c.
b. Pseudonoise Sync Acquisition and Retention
Acquisition Techniques. Two pseudonoise sync acquisition pro-
cedures are available:
I) Offsetting the frequency of the DSIF sync loop VCO from
the predicted spacecraft clock frequency f . The code
phases slide by one another until the loop _ulls in.
Z) Automatic acquisition in which the clock is first acquired
and then used to step the code bit-by-bit until the correla-
tion peakis reached.
The first procedure is employed on the Mariner C command link and the
second is used in acquiring the ranging pseudonoise code. Uncertainties
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Table 3-7. Synchronization Performance Characteristics
(at 128 bits/sec)
Bit waveform
Sync:
Data:
Distance from carrier
loop
Ratio of synchronization
to data power
Loop natural frequency
Mean-time to loss of
lock
A cquisition
Bandwidth expansion
Required oscillator
stability
Jitter in reference
generated
Word synchronization
provided ?
AGC required?
PN NRZ
63 pseudonoise bits
over 7 information bits
Subcarrier at 1 i52 bits
10 times carrier band-
width
0.1
O. Z cps
> ZOO hrs
50 sec max
None
Better than 0.05%
Subcarrier: 15 deg
Data: 2 deg
Yes
No
Subcarrier at 1024 cps
20 times carrier band-
width
0. t
Demodulator: 3 cps
Bit sync: 0.05 cps
Demodulator: 140 hrs
Bit sync: I0 hrs
(worst case)
10 to ZO sec
(worst case)
None
0.04%
Subcarrier: 10 deg
Data: 15 deg
(worst case)*
No
Yes
*Corresponds to no data transitions.
in the spacecraft clock frequency and narrow sync loop bandwidths mitigate
against the first technique; however, increased ground equipment complex-
ity is required for the second. Because sync loop bandwidths as narrow as
0.5 cps are contemplated for the Voyager telemetry, it is concluded that
automatic acquisition is probably a necessity.
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Acquisition Time. Another question of interest is whether
pseudonoise sync sho_lld be used for bit synchrnoization only or for word
sync as well. The advantage of, say, a 7 or 15 bit pscudonoise code giving
only bit sync rather than a 63-bit code with word sync is the consequent
reduction in acquisition time. On the other hand, the shorter pseudonoise
code would have larger false-lock points in its cross-correlation functions
as shown in Section 3 of Appendix F. The code acquisition time is calcu-
lated in Section 4 of Appendix F with the results shown below:
Code Length in Bits Acquisition Time (see)
63 I. 77
15 0.35
7 0.15
Since the acquisition times for the 63, 15, and 7 bit maximim length, single
component codes are negligible compared to the transmission delay
times, the 63-bit code used on the Mariner C is recommended. This code
will provide both data bit and word sync, whereas the 15 and 7 bit codes
will provide only bit sync. The reduced probability of false-lock is another
important advantage of the 63-bit code. In addition, the saving in hardware
complexity for the shorter codes is slight.
c. SinGle versus Two-Channel Systems
For a telemetry (or command) system employing pseudonoise
synchronization techniques, two basic multiplexing or modulation formats
can be devised. In the two-channel scheme, the data and sync channels
are linearly summed to form a frequency division multiplexed (FMD) signal.
The composite baseband then phase-modulates the carrier. The pseudo-
noise sync waveform is essentially two-valued, i.e., square wave, where-
as the data is modulated on either a sine wave or square wave subcarrier.
In the latter case, since each channel is binary, the composite waveform
is four-level, By contrast, in the single-channel system the binary data
and sync are summed modulo 2, producing a binary composite waveform.
The modulators and detectors for the two systems are reviewed
in Section 4 of Appendix F. The two-channel modulator requires more
equipment in the spacecraft but the single-channel detector is more com-
plex than the two-channel detector. Although additional circuits in the
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spacecraft are undesirable, the two-channel telemetry system has the
important virtue of having been flight-proven on Mariner C.
The communications efficiency comparison favors the single-
channel system because no extra power is required for sync. However, at
128 bits/sec rates and above, this advantage is slight. The proportion of
power allotted to sync is essentially negligible compared with the required
data power. The relative power requirements are shown in Figure 3-5
versus data rate. Sync thresholds for loop bandwidths 2BLo of 0.5 and
2 cps and the carrier threshold appear as constant requirements. The
data power increases with data rate. The dashed line below the data
requirement indicates the power available for the sync channel if i0 per
cent of the sideband power is devoted to sync.
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Signal-to-Noise Density Requirements for
Two-Channel Pseudonoise Sync Telemetry
From Figure 3-5, it is concluded that the sync channel in the
two-channel system requires no more than 10 per cent of the power in the
data channel. In fact, at 51Z bits/sec and above the extra loss to the data
over that in a single-channel system is about 0.5 db. For all but the
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lowest bit rate (128 bits/sec), the two-channel system is practically
equivalent in communication efficiency to the single-channel system. This,
coupled with its proven capabilities, makes the two-channel system the
choice for the Voyager telemetry link.
d. Performance of Two-Channel System
The performance characteristics of the selected telemetry sys-
tem studied in Section 4 of Appendix F are: bandwidth, power require-
ments, and intermodulation and interference. It is concluded that both the
low and high frequency limitations of the telemetry channel are acceptable
for the Voyager data rates. The power requirements for data and sync are
such that the two-channel system will be within i db of a single-channel
competitor except at the lowest bit rate. Intermodulation and interference
are briefly analyzed and shown to be tolerable.
Bandwidth Rec_uirements. The low-frequency limitation results
from the high-pass filtering action of the carrier phase-lock loop. Em-
.#
ploying an empirical rule given by Springett , the effect is found not to
affect the lock characteristics of the pseudonoise sync loop when the
narrowest DSIF carrier loop bandwidth is used.
The high-frequency response of the receiver telemetry channel
determines the ability to pass the data subcarrier with small distortion.
Following Mariner practice, the data subcarrier is placed at 4fs in the
null of the sync specturm. The available DSIF telemetry bandwidths are
sufficiently wide to pass not only the square-wave subcarrier fundamental,
but up to the fifth harmonic at the highest data rate.
Power Requirements. Consideration of the degrading effects of
timing noise caused by the carrier, subcarrier, and bit sync reference
cycle yields the following:
Carrier degradation
Subcarrier degradation
Bit sync degradation
Total
> 1.0db
>0.5
>0.1
> 1.6db
#J.C. Springett, "Telemetry and Command Techniques for Planetary
Spacecraft," Technical Report No. 32-495, JPL, 15 January 1965.
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In addition, data is degradated by the finite telemetry bandwidths. If the
fifth harmonic of the square-wave subcarrier is passed, the degradation
The total required S/N ratio in a bandwidth I/Tshould be about 0.5 db.
equal to the bit rate is:
ST
= 7.3db
for a theoretical SIN of 5.2 db for an error probability of 5 x 10 -3 .
The corresponding sync channel threshold has been developed
following Springett. The data degradation by the 4 fs subcarrier was set
at 0.5 db. This implies an t8.4 db S/N in the noise bandwidth of the sync
phase-lock loop which operates at frequency is"
The data and sync channel power requirements can be satisfied
by noting that the total signal power will divide as follows:
2 2
PD = PT sin eD cos eS (data)
2 2
PS = PT sin eS cos eD (sync)
PC = PT c°sz eD c°s2 es (carrier)
where 8 = phase deviation. It is found that only at the lowest bit rate
(128 bits/sec) can the power division be optimized in the sense that the
three components reach threshold simultaneously. The data power require-
ments at the higher data rates are so much greater than those of the sync
and carrier that the deviation {_D approaches zr]2 radians. A deviation for
the data above 1.25 radians is undesirable because of the danger of reach-
ing a carrier null due to modulation index calibration drift. Therefore,
for 1024 bits/sec and above the deviations are:
At 128 bits/sec:
e D = 1.25 rads
@S = 0.32 tad
e D = i. 12 rads
8 S = 0.45 tad
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Intermodulation and Interference. The intermodulation between
data aud sync channels is analyzed in Section 4 of Appendix F. For ideal
square-wave data and sync signals, the intermodulation noise does not
appear at baseband and therefore does not cause mutual interference. For
a sine-wave data subcarrier, intermodulation products will create inter-
ference at baseband. In either case, signal power is wasted in these
products.
The intermodulation power for square waves is:
2 2
PIM = PT sin OD sin O S
and the sum of this power with the three useful components gives the total
signal power. The superior communication efficiency of the single-channel
system is due basically to freedom from wasted IM power. However, as
indicated above, at Voyager data rates this two-channel penalty is small.
Under certain conditions an optimum set of deviations can be
found which minimizes the power wasted in IM products (and excess carrier
power), or, more fundamentally, minimizes the total power required. The
optimum deviations are given by:
and
PD
tan 4 8 D -
PS
W
OS - Z 8D
These relations were used to set the indices for the lowest bit rate where-
as the high rate deviations were governed by the carrier suppression
limitation discussed above.
Direct interference between the data and sync channels results
from colocation of the spectra. Sync interference with the data is mini-
mized by placing the data subcarrier at 4 fs' the null of the sync spectrum.
The sync channel is protected from data interference by the cross-
correlation of the sync with the local pseudonoise code. A matched-filter
argument shows that if the sync power is constrained to be no greater than
20 db below the data power, no important interference with the sync func-
tions should occur.
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I. 3.3 Command Link Analysis
In the command link, as in other portions of the Voyager design, the
general approach has been to seek a conservative design, taking advantage,
wherever possible, of the equipment and techniques developed and exper-
ience gained in the Ranger, Mariner-R, and Mariner-C designs. Moreover,
in the command link the Voyager design must be compatible with the DSIF
and the command verification equipment (CVE). The command link at
threshold is to operate at a bit error probability less than pb = 10 -5. The
e
command equipment is to employ pseudonoise synchronization techniques.
The use of narrowband phase modulation of the carrier and a modulation-
restrictive phase-locked loop demodulator which tracks the carrier com-
ponent is also considered a requirement. Bit-by-bit detection and recon-
struction of the noisy data stream in the spacecraft receiver is presumed
to be a practical requirement.
The Voyager command link has a carrier tracking loop bandwidth
and carrier power requirement of the same order of magnitude as the data
channel bandwidth and data power requirement. Since total required
received power (translatable to spacecraft capability in terms of range) is
the primary concern, the carrier power requirements are of paramount
importance in assessing the relative performance of various modulation
and multiplexing techniques. From an assessment of the signal dynamics
for the Voyager mission and based upon the similarities with the Mariner-
C requirements, the carrier loop bandwidth 2B L = 32 cps and a loop S/N
ratio of 6 db in 2B L has been chosen as a design requirement for the pur-
pose of the comparisons to be made here.
A i-bit/sec data rate is considered the desired command capability.
This rate is sufficient to transmit the quantitative and discrete commands
envisioned for the Voyager mission. Lower data rates might be considered
if justifiable, but because of the carrier power requirements and the diffi-
culties in mechanization of the lower rates, the transmitter power require-
ments do not decrease enough to make such a choice advantageous. Also,
the Mariner-C system has effectively implemented and utilized the 1-bit/
sec data rate.
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'File rationale for choosing tile dual channel PSK system of the
Mariner-C type for- the Voyager command link is presented. The perfor-
nlance ill ternls of total power required for this system comes within 1. 8
db of the theoretical performance of DSK for the same carrier power
requiremenls. :\ single-channel PSK/pseudonoise sync system is expected
to have only 0.8 db advantage over the recommended dual channel system.
The pseudonoise clock frequency has been chosen to be 2. fs = 511 cps,
based upon a tradeoff between carrier loop effects and pseudonoise acquisi-
tion time. Since the carrier loop bandwidth will expand at high signal
levels to 2B L = 200 cps, there may be a problem in regard to high-pass
filtering effects on the pseudonoise correlation properties. At threshold
S/N the time required to achieve a 90 per cent probability of acquisition
appears to be as high as 34 minutes. As in the Mariner-C system, a sync
loop in-lock indicator is provided which essentially computes the autocor-
relation of pseudonoise ID 2 fs" The data signal is biphase-modulated onto
a sinusoidal subcarrier of frequency 2. f . The coherent reference for
s
demodulation is provided by the sync loop. It is shown that the direct
interference between the sync signal and the data is negligible. At the
phase deviations to be used for this link, the intermodulation effects are
of no consequence.
a. Synchronization
To obtain reasonable efficiencies in the demodulation of PCM, it
is generally advantageous to have synchronization information available at
the receiver. For bit-by-bit detection, this entails only bit synchroniza-
tion for the demodulation. For Voyager, it is specified that bit sync is to
be transmitted through the use of a pseudonoise sequence which becomes a
part of the command signal. This technique provides good sync with
reasonable acquisition time and probably works as well as any alternate
methods at a data rate of 1 bit/sec.
b. Modulation and Multiplexing Tradeoffs
The various modulation techniques which seem most reasonable
and straightforward within the constraints set forth above have been com-
pared on the basis of efficiency. For the specified error probability and
carrier loop bandwidth, the most meaningful criteria for comparison is the
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required total receiver input power divided by the receiver noise density,
PT/¢, to provide the desired performance. With properly chosen phase
deviations, the total power at this threshold level divides into the carrier
power, data power, and sync power to maintain each of these component
signals at their respective thresholds. The six cases of modulation and
multiplexing described below and compared in Table 3-8 were chosen to
bound the command link possibilities. Table 3-8 provides a quantitative
comparison of the efficiencies which can be obtained for these schemes.
It shows that these techniques do not differ greatly in terms of totalpower
required. The merging of the various efficiencies is a direct result of the
required carrier loop bandwidth 2B L = 32 cps and a loop S/N of 6 db in
2B L, which is considered to be a constraint. The fact that the data rate
for this link is 1 bit/sec is a major factor in determining the stated
efficiencies.
Theoretical PSK is considered to provide the lower bound on the
achievable efficiency for this link. It assumes that the bit sync and sub-
carrier reference are present in the receiver without costing anything in
terms of transmitter power. The theoretical efficiency for PSK under
these ideal conditions is PD/_ = 9. 6 db for a bit error probability
pb = 10-5
e
Mariner-C Dual Channel PSK. The efficiencies of the data
channel and sync channel are quoted as PD/¢ = 13.7 db/cps and PS/Cb =
16.7 db/cps in the Mariner-C specification. Thus the sync channel
requires twice as much power as the data channel. The power required
by the sync loop, which has a noise bandwidth 2BLo = 2 cps, is to pro-
vide the desired acquisition and tracking behavior of the loop and to pro-
vide a subcarrier reference for data demodulation. It is with the quality
of reference provided by the PS/¢ = 16.7 db/cps that the data efficiency
of PD/¢ = 13.7 db/cps for pb 10-5 •e = Is achieved. The major degrada-
tion from theoretical for the dual channel is associated with constructing
a subcarrier reference and the desired bit synchronization information for
coherent data demodulation with a data rate of 1 bit/sec. ]Even at the sync
channel level of PS/_p = 16.7 db/cps the reference is not exceptionally
good and the data demodulation process is degraded at least 2 db because
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Table 3-8. Comparison of Subcarrier Modulation Techniques
Residual Carrier Phase Modulation
Carrier Loop Noise Bandwidth
Bit Error Probability
2B L = 32 cps
Peb = 10-5
Total Input S/N Ratio in a 1 cpe Bandwidth
PT/_
PT = Total Receiver Input Power
dp = Receiver Noise Spectral Density
1. Theoretical PSK
Data
Carrier
2. Mariner-C Dual Channel
PD 2 (0. 375) PT
-_-- 9.6db/cps = 2J 1 T
PC 2 (0. 375) PT
_b - 21.0 db/cps = J0
Data
Sync
(2BLo = 2 cps)
Carrier
PD PT
_- = 13.7 db/cps = 2 J 2 (0. 58) cos 2 (0. 55)
PS PT
¢_ - 16. 7 db/cps = sin 2 (0. 55) J0Z (0. 58) -_-
PC 2 {0. 58) PT
--= 21.0db/cps = cos2(0.55) J0
3. Dual Channel With Narrow Sync Loop
PD
Data _- = 13, 7 db/cps =
Sync PS
(2BLo = 2 cps) _- = 12.4 db/cps =
PC
Carrier _ = 21.0 db/cps =
4.
PT
2 (0. 58) cos 2 (0. 36)251
2 (0. 58) PT
sin 2 (0.36) J0 -_-
2 (0. 58) PT
cos 2 (0.36) Jo
Single-Channel With Wide Sync Loop
Data and Sync PDS
{2BLo = 2 cps}
P__C=
Carrier
PT
16.3 db/cps = sin 2 (0.76)
PT
21.0 db/cps = cos 2 (0.76) -_-
5. Single-Channel With Narrow Sync Loop
Data and Sync PDS
12.0 db/cps = sin 2 (0.34)(2BLo = 0. 75 cps) _ -
PC PT
Carrier _ = 2 i. 0 db/cps = cos 2 (0. 34) -_
6. Noncohe r ent FSK
Data PD 2 (l. 02} PT
= 19.4 db/cps = 2 Jl T
PC e_2
(t. 02)T = 2t.0db/cps = J0
_p
21.3 db/cps
23.1 db/cps
22.3 db/cps
22.3 db/cps
21. 5 db/cps
23.4 db/cps
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of the noisy reference. Constructing a subcarrier reference for a data
rate of 1 bit/sec is difficult. Any other subcarrier reference reconstruc-
tion process, such as a squarer or an I-Q loop, will encounter difficulties
similar to the Mariner-C dual channel system and will suffer degradations
of the same order of magnitude. It appears difficult to construct a coherent
PSK system that will achievea better efficiency at 1 bit/sec.
Dual Channel PSK With Narrow Sync Loop Bandwidth. In an
attempt to obtain better efficiency than the Mariner-C dual channel system,
the use of a lower sync loop bandwidth such as 2BLo -- 0.75 cps has been
investigated. This has the disadvantage of increasing the acquisition time
for the sync loop. In the case shown in Table 2-8(3), the quality of the sub-
carrier reference provided by the loop was maintained so that the sync
channel power requirements decrease proportionally as the loop bandwidth
is decreased.
Single-Channel PSK Systems. To avoid the inherent inefficiency
of the power split associated with the dual channel frequency division multi-
plex, a single-channel PSK system with pseudonoise synchronization is
described by Springett. The estimated efficiency for such a system is
given in Table 3-8(4 and 5) for the same loop bandwidths as the dual chan-
nel system of Table 3-8(2 and 3). This represents about as good efficiency
as one can expect to achieve within the constraints provided.
Noncoherent FSK. Because the total efficiencies of the modula-
tion techniques mentioned above are not a strong function of the data sub-
carrier efficiencies, one might consider utilizing FSK rather than PSK for
th_ Voyager comm.and !ink. The efficiency quoted in Table 3-8{6) for non-
coherent FSK represents an estimate of the performance of the Pioneer
command equipment built by TRW. It uses nonsynchronous sampling
rather than sending or constructing bit sync. The efficiency, PD/_ 19.4
db may be somewhat optimistic since the bit error rate of the system has
not been directly measured.
Within the carrier loop constraints set forth above, the Mariner-
C dual channel PSK system comes within 1.8 db of the theoretical perfor-
mance of PSK in terms of total power required. The single-channel system,
discussed more fully in the telemetry section, is only 0.8 db more efficient
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than the comparable dual channel system. Therefore, the Mariner-C
configuration is ,l reasonable compromise among efficiency, ease of
implementation, and reliability. Since this system has been mechanized
and proven, it represents the conservative design approach for the Voyager
mis sion.
c. Performance of Command Link
Given that a dual channel system similar to Mariner-C has been
chosen, the specific modulation parameters for and the expected perfor-
mance of the Voyager command link were then determined. A coherent
PSK system is to be mechanized operating at a bit rate of 1 bit/see, a bit
error probability of pb = 10-5 utilizing a pseudonoise sequence for syn-
e
chronization.
The dual channel Mariner-C command system has the following
characteristics, all of which will be translated to the Voyager design:
a) Pseudonoise sequence for synchronization, Sync signal
is PN@ 2 fs' which is a pseudonoise code split-phase
encoded
b) Coherent PSK modulation of a sinusoidal subcarrier
c) The use of pseudonoise code generator which is locked to
input code through sync loop to provide subcarrier refer-
ence for coherent demodulation. This necessarily means
the data subcarrier is coherent with clock of pseudonoise
code generator
d) The employment of a quadrature phase detector, an inte-
grate and dump circuit, and a threshold device to provide
an indication of detector lock, i.e., sync loop acquisition.
The use of PN @ 2 f as the sync signal allows the ready formula-
s
tion of PN @ 2 fs @ PN (r) in two steps, which provides a suitable error sig-
nal for the sync loop. A square-wave as an alternative to the sine-wave for
the data subcarrier offers an advantage at high phase deviations of the car-
rier provided that the higher order sidebands are utilized in the demodulator.
At high deviations, even if the higher order square-wave sidebands are not
utilized, the square-wave which achieves a fractional sideband power of
8_ sin2 _ has about the same effieiency as a sine wave which achieves a
_r2 2
fractional sideband power of Z Jt (_)" However, at low deviations of the
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data subcarrier, which must be used for the Voyager dual channel com-
mand system because of the carrier and sync power requirements, the
sine-wave subcarrier provides better performance than the square-wave
since it allows predetection bandpass filtering (and limiting} and utilizes
[0 _ 2 1]essentially all of the power J (8) + 2 Jf (_) _ "
Even though the pseudonoise code is utilized for synchronization,
it need not be used to derive the data subcarrier reference. There are
other methods such as squaring and dividing by two, or the equivalent I-Q
loop, which reconstruct a reference from the data subcarrier itself. How-
ever, at a data rate of I bit/sec, these techniques are generally quite in-
efficient and difficult to mechanize. Therefore, the use of the sync signal
to derive the subcarrier reference is probably as good as any other method
and involves the minimum of circuitry.
The use of a quadrature phase detector to indicate the detector
lock condition is typical for phase-locked loops. For this pseudonoise sync
system when an integrate and dump circuit is used at the quadrature detec-
tor output, this operation essentially consists of computing the autocorrela-
tion of PN @ 2 f and sampling at its peaks. Since this detector operates
S
independently of the actual loop, it is the setting of the detector threshold
which determines the probabilities of incorrect indications.
The major parameters of interest for the Voyager command link
are the pseudonoise code clock frequency 2 fs' which for i bit/sec data
rate is the length of the maximal-length shift register sequence which con-
stitutes the pseudonoise code, and the frequency of the sinusoidalsubcarrier.
Another parameter of lesser ir,_portance is +_he receiver bandwidth. The
major considerations in making these choices are the interactions in the
carrier loop, sync channel, and data channel. The design considerations
and performance of these three channels will be discussed below.
The communication efficiency has been quoted in Section i. 3.3b,
in terms of total power divided by noise density as PT/¢ = Z3. i db/cps for
the Mariner-C dual channel system operating with the prescribed Voyager
carrier loop bandwidth. This is based on the Mariner-C specifications of
PD/¢ = 16.7 db/cps for the data and PS/_ = 13.7 db]cps for the sync.
For the purposes of power budgeting, these same efficiencies are used for
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Voyager. The phase deviations of 0. 55 rad for the sync and 0. 58 rad for
the data balance out the three channels and maintain the same performance
margin for all. At this low deviation level only 4 per cent of the power is
lost in higher order nonrecoverable sidebands in the modulation process.
Thus, there should be no appreciable degradation of the link performance
due to intermodulation effects.
Carrier Loop. The carrier loop design bandwidth of 2B L =
32 cps at a loop S/N ratio PC/_2B L = 6 db expands at higher signal levels
since the loop gain is directly proportional to the input signal amplitude.
This assuaues, of course, that a predetection limiter is employed to con-
trol the dynamic range of the signal input to the carrier phase detector. A
coherent AGC or a combination limiter and coherent AGC can be utilized
for this same purpose. A properly designed AGC can maintain a near con-
stant signal input to the demodulator and thereby maintain the carrier loop
bandwidth at a desired width. However, for proper functioning of the com-
mand link over the extent of the spacecraft range or receiver input levels,
it is desirable that the loop be allowed to expand a controlled amount in
bandwidth since the shorter ranges or higher input levels generally corres-
oind to the more severe vehicle dynamics where a wider loop may be needed.
However, since the carrier loop bandwidth represents the low frequency
constraints on the pseudonoise clock frequency Z fs and the data subcarrier
frequency, too much expansion in bandwidth can be detrimental.
For the purposes of this analysis, a limiter only is assumed. It
is also assumed that the damping ratio is set at _ = 0. 707 at the loop thres-
hold design point of 2B L = 32 cps and S/N = 6 db. With a predetection
bandwidth of 4.5 kc the limiter suppression factor at the design loop band-
width of 32 cps is:
%= i+_4
v i
where
S/N power ratio at limiter input
P P
T C 3Z
= ¢(4500) = ¢(3Z) = 4500 = M
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= 6 db - 2.4 db -21.5 db
where
= -17.9 db
PT = Total power at limiter input
PC = Carrier power at limiter input
= Noise density at limiter input
M = Carrier modulation loss = -2.4 db
Therefore,
0_d = 0. ti2 and the maximum loop bandwidth is given by:
2BLm =I_Zd rVd2 + I_
= 32(18_ 84,) = 200 cps
The amount of interference introduced by the presence of the
command signal is also considered in the carrier-loop operation. The
data subcarrier itself can be prevented from interfering to any pronounced
degree by simply making its frequency large enough. The pseudonoise
code for synchronization will have sidebands which are within the carrier
tracking loop. However, by making the clock rate 2 fs of the code large,
the percentage of its energy within the loop can be made quite small. Both
the pseudonoise code and the data subcarrier will introduce modulation
phase error in the carrier tracking loop, which will affect its threshold,
acquisition, and tracking behavior. However, the effect of the modulaLion
on the loop will be considerably less important than the effect of the loop
on the modulation. Therefore, the important consideration in regard to
the carrier tracking loop is the degradation of performance which it intro-
duces into the command PSK signal, particularly the sync signal. The
carrier loop will operate in approximately the same manner (regarding
acquisition and tracking) with the command signal modulation present as
without it. Therefore, no alteration in the loop threshold S/N of 6 db has
been made to account for the degrading effect of the data and sync
modulation.
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Sync Channel. When the sync signal is PN @ Z fs' and the
pseudonoisc code split phase encoded, the spacecraft code generator can
be locked in time synchronism with the input pseudonoise cose through the
use of a phase-locked loop. The error signal to drive the loop VCO is
developed by multiplying the input PN _ 2 fs plus noise first by
PN (r)$ f (T) and then by f (T) to develop essentially the cross-correla-
s S
tion PN • f x PN {r). The use of the two-step correlation allows for the
s
use of a bandpass filter and limiter before the final correlation. This fil-
ter and limiter does distort the error function and introduces possible
false-look points.
To keep the power requirements of the sync channel within
reasonable limits, it is desirable to minimize the sync loop bandwidth.
However, the lower bound on this loop bandwidth is set by the allowable
acquisition time. To allow the received and locally generated codes to
slide past one another and eventually lock up, an offset of the transmitter
clock is provided for. With an offset in 2 f of&f there is a time differ-
ence between the codes of _ t. For this time difference to equal a multi-
pie of the bit time, kT b, where the loop error function has the proper
2 fsTb is required.lock-in properties, a maximum time T C = _f
This is the time for one complete code correlation. For a
, T decreases with increasing _f. But, for a given loop band-given 2 fs c
width, there is a limit on _f which will provide a reasonable probability of
lock-up on a single code correlation. Therefore, to minimize acquisition
time, the clock offset frequency &f must be chosen carefully. For a loop
with 2BLo = 2 cps, the Mariner-C specification states that an offset of
1.5 cps will achieve a probability of lock-up on a single correlation of 1/3
at the loop S/N ratio of 14.7 db. It seems that this acquisition probability
is smaller than one might expect and that a smaller offset may be
advantageous.
In choosing the pseudonoise code clock frequency, Z fs' the
following two constraints are determining:
i) Upper limit-- acquisition time for sync loop
z) Lower limit- carrier tracking loop high pass filtering
effect on sync signal cross-correlation and autocorrela-
tion functions.
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The upper limit due to acquisition time has already been
discussed. An estimate on the lower limit is provided by Springett and is
represented by the following equation:
2f
S BV o__ 10.08 o
1 0(2BLd)
= 10(32) l__lZ = 956
According to this criterion, the most reasonable possibility for
2 f is !023 cps. However, the above equation cannot be considered a
s
strict requirement since it is arbitrary and has not been shown to be
directly related to any such quantity as the probability of unlock or the
probability of false-lock for a given S/N ratio. Therefore, the frequency
2 f = 51i cps is also a possibility. As is shown later, acquisition time
s
for the sync loop is very critical. This leads to the recommendation that
511 cps be utilized for the pseudonoise clock frequency. There may in-
deed be a problem with carrier loop high-pass filtering effects on the sync
signal correlation properties at high carrier SIN ratio or wide loop band-
width. It is possible to alleviate this problem through loop input signal
control, either by transmitter power attenuation or coherent receiver
AGC, or perhaps through premodulation amplification of low frequency
code components.
Ass,,_ming a sync loop bandwidth 2BLo = 2 cps, and a code
clock frequency 2 fs = 5il, the maximum time for a single code correla-
tion becomes 5.7 minutes for a 1. 5 cps clock offset and 8. 5 minutes for a
Icps offset. As is mentioned above, the probability of lock-up in a single
correlation of 1 ]3 for the 1.5 cps offset at design level loop SIN ratio is
not good. To achieve a 90 per cent probability of acquisition requires
6-code correlations, corresponding to 34 minutes for the 1.5 cps offset.
The only way the acquisition can be improved and maintain the efficiency
is to reduce the pseudonoise clock frequency 2 fs" This involves reducing
the expansion of the carrier loop bandwidth.
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Since the sync signal and the data subcarrier overlap in
frequency, it is natural to consider the degradation of the sync channel
resulting from interference from the data channel. The effect of corre-
lating the data subcarrier against the local pseudonoise code is to spread
its energy over a wide spectral range so that the degradation in the opera-
tion of the sync detection system is negligible. Therefore, the possibility
of interference with the pseudonoise sync signal places no constraint on
placement of the data subcarrier.
The RF bandwidth required of the command system, determined
by the pseudonoise code, is a minimum of 8 fs _ Z kc. However, system
performance is not a strong function of this predetection bandwidth so a
value of 4. 5 kc has been chosen, commensurate with the Mariner-C
bandwidth.
In-Lock Detector. The sync loop in-lock detector essentially
computes the autocorrelation of the sync signal PN _ Z fs' neglecting the
effect of the bandpass filter and limiter at the input to the sync loop. The
decision device at the output of the integrate and dump provides an in-lock
or out-of-lock indication for each bit time by comparing the output signal
to a predetermined threshold. The important performance parameters for
this detector, all of which depend solely upon the threshold level, for a
given S/N ratio, are the probability of detection, the probability of no
detection, and the probability of false alarm. The most important para-
meter to set is the probability of no detection, which is the determining
factor in the probability of the in-lock detector allowing the processing of
a command, given by:
i - MP
ND
where M = number of bits in command and PND is the probability of no
detection or the probability of the detector giving an out-of-lock indication
for any single bit time when the loop is actually in lock. If PND is set at
Z x 10 -5, the probability of the detector indicating in-lock for the entire
word and allowing execution of the command is 0. 9997 for a 16-bit dis-
crete command and 0.9993 for a 35-bit quantative command.
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Assuming that the input noise is not changed in form or in level
by the code correlation operation and the multiplication by the quadrature
reference, the S/N ratio at the decision time at the output of the integrate
and dump filter is given by
S k 2
o 2(2BLo)
]T -= H
O
(S/N ratiO)loo p
where
(S/N ratiO)loo p = sync loop S/N ratio in 2 BLO
2BLo = sync loop noise bandwidth
H = bit rate
k = fraction of perfect correlation that is achieved.
The threshold of the decision circuit and the probability of no detection
are related by
OO
where
exp (-Z2/2) dZ
t
threshold value of S/N ratio
The probability of a false alarm indication of detector in-lock because of
noise alone is then
(30
PFA _ exp {-Z2/2) dZ
t
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Since the detector must indicate in-lock for a large nttrnber of successive
bits and the data format must check out for the processing of a false com-
mand to take place, the probability of such an occurrence is extremely
small.
Data Channel: The data channel is a biphase modulated subcar-
rier which is coherently demodulated using a reference derived from the
pseudonoise code generator. For the clock frequency Z f of 511 cps the8
accuracy in the bit sync is better than 0. I per cent of a bit time when the
sync loop is locked up and the data is to be processed. This sync accuracy
is sufficient to be considered perfect. The coherent reference at the data
subcarrier frequency, though derived from the same loop, will have no-
where near this relative accuracy. The quality of the subcarrier reference
is determined by the frequency of data subcarrier, the rms phase jitter
being directly proportional to this frequency. Although the degradation of
the data performance because of the subcarrier reference decreases with
decreasing frequency, the interaction between the data and the carrier
loop becomes more severe. A data subcarrier frequency of Z fs is used
inMariner-C and appears reasonable for Voyager. The use of fs would
provide for a better reference and might be acceptable in regard to carrier
loop effects. The conservative approach dictates a recommendation to use
2 fs' with perhaps future investigation into the possibility of moving to fs'
In the above discussion, no mention is made of the possible
interference of the sync signal with the data channel. It is readily recog-
nized that the sync signal interferences does not appreciably affect the
data channel error probabilities no matter where in the sync spectrum the
data subcarrier is placed as long as the powers in the signals are of the
same order of magnitude. This is because the data channel with the inte-
sin Tr f T B
and dump filter has a characteristic centered at the data sub-TrfT
B
carrier frequency, where T B is the bit time. Since the sync signal is
periodic with a period of TB, all frequency components except that directly
at the data subcarrier are at nulls in the data channel response. With the
data subcarrier at Z fs' which is near the peak of the sync signal, the
fraction of the sync power which gets into the data channel is
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DI
Z sin 4 (_r f/4fs) ! _ 8 1T fs)2 _Z 2 f T B2fs B (_f/4 s
f=2f
s
- 0.001 59
Therefore, in regard to interference from the sync channel, there are no
constraints on placement of the data subcarrier.
1.3.4 Capsule-to-Spacecraft Link Analysis
In Section 2 of Appendix F, a detailed analysis of the capsule-to-
spacecraft link is presented. This section summarizes the assumptions,
rationale, and the conclusions reached in the appendix.
a. Mission Profile
The communication mission profile for the capsule-to-space-
craft link is divided into three phases; separation, entry, and postlanding.
Of these, the entry phase is given the highest emphasis. The traffic
requirement for this link is 10 bits/sec, with an assumed error rate of
-3
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A number of parameters influence the design of this link, the
maximum range of 40, 000 km (see Volume 4, Section III-5. 1), the speci-
fied minimum capsule entry angle of 45 degrees, the high acceleration
associated with the parachute deployment (14 g), and the short period of
time available for transmission of the post blackout entry data (4 to 19
minutes depending upon the atmospheric model and the entry angle
assumed.
b. Multipath Propagation
An analysis of the multipath effect considered the vector rela-
tionship of the direct and indirect signals at the receiving antenna. The
path of each reflected signal at the receiver antenna is likely to be random,
and the spacing between the capsule and spacecraft will change with time.
The problem is complex; a rigorous analysis has not yet been done. How-
ever, a simple two-signal model was analyzed to provide an understanding
of the multipath effects;
The results of the analysis indicated that:
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a) Modulation. Interference between the direct and
reflected signal might produce amplitude modulation
of the order of 30 per cent.
b) Fading Rate. For the assumed entry profile parameters,
rates would vary between a maximum of about 1420 cps
(between blackout and before parachute opening) and 11
cps minimum (nearly equal to the data rate) after para-
chute opening.
c. Frequency Uncertainty
The total frequency uncertainty between receiver and capsule
transmitter (see Section 2, Appendix F) because of doppler
shift and oscillator instabilities is estimated to be Z1 kc, which is large
compared to data rate and is an important parameter affecting system
design. Four design approaches were considered:
i) Utilize a noncoherent (nontracking) receiver with a pre-
detection bandwidth large enough to encompass the total
frequency uncertainty
z) Partially compensated nontracking system in which
ground command is utilized to adjust frequency thus
reducing the required predetection bandwidth.
3) A coherent phase-lock tracking receiver.
4) A nondemodulating repeater in which demodulation and
data detection are accomplished at the DSN receiver
te rminal.
Technique 1) represents the most conservative approach and is
the recommended system (see Section 1.3.4d). Technique Z) is a growth
possibility to improve the signal margin of 1). Technique 3) is not recom-
mended for the 1971 mission for the reasons outlined in Section 1.3.4d.
Technique 4) offers substantial promise at higher spacecraft power levels
and might provide additional data (multipath amplitude, fading rate, etc. )
which is lost by on-board demodulation and detection. This will be studied
further in Phase IB.
d. Modulation and Demodulation
The two predominant requirements of the capsule line are:
1) The link must operate in the presence of multipath echos.
The magnitude of the multipath problem is uncertain; how-
ever, preliminary estimates indicate it is moderately
severe.
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2) The link will suffer a blackout when the capsule enters
the Martian atmosphere. It is imperative that data be
received after the time of blackout and before impact.
The multipath echoes will cause amplitude and phase modulation
of the received signal due to the presence of the delayed signals. There-
fore any system of amplitude, phase or frequency modulation will be de-
graded by the multipath, including any system using subcarrier modulation.
The principal alternatives are a noncoherent direct FSK system and a
coherent PM system with the modulation on a subcarrier. These two
possibilities normally provide the best performance for the noncoherent
and coherent systems, respectively. It is shown in Section 2 of Appendix
F, that both the noncoherent and coherent systems will operate satisfac-
torily with a 20-watt transmitter power, assuming that a 6-db fading mar-
gin and a 6-db system margin are required.
The coherent system involves a modulation restrictive phase-
locked loop which tracks the carrier component. This necessarily invol-
ves an acquisition process in which the frequency uncertainty range must
be searched for the signal whenever loss of lock occurs or the signal is
interrupted, such as after the capsule link blackout. It is possible, at any
time that the loop attempting to acquire, to have a lock-up on the higher
order sidebands of the received signal. Such a false-lock, unless detected
and corrected, will result in loss of data for the duration of the lock. This
problem can be alleviated by an I-Q loop at the expense of added equipment
complexity. The presence of the multipath echoes can cause a phase error
for the phase-locked loop and increase the loss of lock probabilities
significantly.
It is because of the above drawbacks that noncoherent FSK has
been recommended for the capsule link. It has been shown toprovide the
desired data performance. No signal acquisition is involved for the FSK
receiver since it is designed to operate properly whenever the signal lies
within the known uncertainty range. In addition, the noncoherent FSK
degrades more gracefully in the presence of severe multipath and will
simply provide data with a higher error rate instead of dropping out of
lock at high echo levels. In Phase IB, the possibility of programming the
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transmitter and receiver frequencies to reduce the range of frequency
uncertainty will be studied.
e. Frequenc X Choice
Six factors were considered in choosing the frequency of this
link:
i) The frequency uncertainty problem
2) Propagation efficiency
3) Receiving system noise temperature
4) Efficiency of solid-state transmitters
5) Spacecraft and capsule antenna design problems
6) Blackout duration.
The general frequency band over which these factors are considered is
I00 to 400 Mc. It is recognized that at microwave frequencies the black-
out duration might be significantly less, but this possible advantage is off-
set by the implementation difficulties of a microwave capsule transmitter,
low-noise temperature spacecraft receiver, and the fact that a spacecraft
antenna with sufficient effective aperture would have a narrow beamwidth,
creating a pointing problem.
Items I) and 2) strongly indicate the use of as low a frequency
as possible because the magnitude of the total frequency uncertainty A F F
is directly proportional to the frequency and because propagation takes
place between an isotropic antenna and a fixed-beamwidth antenna. Items
3) and 4) vary rather slowly and are not of major significance in the VHF
region. The design problems associated with the design of the capsule
and spacecraft antennas favor the higher frequencies. The most difficult
problem is the capsule antenna because:
• Certain capsule dimensions limit the permissible size of
the antenna
• Obtaining a high front-to-back ratio is easier at the higher
frequencies.
It appears that a VHF range of 136 to 138 Mc offers the best com-
promise among these factors.
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f. Link Performance
The telecommunications design control table for the capsule
limits is given in Volume 2, VS-4-310. This table shows that for a
maximum range of 40,000 km and a 20-watt lander transmitter, the
10 bit/sec data can be received with a 1 x 10 -3 bit error rate. The table
allows 6 db for fading and propagation effects and approximately 6 db
for equipment tolerances. The assumed spacecraft capsule antenna gains
are 4 and 0 db, respectively. A 4-db noise figure for the spacecraft
receiver is assumed.
i.4 Spacecraft Antennas
The spacecraft trajectory to Mars establishes the cone and clock
angles of earth with respect to the spacecraft, shown in Figure 3-6.
These curves show that for the majority of the trajectories the clock
angle remains in the vicinity of 90 degrees up to 40 days after launch.
The cone angles generally travel from 90 to i5 degrees during this time.
Thus, the high-gain antenna beam will remain at a nearly constant clock
angle of 90 degrees, while traversing cone angles from approximately
90 to i0 or 15 degrees.
Once this attitude is established, the period from 40 to 70 days
after launch involves, primarily, a clock angle change with very small
cone angle variations. The clock angles during this time may travel
either between 90 (through i80) and 230 degrees, or, depending upon the
particular trajectory, between 90 (through 0) and 320 degrees.
From approximately 70 days after launch to encounter, approxi-
mately 140 to 200 days after launch, the angular changes will involve both
clock and cone angles. The cone angles will change from approximately
i5 to 40 degrees, while the clock angle will change from either 230 to
280 degrees, or from 320 to 280 degrees, again depending upon the
particular trajectory.
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1.4. i High-Gain Antenna
These variations in look angles, together with the requirement to
provide communication during midcourse correction, at which time the
required angles are arbitrary, indicate that for a beamwidth less than
8 to 10 degrees, a double-gimballed antenna is required. The nose fair-
ing and the structural arrangement of Configuration A limits the maximum
dimension of the high-gain antenna to approximately 6 feet for a circular
or near circular aperture. A gain of approximately 30 db is thus selected
as a design requirement.
a. Arrays Versus Continuous Apertures
The required 30 db gain implies large-aperture antennas.
General requirements can be established regarding beamwidth, sidelobe
levels, VSWR, efficiencies, weight, size, power handling capabilities,
and other parameters to determine the type of antenna best suited to the
particular application, keeping in mind that proven techniques with high
reliability, moderate cost, and ease of manufacturability and maintenance
are favored. Accordingly the field of large-aperture antennas was
reviewed to determine the type of antenna most suitable for the Voyager
mission. The two most likely candidates appeared to be the planar array
and the paraboloid.
The uniformly illuminated planar array will produce the highest
directivity for a given area of any of the large-aperture antennas. The
maximum available directivity from an aperture radiator is given by:
D = 4nAk 2
where A is area of the aperture and k is wavelength. The minimum pos-
sible aperture area for a lossless antenna having a directivity of 30 db
(power gain of 1000) is
1000 2
A = Dk 2 /4_r = _k = 79.6 square wavelengths.
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Typical efficiencies of planar arrays which have been reported in the
literature':' are in the region of 70 per cent; thus the actual aperture
required to obtain the desired gain becomes 1138 square wavelengths.
The typical planar array consists of slots, cut in the wall of a
waveguide, which must be placed with great precision. Good control of
the relative amplitude coupled into each radiating aperture requires an
aperture-coupling structure at each slot opening. These generally take
the form of iris or probe structures. The entire slot array is generally
fed by a series of parallel waveguides branching off of a main feed wave-
guide, and at times the entire transmission path is formed of a corrugated
structure to maintain proper phase and amplitude control within the feed
lines. The costs of such a structure, and the reliability and manufactura-
bility are relatively unknown factors at this time.
The uniformly illuminated paraboloid provides the same theo-
retical directivity as that of the planar array and thus the same require-
ment for aperture area for a directivity of 30 db, i.e., 79.6 square
wavelengths. Since uniform illumination of a paraboloid is impractical,
requiring a keyhole feed pattern with infinite taper at the edge of the para-
boloid, common practice is to provide a compromise taper at the edge of
the paraboloid, generally in the region of I0 db below the peak of the main
lobe of the feed. Typical values of gain ratio for various sidelobe ratios
are as follows:
where G/G
o
line source.
Sidelobe Ratio
(db) G/G o
2O 0.90
22 0.84
23 0.81
is the ratio of the equivalent directivity to that of a uniform
The effective aperture, for an equivalent sidelobe level of
1963 IEEE International Convention Report, Part I, pp. 2-9.
3-5Z
23 db, is 0.81 of the actual aperture. The actual aperture, therefore,
must be increased to maintain the gain level, to 97.3 square wavelengths.
Since the highest feed efficiency which can be expected is also approxi-
mately 70 per cent, an aperture size of 140 square wavelengths is
implied.
The manufacturability of a paraboloid has been thoroughly
explored, and a great deal of background has been accumulated in this
field. Such apertures can be fabricated from sheet metal by spinning,
stretch forming, or explosive forming. The surface tolerance can be
maintained extremely close by relatively inexpensive methods. The
rigidity of such a surface can be maintained by known methods. Ths costs
are extremely low, and the reliability extremely high. The feed system
can be a simple low-gain radiator. It thus appears that in view of its
high reliability, ease of fabrication, and use of standard design and con-
struction techniques, the paraboloid is the logical choice of antenna type
for the high-gain antenna.
b. Antenna Design
Because of the limited space between the flight capsule and the
spacecraft solar array, a circular 6-foot diameter paraboloid cannot be
used; a sectoral elliptical paraboloid is necessary to obtain the desired
gain within the available storage volume. Since gain is directly propor-
tional to the area of the aperture, an elliptical reflector having a minor
axis of 66 inches and a major axis of 78.5 inches, with a 28.8-inch focal
length, will produce the same gain as a 6-foot circular reflector. Such
an unsymmetrical shape requires a shaped beam from the primary feed
to produce equal edge illumination of the reflector.
The reflector is perforated to remove 50 per cent of the
material (and thereby weight) but the perforations are sufficiently small
to maintain the RF transmissivity below -20 db. The surface tolerance
is =L 0.10 inch or less, equivalent to J= 0.02 X, maintaining the sidelobe
level degradations from random surface irregularities below -27 db.
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The selected configuration for the high gain antenna is shown
in Figure 3-7. The concept illustrated is a straightforward approach
using state-of-the-art techniques. The paraboloidal surface is formed
from 30-rail 2024 aluminum sheet. A 3-foot diameter yoke ring is
utilized fabricated from 2-inch diameter, 0. 050 wall, 606i T6 aluminum
tubing attached with blind rivets spaced approximately every two inches.
By attaching the paraboloid at this diameter, the need for a rolled edge to
provide stiffness is eliminated. The yoke ring also provides a four-point
attachment structure for the yoke. The yoke is a simple structure of
bent and welded 0. 050 wall, 2-inch diameter, 6061 T6 tubing with appro-
priate stiffeners. The base shaft of the yoke provides for a pinned
attachment to the actuator output shaft. The coaxial transmission line
from an actuator assembly is routed through this junction to the base of
the feed. At the center of gravity of the paraboloid yoke structure, a
stowing arrangement is provided which fastens the antenna to the space-
craft structure by two fixed pin hard points and a squib actuated clevis
with redundant squibs. The pins control lateral stability and the clevis
provides axial stability in unison with the actuator as a third hard point.
Hard stowing of the antenna is required by the calculated 40-g, 60-cycle
damped wave input imparted to the antenna during shroud separation.
The antenna feed, a focal point horn-type radiator, obtains its
primary support from a structural member attached to the vertex of the
paraboloid extending directly to the horn, where a dielectric support
carries the load directly to the back wall of the horn assembly. This
structural member is also the coaxial feed line to the horn, feeding
through the vertex of the paraboloid, to which it is attached by an
integral flange.
The 3-foot diameter of the paraboloid to which the feed base
attaches may be stiffened with radial ribs terminating at the yoke attach-
ment ring, if required, to suppress diaphragm modes of vibration in the
paraboloid resulting from the feed mass and wire tension loads. The
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feedline and the horn are aluminum. The horn is mechanically stabilized
by four woven aluminum wire tension elements. Stranded aluminum wire
provides reliability in the form of multiple strand redundancy, together
with some temperature compensation since the same material will be used
in the related antenna assembly. Differential thermal expansion and con-
traction resulting from nonuniform heat gradients will be further compen-
sated by the use of a cross spring tension limiter and compensator.
The coaxial feed line in the paraboloid and the remainder of the
antenna system are of the low loss variety utilizing foamed polyethelene
dieletric and aluminum outer conductor. All antenna surfaces are painted
with thermally and optically black paint which, with the transmission pro-
vided by the perforations of the paraboloidal surface, will limit the
temperature to a calculated range of 152°F maximum to -300°F minimum,
worst case. The dielectric and other materials used in this assembly
can retain both structural and electrical integrity over this range.
The following surfaces were considered with the tradeoff
factor s noted.
Furled, deployable. Two furled, deployable surfaces were
considered, the Sunflower hinged rigid segment type and the rib and
flexible aluminized Mylar umbrella type. There is no saving in weight
for either type, when balanced against the fixed solid aluminum parabo-
loid. The number of stiffeners, ribs, and overlaps required to provide
a satisfactory surface contour, and the stowing and deployment mechan-
isms, result in total structure weights comparable to the rigid paraboloid,
even though the basic surfaces are lighter. Deployable surfaces, in
adding an additional failure mode, i.e., failure to deploy, reduce the
over-all reliability of the communication subsystem.
Honeycomb. Neither honeycomb aluminum or honeycomb
plastic structures offer any weight advantage over a solid aluminum para-
boloid when all considerations, such as structural supports and attach-
ment inserts, are considered. From a thermal standpoint, the aluminum
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honeycomb is superior, since the plastic honeycomb materials have poor
thermal conductivity. Degradation of the plastic because of long-term
exposure to ultraviolet and IR radiation is predictable. Metallizing the
plastic honeycomb surface would reduce the exposure effects and would
be desirable, for this reason, over the use of a bonded mesh surface,
but with external surfaces metallized thermal gradients across the poorly-
conducting core would be greater, resulting in internal stress reversals
that could, in time, break internal bonds and cause delamination and sur-
face degradation. Outgassing is also likely to be a problem.
Sheet Metal. Fabrication of sheet metal paraboloid reflectors
generally uses methods such as spinning, explosive forming, or stretch
forming. The resulting structure is a grain oriented self-supporting
structure of simple, one-piece construction with inherent strength and
stability. As a homogeneous structure, its thermal conductivity provides
optimum characteristics for distribution of thermal gradients, both face-
to-face and laterally. Attachments to provide supplernental structure can
easily be made by a variety of standard techniques. Minor damage is
easily repaired. Over-all weight, using 50 per cent perforated sheet
stock, is comparable to other approaches configured to meet Voyager
design criteria. The material used would probably be 2024 aluminurn,
either annealed or in a T4 state in the forming stage, with aging at 350°F
to a T6 state for maximum strength.
Support Structure. The support structure attaches the parabo-
loid to the actuator mechanism. It must provide sufficient structural
integrity to insure the survival of the over-all antenna assembly through
boost, the shroud separation shock, and the variation in temperature to
be expected. It must also provide a means of stowing the assembly in a
secured position until deployment is initiated. The same considerations
that resulted in selection of aluminum sheet metal as the paraboloid
material yield the same conclusion for the support structure material.
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c. Gimbal Drive
Requirements and criteria for the antenna gimbal drive studies
were as follows:
• A rotary output is required.
All high speed elements must be sealed in a pressurized
inert atmosphere.
Minimum number of parts and minimum number of ro-
tating seals for maintaining internal pressure are
desired,
A straightforward method of attaching to the gimbal is
preferred.
Use of magnetic materials and fields generated by the
drives minimized,
The coaxial cable must not be subject to flexure as the
antenna is rotated.
Slew rate of 5, 3 milliradians per second maximum
about either axis.
2
Angular acceleration of 0.5 milliradian per sec ,
Hinge axis of =k 90 degrees and shaft axis of.4:180 degrees,
Pointing accuracy of __ 4 milliradians relative to the
flight spacecraft.
Acceleration loading of 3 g steady-state acceleration
with antenna deployed.
• The drive must withstand stalled conditions at the output
without internal damage.
Tradeoff studies were conducted to define gimbal arrangements, the type
of sealed drives, and associated electronic components which can satisfy
the pointing requirements of the high-gain antenna. For the tradeoffs,
consideration was given to performance, reliability, size, weight, and
packaging.
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Stowage requirements and the desire for maximum coverage
dictate the mounting of the antenna at the edge of the solar array and a
configuration in which the dish is mounted at the end of a 3-foot shaft with
the drive unit at the base of the shaft.
Two gimbal schemes were compared on the basis of reliability
and complexity. Scheme A consists of a standard two-axis gimbal
assembly in which each axis is operated by a separate drive. This
scheme is attractive because of its simplicity and high reliability.
Scheme B makes use of a unique feature of the differential gear. For
this scheme two drives supply simultaneous inputs to the differential gear.
If the drives operate in the same direction, an output about the hinge axis
is produced; if they operate in opposite directions, the output is about the
shaft axis. The advantage of using this scheme is that the drives would be
working together in overcoming large antenna hinge moments produced
during retrorocket firing. Table 3-9 summarizes the main tradeoffs for
each gimbal candicate. Based on the tradeoff considerations, it was con-
cluded that Scheme A was the better.
The basic gimbal minus drives, pickoffs, etc., is made up of
three primary parts, a yoke, a gimbal, and a trunnion shaft. When
assembled with ball bearings, these parts form the basis for a two-axis
gimbal as shown in Figure 3-8. The yoke is a fixed member which
l I I
YOK E G IMBAL TRU NNION TWO-AXIS
FRAME SHAFT GIMBAL
Figur e 3- 8. Basic Gimbal Elements
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attaches to the spacecraft and supports all other gimbal elements. The
gimbal frame when mounted to the yoke forms the hinge axis of the gim-
bal. The trunnion shaft mounted in the gimbal frame forms the gimbal
shaft axis and acts as a mount for the high-gain antenna. The elements
are preloaded for rigidity and accuracy and employ solid lubricant
coating s.
Detailed tradeoff studies were conducted to select the proper
sealed drive unit, motor, position pickoff, and drive electronics mech-
anization for the antenna drive. These studies were conducted in parallel
with the similar studies for the POP drives. The considerations and
basic conclusions are the same and are thus not repeated here (see
Section 11-2).
The preferred drive consists of a simple two-axis gimbal oper-
ated by sealed wabble gear drives. It incorporates digital pickoffs for
sensing gimbal positions and RF rotary joints for maintaining the RF path
through gimbal members. Figure 3-9 shows a preliminary design layout
of the preferred antenna drive. One hinge axis drive and one shaft axis
drive are required. The drives are similar to those developed for the
OGO solar array and OPEP drives. During the OGO program these
drives were subjected to environmental and performance testing and
operated for more than i0,000 hours in vacuum. They have performed
satisfactorily in space since launched in September 1964. In preparing
the final design in Phase IB, efforts will be directed toward optimizing
size, weight, and reliability and standardizing as many parts as possible
for use on other articulated Voyager subsystems.
Sealing is accomplished by two bellows (Figures 3-9 and 3-10)
installed between the rigid parts of the mechanism and the driving gear.
Action of the bearing carrier and a tilted bearing internal to the unit pro-
duces a non-rotating conical nutation (or wabble) motion of the driving
gear at the end of the main bellows. This motion causes rotation of the
output gear and shaft by sequential engagement of a limited number of
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MOTOR AND GEARHEAD GEARHEAD PINION
R
DRIVING GEAR
Figure 3-10. Wabble Gear Drive
gear teeth. The gimbal bearing and drive units employ the same lubri-
cation techniques developed and used on OGO. All exposed slow-moving
elements are plated with low-shear precious metal and impregnated with
molydis ulphide.
The prime movers for the drive mechanism will be two-phase,
400 cps, induction servomotors.
The drive electronics (Figure 3-I I) for both the hinge axis and
shaft axis drives will be identical in concept. The main difference will
be in the power delivered to the drive motor. A digital signal from the
CS and C corresponding to an incremental shaft position is loaded serially
into an up-down counter register. The register output triggers the motor
driver which applies two-phase, 400 cps power to the drive motor. The
pulses fed back to the register from the shaft position encoder decrement
the input register back toward zero as the drive shaft approaches the
desired position. An additional up-down counter register accumulates
the absolute shaft position angle for telemetering back to earth.
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Drive Electronics Block Diagram
Two gimbal position pickoffs are required for determining the
position of the antenna about each axis. Antenna position is measured by
a magnetic, noncontract incremental shaft encoder using a variable reluc-
tance transducing technique.
A small cable wrapup assembly is required on the hinge axis
to accommodate wires from the shaft axis drive and position pickoff.
This assembly consists of wires grouped together in a flat ribbon which
is wound around the hinge axis trunnion and shielded from direct exposure
to space.
Motion about the hinge axis is limited by a set of limit switches
to interrupt the drive motor circuit at appropriate hinge axis positions.
Motion about the shaft axis is controlled by logic circuitry to prevent
damage during deployment or stowage of the antenna. The shaft axis is
inoperative until the antenna is deployed; the antenna is not capable of
entering the stowage position until it is first properly oriented about the
shaft axis.
The RF transmission path is required to traverse two axes of
rotation in the high-gain antenna assembly. Three methods of providing
the required relative motion across the axes were studied, cable wrap-up,
contacfing rotary joints, and noncontacting rotary joints. The cable wrap-
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up was considered the least desirable because of the bulk and weight re-
sulting from the number of turns required. Spring tension exerted on the
actuator mechanism and fatigue of the coaxial cable were also considered
as detracting from reliability. Flexible cable would be used for this case,
but the fact that it becomes a rigid element if the cable heater fails neces-
sitated a layout on the basis of its behavior as a rigid coil structure.
Such a case would require a bobbin and minimum of six turns per axis on
approximately a 6-inch diameter with additional radial clearance for
growth during rotary motions, causing unwinding of the coil. Such an
arrangement would weigh approximately three times that of the non-
contacting rotary joint arrangement and would have the additional negative
factors of noise during flexure, increased electrical losses due to the
additional cable lengths involved, and restriction of angular rotation in
one axis.
The contacting type rotary joint was eliminated because of prob-
lems associated with providing reliable electrical continuity without con-
tact welding in a space environment. The non-contacting type is proposed
as the simplest, most reliable, and the lightest in weight. By utilizing
the bearing structure integral with the actuator geometry, and so arrang-
ing the actuator shafting to accommodate the required hardware, it was
possible to design the rotary joints into the actuator assembly so that
they are an integral part of that assembly and utilize its bearing system.
To keep insertion loss as small as possible and to provide rotation capa-
bility at the extreme temperatures of space environment, air dielectric,
noncontacting, choke-coupled rotary joints are used. The insertion loss
is less than 0. i db over the operating frequency band of 2000 to 2500 Mc.
The rotary joint is an integral part of the gimbal axis structure (see
Figure 3-9); relying on the gimbal structure for alignment as well as
the rotating mechanism.
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The construction of the rotary joint is shown schematically in
Figure 3- i2.
ZO= 1 ZO= I
/Zol
//11//i//1111112////.i _////
V/////////////////////_."/"/.
Figure 3-12. Rotary Joint Construction Schematic Diagram
All the choke sections, denoted by 1, are one quarter-wave long at the
center :frequency. To prevent leakage an external choke of impedance
Zo3 is added to the outer conductor choke section.
For simplicity Zo3 is assumed infinite, and Zol equal to Zo2. The
Characteristics impedance Z ° is normalized to one. The ABCD matrix
of the two chokes displaced by the length i along a lossless transmission
line is
cos _i + Zol cot _i i
j sin _I
sin _i -2j Zol cot _i I -j Zol 2 cot2_ll sin _I + j sin _I
cos _i + mol cot _I l sin _I
where _l is the electrical length of the choke sections and _i I is the
electrical spacing between the two chokes. The insertion is then given by
L = i0 Logi0 i + ,_ - (B-C) (3. i)
If
- (B _ c) 2 (- )and p l I = _ +
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where _ is the difference in electrical length from the center frequency
choke length of X ' then
_t = _11 = -_ + _ and K = 2Z01 tan _ cos =
2
Zol tan 2 _ sin (_ + _) (3.2)
The relation of IK ito the coaxial transmission line VSWR is
,
 /vswR (3.3)
For the case of 0.1 db insertion loss, Equation (3. 1) yields
•IK "I2 possible for the specified amount of loss.This is the maximum
Using Equation (3.2) with a band center of 2250 Mc, band edges
of 2000 and 2500 Mc and assuming Z01 _ Z02 = 0.40, normalized to one,
This corresponds to a VSWR of 1. 065"t attained from Equation (3.3).
d. Feed System
Two possible types of feed for the high-gain antenna were con-
sidered, Cassegrain and focal point.
Figure 3-13a illustrates a simple Cassegrain configuration,
consisting of a paraboloid main dish, hyperboloid subdish, and a feed
horn at or near the vertex of the paraboloid. The hyperboloid subreflec-
tor enables the placement of the primary feed at a more convenient point
in the system. Figure 3-13b illustrates a conventional feed at the focal
point of the paraboloid. The requirement of 5-degree half-power beam-
width is easily supplied with the focal point feed. The Cassegrain feed
is generally used for half-power beamwidths of 2 degrees or less.
The Cassegrain feed allows the use of shortened transmission
lines from equipment compartments to the feed assembly; focal-point
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feed must utilize a longer length of transmission line with its associated
insertion loss. However, the increased mechanical complexity in the
fabrication and suspension of two continuous reflectors for a Cassegrain
outweighs the advantage of the lower cable loss.
PARABOLOID MAiN REFLECTOR
ACTUAL FEED POINT _HYPERBOLOI/,_//,D SUB REF LECTOR
SIMPLE CASSEORAIN CONFIGURATION (A)
RABOLOID REFLECTOR
FOCAL FEED
\
CONVENTIONAL FOCAL FEED (B)
Figure 3-i3. Cassegrain and Focal Point Configuration
The required aperture of the focal feed assembly to alluminate
the 6-foot diameter paraboloid reflector leads to a first side-lobe level
on the order of 23 db down from the main beam. If a similar feed is
used, and the restriction of minimum aperture blockage is imposed on
the simple Cassegrain, the side-lobe level increases to 18 db below the
main beam. The effect arises from increased aperture blockage.
Advances in present coaxial techniques, such as low loss semi-
rigid cable, make it feasible to use the cable itself as the supporting
structure for a focal feed.
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Based on simplicity of design, coupled with the above mentioned
electricaladvantages, a focal feed was selected.
A major development consideration in a paraboloid reflector antenna
is the primary feed and its supporting structure. Preliminary investigation
has shown that it is possible to excite a two-arm Archimedian spiral within
a circular waveguide. By launching a wave that is already circularly
polarized, rather than creating one using phase delay techniques, many
components required to produce a circularly polarized wave are eliminated,
thus increasing the reliability of the primary feed. The diameter of the
flared aperture will be approximately 4 inches, which gives a calculated
side lobe of -23 db due to aperture blockage.
described by J.W. Duncan and V.P. Minerva,
mission line to match the spiral element.
A balun transformer, as
is incorporated in the trans-
The length of the circular waveguide feed is approximately 3 inches.
Investigation will be conducted on the aperture shape to obtain the required
beam taper. In the narrow plane of the elliptical paraboloid reflector, the
subtended angle from the focal point to the edges is 119 degrees, while the
broad plane subtends an angle of 130 degrees. The radiation pattern of the
primary feed will be so shaped that the edge illumination is constant at
-10 db from the beam peak.
The feed horn is a simple aluminum dip-brazed shell composed of
the flare, straight tubular section, and the back wall. Incorporated in the
assembly is a bonded phenolic structure to clamp the double spiral launcher
in place and provide a column load reaction path from the coaxial line feed/
balun extending fron_ the vertex of the paraboloid to the back wall of the
dip brazed assembly. Integral with the top of the feed is a crossed spring
tensioner/compensator working in conjunction with the stabilizing wires.
A portion of the transmission line acts as a feed support strutt as
well as a transmission line. The remainder of the transmission line
serves only as an RF path. The transmission line between the feed and
the diplexer contains two rotary joints and a short section of line internal
to the actuator which completes the rf path. All of the line utilizes safety
wired aluminum type "N" connectors for joint continuity, and is routed
adjacent to structure where appropriately spaced tie down points support
it during ground handling and dynamic environmental conditions. The line
3-69
uses aluminum tubing for the outer conductor with a dielectric foamed
polyethelenc. The center conductor is copper. This material was chosen
over an air dielectric, bead supported line since there is little difference
in the electrical performance of the two and the foamed type provides a
considerably more reliable structure. Although the cells are closed in the
foamed type of dielectric structure, Pioneer and OGO have demonstrated
that the outgassing is gradual and causes no significant problems. The
possibilities of connected cell foamed dielectric structures and other
dielectric materials need to be investigated further. Teflon was considered
inapplicable because of its expansion and contraction characteristics over
the temperature ranges which, in the case of the coaxial line, can range
between 160 and 320°F.
1.4.2 Medium Gain Antenna
As a backup to the high gain antenna and to provide additional flexi-
bility fo_ communications during attitude maneuvers, a single gimbal
medium gain antenna is used. The power budget indicates that communica-
tions can be maintained out to a rainge of 2. 3 x 108 kilometers at a rate of
1024 bits/sec with a 24 db gain antenna. Naturally, at shorter ranges,
higher bit rates are possible.
The angular coverage requirements for the 24 db antenna are similar
to those of the high gain antenna. However, it has been determined (see
Volume 4) that a single gimbal properly oriented can provide acceptable
earth coverage if the beamwidth is at least 10 degrees.
Figure 3-14 plots the error of the single gimbal medium gain antenna
lookangles as functions of time. As shown, the error decreases with time,
such that the earth becomes centered on the beam of the antenna as the
range increases, providing a nearly constant gain level toward the earth
throughout the flight of the spacecraft. Greater than 3 db pointing loss will
be experienced during a portion of the trajectory, but this condition occurs
close to earth, at which time the loss can be tolerated.
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Except for the difference in size between the 3-foot paraboloid
(Figure 3-15) and the high gain sectoral elliptical antenna, the construction
and geometry are generally the same. The materials are also identical
except for gauge which, in the case of the 3-foot paraboloid is reduced to
0. 020 inch, and the yoke and yoke ring to 0. 030 inch. Stowing is accom-
plished in the same manner.
A major difference, however, is that for the medium gain antenna
only one axis of motion is required, which will provide both deployment
and look angle positioning. Because of the lower mass of the 3-foot
antenna structure, the shorter moment arm, and the elimination of one
axis of rotation, the actuator is considerably smaller. Functionally it is
a scaled verision of the dual axis actuator on the high gain paraboloid,
incorporating a single integral rotary joint.
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_ YOKE RING I FT, 6 IN. DIAMETER
1.5 IN. DIAMETER TUBE
0.030 WALL THICK
(PIN BUSHINGS)
WEIGHT:
DISH 1.20
RING 0.46
YOKE 0.66
BRACE 0.20
FEED _ ,43
LATCH STRUCTURE 0.52
SHAFT 0.40
MISCELLANEOUS 0.25
5.12 LB
A
# I
H n
N I
E
I_Oi_MOD D i SH
Figure 3-i5. Antenna 3-ft Circular Dish
The basic drive mechanism, rotary joint, and mounting arrangements
are similar to the design for the high gain antenna. Gimbal freedom of the
medium gain dish is _90 degrees relative to the plane of the solar array.
Figure 3-16 shows the drive mechanization.
The medium gain antenna is a circular paraboloid utilizing a circular
feed horn with a conical flare. The f/D ratio is 0.4, providing an angle of
128 degrees from the focal point over which the feed must provide illumina-
tion. The proper aperture to provide illumination at the center of the
paraboloid is in the region of 4 inches, requiring only a small flare from
the 3.6-inch diameter of the circular waveguide. The same method of
excitation as in the case of the high gain antenna is utilized, and the same
method of support to maintain the feed horn at the focal point.
1.4.3 Low Gain Antenna
The low gain antenna coverage provides telemetry coverage during
boost through a coupling aperture in the vehicle fairing. Its gain require-
ment is 2 db at cone angles of 45 degrees to enable command reception at
encounter plus one month; and a primary design objective is to attain the
largest possible coverage within this constraint.
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a. Coverage Requirements
The configuration of the low gain antenna is governed primarily
by its coverage requirements. These, in turn, are determined by the look
angle history from the spacecraft to earth as a function of the spacecraft
trajectory.
Before and during launch, the downrange direction will be located
at the 45-degree spacecraft clock angle relative to the Canopus Sensor.
Thus the low gain antenna must be capable of covering the appropriate cone
angles at this 45-degree clock angle during these phases. A window must
be provided in the shroud to allow communication with the ground station.
After the shroud has been removed, and until the sun has been
acquired, the time history of cone and clock angles of the spacecraft relative
to earth have not been defined. This is not considered critical, however,
since sun acquisition is an automatic function.
After sun acquisition, and until Canopus acquisition, it is
desirable to provide antenna coverage to a cone angle of li0 degrees at
clock angles from 0 to 360 degrees since, in case of false Canopus acquisi-
tion, it is desirable to be able to command the spacecraft to repeat the
Canopus acquisition maneuver. These maneuvers, however, will occur
relatively early in flight at relatively short ranges. Consequently, com-
munication can successfully be accomplished with antenna gain on the order
of -30 db.
After Canopus acquisition, the angles to be covered by the antenna
pattern are defined in Figure 3-6. It can be seen that a cone angle of li0
degrees is still required for some of the flights but at a specific clock angle
of 90 degrees. At this range antenna gain levels as low as -22 dbi are
allowable (command and 128 bits per second telemetry) since, for these
angles, the spacecraft is still relatively close to earth. The antenna, tenta-
tively selected, is located at 45-degree clock angle, with its primary lobe
centered at 0 degree cone angle with a free space radiation pattern having
a signal level no less than -8 dbi at 90-degree cone angle. However, there
will be an effect on the antenna pattern for certain look angles at cone
angles greater than 90 degrees. This effect will be seen as a shadowing
and diffraction of the pattern by the spacecraft, resulting in reduced gain
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and some lobing as the direction of coverage goes below the line-of-sight
to the spacecraft. Complete loss of signal will occur over an unpredictably
small angular portion of the volume about the antenna. This loss is caused
by masking by the spacecraft. Coverage in this region is important early
in flight, where a gain of -30 to -22 dbi is required, but is less important
after Canopus acquisition, in which case the line of sight from the earth is
not in the shadowed region of clock angles. After 20 days, the cone angle
for all trajectories considered is less than 90 degrees; hence, full clock
angle coverage is obtained. As the spacecraft approaches encounter, radia-
tion pattern coverage is required within a cone angle no greater than 45
degrees. The gain required near encounter is 2 dbi minimum. The primary
antenna has a gain of 2 dbi minimum at the 45 degree cone angle for all
clock angles.
A possible solution to the coverage requirement for the low gain
antenna is in the use of a deployable boom. To improve the coverage, it
would be necessary to place the antenna such that the line-of-sight angle
from the antenna to the spacecraft is equal to or greater than 110 degrees
at all spacecraft clock angles. This, of course, adds complexities with
accompanying loss in reliability to the antenna system. However, detailed
look angle pattern studies are required and consideration of various
approaches including the use of booms will be conducted in Phase IB.
To obtain the pattern coverage required for the earth-spacecraft
link, consider the idealized radiation power pattern
p = p (i + c°s @)ko 2 (3.4)
The boresight directivity gain relative to an isotropic radiator of matched
polarization is obtained from
4wPo 2
_ _@ P sin@ded_ _@ t + cOs e sined@
=¢o =e =o 20
=k+l
The gain at a cone angle, @, off the antenna boresight is then
g = k+ i)(i + c°s @_k2
(3. 5)
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Figure 3-18 shows plots of Equation (3.4) for various values of k.
Figure 3-17 gives plots of Equation (3. 5) for various cone angles. Just
after launch the high cone angles will be of importance. The plots indicate
low signal levels for these angles. However, the spacecraft is initially
relatively close to earth. As the spacecraft moves closer to Mars, the
cone angles of consideration lie between 0 and 45 degrees.
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Figure 3-i7. Theoretical Pattern Gains
Figure 3-17 indicates that the maximum pattern gain obtainable at
45 degrees is 4.4 dbi for an antenna with a matched polarization ellipse.
However, the maximum is fairly broad, so that from the point of view of
high angle radiation, it is better to design around as small a value of k as
is compatible with the over-all gain requirements at 45 degrees. The
reason for the maximum at 45 degrees is that as the gain on boresight gets
larger, the radiation pattern becomes narrower faster than the gain
increases, and finally becomes so narrow that at 45 degrees the gain
decreases. It may of course be possible to obtain more gain at a given
angle by appropriately shaping the radiation pattern so that the functional
relationship is different from that of Equation (3. l). However, from a
practical point of view, such shaping is generally difficult, can be frequency
sensitive, and may require more space and additional weight. Since cir-
cular polarization is required, the combined problem of maintaining the
beamshape and the axial ratio can become prohibitively difficult.
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b. Selected Antenna
Figure 3-19 shows the antenna selected, pending further study,
which closely approximates the pattern of Figure 3-17. This antenna utili-
zes a cup-dipole configuration to obtain equal E- and H- plane radiation
characteristics throughout one hemisphere. The following performance
characteristics are provided on Rantec Corporation.
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RADOME
DIELECTRIC
Figure 3-19. Rantec Cup-Dipole Antenna
Functional characteristics of the antenna are as follows:
Frequency 5.4 to 5.9 Gc
Impedance 50 ohm nominal
VSWR 1. 5:1 max
Radiation Pattern Hemispherical, circular
polarization
Axial ratio i. 5 db max at 5.7 Gc 6 db max at
5.4 to 5.9 Gc (at any look angle
within the hemisphere)
i0 db beamwidth i80 degree rain
Physical characteristics are as follows:
Diameter i. 25 in.
Height i.25 in. {less connector)
2. 35 in. (over-all)
Weight 3. 5 oz
Connector Type "N" Male
It will of course, be necessary to scale the antenna to the frequency band
2ii0 to 2300 Mc. It is found that the factor 2. 57 almost exactly scales the
extremes of the 5.4 to 5.9 Gc band to the required frequencies. Figure 3-20
shows the experimental radiation pattern obtained from the Ranted antenna
at 5650 Mc. A theoretical pattern is also shown for Equation {3.4) with
k = 3. The measured gain on the antenna boresight is 5. 8 dbi at 5650 Mc.
The theoretical gain is obtained from Equation {3.5) at 6 dbi on the antenna
boresight relative to a matched polarization antenna.
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c. Antenna Spacecraft Configuration
The proper pattern coverage is realizable assuming no space-
craft perturbation. However, to provide pattern coverage at cone angles
greater than 90 degrees for the launch and preorbital phase of the mission,
a second antenna is mounted with the primary antenna as shown in
Figure 3-21, such that the primary antenna is boresighted along 0 degrees
cone angle and the secondary antenna is boresighted along a cone angle of
135 degrees and a clock angle of 70 degrees. This second antenna is de-
coupled from the first, using an antenna coupler, rather than an RF switch,
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for increased reliability. The two antennas are mounted as close together
as possible to reduce the ripple voltage in the array pattern in the neighbor-
hood of a cone angle of 90 degrees. The maximum allowable coupling to
the side-looking antenna is determined as follows:
Gain of Rantec antenna (pointed at @= 0 degrees)
at the 45 degree points in the pattern (relative to
a circularly polarized antenna) = 3.8 dbi
Required gain at 45 degree points = 2.0 dbi
Maximum allowable loss due to coupled
side looking antenna = I. 8 db
r,,w -,-_
Therefore, 10 log J_l_--_IX_ = 1.8 db
L_ --_
Where X = ratio of decoupled power to input power
Therefore, i0 log X = -4.7 db = minimum
allowable de coupling
The effects of the spacecraft on the radiation patterns of either
antenna must be determined by suitable pattern measurements.
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Figure 3-21. Low-Gain Antenna System
Figure 3-22 shows the geometry of the low gain antenna, which
as just described is actually two antennas in one package. The structure
is basically three tubes configured to form a "Y" shaped housing with one
leg providing the mounting strut and the other two legs containing the turn-
stile radiating elements. 6061 Aluminum 0. 030 wall tubing is used, and
fabrication is by flux-bath dip-brazing. The mounting strut is terminated
in an attachment flange and houses a coupler which provides for unequal
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power splitting between the antennas. This strut also contains the trans-
mission line which connects to the coupler, the two antennas, and the
spacecraft electronic equipment. A rib is brazed integrally with this
structure to provide additional structural integrity in the direction of boost
and deboost dynamic loading. The aperture of each turnstile tube is closed
with an epoxy-fiberglass radome for protection during ground handling and
storage, and is vented internally for pressure release during launch.
Total loss of or major damage to this radome should not affect the operation
of the antenna. The structure is sufficiently compact so that elements are
resonant substantially above any dynamic inputs from the spacecraft
structure.
SECONDARY
""_ A N TEN NA
3.25 IN. TYP
"m-3.25 IN. DIA'-'_"
_x_ SO LAR PANEL
Figure 3-22. Low-Gain Antenna
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i. 4.4 Capsule Link Antenna
The VHF antenna system, to enable the spacecraft to receive
telemetry signals from the capsule, at i36 Mc, consists of a right-hand
circularly polarized turnstile, with reflector, whose pattern is a cardioid
figure of revolution with the maximum radiation along the axis of the array
or normal to the plane of the turnstile. The assembly is mounted on the
back of the solar cell panel such that its axis is 50-i40 degrees above the
plane of the solar cells, or at a cone angle of 50-i40 degrees, and at a
clock angle of 105 degrees. The turnstile elements are symmetrically
oriented with respect to the spacecraft axis, each element forming a 45
degree angle with the solar cell array. The antenna is located at the out-
board edge of the solar cell array to provide as close to a free space
environment as possible, i.e., there will be essentially no reflections from
the spacecraft to cause perturbation in the basic cardioid pattern.
The gain of the VHF antenna is 4 db on the antenna axis with a beam-
width of approximately i20 degrees at the -3 db points. Circular polariza-
tion is obtained by feeding the two dipoles from the balanced end of a balun
and phasing the alternate elements capacitively and inductively to achieve
phase quadrature.
The gain and beamwidth of the VHF antenna is such that the coverage
is sufficient for any encounter date. The angles for the extremes of encoun-
ter dates vary from approximately 80 to i70 degrees cone angle from i00
to i55 degree clock angle. The choice of 140 degree cone angle and i05
degree clock angle represent an average of the most probable angles of the
various arrival dates.
A possible alternate configuration for the VHF antenna is a low gain
helix. For the electrical characteristics as outlined for the turnstile, a
helix would have the configuration shown in Figure 3-23. Although this
antenna would have a gain of 4 db, and a beamwidth of i12 degrees, the
radiation characteristics are somewhat unstable. Since each of the param-
eters, circumference, spacing, and number of turns, is at the lower limit
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for the axial radiation mode. In addition, because of the axial length of the
helix it would be difficult to mount it to prevent interference from the
spacecraft structure. Mounting of the helix on the back side of the solar
cell array would provide no mechanical problem, but since the helix
structure is more complex, than that of a turnstile, it would be somewhat
more difficult to maintain its structural integrity.
•.,t_ 20.8 I N -------.D-
2.3 TURNS
33 IN 14.55 IN
GROUND PLANE
Figure 3-23. Helix Configuration
Figure 3-24 shows the geometry of the turnstile antenna. The
radiating elements are oriented at 90 degrees and are fed at their centers
by a stripline balun. The housing for the balun and the coaxial transmission
line form the central support structure for the turnstile and are mounted
to a ground plane which constitutes the reflecting element of the turnstile
array. To obtain maximum structural integrity with minimum weight, an
epoxy laminate shear web, 0. 030 inch thick, is bonded between the radiating
elements and the reflector. The radiating ele_ents are 0. 375-diameter
aluminum tubing with 0.0Z0-wall thickness, while the reflector will be
0. 030-aluminum sheet. To provide stiffness in modes perpendicular to
the shear web an epoxy laminate is used for lateral webs at three points
along each of the four legs of the turnstile.
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1. 5 Equipment and Components
1.5. 1 S-Band Modulator Exciter and Low Power Transmitter
Several programs make use of S-band equipment similar to that
required for Voyager. Mariner C, Lunar Orbiter, Lunar Excursion
Module, Apollo Command and Service Module, Pioneer, Saturn, and the
Air Force Space Ground Link Subsystem (SGLS) each use phase-lock
receivers and coherent exciters. These programs, however, have dif-
ferent performance, environmental, and packaging requirements. In
fact, no two programs use identical equipment, although each is com-
patible with either the S-band DSIF or Apollo ground network (SGLS is
only partially compatible).
The receiver parameters are strongly mission dependent,
being determined by the doppler profile, received signal power,
modulation, ranging modulation, and acquisition characteristics. The
type of telemetry modulation, the gain of the power amplifier, and the
available input power determinethe modulator-exciter parameters.
Table 3-10 shows the range of parameters, input power required, and
other functional elements used with the basic receiver-modulator exciter
equipment in existing projects.
Each of the modulators considered are basically the same. They
make use of varactor diodes to phase modulate the RF signal at a low
submultiple of the output frequency. For example, given the output fre-
quency 240 fi and a submultiple 8fl, at the modulated stage, the phase
deviation is @ = m/30 for an output deviation of m.
The 8f I signals are appropriately frequency multiplied by transis-
tors and varactor diode stages to the final output frequency and output
power. Since all of the exciters use varactor multipliers each must
consider the stability problems caused by input dynamic range, tempera-
ture, and load VSWR. Some designs require operating the multiplier
chains into bandpass filters.
The Mariner C exciter does not use a built-in bandpass filter or
isolator; these were external to the equipment. The Lunar Orbiter and
LEM exciters have isolators and filters built into the transceiver
assembly. The Pioneer exciter required neither. The power output of
these
command
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each of the equipment ranges from 50 milliwatts to 2.5 watts with effici-
encies ranging from 8 to 15 per cent. The thermal problems associated
with these exciters are relatively minor.
The one design factor not required in most of the designs is mag-
netic cleanliness. Only the Pioneer unit is magnetically clean; its maxi-
mum permissible field is 3 ¥ at I foot. Unless the design is made with
prior thought to magnetic properties, it is unlikely that the equipment
will be within an order of magnitude of the required value.
The exciter-modulator chosen for Voyager operates in either a
coherent or noncoherent mode. A diode switch selects the output of the
auxiliary crystal oscillator or the coherent reference (VCO) from the
S-band receiver. The presence of the in-lock signal from the receiver
selector operates the switch and turns off the power to the crystal-
controlled local oscillator. The oscillator output is multiplied to 4f and
phase modulated by either of two inputs, the telemetry and PN subcarriers
or the ranging code. The modulated carrier is then amplified and fre-
quency multiplied by varactor stages to 240f. An isolator and bandpass
filter provide the spurious rejection required and provide added stability
against load variations (see Figure 3-25).
IN LOCK
SIGNAL
"x'"-H HOSCILLATOR GATE MULTIPLIER MODULATOR AMPLIFIER ISOLATOR 4-PORT HYBRID RING
' 1REFERENCEVCO (2f) OUTPUT
FROM RECEIVtR
I
CONTROL | SELECTOR DC VOLTAGES CONVERTER AC POWER
TELEMETRY RANGING CONTROL SIGNAL
FROM TRANSMITTER
SELECTOR
Figure 3-25. Modulator-Exciter
The transmitter requires that only one modulator-exciter be ener-
gized at a time. The unit operates from the 4800 cycle power source
and uses a transformer-rectifier AC to DC converter. A control signal
switches the prime power on or off.
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The following are the basic parameters of the modulator-exciter:
Modulation
Modulation bandwidth
Reference frequency
Multiplier ratio
Output frequency
Power output
PM, 0 to ± 4 radians
i.8 Mc
2f; 19. i Mc
120
2295 Mc
100 milliwatts
The low power transmitter is identical to the modulator-exciter
except for the power output. The primary function of this transmitter is
for telemetry transmission during boost and the early part of the mission.
The power output required is 1 watt.
i. 5.2 Power Amplifiers
The recommendations included in this section are based upon the
information obtained in an S-band equipment survey. This survey was
completed in June i965 and was centered around devices capable of pro-
ducing from 20 to 40 watts, CW, at 2. 295 Gc. The lower bound of
20 watts is considered to be the current state of the art and the upper
bound is set by the worst case primary power limitations of the space-
craft at encounter plus i month.
The S-band power levels under consideration dictate the use of
microwave tubes as opposed to solid-state devices. Present day projec-
tions for transistors are that reproducible devices capable of i5 watts at
Gc will be available in i968. Varactor chains achieve efficiencies near
I0 per cent, and although improvements can be anticipated, solid-state
gains are expected to be offset by gains in tube efficiencies. Therefore,
it appears that S-band solid-state power amplifiers need not be considered
at least for the first several Voyager missions.
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The microwave tubes that were considered for Voyager are as
loll ow s:
• Amplitrons
• ]Electrostatically focused klystrons (ESFK)
• TWT's
• Triode cavity amplifiers
As a result of this survey and subsystem comparisons, amplitrons and
triode cavity amplifiers were eliminated. It was determined that ESFK's
possess the greatest potential when used as a power amplifier at power
levels equal to or exceeding 40 watts, but fundamental development effort
is required. Traveling wave tubes have emerged as the best choice for
both the 20-watt and 40-watt power amplifier because of their availability
and proven history.
An accurate comparison between the various devices cannot be com-
pleted from a tube consideration only. The peripheral equipment required
by each tube is markedly different in some instances; therefore, an am-
plifier package containing the tube power supply, regulator, and RF
equipment must form the basis of comparison.
Amplitrons. Although 20-watt amplitrons are being success-
fully integrated into the LEM, many of the desirable features of this tube
are lost in achieving a reliable package. Anticipated tube life poses a
question of such magnitude that there is justification for employing a tan-
dem connection of two tubes in series, each with its own power supply.
This configuration is particularly well suited for the ampiitron because
the unattenuated slow wave structure permits selective operation of a
single tube through the low loss path (0.6-0.7 db) of the inactive tube.
This scheme enhances reliability but the package parameters decrease
so that, typically, a worst case RF gain of only 14 db is realized at a
worst case package efficiency (including power converter) of near
3-89
23 per cent. Thus, the advantages which appear to be offered by a
55 per cent basic tube efficiency are degraded to a point where the ampli-
tron package efficiency fails to equal that achieved by other devices.
Furthermore, the question of amplitron package life is not completely
satisfied by the added redundancy presented because the life expectancy
of the amplitron has not been demonstrated or adequately predicted.
Since the arnplitron is a crossed-field device similar to the magnetron,
it is reasonable to expect amplitron tube life similar to that experienced
in a magnetron. Magnetron lifetimes near 5000 hours are frequently
experienced, insufficient for the Voyager mission.
The broadband noise and spurious content of the output spec-
trum of the amplitron impose additional requirements on output RF filter-
ing. Measurements on the LEM package have revealed the presence of
coherent spurious signals as great as 20 dbmin amplitude less than 80 Mc
away from the desired output signal. Noise figures are anticipated to be
as high as 50 or 60 db. These measurements indicate the need for filter-
ing beyond that required for other tubes.
Triode Cavity Amplifiers. Triode cavity amplifiers are avail-
able from Resdel Engineering, at both 20- and 40-watt levels. Over-all
tube efficiencies greater than 23 per cent at 20 watts and 24 per cent at
40 watts cannot be anticipated. An 88 per cent power supply efficiency
decreases the power amplifier to an over-all efficiency near 20 and 21
per cent for 20- and 40-watt levels. The greatest disadvantage, however,
is that only t 0 db RF gain is provided by the triode cavity amplifier,
requiring a much greater power output from the modulator-exciter than
does the ESFIK or TWT.
Electrostatically Focused Klystron. At the 20-watt power level,
a prototype design exists for an ESFK. The total package efficiency is
only 17 per cent at this level. At the 40-watt power level, the ESFIK is
expected to be competitive with the TWT after completion of development
and establishment of reliability data, The ESFK offers potential advan-
tages over the TWT as follows:
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a) Efficiency. Predicted tube efficiency of 35 to 40 per cent
at frequency band center.
b) Power Supply Requirements
c)
d)
I) The regulation required of the power supply would be
considerably lessened due to the relationship between
RF power out and variation of beam voltage. The TWT
requires approximately four times more regulation
than the ESFK for the same deviation in power output.
z) The ripple requirements on the power supply would be
approximately one-fourth those required with a TWT
inasmuch as the phase sensitivity of the klystron is
less than i deg/volt.
3) Only two voltages are required for tube operation plus
the filament as opposed to the three voltages plus
filament required in a traveling wave tube.
4) With a klystron, the power supply need not be tailored
to each individual tube and can be cross-strapped for
redundancy in the power amplifier section.
5) The power supply should inherently weigh less because
of the above considerations and the added efficiency.
Tilter Characteristics. The electrostatically focused
klystron utilizes cavities coupled to the beam for its ampli-
fication characteristics. Therefore it inherently provides
bandpass characteristics in the order of 2 to 10 Mc.
Multiple Power Operation. The output power of the kly-
stron is directly proportional to the beam power, which
varies proportional to V 5/2. Thus, a ! per cent change
in beam voltage will yield approximately 1.25 per cent
change in RF output power, as opposed to a 5 per cent
change in the traveling wave tube. This difference is
brought about because of the beam synchronism require-
ments inherent within the traveling wave tube. Directly
resulting from this independence of synchronism, the
collector and beam voltage scale proportionately as RF
power output is changed, thus yielding the capability of
multiple power operation or failure mode operation.
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c ) Reliability
I) Ion Trapping. The focusing anodes distributed through
the tube will be at cathode potential, therefore producing
a higher voltage gradient than the cathode to any ions
produced beyond the first focusing anode.
2) Interaction Structure. The beam length is approxi-
mately one-fourth that of a traveling wave tubed there-
fore requiring much less precision in alignment.
Furthermore, because of electrostatic focusing rather
than magnetic focusing, the defocusing of the beam
caused by temperature is almost nonexistent.
3) Partial Power Supply Failure. In the case of a major
primary power deviation, the chances of damage to the
tube are much less than for a traveling wave tube
because of the proportionality of beam and collector
voltag e s.
4) Failure Modes. It is predicted that the failure modes
would be similar to those of normal klystrons such as
cathode emission, heater failure, vacuum leak, and
arcing.
The main shortcomings of the ESFK are
Its inherent efficiency degradation at the frequency band
edges, and
• The lack of actual life data.
Traveling Wave Tubes. TWT's are the most desirable approach
in fulfilling the S-band power amplifier requirements for Voyager because
they have been successfully used in many different space programs,
Telstar, Relay, Syncom, Early Bird, and Mariner. Thus more data is
currently available on the characteristics of a TWT in the space environ-
ment than any other contemplated power amplifier.
A 20-watt TWT, qualified for the Apollo program and currently
in production by Hughes Aircraft, Microwave Tube Division, has the
following characteristics :
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Frequency
Power output
RF gain
Efficiency
Phase sensitivity
Weight
2.2 - 2.4 Gc
20 watts (rain)
30 db
30 per cent (rain)
3 deg/volt
22 oz
Five of these tubes have been placed on life test and have accumulated
over 10, 000 hours of successful operation. In conjunction with an
85 per cent efficient power supply, the power amplifier package exhibits
a worst case efficiency (including output filter) of 22 per cent. The attri-
butes of availability, efficiency, and demonstrated reliability cannot be
matched by any other device in its output power range.
Several TWT's have been operated at higher power levels.
Although these experiments required cathode current densities inconsis-
tent with long life, they did illustrate the 40-watt capability of spaceborne
TWT's. A flight qualified 40-watt tube would incorporate a larger gun,
helix, and magnet stack to accommodate the larger currents. All manu-
facturers are in general agreement that this development can be accom-
plished in 9 months.
Although tube manufacturers are claiming tube efficiencies in
excess of 40 per cent at the 40-watt level, the constraints of variable RF
drive, environmental excursions, aging, and long term power regulation
are expected to yield a worst case tube efficiency of near 33 per cent.
When matched to an 85 per cent efficient power supply, the power ampli-
fier package worst case efficiency would be 28 per cent. This figure will
be degraded further if the insertion loss of the required output bandpass
filter is included. This filtering will be in excess of that required by the
ESFK since the second harmonic output of the TWT is expected to be
10 db below the fundamental. This added filtering could decrease the
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package efficiency to as low as 26 per cent. Since RF gains of both the
20- and 40-watt tubes are equal to or in excess of all other devices con-
sidered, driver power levels are minimal.
A possible disadvantage of the TWT when compared with the
ESFK is the external magnetic field produced by the magnetic focusing
assembly. Experience on Pioneer, however, has shown that stray field
effects can be controlled.
The preceding comparison of amplitrons, triode cavity ampli-
fiers, ESFK's and TWT's is summarized in Table 3-ii and Figure 3-26.
Based upon availability, proven reliability and life history, the 20-watt
TWT has been selected for the i97i Voyager spacecraft, operating in a
redundant configuration. An increase in RF power output to 40 watts,
using either a TWT or ESFK can be supported by the spacecraft power
system at encounter plus 1 month, but involves some power amplifier
development risks.
The salient electrical and mechanical parameters and con-
straints for the 20-watt TWT amplifier are as follows:
Maximum DC input power
Minimum filtered power output
Minimum power gain
Maximum weight (including
power supply)
maximum base plate
temperature
90 watts, which accom-
modates a 22.5-watt
TWT to overcome esti-
mated RF filter losses.
20 watts
28.5 db, accommodating
a 50 mw ._ 2 db driver
and filter losses.
6 ib
100°C
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A block diagram of the power amplifier package is given in Figure 3-27.
All microwave components are sized to handle at least 40-watt power
level. It is proposed to investigate during Phase IB development risk of
a40-watt TWTfor the 1969 and 1971 missions together with the possibility
of an ESFK klystron development for the power range of 40 to i00 watts
for use on later missions.
RF OUTPUT TO 5ANDPASS
FILTER AND SWITCHING
RF INPUT FROM
REDUNDANT DRIVERS
TWT
Figure 3-27.
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20-Watt TWT Power Amplifier Block Diagram
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1.5.3 Transmitter Selector
The transmitter selector consists of four logic devices: the exciter
selector, power amplifier selector, the antenna selector, and the mode
selector. The transmitter selector operates in six modes (as shown in
Section I. i).
Figure 3-28 is the state diagram of the exciter selector. If both
transmitter output power and exciter output power drop off, the redundant
exciter is switched in, providing that the exciter power is on. The exciter
selector is an autonomous unit which operates independently of external
commands except for ground checkout commands. It requires two flip-
flops and four dual gates.
Figure 3-29 is the state diagram of the power amplifier selector.
It operates upon loss of output power and upon CS and C command to pro-
vide the maximum possible output power, subject to CS and C command,
at all times. Two flip-flops and four dual gates are required.
Figure 3-30 is the state diagram of the antenna selector, which
operates on ground command or on loss of Canopus lock. If loss of lock
occurs, the maximum-coverage antenna is selected automatically. The
antenna selector requires two flip-flops and four dual gates.
Table 3-i2 shows the required states for the power amplifier selec-
tor and the antenna selector for each of the six modes discussed in
Section i.I. This table defines the operation of the mode selector, which
requires 14 dual gates to drive the circulator switches and transmitter
DC power switches.
Table 3-12. Required States for the Power Amplifier Selector
and Antenna Selector
Mode
Power Antenna
Amplifier Selector
Selector State State
I (launch)
II (after sun-Canopus lock)
III (cruise, maneuver, encounter orbit)
IV (backup)
V (backup)
VI (backup)
1 1
1 2
2, 4 2
3 2
1 3
2, 4 3
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EXCITER 1
o /y
GROUND CHECKOUT
COMMAND
_ oEXCITER 2
N
GROUND CHECKOUT
COMMAND
2 = 2 MINUTE PULSE FROM CS AND C
P = OUTPUT POWER MONITOR
El, E2 = EXCITER POWER MONITORS
Figure 3-78. Exciter Selector
State Diagram
Jf"_LOW GAIN ANTENNAGROUND
COMMAND _ I(_) (2)([)
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COMMAND -- _ GAIN J
-- ANTENNA I
GROUND OCOMMAND _ HIGH GAIN
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(2) = 2-MINUTE PULSE FROM CS AND C
(k) = CANOPUS LOCK-IN iNDICATION
Figure 3-30. Antenna Selector
State Diagram
MUNCH
CS AND C COMMAND
CS AND C COMMAND
J, _ATT
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(2) (P 1S)
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(2) = 2-MINUTE PULSE FROM CS AND C
(PI) = I-WATT OUTPUT POWER MONITOR
(I) 2) = 20-WATT OUTPUT POWER MONITOR
(P3) = 20--WATT OUTPUT POWER MONITOR
(E) = SELECTED EXCITER POWER MONITOR
(S) = SEPARATION ENABLE
Figure 3-29.
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I. 5.4 S-Band Receivers
The Voyager S-band receiver requirements are similar to those of
Mariner C and several other space programs. The receivers considered
correspond to the transponders investigated (see Section i. 5. 1 and
Table 3-10). The receiver must accept and process the following signals
from the DSIF.
Locked VCO reference signal for two-way doppler
tracking
Detected pseudo-random range code
• Detected composite command subcarrier.
An analysis of phase lock loop bandwidth requirements based on
threshold performance and worst case dynamic tracking error in orbit
has established a threshold criteria of 2 Blo = 22.5 cp8 and 8 db S/N in
2 Blo as carrier performance threshold with commands present. This
corresponds to 2 B I = 32 cps at 6 db SNR (see Section 6 of Appendix D).
The receivers listed as part of Table 3-10 use similar design tech-
niques for the mechanization of the phase-lock loops. However, one dif-
ference is worthy of note, the use of an offset frequence reference
oscillator. A separate offset frequency reference oscillator is used in
the Pioneer and SGLS receivers; the SGLS receiver has a ranging detector,
but the Pioneer receiver does not. However, it should not be inferred
that other mechanizations will not work; the Lunar Orbiter has no separate
offset frequency references oscillator, but has been redesigned slightly to
eliminate some of the difficulties noted during some of the Mariner C
tests. A thorough re-evaluation of this problem should be made in
Phase IB.
The implementation of the ranging detectors used in Mariner C and
the LEM, CSM, and SGLS receivers differs somewhat. Mariner C
makes use of automatic gain control prior to the range code synchronous
detector, followed by a high-gain video amplifier. The other receivers
use hard limiting (as in the phase-lock loop) prior to synchronous detec-
tion. These designs also make use of higher IF levels and thus small
video gain after detection. The hard limiter design has been adapted
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when there has beena possibility of an interfering signal in the receiver,
as is the case in the Apollo program.
The magnetic properties of the receivers were not considered in
any of the programs except Pioneer. The parts and materials used for the
Pioneer equipment were chosen with the total magnetics problem consid-
ered. The residual magnetic fields were measured at about 3"_ at i foot,
approximately an order of magnitude better than could be expected from
the other existing designs.
Thebasic selectedreceiver configuration is shown in Figure 3-3i. The
RF selectivity is provided by the diplexer apart from the receiver. The
mixer uses conventional diodes in a balanced mixer configuration, fol-
lowed by wideband IF and a second conversion. The output is split for the
ranging demodulator and the narrowband phase-lock loop. A crystal filter
precedes the hard limiter, which feeds the carrier phase detector, loop
filter, and VCO. The command output is taken off prior to the loop filter.
An inphase synchronous detector is used to derive the in-lock signal,
which is used by the receiver selector. The wideband IF output goes to
the ranging detector, where it is hard limited and synchronously detected
with the coherent reference from the carrier phase-lock loop. The rang-
ing detector must be commanded on and off as required so as not to inter-
fere with telemetry function in the modulator-exciter. The output of the
ranging detector is sent to the modulator-exciter. The detailed receiver
implementation to be finally selected will depend upon a careful review of
reliability and performance, but the survey of present programs makes
clear that several acceptable receivers exist.
.._S-BANDFRONTI I I J-_-COMMAND
ENDIF'sAND L_ ' I
S-BAND COHERENT L.O.I "r I
MU'TIP"ERS1 I I J_._
- _ RANGING
I DETECTOR RANGE CODE
TO RECEIVER ÷DC_
-DC_-J
Figure 3-31.
RANGING-ON-OFF
I
AC TO DC _-AC POWER
CONVERTER I
S-Band Receiver
":""Final Report: Apollo Unified S-Band System Tests, Phase I, " Volume I,
Contract NAS 9-2563, of August i964, presented toNASA/MSC by Motorola.
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The receivers are always powered. The outputs of each receiver
{command subcarrier, coherent reference, range code, and in-lock sig-
nal) are sent to the receiver selector, where the choice of receivers is
made.
The following are the major receiver parameters:
Noise figure
Carrier tracking bandwidth
Frequency
Pr edetection bandwidth
Ranging channel RF bandwidth
Dynamic range
Outputs
• Reference signal 19 Mc
• In-lock signal
iO db
ZB_ = 32 cps {operating
threshold, a = 0. i)
2B&= 20 cps (strong signal,
a =i.0)
2i15 + 5 Mc
4.5Kc
3.3Mc
-i42 to -50 dbm
Inputs
@
Composite command subcarrier
PN range code
Power
D_ ig a!_. S n
Ranging on-off
i. 5.5 Low Noise Preamplifiers
This section discusses alternate methods of improving the noise
figure of the S-band receiver. Devices considered include tunnel diode
RF amplifiers, transistorized RF amplifiers, and improved mixer-IF
amplifier combination.
Tunnel diode amplifiers (TDA) are clearly the most promising of
the various techniques possible for receiver noise figure improvement.
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Many TDA's are currently marketed providing typically a 4 to 5 db system
noise figure and a power gain of 14 to 17 db, in the 2200 to 2300-Mc band.
The TDA's which result in system noise figures close to 4.0 db employ
gallium antimonide (GaSbl tunnel diodes. For the following reasons it is
recommended, however, that germanium (Ge) tunnel diodes be used in any
TDA considered for the Voyager program:
i) Germanium diodes can be constructed wit_ fewer unde-
sired impurities than gallium antimonide.
2) TDA's made with germanium diodes do not require tem-
perature compensation to assure gain stability.
A TDA constructed with the Ge tunnel diode would provide i5 to 17
db gain and result in a system noise figure of less than 5 db. Absolute
stability of the tunnel diode amplifier is assured through the use of four
or five port circulators connected in the manner shown in Figure 3-32.
FO/_'-_X UR PORT CONNECTION
INPUT _ @ OUTPUT
FIVE PORT CONNECTION
EIN _ EOUT
Figure 3- 32
Four- and Five- Port
Circulator Connections
Assuming a 17-db amplifier gain, the four-port circulator requires
approximately 30 db isolation between the tunnel diode port and the input
port to ensure a return loss of 13 db. The five-port circulator amplifier,
on the other hand, ensures a greater return loss with less critical speci-
fication of the port-to-port isolation of the circulators. A typical return
R.P. Nanavanti, "Some Physical Mechanics Contributing to Tunnel
Diode Failures, " Proc. , Symposium on the Physics of Failures in
Electronics.
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loss at the TDA input port of the five-port circulator coupled amplifier
would be on the order of 23 db. The price paid for this greater return
loss is the size and weight of the tunnel diode amplifier. The return loss
can be considered as a first approximation to the relative stability against
oscillations. Despite the size and weight penalty, it is recommended
that a five-port circulator coupled amplifier be used because of its higher
return loss. Reliability is perhaps the greatest question concerning
TDA's since little meaningful life test data is available. If a TDA is used
in the Voyager spacecraft, a great deal more information must be obtained
by more meaningful life tests than have been run previously. The most
significant reliability feature associated with tunnel diode amplifiers is
that the predominate failure modes (open or shortl are not catastrophic.
An open circuit failure will result in the loss of gain and add approxi-
mately i db insertion loss to the receiver input. A short circuit failure
is slightly worse, the result being loss of amplifier gain and a 3 to 5 db
insertion loss.
Power supply requirements are quite rigorous at the diode, since
gain is derived by biasing the diode in the negative resistance region of
the diode I-V characteristic. (Figure 3-33.)
Figure 3-33.
NEGATIVE
RESISTANCE [
Tunnel Diode I-V Characteristic
Usually + 0.5 per cent is required for close regulation at the
diode. Such a regulated voltage is ordinarily derived from a tempera-
ture compensated Zener diode voltage regulator. This approach is
recommended for any TDA considered for the Voyager program.
A brief summary of typical tunnel diode amplifier characteris-
tics follows:
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Frequency range
Dynamic range of RF input levels
Noise figure
Gain
Resulting system noise figure
Operating temperature range
Storage temperature range
Power supply characteristics
Maximum ripple on power supply
2150 to 2250 Mc
-150 to -40 dbm
4.7 db
17 db
4.96 db
-20 to +60°C
-50 to +100 °C
12 Maatl5volts + 5 per cent
O. 75 volts peak-to-peak
Transistor technology has developed rapidly in the microwave
frequency area and transistor amplifier noise figures in the 2 Gc region
have been measured as low as 4.8 db. Texas Instruments is currently
marketing an experimental transistor, the TIX 3024, whose guaranteed
maximum noise figure at i Gc is 5 db. While this is still a long way from
2. I Gc, the state of the art is advancing so rapidly that 2. i Gc units with
noise figures of better than 5 db should be marketed in less than a year.
Unfortunately it is not expected that the gain of these units at 2. i Gc
will be consistently high enough to provide a system noise figure compar-
able to the tunnel diode amplifier. Additionally, it would take several
years to obtain sufficient reliability data on these units to qualify them
for the Voyager program.
The advent of the hot carrier diode has led to re-evaluation of the
noise figure possible in mixer-IF preamplifier front ends. These diodes
are majority carrier devices which are essentially void of shot noise and
thus provide extremely low excess noise ratios. The specifications for
the HPA 2150 mixing diode provide the following parameters:
NR = I. 0 maximum
L = 6.0 db maximum
C
Fsystem = FTD A + Fmixe r -I
GTDA
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Assuming selection of diodes for conversion loss less than 5 db, and
assuming operation of the mixer into an IF preamplifier whose noise
figure is 2 db, the over-all noise figure is
(Fo)db = Lc db
:L
c db
= L
c db
+ 10 logl0 (FIF + NR- 1)
+ 10 logl0 logl0 (FIF + 1.0 -1)
+ FIF db
= 5 db + 2 db = 7 db
This is felt to be the limit of noise figure performance available on a con-
sistent basis using hot carrier diode mixer IF preamplifier combinations.
This has the technical merits of offering a 3-db noise figure advantage
over the baseline system without the addition of any new circuits, i.e.,
RF preamplifiers.
From a reliability viewpoint while the hot carrier diode promises
to be a highly manufacturable device due to the epitaxial process of manu-
facture and the large junction area, littleinformation is available about
the reliability of the device. A second drawback from a reliability view-
point is that Hewlitt Packard Associates is at present the only manufacturer
of these diodes. In addition, poor aging effects on the 2150 diode has
recently forced a change in the manufacturing process to produce a more
reliable unit. Because of the uncertainties associated with the reliability
and supply of hot carrier diodes, this approach to noise figure improve-
ment could be taken only on a high risk basis.
Of the three techniques considered, tunnel diodes amplifiers are
recommended as the best choice based on availability and performance.
However, because of the lack of life data they are not recommended for
the selected configuration. A life test reliability program should be
started so that these devices could be included at a later date. Ifused,
the tunnel diode amplifier could provide over-all increased receiver
reliability, decreased need for the 100-kw DSIF transmitter, and in-
creased command reception capability with the low-gain antenna.
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1.5.6 Receiver Selector
The receiver selector receives output signals and lock indication
from three receivers and on the basis of present logic selects the receiver
for each of two modes. The mode is selected in accordance with a signal
from the CS and C. In the selected configuration these modes are:
Mode I Select for maximum antenna coverage
Mode II Select for maximum antenna gain
The receivers are ordered as follows:
R1 Maximum coverage, minimum gain
R2 Intermediate coverage and gain
R3 Minimum coverage, maximum gain
Variations in modal operation or receiver characteristics will not have a
major effect on the receiver selector design or reliability.
The selector uses a priority system rather than a search procedure
for acquisition to reduce the time required to find the best selection in the
event of signal loss and to permit a better selection when reception im-
proves (in the event of reorientation of the spacecraft, for example, or a
change to a higher-power ground transmitter). The priority scheme is as
follows:
a) Mode 1 Use R1 if R1 in-lock indication is present.
Use R2 if R1 is not in-lock and R2 in-lock
signal is present.
Use R3 if R1 and R2 are not in-lock and R3
in-lock signal is present.
b) Mode II Use R3 if R3 in-lock signal is present.
Use R2 if R3 is not in-lock and R2 in-lock
signal is present.
Use Rl if R2 and R3 are not in-lock and Ri
in-lock signal is present.
The control signals from the receiver selector logic are used to
route three signals. First, the control signal enables power to command
channel baseband amplifier in the selected receiver. Second, the control
signal is anded to commands from the CS and C to power the selected
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range code baseband amplifier. Third, the control signal enables a solid
state switch in the selected receiver which permits the VGO output to be
sent to the modulator exciters. In addition, a signal is sent to the modu-
lator exciter to turn off the local oscillator signal and switch in the VGO
reference signal.
The control signals are generated by means of integrated logic
gates. A total of 16 gates in 8 micro packages are required.
1.5.7 Gommand Detector
Section 1.3.3 discusses the relative performance characteristics of
the two-channel command system and a one-channel system, both analyzed
within the constraints of the Voyager mission. It is concluded that the
relative simplicity and proven technology of the two-channel Mariner
design outweigh the slight improvement in efficiency offered by the one-
channel system at a 1 bps data rate.
The selected receiver system described in Section 1. t. 3c utilizes
redundant command detectors to provide the requisite reliability. On-
board automatic switching of detectors based on failure malfunction
detection is not practicable, and ground command switching cannot be
invoked through the failed unit. Therefore an addressing technique is
necessary.
Two methods of command detector addressing were considered:
spearating the VGO rest frequencies sufficiently so that subcarrier fre-
quency address could be utilized, and use of mutually orthogonal PN codes
in each of the command detectors.
Several maximal length PN sequences having maximum cross corre-
lation of about seven per cent have been examined. This amount of cross
correlation appears to be sufficiently small to enable reliable command
detector operation without false lockup of the unaddressed detector. If it
is found that false lockup can occur {most likely at high signal to noise
ratios) then this can be eliminated by separating the two VCO rest fre-
quencies by the order of 10 per cent in addition to using the orthogonal
PN code s.
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The determining constraints in choosing the clock frequencies are:
a) Lower limit-signal energy in carrier tracking loop band-
width, causing distortion of the synchronizing signal.
b) Upper limit-acquisition time.
Existing Mariner equipment uses a subcarrier around 500 cps and a PN
sync code of, approximately 500 bits, which is considered to ba a reason-
able compromise value for the frequency (see Section 1.3.3c).
The command detector is similar to the Mariner C detector described
in JPL EPD 277 "Mariner Spacecraft Functional Description. " The PN
generator is modified to permit selective addressing of each of two redun-
dant detectors through the use of different orthogonal PN codes for each.
The data output of the detector is inhibited unless the sync channel exhibits
an in-lock condition. Figure 3-34 is a block diagram of the detector.
Conditions imposed on the detector are as follows:
The S-band link is required to provide a composite
command subcarrier channel for the baseband signal.
The CS and C subsystem is required to accept NRZ
data at ! bps whenever the command detector provides
an in-lock signal.
c) The modulation method, subcarrier frequency, and data
rate must be compatible with the DSIF command-
generating and transmitting equipment.
d) Command data bits to the CS and C will be inhibited
whenever the command detector is not in lock.
e} Both the command word information subcarrier and the
sync information signal must be contained in the com-
posite command signal.
f) At high input-signal-to-noise ratios, lock-up on the first
correlation of the transmitted and locally-generated PN
codes must be highly probable with a maximum I. 5 cps
frequency offset between the command signal and local 2f s
frequencies. At a 19.5 db/cps command signal-to-noise
spectral density ratio, the probability of lock-up at the
first opportunity with a 1.5 cps offset is approximately 1/3.
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L
g) Detector acquisition will occur in one of two ways, depend-
ing on the availability of telemetry data:
t) If telemetry data are available indicating the detector
2 fs frequency and the lock condition of the detector,
the transmitted 2f s will be adjusted to a I cps offset
from the detector 2f s frequency and dummy command
data (all zeros) transmitted until a lock condition is
received.
z) If telemetry is not available, the transmitted 2fs fre-
quency will be swept through the range of possible
detector 2fs frequencies at a slow enough rate to
insure detector lock-up some time during the scan.
DATA
SUBCARRIER
J BANDPASS j --._ PHASE k_.J MATCHED HLIMITER 2f s DETECTORI I F,LTER
I H-
DATA BIT SYNC
fs PHASE MATCHED
DATA + SYNC SIGNAL DETECTOR FILTER
fs REF
I (90-DEG)
DEMODULATOR -I LIMITER J fs I DETEcT°R
I PN*f S,GNAL REFt
I I-ADDER
L l PN j. 2 fsfS REF (90-DEG)
PNCODE IGENERATORI
2fs REF
DATA BIT SYNC
J_... "_ DATA
FLIP-FLOPI _ _,TOCS
J_".J AND C
t _INHIBIA,_ LOCK
FUP-FLOPI J._ _.TO CS
J'--r'-- J AND C
LP FILTER JAND VCO
4fs
FLIP-FLOP J
DIVIDER
Figure 3-34. Command Detector
The functional characteristics of the selected detector are as
follows :
Subcarrier frequency
Sync code bit rate
Sync bandwidth
511 cps
511 bps
approx. 1500 cps
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IQ
Sync code length
Data bit rate
Sync channel loop bandwidth (2BLo)
Data detection
Threshold Pe b
Input S/N at threshold:
i) Data signal
2) Sync signal
3) Composite signal
Outputs
i ) Data bit train - NRZ
2) Data bit sync
3) In-lock signal
511 bits
I bit/sec
2 cps
Phase demodulation
and matched filter
ixlO -5
13.7 db/cps
16.7 db/cps
18.5 db/cps
1.5.8 VHF Preamplifier for Capsule Link Receiver
Mechanization of the VHF preamplifier is based on the capsule link
analysis {Section I. 3.4) and the VHF configuration {Section I. 2). This unit
receives a signal from the VHF antenna and provides two outputs, one to
each receiver.
The preamplifier provides sufficient gain with a low noise figure to
realize an over-all system noise figure _< 4 db. The unit consists of a
single stage RF amplifier driving two buffer amplifiers, one for each
channel. DC power is derived from both V-I-IF receivers through a diode
"or" gate. Thus either receiver can power the preamp. A block diagram
of the preamplifier is shown in Figure 3-35.
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___R F AMPLIFIER
BAND PASS
FILTER
/
BUFFER _ TO VHF RECEIVER NO. 1
AMPLIFIER /
BUFFER [__.,.AMPLIFIER TO VHF RECEIVER NO. 2
POWER _ DC POWER
DC POWER SUPPLY FROM
FILTER BOTH VHF RECEIVERS
Figure 3-35
VHF Preamplifier
Block Diagram
The over-all system noise figure is dependent upon preamplifier
noise figure, preamplifier gain, and receiver noise figure. An allocation
of 3.5 db preamplifier noise figure, I0 db single-channel preamplifier
gain, and a 4 db receiver noise figure has been made. All these parame-
ters are within the current state of the art. For these parameters the
over-all VHF receiver noise figure is given by:
NFRx- 1
,)NF t (db) = 10 logl0 (NFpr e +
Gpre
where
NFt(db)
NFpr e
NFRx
Gpre
= over-all VHF receiver noise figure
= preamplifier noise figure = 3.5 db or 2.24
= receiver noise figure = 4 db or 2.5
= preamplifier single-channel power gain
= 10db
NF(t)(db ) = 10 loglo (2.24
= 3.8 db.
2.5-i
+ l---if-- )
Characteristics of the preamplifier are as follows:
• Single-channel gain 10 db min
• Preamplifier noise figure 3.5 db max
• Frequency 136 Mc
• Bandwidth (1 db) 50 Mc
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1.5.9
• Input impedance
• Output impedance
• Number of output channels
• Power (from VHF receivers)
VHF Capsule Receiver
50 ohms, nominal
50 ohms, nominal
2
+20 volts, 0. I watt max.
Mechanization of the VHF receiver is based on the capsule-space-
craft analysis (see Section I. 3.4 and Section 2 of Appendix F). The VHF
receiver receives the signal from the VHF preamplifier and provides a
composite IF output signal to the capsule demodulator.
The VHF receiver is a single superheterodyne design. The choice
of frequency (136 Mc) allows the use of a single conversion receiver with
a I0 Mc IF output frequency. The selected modulation (noncoherent FSK)
permits the use of a hard limiting IF design. Thus, the receiver is de-
signed to limit on noise, and dynamic range problems need only be consid-
ered from the viewpoint of transistor stage overloading.
Of utmost importance in the receiver design is the minimizing of
local oscillator drift. The initial frequency is adjusted to + 0.001 per
cent, and the drift must be held to+ 0.002 per cent to meet the system
requirements for frequency uncertainty. Techniques of temperature com-
pensation and thermal control will be established during Phase IB.
Noise figure of the receiver at this frequency range will present no
problems. The desired receiver noise figure of 4 db is within the state
of the art.
The configuration for the VHF receiver is shown in Figure 3-36.
The output signal is of constant power level due to the limiter, and will
vary only in S/N. System threshold depends upon the performance of the
capsule demodulator.
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CRYSTAL
CONTROLLED
LOCAL
OSCILLATOR
H MIXER
Figur e 3- 36.
_ 10-MC SIGNAL
TO CAPSULE
DEMODULATOR
VHF Receiver Block Diagram
The following table gives the parameters of the VHF receiver:
Frequency (set to nominal d_0. 001 per cent) 136 to 138 Mc
L.O. stability + 0. 002 per cent
Noise figure 4 db
Maximum signal input (20 db b elow
saturation) -45 dbm
Input impedance 50 ohms, nominal
Minimum input level for hard limiting Noise
Output impedance 50 ohms
Output level (constant) 0 dbm
IF frequency (output frequency) 10 Mc
IF bandwidth (3 db) 44 kc
1.5. 10 Gapsule Demodulator
The capsule demodulator, which processes the 10-bit/sec data
received on the VHF link, accepts the 10-Mc FSK signal from the capsule
receiver. The output of the demodulator is a 10-bit/sec (NRZ) signal
which is coupled to the data handling subsystem.
The selected scheme for demodulation is required to work at low and
negative signal-to-noise ratios. For this reason, the first step of the de-
modulation process is the separation of the mark and space channels with
narrow band filters. These will be crystal filters since the mark and
space frequency separation is 22 Kc centered about the 10 Mc IF of the
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receiver. The bandwidth of each of these filters must be 22 Kc to accom-
modate the total frequency uncertainty in the data channel at the IF output
frequency.
The mark and space filters are followed with envelope detectors
connected with a summing circuit to provide positive and negative outputs
corresponding to the mark and space. The NRZ output from this summing
network is coupled to a matched filter detector and to a synchronizing cir-
cuit. The reconstructed data bits and a bit sync signal are sent to the data
handling subsystem. The synchronizing signal is required for interroga-
tion of the matched filter and the clocking out of the data bits to the data
handling subsystem. A primary constraint on the synchronizer is the
short acquisition time required and the multipath signal conditions.
A block diagram of the demodulator is shown in Figure 3-37. Mark
and space crystal filters with the characteristics shown are readily avail-
able. The envelope detectors and summing circuit are straightforward.
The 10 bit/see data demodulator consists of a bit sync detector and a data
bit detector of the matched filter variety. The matched filter is an inte-
grate and dump circuit keyed by the bit sync information.
VHF J
RECEIVER ----J BUFFER
IOMC OUTPUTI AMPLIFIER
Figure 3-37.
MARK FILTER J 1
fc : 10.011 MC DETECTOR
4-
SUMMER
SPACE FILTER n ENVELOPE I
22 KC BANDPASS
fc = 9. 989 DET CTOR
MATCHED k
FILTER NRZ 10 BITS/SEC DATA
" BIT SYNC
BIT k
SYNCHRONIZER IN LOCK SIGNAL
Capsule Demodulator Block Diagram
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The following summarizes the parameters of the capsule
demodulator:
Input Frequency i 0 Mc
Modulation FSK
Mark Filter, f 10.0ii Mc
c
Space Filter, fc 9. 989 Mc
Mark and Space Filter Bandwidths 22 kc
Input Power Level
Input impedance
Output Signal Rate
Input Signals
A. Power Supply Inputs
0 dbm
50 ohms
10 bit/sec NRZ
(asynchronous with the
data handling rates)
B. 1 0 Mc Noncoherent FSI4 Signal from
the Capsule Receiver
Output Signals
A. 10 bit/sec NRZ signal to data handling subsystem
B. 10 pulse/sec bit sync signal to data handling subsystem
C. Digital in-lock signal indicator to data handling
subsystem
I. 5. ii RF Switches
The telecommunication subsystem provides the capability of utiliz-
ing any one of the three transmitters with any one of the three antennas.
Additionally, a probe in the high-power transmitter system provides
information to the transmitter selector on the status of the operating trans-
mitter. The transmitter selector selects one of the transmitters and
provides a signal to allow that unit to utilize one of the three antenna
systems.
Two four-port circulator switches are used to connect the selected
transmitter to the desired antenna systems. The functional diagram is
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shown in Figure 3-38. Each circulator section of the two section switch
can be switched independently. Switching is done by reversing the DC
magnetic field through the ferrite, which is an integral portion of the
strip transmission line inside the circulator. This magnetic field will not
exceed 7.5 _at 1 foot. Total insertion loss from transmitter input port to
either output port is 0.7 db maximum. The isolation between transmit-
ters is 20 db minimum. The maximum VSWR over the frequency range
does not exceed I. 36:1 with respect to 50 ohms impedance at all ports.
POWER
AMPLIFIER
POWER
AMPLIFIER
POWER
AMPLIFIER
t
<q
SWITCH NO. 1 ANTENNA NO. 1
DIPLEXER
 ,a/i 8_
_< _ I DIPLEXER T
_TO RECEIVER NO. .'1
SWITCH NO. 2
Figure 3-38. Circulator Switches Function Diagram
Two other devices have been studied for use in the same switching
function, solid-state semiconductor switches and mechanical latching
switches. The drawbacks in using semiconductor switches include high
inherent mismatch, high insertion loss of unit, high drive power neces-
sary for operation, and inability to handle high average power levels.
The advantage of using switches of this type is the fast switching time.
However, for Voyager fast switching time is not required.
Drawbacks of mechanical latching switches include high drive power
necessary for operation, inherent ringing of the latching mechanism
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causing some FM of the carrier, long switching time between output
ports, low reliability as experienced in previous systems. Mechanical
switches have electrical characteristics comparable to the circulator
type.
1.5.12 Diplexers
The simultaneous operation of a receiver and transmitter with a
common antenna requires diplexing circuitry. Since the transmitter and
receiver operate at different frequencies it is possible to connect them to
a common antenna through frequency selective devices, consisting of
bandpass filters tuned to the proper frequencies. The filters provide
isolation between channels and reject spurious signals outside the pass-
bands.
The electrical characteristics of the diplexer are summarized in
Table 3-13. These characteristics will be maintained over the tempera-
ture range of -40 to +90°C.
The receiver pass-band, nominally 10 Mc centered about some
frequency between 2110 and Zl20 Mc, and the transmitter pass-band,
nominally !0 Mc centered about some frequency between 2290 and 2300
Mc, have an insertion loss of 0.5 db maximum from their respective
ports to the antenna port. Amplitude ripple within these pass-bands does
not exceed 0. t db peak to valley. The VSWR at any port does not exceed
1.36:1 with all unused ports terminated in a 50-ohm load.
Isolation between the receiver and transmitter terminals is 70 db
minimum throughout the frequency range of .guu"=_ to _ a_a ......_r
The transmitter terminal of the diplexer exhibits a DC open circuit
from center conductor to ground to minimize the magnetic loop charac-
teristics from the TWT power amplifier.
The diplexer consists of a five-element bandpass filter in both the
receiver and transmitter arms whose feed is a common antenna terminal.
This device is employed in the Pioneer spacecraft in a similar configura-
tion and identical manner. The physical envelope is approximately
2.0 x 3.5 x 6.8 inches exclusive of connectors. The total weight of the
unit will not exceed 13 ounces.
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Table 3-13. Electrical Characteristics of the Diplexer
Frequency
(Mc)
1500
1700
1900
20t4
2060
2105
2110
2115
2157
2252
2287
2292
2297
2338
2550
4584
6876
Insertion Loss
Antenna to
Receiver
(db)
7O
7O
0.50
0.5O
0.50
70
70
70
i Antenna to
Transmitter
(db)
7O
7O
70
70
70
0.50
0.50
0.50
70 70
70 70
70 70
Is olation
Receiver to
Transmitter
{db)
7O
VS WR
WRT to 50-Ohm
Line
t9
_9
I. 36: I Cg
0
1.36:1
1 36:! o
•
<
1.36:1
1.36: ! _
0
1.36" 1 ._
o
70
40
1.5. 13 Four-Port Coupler
A four-port coupler is used between the exciter stages and power
amplifiers (TWT) of the transmitting system to provide the necessary iso-
lation between the two exciter inputs and the two power outputs to the
TWT power amplifiers. This alleviates the use of a switching mechan-
ism between these devices and, further, permits power to be continually
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supplied to both of the power amplifiers regardless of which exciter is
being utilized. Any mismatch as seen by the coupler will cause a mini-
mum of disturbance to the rest of the system. The unit consists of a
four-terminal pair capacitively coupled quadrature hybrid.
As sketched above, when all the ports are terminated in their
characteristic impedance Zo, the coupled voltage,
by an applied voltage, VI, at port I is equal to
V2 = jk sin 8
V l _/l - k 2 cos @ + j sin O
V2_ at port 2 produced
(3.3)
while the voltage at port 4, V4, at the end of the straight-through arm is
v_i - kz
V1 _ - k 2 cos @ + j sin @ (3.4)
The voltage, V3, at port 3 is zero for all frequencies. Here e is the
electrical length of the coupled-line region. The midband amplitude
_v_1,, sl._.., _r+n_',...... k., is _iven in terms of the even. and odd characteristic
impedances, Zce and Zoo ,
Z - Z
oe cok=
Z + Z
oe oo
while the characteristic impedance Z ° is expressed as
Z ° = / ZOO Zoe
Upon imposing the restriction of equal power split at ports 2 and 4,
and 0 equal to a quarter wavelength at the center frequency of 2250 Mc,
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the power split over the entire range of 2000 to 2500 Mc is obtained.
Since this is normally an octave device the power split in ports 2 and 4
will be - 3 _5=0.25 db over the frequency range given above.
The isolation of port 3 from port 1, or port 2 from port 4 is 28 db
minimum, and the maximum VSWR for all ports with respect to 50 ohm
resistive impedance is 1.15:1.
The coupler occupies less than 3"x 3" x 1" and weighs 1t ounces
maximum.
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2. DATA HANDLING SUBSYSTEM
2. I Introduction
The Voyager spacecraft data handling subsystem is required to
perform the following functions:
a) Sample and encode spacecraft engineering and science
data into a time-multiplexed PCM signal.
b} Record high rate science data and enable playback under
control of the data automation equipment (DAm}.
c} Accept capsule telemetry data in a serial bit stream
from either the capsule-spacecraft umbilical or the
capsule telemetry receivers.
d) Mix {or interleave) formatted capsule data, scientific
data (video, scan, and low rate) and engineering data
into a serial PCM bit stream. Both real-time and
stored data may be interleaved.
The output of the data handling subsystem is composed of two
lineariiy mixed subcarriers, one modulated with the time multiplexed
PCM data as described above and the second modulated with a PN code.
Transmission rate tradeoffs as a function of communication
system design and measurement requirements have resulted in a
maximum transmission bit rate of 4096 bits/sec. * Based upon the
measurements required, a range of bit rate requirements is presented
in Table 3-14. As can be seen, the sum of the maximum bit rate in
each data category exceeds the maximum transmission rate capability.
......_u...... ._,-,. it.. ......_nr)t necessary, to provide_ all peak rates simultaneously.
For example, a low duty cycle sampling rate is used for engineering
data during the video transmission. Also until the spacecraft orbits
Mars video transmission is not employed.
The transmission bit rates selected are 4096, 2048,
bits per second. See Section III, Paragraph I. I. 5.
1024, and 128
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Table 3-14. Summary of Data Rate Requirement
Data Form
Engineering
Science (Scan
or R4apping)
Science I
(Ambient, Flare :
and Calibration)
I
Science
(Video) i
Synchronization =,
and Identifica- t
tion
Bit Rate
(bits/sec)
350-IZ00
40-140
163,000
i Duty CTcle
i Continuous
• Low Duty
Cycle Basis
260 Scan [
per hour
Continuous 1
]
t
IZ picture
pairs per 14.4
! hour orbit i
t
Average Bit Rate
(bits/sec)
350-1200
5O
195
40-140
Z9ZO
100-400
Total (max) 4855 bits/sec
(min) 1995bits/sec
Based upon transmission rate limitations, it is desirable to
provide flexibility for different operating modes and formats as a
function of mission profile and thereby achieve an efficient match of data
transmission. For example, some of the data (e.g., video) is best
processed in a data block form both from the standpoint of vehicle and
ground data processing. Additionally, it is pertinent to consider longer
transmission distances and failure modes in the R/" link which would
limit the transmission rate to lower values such as 128 bit/sec.
Consequently, design considerations and tradeoffs are required to
achieve a system organization which is adaptive to changing mission
requirements as well as possible failure modes. An additional factor
favoring a degree of flexibility is the long mission duration (approxi-
mately one year).
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Other constraints which lead to design tradeoffs relate to the
interfaces of the telemetry subsystem. For example, compatibility is
necessary with the spacecraft DAm, CS and C, power supply, receiver
demodulators and transmitter.
Since the data handling subsystem is required to interleave
different data streams, it is therefore necessary to exchange synchro-
nization between the DAE and the data handling subsystem. Special
interface considerations are necessary during special activity conditions
such as a solar flare.
A ground rule for the design of the data handling subsystem is that
implementation be based upon the present state of the art (1966). Based
upon over-all spacecraft system considerations, a reasonable allot-
ment for data handling weight and power appears to be approximately
45 pounds and 30 watts, respectively. As will be shown, these bounds
do not present difficult design constraints. Therefore, prime considera-
tion during this study is oriented toward system organization, implemen-
tation and maximization of reliability.
Other considerations concern such factors as the design of the
format and synchronization such that a ground data processor can
reliably detect, synchronize and process received data regardless of
the format or mode in use. For example, these considerations lead to
use of standard frame and word sizes, as well as common synchroniza-
tion coding.
Redundancy _ _'==,_ in,,,_f_g_t_d in terms of:
• Basic need
• Level of application
• Compatibility with interfaces
The design approach during the study has been oriented to the use
of black box functional redundancy as well as backup modes which
provide a measure of redundancy.
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2.2 Design Considerations and Approaches
2.2. 1 General
Figure 3-39 is a simplified block diagram of the data handling
subsystem which illustrates the basic functions and general interfaces
required. The signal conditioner, PCM encoder, bulk storage, and low
capacity b_ffer store provide a functional capability for the requirements
as discussed in Section 2. 1. (This figure does not show equipment
redundancies which are included to improve reliability. The system is
shown in the form of Figure 3-39 to clarify the functional description. )
The signal conditioner provides linearization and voltage
normalization for various sensors such as temperature transducers.
The PCM encoder functions to:
a) Sample and encode approximately 380 engineering analog
and digital inputs into a time multiplexed output signal.
b) Interleave combinations of the capsule, low rate science,
high rate science, and engineering data into a serial
PCM output.
c) Provide a PCM modulated data subcarrier and PN
modulated sync subcarrier to the transmitter.
The bulk storage operates to store up to twelve picture pairs per
orbit, as well as high rate science, the actual number of pictures
depending upon the specific orbit. Command control via the CS and C
selects the program for this picture processing according to the
following possibilities:
Orbit
Nominal (14.4 hr)
Nominal (14.4 hr)
Non-nominal ( _14.4 hr)
Video Storage
6 pictures pairs/orbit
12 pictures pairs/orbit
Store to complete "Fill"
Readout Time (at
4096 bits/sec)
1/2 orbit
1 orbit
Depend upon orbit
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j , -
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TAPE DRIVE
CONTROL
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Figure 3-39. Simplified Block Diagram of Base
Line Data Handling Subsystem
The buffer sto'rage (=105 bits) is used in three ways: 1) to store
capsule data as a backup to real time transmission during capsule entry,
2) as a speed reduction device to read out of the bulk storage at
128 bits/sec, and 3) to store low rate science data during each video
picture readout time.
A tape recorder has been selected for bulk storage. Although
there are various other bulk storage mediums available, they are either
experimental or in early stages of development (see Section 2.2.7).
2.2.2 Data Storage
The largest component of data rate requirement (=2920 .... /fJ&i,_ / SeC)
stems from the high rate science data. This consists of video and scan
data read out from sensors at bit rates which preclude real-time trans-
mission. Consequently, a store of some type is necessary for speed
transformation. Based on resolution and other factors (as described
in Section II-I), it is desirable to provide storage for 24 pictures
(6.3 x 106 bits per picture or a total of I. 5 x 108 bits) plus other high
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rate scan data which results in a total storage requirement of approxi-
mately 2 x 108 bits. For the resolution indicated, video data is read
into the storage unit at a rate of 163,800 bits/sec. The principal
consideration in the choice of bulk storage is reliability. Power, weight,
and speed control with regard to interfacing with synchronous formats
are important parameters.
Based on the above write-in rate, a significant technical problem
for this data storage is the high write-read ratio (greater than 1280: 1)
required at the lowest rate of 128bits/sec. At the present state of the
art, tape recorders cannot practically achieve this ratio. On the other
hand, tape recorders provide one of the most reliable approaches to
bulk storage and are proven in spacecraft environments. It is possible
to employ a tape recorder, and circumvent the ratio limitation by the
use of a small magnetic core storage, which acts as a temporary buffer
before final readout when using the lower bit rate. Present day tape
recorder write-read ratios are approximately 100:1 and investigation
indicates a 2:1 improvement by 1966. Therefore it is reasonable to
assume that tape readout directly into telemetry can be used down to
1024 bits/sec. In this way, the core buffer need only be used during
adverse conditions or failure modes, i.e., at 128 bits/sec. The buffer
is implemented using square loop 20-rail magnetic cores in the form
of a matrix. This type of memory, for moderate size, has all the well
known advantages of a static storage. Many magnetic storage units of
this type have operated in space for periods over two years.
At the present state of the art, 108 bits storage (6 picture pairs)
can be satisfied with one tape recorder. In order to provide redundancy,
two units are provided. These two recorders can also be used in
series to obtain twice the number of pictures per orbit. While three to
four tape recorders could be used, sufficient reliability is obtained by
use of two.
The use of the magnetic core buffer to achieve the step-down in
speed ratio does require some consideration. Basically, a "two beat"
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cycle is involved. That is, the tape storage output is written into core
storage until it is filled and then the tape recorder is stopped for the
period required to read out the core buffer. This cycle can repeat
continuously for this mode. A loss of some tape recorder data is
incurred during start and stop cycles. The scope of this loss is a
function of the transient start and stop time intervals relative to the
magnetic core buffer size. Based on this factor as well as weight, size
and complexity for this type of memory, a magnetic core buffer capacity
of approximately 115, 000 bits is chosen. The loss, with this size
memory, represents 1 part in 160. However, the 128 bits/sec rate is
a backup mode and normally this special step-down technique is not
required. One approach to eliminate this small loss involves program-
ming the stored data on the tape (with appropriate start-stop synchro-
nization). Block storage on the tape recorder is required whose
capacity is less than or equal that of the core memory. However, the
extra complexity in programming and logic is not believed to be
warranted for the gain achieved.
There are several approaches which have been evaluated in
regard to the transmission mode for video:
a) The video may be regularly interlaced (within the interval
of one picture) with RT scientific and engineering data.
However, it is preferable to read out one complete picture
without any interruption. In case of synchronization
problems or other failure modes, the regular interlaced
case could result in confused or lost picture data.
b) _& mode having video and scan data exclusively could be
used. However, there would be excessively long periods
during which low rate scientific and engineering data
would be absent. Sensing of scientific environment and
consolidation with spacecraft performance is considered
necessary and therefore this approach is rejected.
c) A mode which interlaces one continuous picture (7 x 106
bits) and scan data with sequential frames of low rate
science accumulated in a buffer storage followed by
frames of engineering is considered the most reliable
approach. This provides a low but sufficient sampling
rate for the engineering and scientific data.
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Synchronization of the tape recorder output data with the interlaced
low rate scientific and engineering data (and PN synchronous) involves
several design considerations. Abasic need is that the tape recorder
output be phase synchronous with the real time clock for the PCM
encoder. This will insure that the ground bit synchronizer and signal
conditioner will maintain lock and is achieved by providing word rate
clock to the tape recorder. Advantages of using word rate (rather than
bit rate) is that the absolute rate is more compatible with the tape
recorder speed control loop and additionally the tape recorder output
is forced to be phase synchronous with the PN sync. Also, the bit rate
clock at 163 kc is more difficult to record on a single track.
2. 2. 3 Mission Profile
The design of the data handling subsystem is based on providing
formats and modes of operation which adapt to the various portions of
the mission. The flexibility for format, mode, and bit rate changes
are required to permit efficient use of the available sampling rates
under both normal and degraded conditions. Table 3-15 shows the data
formats as a function of the mission profile. Since the capsule format
requires such a low bit rate (i. e., = 10 bits/sec), it is included within
the engineering format. Additionally, the scientific ambient, flare
and calibration data are mutually exclusive. Six different formats are
provided for the transmission of data. These are:
Format A - High R_te Scientific
B 1 - Low Rate Scientific (Ambient)Format
Format B 2 -
Format B3 -
Format C -
Low Rate Scientific (Flare)
Science Calibration Data
_.ngine e ring
Format D - Capsule
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All possible permutations (modes) of the formats are not necessary
because very small gain in information transmission is achieved.
Table 3-16 shows the seven possible modes which result as a function
of the following:
a) The calibration mode is for a short time and need only
be correlated with science engineering data.
-b) Video and other high rate science data will also be
accompanied by a small fraction of engineering and
low rate scientific data to provide correlation and
general status information.
c) The seventh mode is added to provide a slow readout
video when the transmission bit rate is 1Z8 bits/sec.
Although the sequence of this mode is identical to that
of Mode 4, the absolute amount of picture or scan data
in each sequence i_s only Z56 data frames (=115,000 bits
rather than 7 x 10 ° bits).
Table 3- 16. Data Modes
Data Model Capsule
I
II
X
(RT)
III X
(RT)
IV : X
i (RT)
V
1
VI
|
VII
(Failure I
Mode ) j
, Science Video Calibration
' X t and Scan Science
i_n$ineering ,,-{L°w Rate) , "_i
I
l (RT) ,
X
(RT)
|
I
(RT)
X
(RT)
X
(RT)
X
(B)
X
(B) !
X X X
(RT) i (RT) (RT)
, I
X
(s)
X
(S and B)
X
(RT)
RT = Real-time data
S = Stored data in bulk storage (2 x 108 bit _ape recorder)
B Stored data in buffer storage (1. 15 x 10" bit core
storage )
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The operational modes just described are summarized below in
relation to the formats:
a) Data Mode I 97 per cent engineering and 3 per
cent capsule data. Transmission of
Format C, including 2 words of
Format D in each frame.
b) Data Mode II
c) Data Mode III
d) Data Mode IV
100 per cent real time scientific
data. Transmission of either
Format B 1 or B 2 as selected by DAE.
1/5 engineering (1 frame) and 4/5
science format (4 frames). B. or
B 2 with C. As selected by DA_E.
98 per cent bulk storage playback,
2 per cent real time engineering and
buffer stored scientific. Trans-
mission of Formats A, B, and C in
sequence.
e) Data Mode V
f) Data Mode VI
100 per cent transmission of science
payload calibration data, Eormat B 3.
100 per cent transmission of play-
back of buffer stored capsule data,
256 frames, Format D.
2.2.4
g) Data Mode VII
Data Formats
Playback of bulk stored data through
the buffer. 256 frames of high rate
science data from the DAE followed
by 5 frames of real time engineering
data. Transmission of Formats A,
B and C in sequence.
a. Basic Format Sizing
Six different formats are used for processing various types
of data inputs. Usual considerations in the design of a single format
include such factors as frame synchronization {if used), frame, and
word sizes, etc. Additionally, for Voyager, it is desirable to provide
commonality of format design among all formats, since they will be used
in different combinations to provide seven data transmission modes.
3-131
The reason for this is not only to simplify ground data processing, but
is to provide the means for synchronously meshing these formats, not
only in bit synchronism but also phase locked in frame groups. These
formats are shown in relation to the data modes in Figure 3-40.
Since the frame size is related to a multiple number of words,
it is practi'cal to consider word size prior to the choice of frame size.
The following is the approximate accuracy (in bits) required
from various data sources:
1) Science 7 to 8 bits
2) Video 6 bits
3) Engineering 6 to 7 bits
A 7-bit word size appears compatible with nominal accuracy
requirements and additionally is compatible with the approach for
using a 63-bit PN code (9 times the bit rate) to derive word synchro-
nization. Choice of frame size is primarily based on efficiency, that is,
it should be reasonable long so that fixed words such as group synchro-
nization and format (or mode) identification result in a low percentage
of total bit rate capacity. Based on aUowing I0 per cent for these
items, and simplicity of implementation, a 64-word frame is chosen
for all formats (448 bits).
Within this main frame structure,
synchronization and identification, namely:
a)
b)
c)
d)
e)
certain words are used for
three words for frame synchronization
one word for format and bit rate identification
one word for subcommutator identification
(engineer ing)
four words for subcornmutator channels (engineering)
7 to 12 bits for video and scan identification (high
rate science only)
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ENGINEERING AND CAPSULE
64 WORDS FRAME_
28,672 BITS/PRIME FRAME
Q LOW RATE SCIENCE DATA
448 BITS/I: RAME J
LOW RATE SCIENCE AND
ENGINEERING DATA MIX
4 FRAMES SCIENCE
448 BITS/FRAME
1 FRAME ENGINEERING AND
CAPSULE - 64 WORDS
@
Q
®
®
HIGH RATE SCIENCE DATA MIX
I VIDEO PICTURE
6.87 x 106 BITS
448 BITS/FRAME
SCAN AND SPECTROMETER DATA
1.2 X 106 BITS- 448 BITS/FRAME
LOW RATE SCIENCE DATA (FROM BUFFER)
256 FRAMES- 448 BITS/FRAME
APPROX 1.15 X 105 BITS MAXIMUM
ENGINEERING (REAL TIME) AND CAPSULE DATA
64 FRAMES- 64 WORDS/FRAMES
CALIBRATE SCIENCE DATA
l 448 BITS/FRAME J
CAPSULE DATA
256 FRAMES
BUFFER STORED HIGH RATE SCIENCE DATA MIX
256 FRAMES HIGH RATE SCIENCE
(VIDEO AND/OR SCAN AND SPECTROMETER)
448 BITS/FRAME
11 FRAMES LOW RATE SCIENCE DATA
448 BITS/FRAMES
5 FRAMES ENGINEERING AND CAPSULE DATA
64 WORDS/FRAME
Figure 3-40. Data Gathering Modes
The choice of frame synchronization code is primarily based
on the ability for the ground data processor to optimally detect and
recognize the code. Based on the analysis performed in Section 5 of
Appendix F, the code pattern chosen is 21 bits in length consisting of
a 7-bit Barker code followed by two complement Barker codes.
b. High Rate Science Data
This category of science data consists of the following outputs:
1) Video {photographic)
2) Scan
The video requires 80 to 90 per cent of the data capability
during the orbital phase. All of these inputs must use pretransmission
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buffering to match the real time transmission rate. Consequently, it
is logical to time share one output from the DAE which is applied to the
tape recorder.
The magnitude of the bulk storage is primarily a function of
the picture resolution. Table 3-17 shows a tradeoff of storage require-
ments versus resolution. Based on the objective of providing Ranger
resolution, and since the corresponding storage capacity is feasible,
this resolution was selected.
Table 3-17. Video Resolution versus Storage Requirement
Raster Bits/Picture
Total Bits/Raster
Write-In (bits/sec)
Readout (bits/sec)
Re s olut ion
Similar
to Ranger
1020 x 1024 x 6
6.3x 106
i. 64 x 105
Inter me diate
Re s o lution
500 x 500 x 6
1.5x 106
3.5x 104
4096/2048/102_ 4096/2048/1024
i
1
Re solution
Similar
to Mariner C
200 x 200 x 6
2.4 x 105
5. 5 x 103
4096/2048/1024
Write-In/Readout Ratio
Total Store
Recording Tracks
Picture Pairs
Density
Viewing Re solution
40/80/160 !8.8/17. 5/35
i
i x 10 8 bits 2. 5 x 10 7
9
1000 bits/in.
1 km
3
2000
2 km
I. 4/2.7/5. 5
2.5x 10 7
3
36
2000
5 km
Includes clock track and data gap track.
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Six-bit quantization of the intensity level of each point provides
an intensity resolution equal or in excess of the capability of the human
eye to distinguish. While this does not match the 7-bit word size of
the engineering data, the tape recorder capacity and transmission
requirements are reduced by 14 per cent. The main consideration in
terms of commonality between formats is to provide a standard frame
size and an integral number of words per frame.
The number of 6-bit video words that can be formatted within
the 448-bit frame selected (as the standard vehicle main frame) is now
considered. Within each frame, a number of bits are allocated to
identify the location within the raster. In addition, frame synchroniza-
tion, format and bit rate identification are required. Consideration of
these items shows that 408 of the 448 total bits (68 elements) can be
accommodated for video within each frame. Fifteen of these frames
then provide 1020-element resolution for a video line. This is in excess
of 1.4 times the resolution of existing vidicons and therefore does not
become a limiting factor in the quality of the transmitted picture.
Vertical resolution is satisfied by 1024 lines per picture. This informa-
tion, and how it affects the total bit transmission, is summarized in
Table 3-18. One frame of engineering data within the DAE has been
added to allow inclusion of elapsed time, pointing, temperature and
voltage measurements to permit correlation with the TV picture. The
sync and identification bit total of 40 was arrived at by summing the 21
bits for frame sync, 7 bits for format and bit rate identification and
'* _'+o req,l_H to locate a frame within the video raster to within one
quarter of a video line.
The scan data was then considered for the period of time of
one video picture. To compare these on a practical basis, the scans
have been formatted similarly and the resultant data appears in the
previously mentioned Table 3-18. The sum of the scan data is almost
one-fifth as large as the video raster. To store this quantity (1.2 x 106
bits) in a core memory storage or on a separate tape recorder would
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Table 3-18. High Rate Science Data Formatting
Experiment
I. Television
Camera
2. Scan
Radiomete r
3. IR Reflection
Spectrometer
4. UV Spectrometer
5. Meteoroid Flash
6. Other Instruments
Total
No. Scans Over
a Period of One
Picture Readout
1
I
! 10 - TV Area
I 150 - Others
4 - TV Area
15 - Others
5 - TV Area
75 - Others
Data Bits
per
Measurement
6.3x 106
3.3x 103
Z.4x 103
2.5x 103
70 bits/sec
70 bits/sec
Sync and
Identification
Bits/Frame
40
36
35
35
36
36
Frames
per
Measurement
15, 361
8
6
6
Frames Accum-
•lulated Over a
Period of One
_icture Readout
15,361
1,360
114
496
365
365
18,061
Bits (106) Accum-
mulated Over a
Period of One
Picture Readout
6. 87
1 0.61
0.05
1
i
I
l 0.22
0.16
0.16
8.07
be considerably less efficient than to store this data immediately
following the video raster on the tape storage unit. Therefore, the
scan data is made a part of the high rate data format.
Consequently, the high rate science data format is composed
of a sequence of frames equal in length to the engineering data frame.
The over-all sequence of frames consists of one video picture followed
by many scans of radiometer, infrared, and ultraviolet data plus other
high rate data such as meteor flash. The data is digitally encoded and
formatted within the DAE of the science payload and provided on a
single output line. The format will contain elapsed time data, data
location identification and any engineering measurements relative to the
science measurements (e.g., the pointing angles of a camera at the
time a video picture is taken).
c. Low Rate Science Data
This section discusses three categories of low rate science
data. These three categories, the ambient, flare and calibration, are
transmitted through one interface line to the data handling subsystem.
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Ambient. The ambient low rate science data is composed of
science measurements from several particle and field experiments,
such as particle counters, magnetometers, and meteor impact measure-
ments. A summary of a hypothetical group of such experiments is
shown in Table 3-19. The low rate science data measurements can be
format arranged, as long as standard frame size and synchronization
are included.
Table 3-19. Low Rate Science Data Formatting
E xpe rime nt
Data Bits During
Average Readout of Complete Frames
Number Bit Rate High Science Format {at 4096
Sensors {bits/sec) {at 4096 bits/sec) bits/sec)
1. Meteoroid Impact 4
2. Magnetometer 1
3. Plasma Probe 2
4. Cosmic Ray 4
5. Trapped Radiation 3
6. Ionosphere 1
Engineering
Measurements 35
Synchronization and
Identification at 10
per cent
I. 0 2,070
5.0 I0,350
2.0 4, 140
0. 16 330
3.5 7,245
0.25 520
4 measurements
per raster 980
Z, 565
Total 28, 200 63
Summarizing, the low rate science data is digitally encoded
and formatted within the DAE into a sequence of frames equal in length
to the engineering data frame. Each data frame will contain synchro-
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nization signals and data format identification. Any necessary channel
location identification will be contained within the data, in addition to
elapsed time and any engineering measurements within the science
payload.
Solar Flare. The DAE will sense the presence of a solar
flare and control the operation of the data handling subsystem during
its occurrence, taking precedence over any other data format. The
solar flare format is supplied on the low rate science data interface
line. The DAE will provide any necessary integration or data sampling
required to reduce its content to the current telemetry bit rate.
Calibration. The DAE will provide a format for calibrating
science experiments at programmed intervals, or on command. This
mode will provide calibration signals matched to the experiments.
The resulting output signals will be formatted into standard frames with
synchronization, identification, and elapsed time signals.
Engineering. The engineering data is composed of space-
craft and subsystem performance measurement (including command
verification). A representative set of measurement requirements are
listed in Section 7, Appendix F. The capsule data format is also
interleaved within this format. To handle the 330 analog, binary, and
discrete channels required within the basic 64 word standard format,
subcommutation is used. Table 3, Section 7, Appendix F summarizes
sampling rate requirements. Two sampling rates (main frame and
subframe) satisfy all requirements. The resultant format is shown in
Figure 3-41. Using four subcommutators, a growth factor of 16 per
cent remains on a per channel basis. However, since only 43 channels
of the main frame have been assigned, a sampling rate growth factor
of 39 per cent remains. This is considered a reasonable factor
recognizing the historical growth patterns of measurement requirements
of previous flight programs. The channel allocations have included
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Figure 3-4i
Commutation Format
provisions for synchronization signals, data format and bit rate identi-
fication, subcommutator location, identification, and an elapsed time
indication.
Capsule Data. Capsule data is formatted in the standard
spacecraft frame size of 448 bits. Fixed words provide frame synchro-
nization, format identification, and other identification, as required.
The capsule data is hardwired to the PCM encoders prior to separation
and forms a portion of the engineering data format. After separation,
the capsule data is available to the PCM encoders as dual outputs of
the demodulators. With the capsule data supplied at 10 bits/sec,
approximately 3 per cent of the engineering data format is required
for this data, using dual channels for redundancy. The capsule data is
buffered --:_U'_w,_,,,+_'_..__c__........_nc_der to permit bit phase synchronization.
In addition, three hours of capsule data can be stored in the buffer
storage for playback upon command.
2. Z. 5 Transmission Modes
a. General
The operating modes for data transmission were briefly
outlined in Section 2. Z. 3 as they pertain to the mission profile. Now
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that the formats have been described in some detail, this section will
examine the seven data modes in more detail. Figure 3-4Z shows the
different transmission modes and Figure 3-40 illustrates the format
content of the seven data modes. The following paragraphs describe
these modes:
b. Engineering Data (Mode I)
During the launch and maneuvering phases, maximum
interest is directed toward acquiring spacecraft and subsystem per-
formance data as well as command verification. Minimal interest is
expected in science data during these times and most of the available
sampling rate is required for engineering data. Therefore, an opera-
tional mode has been provided which gathers only the engineering data
format (which also includes capsule data).
O SCIEN_CE
LOW RATE
ENGINEERING DATA
AND CAPSULE
REAL TIME
DATA
OUTPUT
I
BULK STORE
®
®
ENGINEERING
AND SCIENCE
HIGH RATE SCIENCE
"ONE VIDEO RASTER
'G "SCAN
BUFFER
®
VIDEO
256 FRAMES
©
CAPSULE
SCIENCE
CALIBRATE
(1.8 X 104 MAIN
FRA_.I'A_: ¢'_ _E NGI NEERI NG
! 5 FRAMESREAL TIME
64 FRAMES [_
ENGINEERING
REAL TIME
SCIENCE
J 11 FRAME S
REAL TIME
256 FRAMES
SCIENCE
(BUFFER)
Figure 3-42. Transmission Mode Tree
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c. Low Rate Science Data (Mode II)
During the long interplanetary cruise phase, there may be
periods when maximum interest will be in science data (e. g. , solar
flares). Consequently, this mode provides an exclusive transmission
of science data.
d. Low Rate Science and Engineering Data (Mode III)
During the major portion of the cruise phase, it is desirable
to provide a large capability for the gathering of science data, while
still monitoring the engineering data. During this phase the minimum
engineering sampling requirement (300 biL_/sec) is considered
adequate. Therefore, a science-engineering data mix corresponding
to four frames of science for each frame of engineering is selected.
e. _High Rate Science Data (Mode IV)
During orbital operations, the transmission of video data
becomes the major mode of the data handling subsystem. To provide
a complete cross section of data, the video is interlaced with science
and engineering data. Design considerations are oriented to provide
the following features, that
l) Video be recorded and read out for transmission
as a block of frames (equivalent to one picture)
without inter ruption.
2) Scan data follows video (synchronously).
_ 1_thnr_ nf recordin_ is continuous (no start-stop)
during this mode.
To interleave the low rate science accumulated in the buffer
with the high rate science output of the recorder, the DAE programs a
"no" data gap on a separate track so that these two separately derived
data can be synchronously interleaved. Figure 3-43 illustrates _his
case.
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READOUT OF f
VIDEO AND SCANS I
(FRO M BULK STORE) I
I
LOW RATE
SCIENCE DATA
VIDEO DATA
A
ENGINEERING DATA
(PCM ENCODER)
SYNCHRONIZATION
(FROM TAPE RECORDER)
TO READOUT LOW RATE
SCIENCE AND ENGINEERING
Figure 3-43.
33 MINUTES
(4096 BITS/SEC)
J_ STORED PERIOD
J-- 115K BITS
TAPE
SCAN DATA DATA
GAP
_l-._35 SECONDS (AT 4096)
--_ J--,_.-- 28 SECONDS
M'II
READOUT
PERIOD OF STORED DATA
--_1 _ 7 SECONDS
n
READOUT PERIOD
OF REAL-TIME DATA
77
High Rate Science Data Mix Timing
Based on the objective of maximum video and science trans-
mission, the engineering sampling rate is chosen to be approximately
Z per cent of the total link capacity. If engineering data is required at
a higher rate (because of some anomalies), an exclusive engineering
format can be commanded.
f. Calibration Science Data (Mode V)
A data calibrate mode is an exclusive mode within the low
rate science output.
g. Capsule Data (Mode VI)
Capsule entry, descent, and landing is a critical period for
data retrieval. Consequently, to provide backup to the real-time relay
link transmission, the capsule data will be stored within the buffer
storage. Approximately three hours of i00 per cent capsule data
storage is provided. Playback, upon command, will require approxi-
mately 1/2 minute at the 4096 bit rate.
h. _High Rate Science (Low Bit Rate Transmission) (Mode VII)
As previously discussed, the tape recorder write-read ratio
is too high at IZ8 bits/sec to permit direct readout. Instead, a magnetic
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core buffer is used as an auxilliary speed step-down device. Sizing the
buffer at 256 frames, or approximately 1. 15 x 105 bits, permits the
readout of 17 video lines at one time. Reading data into the buffer from
the tape at 2048 bits/sec requires 56 seconds. During these 56 seconds,
II low rate science data frames and 5 engineering data frames can be
transmitted. It then requires 896 seconds to read the data out of the
core buffer. The time period required for the transmission of a
complete high rate science data format, allowing time for loading the
buffer and starting and stopping the tape recorder, is approximately
68,000 seconds. This permits the transmission of a video picture each
l-l/3 nominal orbits. A small amount of high rate science data,
approximately equal to one and one-half frames, will be lost during each
stop and start of the tape recorder. However, this 1/10 of a raster line
will be barely distinguishable to the eye in the video data, and a very
minor item in the highly redundant scan data.
2.2.6 Interfaces
The data handling interfaces and corresponding signal/control
exchanges are as follows:
Data Handlin G (DH)/DAE
Line s
Z
1
Z
3
1
1
1
I
1
1
1
I
To
Scientific data DH
Bit rate DAE
Bit rate status DAE
Mode status D Aw
Frame rate DAE
Word rate DAE
Tape "no" data gap DH
Flare format status DH
Word rate for tape recorder DR
Start signal for tape recorder DH
Stop signal for tape recorder DH
End of tape signal DAE
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The first item provides the science data for telemetry, the
remainder are synchronization and controls.
Data Handling/CS and C
Bit rate signal DH
Bit rate status DH
Mode control status DH
Redundancy control (PCM
encoder and tape recorder) DH
Elapse time 21 bits/each DH
Command memory 21 bits/each DH
Word gates CS and C
Bulk storage on/off DH
Store capsule data DH
Data Handling /Power
50 volts, 4800 cps single phase
square wave DH
Line s
Data Handling /T tans mitte r
Output (data subcarrier mixed
with sync subcarrier)
To
Transmitter
230
82
2
3
Data Handling / Eng r.
Analog
Dis crete s
Capsule data
Binary data
Measurements
Z
2
Data Handling / Re ce ive r De modulator
Capsule data (hardwired or
receiver demodulator)
Bit rate line
DH
DH
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Data Handling/Te st Conne ctor
1 Modulation output
4 Data serial output
1 Word synchronization
l Frame synchronization
X. Z. 7 Bulk Storage Tradeoff
a. General
Storage of video data requires an order of magnitude more
capacity in the bulk data store than the storage capacity required by
other instruments. The design of the bulk data storage unit could be
simplified by the use of visual sensors capable of long term image
retention with slow speed readout. Such devices include the photo-
graphic film camera, the vidicon TV camera, and the dielectric tape
camera.
b. Photographic Film Camera
Although satisfying the storage requirements, it is unlikely
that photographic film cameras will be used for early Voyager orbiting
missions because of excessive weight, power consumption and film
fogging problems due to radiation.
c. Large Area Storage Vidicon
Photoconductive target surfaces employing a dielectric
storage layer are capable of storing the charge pattern formed by visual
imaging for several days with no detectable deterioration of the image
quality. The use of such a camera, having an effective area several
times that of the conventional 1-inch vidicon (format size II. Z rnm
square), offers an attractive means of storing large quantities of video
data for one or more orbital periods.
Assuming a conservative value for the limiting resolution of
30 line pairs (60 TV lines) per ram, and 6-bit grey scale quantization,
the equivalent data storage per square centimeter of picture area is
Z x 106 bits.
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Am active format area of 7 x 7 cm (2.75 x Z. 75 inches),
would give a total storage capability of 1.37 x 108 bits, using a 4-I/2
inch vidicon recently developed for high resolution close circuit
television. Further development of such a camera for space applica-
tions, together with a suitable optical system for multiple imaging or
large area coverage offers a possible long term solution to the video
data storage problem, particularly in multiple camera installations.
d. Dielectric Film Camera
In the dielectric film or tape camera image retention is
achieved, as in the storage vidicon, through the use of a photoconductive
layer on a dielectric film. Apanoramic strip camera using i00 feet
of 35 mm dielectric film is being qualified for use in NASA spacecraft.
With a resolution of 30 line pairs/mm (18 line pairs/mm at
50 per cent response) and assuming 6-bit grey scale quantization, the
10
equivalent bit storage capacity is 10 bits.
Recent developments in electron optics and tape manufactur-
ing techniques may result in this figure being increased to > 1011 bits.
The parameters of these devices are summarized in
Table 3-20.
Table 3-20. Dielectric Video Storage Devices
Device
Minimum Re solution
(Optical line
pairs/ram)
4-I/2 inch storage
vidicon
3O
35 mm dielectric tape
camera (100 ft of tape)
3O
Advanced 70 mm dielectric
tape camera (100 ft of tape)
7O
Equivalent
Bit
Storage
I.27 x 108
1 x 1010
I. 83 x I0 II
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k_
e. Conclusion
While these advanced techniques of imaging and data storage
offer a significant improvement and simplification in video data storage,
it is assumed that the most conservative approach in the design of the
video experiment will employ a vidicon camera and magnetic-tape
recorder.
2. Z. 8 Redundancy Concept
Redundancy has been considered on two levels. Within each unit,
redundancy has been considered for key serial elements which have
high part counts. Additionally, redundancy has been supplied for each
of the two units which are in series with the major portion of the data
flow {see Volume 4).
Redundancy will be supplied within the PCM encoder for the
buffering of capsule data. In addition, a redundant PCM encoder will
be supplied. Selection of the PCM encoder will be accomplished by
switching input power.
Two tape recorders have been selected to provide unit redundancy.
The addition of a second recorder also added flexibility to the high rate
science data mix mode, permitting the recording of 6 through 12 picture
pairs in a single time sequence and providing sufficient storage for the
nominal orbit at the maximum bit rate.
The two capsule data trains are fed into separate buffers within
the PCM encoder. This data is fed out on main cornrnutator channels
so that the loss of one channel or buffer will not prevent transmission
of capsule data.
During the design and development phase, the internal redundancy
decisions will be re-examined based upon actual implementation
techniques and complexities. For example, it may be found desirable
to provide redundancies in major elements in series with all data, such
as the data and PN modulator and mixer, or in major series elements
for engineering data, such as the analog-to-digital converter.
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2. 2.9 Selected Design
Figure 3-44 is a simplified block diagram of the selected data
handling subsystem. This subsystem consists of two engineering
telemetry units, two bulk storage tape recorders, a buffer core memory,
and a signal conditioner. Redundant units have not been provided for
the buffer core memory and the signal conditioner since these units
are not in line to the flow of the major portions of the data in normal
operating modes. Although the buffer is used to store low rate science
data during video and scan transmission, in the event of buffer failures
low rate data can be transmitted directly out of the DAE in smaller
samples.
The redundant PCM encoder is used upon receipt of a ground
command for switching.
This subsystem operates in seven separate data gathering modes
each of which is a unique combination of the six data formats to be
transmitted. The combinations of formats and operating modes were
shown in Figure 3-40. In addition, there are pretransmission storage
phases involved in three of the data modes described.
Upon command from the CS and C, the PCM encoder selects the
various data formats and interlaces them as required. The composite
signal modulates a square wave subcarrier, and the data modulated
subcarrier is linearly added to a PN code modulated subcarrier. The
subcarrier mix is supplied to the communications subsystem for trans-
mission to earth.
The operational characteristics peculiar to a specific data format
or data mode were described in Sections 2.2.4 and 2.2.5.
In summary, the operation of the subsystem is as follows:
a) All analog engineering data will be time shared and
converted from analog voltages to 7-bit binary data words.
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ao Re quire me nt s
The design concept of the PCM encoder is primarily based on:
i) Sampling and encoding approximately 230 analog and
8Z discrete engineering measurements and capsule
data into a PCM time multiplexed output. Table 3-Zi
is a summary of the measurement requirements
listed in Section 7 of Appendix F.
z) Programming of the science and engineering data
mix for transmission to earth both from real-time
and storage sources.
3) Providing control signals for synchronization of
data flow.
4) Modulating the serial data wave train on a data
subcarrier and linearly mixing it with the PN coded
synchronization subcarrier.
Table 3-21. Summary of Engineering Data Inputs
and the Preferred Sampling Kate
Supercom- Subcom- I
munication munication, i
iNo. I, 73.2 8. 5 sam-
isamples/sec ples/min _!T°tal
Engineer ing
Analog
Engine e ring
Discretes
Capsule Data
(Channel alloca-
tion)
Binary Data
(elapse time CS
and C memory)
Supercom- IMain Com-munication munication
No. Z, 36 L9. i sam-
samples/sec !ples/sec
l
4
Sampling rate based on bit rate of 4096 bits/sec
1Z
Z6
217
52
3
(21 bits /
each)
230
82
2
3
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h)
All digital engineering data and capsule data will be
time shared with the analog engineering data.
During the launch phase, initial acquisition and maneuvers,
only engineering data will be transmitted.
During the cruise, blocks of science data 1792 bits long
are alternated with blocks of engineering data 448 bits
for real time transmission.
During a solar flare encounter, or at any other desired
time during cruise, only scientific data will be trans-
mitted. The above mix of science and engineering data
may be transmitted during the latter portion of a solar
flare.
During capsule entry, capsule data will be transmitted
in real time and simultaneously stored in the buffer and
held for command read-out.
During planetary encounters, a large portion of the high
rate science data will be stored in the on-board magnetic
tape recorder. While in this store mode the low rate
science data mixed with engineering will be transmitted
in real time.
The stored high rate science data will be transmitted
after planetary encounters during a specified portion
of an orbit or orbits (while low rate science is being
stored). During the gaps in the high rate science data,
both real time engineering and stored low rate science
will be transmitted.
Transmission of science instrument calibration data on
command during cruise and orbital operation phases.
2.3 Design Tradeoff and Implementation
2.3.1 PCM Encoder
This section discusses various PCM encoder design tradeoffs
relating to efficient analog multiplexing, analog-to- digital conver sion,
and programming of data mix.
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Figure 3-45 is simplified block diagram of the proposed PCM
encoder which is sized to match the engineering data format require-
ments. Although this design specifically is sized for these formats,
the basic concepts and logic are easily expanded or contracted to meet
additional format requirements. The functional blocks which are shaded
(cross hatch) do not form part of the PCM encoder.
As shown in the diagram, the main functional blocks are:
• Programmer
• Multiplexer
• Analog-to-digital converter
• Combiner
• Capsule buffer
• Data programmer
• Data/PN modulator and mixer
• Command control unit
The programmer provides the necessary control signals to
the multiplexers for main frame and subframe selection of analog and bi-
level gates. Additionally the programmer supplies timing pulses to the
analog-to-digital converter to derive frame synch and subcommutator
identification. Also, as shown, the programmer supplies timing signals
to the DAE, bulk storage and buffer store. The programmer derives the
bit rate clock from the CS and C unit. Consequently, bit rate selection
is performed by the CS and C.
The multiplexer provides isolation and selection of analog
and bi-level inputs at the main and subframe rates.
The analog-to-digital converter encodes each analog input to
a seven bit word. The combiner serves to interleave the encoder analog,
bi-level and capsule data with identification signals in a serial time
multiplexed wavetrain.
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The data programmer provides the function for a single data
selection or mixing a combination of data sources as shown:
• Engineering data
• Data from bulk storage
• Data from buffer storage
• Low rate science data from DAE
Also this logic provides the necessary modes and data format
interleaving described in section 2. Z. 5.
The output binary data from the data programmer modulates
a 4f s subcarrier. The output of the data subcarrier is linearly mixed with
the output of the PN synch subcarrier.
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The capsule buffer provides the means of buffering capsule
data. Two capsule data trains are fed and stored separately.
The command control unit provides control signals to the DAE
data programmer and data storage in order to alter the operating modes
of the data handling subsystem. Additionally the command control re-
ceives inputs from the CS and C and DAE.
Figure 3-46 is a more detailed block diagram which shows a
functional breakdown of each basic portion of the simplified block diagram
of Figure 3-45 (such as programmer, multiplexer and data/PN modula-
tor and mixer).
The design of the PCM encoder will make maximumuse of
proven reliable integrated circuits wherever feasible in order to reduce
weight and volume.
b. Analog-to-Digital Converter Design Approach
The technique of analog-to-digital conversion and sampling
of the analog inputs strongly influences the implementation design of the
programmer analog multiplexer and in general the efficiency of the
complete system.
The effects relate to speed of operation, encoding error and
complexity of logic. Various techniques could be used to make an analog
conversion to I part in 128 and having the necessary speed. A ramp
encoding technique could be used but requires a high speed clock and
counter {74 Kb/sec). Successive approximation provides a reduction in
speed since an "n" bit conversion can be made in "n" bit times. This is
the technique proposed here which provides an effective logic rate of
4096 bits/sec. Additional advantages of successive approximation tech-
nique are the stability of the digital to analog decoding which only de-
pends upon the semi-conductor switches and stable resistors. This is
in contrast to the uncertainty of stability for a capacitor and current
source which might be used for ramp encoding.
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Also pertinent to the design of any analog-to-digital converter
is the aperture error which arises from noninstantaneous sampling and
conversion to digital form. Previously, the computation of this error
has been undertaken on a pessimistic peak error basis or by an optimis-
tic analogy to aperture errors in PAM systems. However, a more exact
analysis of the aperture error is based on calculating the average error
instead of the peak error. It can be shown that in order to maintain the
average aperture error less than I/2 of a quantization level, for 7 bit
quantization, the aperture conversion time T must be no more than 5. 3
degrees of a full scale sine wave.
Table 3-ZZ shows the maximum data frequencies possible for
the case where aperture error (based on 1/Z quantum error) limits the
upper frequency or sampling rate is the limiting factor.
Based upon the premise that data frequency requirements will
never exceed that alloted for the aperture error, the use of sample and
hold or compressed analog-to-digital conversion techniques are not
required.
Figure 3-47 is a simplified diagram of the analog-to-digital con-
verter technique which consists of analog-to-digital logic gates, a 7 list
ANALO__I COMPARATOR _V
OUTPUT BINARY
DATA
TIMING SIGNAL
TI-T7 FROM PROGRAMMER
__ ANALOG-TO-DIGITAL 1 1
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Figure 3-47. Converter
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register (flip-flops a 1 through a 7 not shown) a digital-to-analog converter
(switch and ladder adder) and reference supply.
The timing signals (T 1 through T7) from the programmer
provide sequential sampling pulses to the analog-to-digital converter. The
digital-to-analog logic consists of the logic and binary elements whose
states are decoded by the digital-to-analog switches and resistive ladder
adder. The adder output is the trial reference analog voltage which
covers a 0 to 3 volt range in quantized steps of 3/128 volt.
The truth table, as shown in Table 3-23 describes the logic
necessary to achieve successive approximation. As shown by the truth
table, pulse T 1 clears old states of the analog-to-digital register except
the most significant weight. Therefore the output of this binary weight
as decoded by the ladder adder causes a trial voltage of half the full
scale value, or I. 5 volt. For subsequent times the decision is made
whether the analog input is greater or less than half scale value of the
last reference voltage.
Table 3-22. Comparison of Data Frequencies as a Function
of Aperture and Sampling Times
Bit
Rate
(bits/sec)
Frequency as Main Frame Frequency as
Aperture a Function of Data Sampling a Function of
Time Aperture Rate Sampling Rate
(in sec) Time (cps) Samples/sec (cps)
-3
4096 i. 71 x I0 8. 30 9. 12 3. 65
Z048 3. A_ -3 4. _
-_ x I0 a _;, 1. 82
1024 6.84 x 10 -3 2. 12 2.26 O. 92
-3
128 54. 72 x 10 O. 26 O. 28 O. 12
Note:
o
*
Frequency of the sine wave signal with average aperture
error less than 1/2 of quantization error (7 bits)
In order to reconstruct the sine wave signal the sampling
rate must be greater than 2. 0 times that of the highest
signal frequency; 2. 5 is assumed above
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Table 3-23. Truth Table for Successive Approximation
Analog-to-Digital Converter
Logic Timing
Flip-Flop State T I T Z T 3 T 4 T 5 T 6 T 7
a I I T I
0 TzV c
a 2 1 T 2
0 T 1 T3V c
a 3 1 T 3
0 T 1 T4V c
a 4 1 T 4
0 T l T5V c
a5 l T 5
0 T l T6V c
a6 l T 6
0 T l T7V c
a7 l T 7
0 T l
c. Analog Multiplexer Design Approach
The function of analog multiplexing is to electrically connect
each signal source in turn to the analog-to-digital connector while dis-
connecting all other signal sources. The multiplexer should be capable
of performing the connections and disconnections as rapidly and accu-
rately as possible in accordance with the required word rate and system
accuracy. In general the analog multiplexer must fulfill the following
requirement s:
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1)
2)
3)
4)
5)
6)
7)
8)
9)
I0)
Accept input voltages from 0 to 3 volts
Withstand reasonable fault voltages
C au se minimum off set
Have a gate off and power off impedance greater than
10 megohms
Have minimum leakage currents to and from analog
source
Cause minimum cross talk
Minimum power requirements
Simplicity of hardware
Maximum reliability
Reasonable failure modes
Several types of analog gates were analyzed and the results
shown in Table 3-24.
Table 3-24. Analog Gates Comparison
Input
Imped-
ance Type
(power Cross of
Fault Offset off and Leakage Talk Gate
Isolation Voltage gate off) Current Error Drive
I. Gated compara- high
tor for each
input
Z. Gated differen- poor
tial amplifier
3. Diode higl_
4. Bright switches
a) transformer high
coupled
b) capacitor poor
coupled
c) isolated power high
supply for
multiplexer
5. Field effect tran-
sistors switcher
a) metal oxide high
silic on
(enhancement
type)
b) standard type poor
none high low none DC
small high low small DC
high poor high medium DC
low high low small AC
low high low small AC
low high low small DC
none high low small DC
none poor low small DC
Weisht Speed
light high
light medium
light medium
high medium
medium medium
medium medium
light medium
light medium
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Based on the information listed in this table the metal oxide
silicon type is favored over the others listed. The metal oxide silicon
provides very high fault mode protection and low DC drive requirements.
d. Capsule Data Buffer Memor)r Design Approach
The capsule data is a non-return-to-zero serial train of
coded data at a rate of I0 bits per second. Since the data rate is not
compatible with the telemetry bit rate, the buffer storage is required in
order to intermix capsule data with engineering data (Format C). Two -
448 bit storages are used for each capsule data line. While one buffer
is accepting data from the capsule, the other will be read out at the
commanded telemetry bit rate. If the read out rate is faster than the
storing rate (10 bits/sec) zero's will be read out. At the lowest tele-
metry bit rate (128 bits/sec) the capsule data will be sampled on a duty
cycle basis. The proposed buffer consists of coincident current memory
(I6 x Z8) and its associated drivers. The advantage of this approach is
low weight and power consumption because of its low duty cycle. The
use of shift registers is precluded for this size storage capacity since
the equipment complexity increases linearly with the number of bits as
compared to the square root increase using a matrix memory.
e. PN Code Generator Design Approach
The PN code generator consists of a six-bit shift register
and exclusive-or circuit whose output is shifted into the first bit register.
By this technique 2n -I selection states (63) will be obtained.
By selecting (and'ing) the output of the six register (flip-
flop), the word and bit sync signals are generated. The use of core-
shift register is precluded because of its high average power consump-
tion at the high bit rate. Integrated flip-flop circuits appear to provide
the simplest configuration with the requirements of low power.
f. Programmer and Logic Design Approach
A general design consideration for logic operation is the
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merits of synchronous or clocked logic versus nonsynchronous or
"ripple" type. In the asynchronous method of counting, pulses to each
flip-flop are provided by differentiating the change of state. This method
has disadvantages in that deterioration of rise and fall times or ampli-
tude of any flip-flop output in the count down chain can prevent the next
stage from being properly triggered.
Additionally the propagation delays in the count down chain
may in some instances be critical. Synchronous logic is based upon
using the flip-flop states to control logic gates which are sampled by a
clock. Consequently the change of state characteristics are less critical,
therefore this latter approach is favored.
2.3.2 Buffer Storage Unit
a. Requirements
The buffer memory provides storage of I15 K bits of data.
This data is written into and read out in a serial fashion at bit rates
ranging from 128 to 4096 bits/sec.
b. Memory Organization
Several methods of organizing the memory have been con-
sidered in attempting to optimize the design relative to the requirements
of low weight and power and high reliability for the Voyager program.
While it is possible to operate a random access memory in a sequential
mode by using a counting address register, this results in a considerably
higher semiconductor count than if magnetic counting address circuits
are used. Therefore, such magnetic ring counters have been chosen for
accessing the memory plane.
This method of operation has been used in the past several years
by TRW Systems in such programs as Vela and Pioneer with success.
Although the requirements for the memory are for bit-serial input
and output, it would be highly inefficient to operate the magnetics in that
manner. Such an organization, accessing one bit at a time, would
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involve a very extensive drive system, and operating power considerably
higher than if a number of bits were accessed in parallel. Since it is
impractical to link all the cores of a 105 bit capacity memory with a
single sense winding or digit winding, multiple circuits for those func-
tions are required in any case. In the proposed design, IZ matrices
are used, with slightly over 10, 000 cores within each. Using a time-
staggered drive, excellent signal to noise ratio is obtainable with this
size matrix, and the DC resistance and inductance of the digit winding
is not excessive.
Serial to parallel conversion of input data is obtained by
applying the incoming data to a 1 3 stage flip-flop register which operates
as a shift register. The extra stage is used as a "flag" bit. Initially,
the first of these flip-flops is forced to the binary "ONE" state, while
all other stages are forced to the binary "ZERO" condition. Each clock
pulse then shifts the data, and on the 1Zth clock pulse, the flag bit
reaches the 13th stage. This activates the memory, storing all I Z data
bits in parallel, after which the input register is again cleared as before.
In the read/restore mode, each of the 12 matrices provides
one bit of data in parallel, and after the restore action, clock pulses
shift the data through the output register to provide bit-serial interface
format.
The diagram of Figure 3-48 shows the organization of a
sequential core memory driven by transistor switch ring drivers. The
storage consists of ]2 indentical matrices, each having 104 columns and
99 rows of driven cores. Thus I15, 000 bits of storage are provided.
During the read phase operations the two half select currents
in the X and Y axes of the drive select one core in each of the ten matrix
planes and the resulting sense signal is amplified by sense amplifiers
and transferred to a 12 place flip-flop output register.
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Figure 3-48. Simplified Block Diagram of Core Memory
During the write phase of operation the transistors are con-
nected to provide a current in the opposite direction through the stack by
means of a second set of current stabilizers: thus providing the required
conditions for writing new data into the accessed bit. During this write
beat, the data input lines to the memory control a set of digit drivers
which operate individually on those matrices where the data to be written
is a binary zero.
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The core storage matrix contains four wires through each
core: X, Y, sense, and digit. For optimum reliability a continuous
wiring technique is used in stringing the X and Y drive lines. As a
result, more than 7, 000 soldered joints are eliminated. This method
has been used extensively and experience has shown that higher reliabil-
ity and greater tolerance to high level shock and vibration results.
The use of a coincident current organization of the memory
permits a minimum number of semiconductors with resulting high
reliability. To provide substantial design margin for the Voyager en-
vironment, the isodrive type memory core is used. This core is
superior to any other ferrite storage core presently available. It has a
lower temperature coefficient than lithium types, and far greater tem-
perature tolerance than conventional magnesium manganese cores. Even
more important for the memory the isodrive core has a considerably
better squareness ratio over the entire temperature range from -55 to
100°G than any other core exhibits at midrange temperature. This
increased squareness ratio provides greater operating margins for the
system since considerably greater degradation of other component param-
eters such as drifts in semiconductors, resistors, etc., can be tolerated
without memory error.
Z. 3.3 Tape Recorder
a. General
The following is a sample implementation of a tape recorder
based on preliminary investigations to show feasibility of meeting the
bulk storage requirements and not as a final decision on implementation.
The basic input/output requirements and storage capacity
dictate how the tape recorder system must be implemented. The input/
output serial data requirements are:
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Input data rate:
Output data rate:
163,812 bits/sec
1) 4096 bits/sec
Z) 2048 bits/sec
3) 1024 bits/sec
Word format: *7 ]bits word
Bit storage: 1 x 108 bits
The output data must be synchronized to the spacecraft
stable clock.
_a_rbaak_uration
Based on these requirements, a review of the parameters of
satellite recorders which are available today, and discussions with tape
recorder manufacturers (Ampex, Consolidated Electrodynamics,
Kinelogic, R.M. Parsons, Lockheed Electric, Raymond Engineering,
and RCA-AED), the following basic guide rules for developing a repre-
sentative tape recorder unit were chosen. This data does not represent
absolute limits but rather levels which are conservative, proven, and
available in off-the-shelf units.
Tape length
Tape speed
Packing density
1000 feet
Low limit:
High limit:
0. 1 in. /sec
30 in. /sec
Multiple tracks: 1000 bits/sec
_-'--_^ .._t_. 7.000 bits/sec
Oill_Jk_ t.J.r._l..6_. ..... .
Write/read ratio 100:1
Speed change for a 4:1
single motor
*The video word is 6 bits, but since the tape recorder is not concerned
with the word length and word sync for 7-bit words is available for
both the write and read modes, it was decided that a 7-bit word would
be most convenient.
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After carefully reviewing several configurations it was
finally decided that a reasonable set of compromise parameters for a
sample implementation would be:
Data tracks
Clock track
Data gap track
Packing density
per track
Tape length
Tape speed
Write Mode:
Read Mode:
Write/read ratio
Read Mode:
7
1
1
1200 bits/in.
1200 ft
19. 5 in. /sec
1) 0. 4876 in. / sec
2) 0. Z438 in. /sec
3) 0. 1219 in. /sec
1) 40:1
Z) 80:1
3) 160:1
A comparison of these parameters with the previous list of
idealized parameters will show the only major deviation to be in the
write/read ratio. This number cannot be reduced without changing the
system requirements, since, in a serial input/output system of the
type being discussed, the system design parameters dictate the ratio,
not the machine design. The numbers chosen reflect the best compro-
mise of design parameters as they exist today for state-of-the-art
design. Considering that these parameters are acceptable, certain
approximations can be made concerning the size, weight, and power re-
quirements based on machines presently being built either for satellite
use or in connection with design studies of satellite recorders. The
approximations are:
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3Size: 350 in
(roughly 9 x 9 x 4. 25)
Weight: 12-15 pounds
Power: Write Mode: 10-15 watts
Read Mode: 5 watts
The use of integrated circuits wherever possible will help
reduce the volume and weight. Integrated circuits can be used for flip-
flops, gates, and read amplifiers.
Write Mode. The serial non-return-to-zero input data is
shifted i_--bi_ lp- " to the write
amplifiers. The data is transferred to the tape via the write amplifiers
under the control of the word clock. This requires three inputs from
the spacecraft system, a data bit signal, a word clock, and a bit clock.
Recording the write clock on tape provides a synchronizing signal during
the playback mode.
One consideration during the write mode would be to use
phase shifted clock for writing data so that a clock which occurs in the
center of a data bit is stored instead of a clock in phase synchronization
with the data. This will allow easy implementation of a strobe pulse for
reading data out of the read amplifiers furing the read function.
Read Mode (S)rnchronization Technique). To meet the data
output synchronization between tape recorder data and the spacecraft
clock requirements, a servo loop must be used in the read mode to
control the rotor speed, hence the tape speed. Units have been designed
using hysteresis synchronous motors {without servo control) which
demonstrated +_ 0.1 per cent tape speed control. On this basis ,
considering the use of a phase lock servo system, a tape speed control
better than this, which will limit the accumulation of speed variation to
a period of a few seconds, appears feasible. Therefore, a system
which will allow a time displacement of approximately +_ 7 bits on a bit-
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to-bit basis between the tape recorder and the system clock, assuming
the servo uses the spacecraft clock as a reference for error generation,
should be more than feasible.
Examining Figure 3-49, it can be seen that a plus and minus
one word or plus and minus 7-bit variation is provided in the sample
implementation. Data is "read" into one of the three buffer registers
under the control of a read-in pulse. The pulse is generated from the
tape recorder clock, which was recorded at the same time as the data.
The leading edge of the tape recorder clock is used, with a delay tech-
nique, to produce a read-in pulse which strobes the data out of the read
amplifiers during the center of the read bit period. This reduces the
problem of noise as well as limiting the read-in time to the minimum
possible for reliable operation. A divide-by-three counter is used to
read-in the data to the correct buffer in a count sequence.
The readout of the data is accomplished by use of the
spacecraft clock and a divide-by-three counter. A spacecraft word
clock and bit clock are combined to produce seven shift pulses via the
divide-by-three counter to read-out the correct buffers in a count
sequenc e.
An output gate (and/or) is used to combine the buffer outputs
in the correct sequence to produce the reassembled serial data.
Note that no effort is made to synchronize the read-in/
read-out logic. This is accomplished by the servo system and will be
discussed in the next section.
Speed Control. The operational description of the read/
write block diagram (Figure 3-50) shows that under ideal operating con-
ditions synchronization should be between the start of the first bit of a
word being read out, to the parallel read-in pulse for the information
being read-off of the tape. In considering this condition, it can be seen
that one of the reference points discussed can vary plus and minus 7
bits before improper operation occurs. Figure 3-49 is a timing dia-
gram showing the idealized conditions.
3-168
T-I -_ _ BIT TIMES FOR TIME T _ BIT TIMES FOR TIME T+ 1 -_[ _ T+2
w_04wo0 b wo0 wo0 woo_b wo04 wo _kwo0
IIIIIII IIIIIII III
SHIFT PULSES
WORD I REGISTER
,I I I I I I I
WORD 2 T WORD 3 T WORD 1T+ 1 WORD 2T+ 1 WORD 3T+ 1 WORD 1T+ 2 WORD 2T+ 2
READ-IN PULSES FOR DATA FROM TAPE
(COMPOSITE OF THE THREE ENTER WORD CONTROL LINES)
Figure 3-49. Timing Diagram
1 2 7
SERIALD,G,TAL I / I_L_ /
DATA -- -- --
WRITE AMPLIFIERS AND SERIAL J
WORD CLOCK TO PARALLEL CONVERTER
DATA CLOCK _ l
TAPE DATA GAP
I
TAPE 7 I
I I WORDI GAP
/ tCL°CKt
DATA GAP
READ AMPLIFIERS I_N DICATOR
_DATAGA,I I
I 'ND'CATORI I
t ............. -I _CLOCK
WORD SYNC
BIT SYNC
READ COMMAND i_I
WRITE COMMAND
POWE R
40960 °
409.69 °
:j HGHATEBITSYNCHRONZER
J ENCE DATA
k_,,. HIGH RATE
' _ _ SCIENCE DATAI
DIST_I_UTOR! JAMPLIHER_,' / k
I I0_ I I I J COUNTI_L ,_'_ _ _ READ/
r---10E_Ec_-o,V-1 _ rl °_ Lr'. _
_j-__ _ j_ow_,:,_
_ _ WRITE/
Figure 3-50. Read/Write Block Diagram
3-169
If the word 1 bit i shift pulse is used as a toggle input to one
flip-flop and the read-in word 2 pulse is used as a toggle input to a
second flip-flop, the outputs of these two flip-flops could be used as
inputs to a phase detector to generate a DC-error signal which would
represent the time positional error of the tape. This DC error could
then be used as an input to a variable controlled oscillator (VCO) to
develop a frequency change. The VCO output is shaped into a square
wave and counted down so as to produce two 400 cps square waves
which are time displaced by 90 electrical degrees. These signals via
power amplifiers are applied to the two windings of a hysteresis motor.
As phase variations which deviate from 180 electrical degrees develop
between the output of the toggle flip-flops, the motor speed will be
altered to bring the phase shift back into the correction 180-degree
relationship. Figure 3-51 is a block diagram of the technique described.
At start up a continuous change will be in the error signal
as the system approaches the phase lock condition. The design will be
implemented so that the DC error voltage will be narrow enough, repre-
senting about 400 + I cps, so that the motor will approach the designed
speed. As the motor approaches the phase lock condition, the servo
control loop will come out of saturation, taking over control of the
motor speed.
Once the servo loop is in control, the correct time relation-
ship will exist between the spacecraft read- out clock and the tape
SPACECRAFT
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BIT I
PULSE
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RECORDER
WORD 2
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Figure 3-51. Motor Servo System
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recorder read-in clock. Therefore, no special start logic in the data
buffering logic is needed.
The system examination has been based on the 4096 bits/sec
data output rate. At the other output rates the word jitter created by
erratic tape movement will increase. However, the servo loop recovery
time requirements will decrease because of the lower output data rates.
No particular problem is anticipated due to the reduced data rates.
Speed Chan_e. Speed change as presently envisioned will
.............. _lished by logically changing the motor input synchronizing
frequency and the spacecraft data clock inpu s ur"
This will be accomplished under the control of the spacecraft command
system. The three speed read-back requirement will necessitate a
development effort to determine whether it will be more optimum to use
a single motor that operates at three speeds, or a single motor that
operates at a single speed with a mechanical switching arrangement to
obtain the 3 speeds, or possibly the need for multiple motors.
Erase Technique. Several erase techniques are possible.
The use of a permanent magnet or an AC erase head are under study.
Also being studied is erasing by simply writing over previously recorded
data. The latter approach appears the most desirable since it does not
need any erase circuitry. This technique is preferred but will be inves-
tigated to assure an adequate signal-to-noise ratio.
Command System, With the planned use of redundancy a
simple command system which utilizes the tape recorder status informa-
tion to automatically sequence the tape recorders is being considered.
The command arrangement will also allow individual control of either
tape recorder unit.
Data Gap Indicator. The purpose of the data gap indicator
is to detect the absence of data during the playback mode to allow in-
sertion of other data in the output. The technique planned is to utilize
a separate "trash" or "narrative" track to indicate when data is present
3-171
and when data is absent. The circuit used will be designed to ignore
a momentary dropout. The signal output will be a discrete where a low
level indicates the presence of data and a high level the absence of data.
Further study is required to devise a simpler method re-
quiring less hardware.
b. Transport
Reel Configuration. Several reel configurations are avail-
able. After considering the advantages and disadvantages, a reel-to-
reel inline technique is considered the best choice.
Reel-to-Reel Inline Configuration. This is the simplest
system, is the best-known and the easiest to implement. It, however,
does not produce minimum induced angular momentum. It also does
not provide the simplest technique for negator spring tape tensioning.
It is the simplest technique for isoelastic drive technique. A simple
mounting base provides rigid support.
Reel-to-Reel, Coaxial, Counter Rotating. This method
inherently produces the minimum induced angular momentum without
compensation. It is not simple from a tape guiding standpoint. It lends
itself to a negator spring tensioning technique but is not simple for an
isoelastic drive system.
Mounting is complex since a single support results in a
weighty cantilevered system. The technique around this problem in-
volves the use of two mounting plates with the reels mounted between
the plates. This is a more complex technique involving more sophis-
ticated machining and assembly techniques.
Endless Loop and Loop Bin Type. Because of the large
storage capacity the amount of tape required exceeds the amount which
is normally considered to be within the design guideline of an endless
loop or a loop bin machine.
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c. Tensionin_ System
Negator Sprin_s. Generally in a reel-to-reel tape recorder
where power is a premium, negator springs are used to maintain tension.
Thus, energy is conserved. This approach is used because during half
of a tape cycle the tensioning system acts as a source of energy and
during the other half cycle the tensioning system acts as a load (when
the negators are storing energy). In actual practice there is very little
saving in power during the portion of a cycle where the negator spring
is acting as an energy source. This is because the motor must be
_d to handle t_l_peratingJfl_e_below
its designed load level does not reduce the input power to a noticeable
degree.
The tape tension characteristic produced by a negator spring
system is not constant as ultimately desired. Normally the tension
varies in the order of 30 per cent over a complete cycle of operation.
Endless Loop. The endless loop system produces a tape
tension which varies in an irregular fashion because of reflected load
variations as individual loops in the endless loop pack are shortened.
Lubrication is used to minimize the friction in the tape pack and thus
to reduce the peak load variations as well as the average load require-
ments. This, however, creates the problem of lubricant build-up at
the heads. In addition, differential variations of tape tension across
the tape width causes a skew problem which must also be isolated from
the head area during record and playback of the unit.
Endless loop systems, however, have an advantage of pro-
ducing very low components of momentum into the spacecraft. Small
data handling units have been successfully used in spacecraft systems
where tape lengths of 300 feet or less were required.
This technique is not recommended for Voyager.
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Isoelastic Drive. This technique has several advantages
over those previously mentioned and is recommended as a result of the
preliminary review for the following reasons:
1) It is a simple technique. A belt is passed over both reels
and the belt driven by differential pulleys. A spring-loaded
idler is used to maintain correct belt tension.
2) The tape tension across the read and write heads, over a
complete cycle of operation, can be controlled to within
approximately 1 0 per cent of the desired value.
3) It is best suited to an in-line reel-to-reel configuration
which enhances the over-all simplicity of the transport.
It is found that there is excessive jitter problems with the
basic tape handling rechnique chosen, a differential capstan drive tech-
nique over the read and write head region can be used to reduce the
jitter to a lower level. At this time use of differential capstans is not
anticipated.
Incremental Drive. One method which cannot be considered
conservative or proven for satellite recorders is the incremental drive
technique. This method will be investigated in detail to determine its
relative merits. At the moment, it appears to have at least one ques-
tionable area, angular momentum distrubances.
Guide Technique. There are several tape guiding techniques.
At this time, no particular method has been chosen. The life require-
ments in terms of tape wear can be met by use of either rolling or
stationary guides. Crown rollers have been used successfully and do
reduce edge wear to a minimum. Fixed guides with various techniques
of containing the tape have been considered but further study is required
before a final decision is made.
Speed Chan_e. Speed variation between the read and write
modes is so wide as to dictate a two motor system. The coupling of the
two motors to the drive system will be accomplished via a Mylar belt
transmission system. Whether this will be a belt differential or a clutch
operated linkage has not yet been decided.
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In addition to the read/write speed change is the three-speed
readout requirement. The method of accomplishing this requirement
is presently being investigated. The tradeoff of an AC servo motor
versus a hysteresis synchronous motor in the read mode is being
studied. The selected approach, consistent with the conservative design,
is to use a single motor to obtain the 4:1 speed range required, using
a servo loop in conjunction with a hysteresis synchronous motor.
Package Arrangement. In review of transports developed
to date for satellite use, a rectangular package has been chosen as most
de.qirable _rength, hence weight, of a rectangular package
which is pressurized must be slightly higher than the dome shaped
enclosure. Better utlization of internal space is feasible in the rectan-
gular configuration as well as the space within the spacecraft surround-
ing the package. This configuration is also well-suited for the in-line
reel-to-reel transport configuration presently being considered.
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IV. POWER AND CONTROL SUBSYSTEM DESIGN CONSIDERATIONS
i. STABILIZATION AND CONTROL SUBSYSTEM
The stabilization and control subsystem (SCS) described in Volume
2 represents the result of a series of tradeoff studies which considered a
variety of system design concepts and mechanization alternatives. The
conceptual studies were directed toward defining the simplest and most
reliable system to accomplish the required stabilization tasks considering
the development status of components, the performance requirements,
availability of alternate modes of operation, and possible developmental
difficulties. These studies resu te In e e Ini i
similar to the Mariner C implementation.
The following sections discuss these tradeoff studies as follows:
I) system requirements and gross tradeoffs, 2) functional descriptions
of alternate mechanizations, 3) the analytical studies which contributed
to the configuration selection, and 4) the implementation tradeoffs which
take into account the various approaches available for celestial sensing,
inertial sensing, control torque generation, and electronic circuit design.
i. i System Recluirements and Gross Tradeoffs
Many of the Voyager mission requirements are similar to those for
Mariner C. The cruise and reorientation requirements, for example, are
very similar although other requirements, such as capsule separation,
orbit injection, and planet-oriented instrument pointing, are peculiar to
Voyager. The orbit injection requirerr.ent, although not unlike a ro__id-
course maneuver, imposes the necessity for attitude control during either
a long thrusting period if a bipropellant engine is used, or the necessity
to accommodate large thrust if a solid engine is used. It is desired to
point the planet-oriented package to an accuracy of 0.5 deg relative to
Mars, and this imposes the most severe accuracy requirement on the
stabilization and control subsystem. The requirement for POP pointing
introduces consideration of the us'e of Mars sensors and of SCS modes to
minimize POP gimbal travel or the number of gimbals required.
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1. 1. 1 Attitude References
In over-all system definition the establishment of easily acquired
attitude references that are useful throughout the mission is a prime ob-
jective. This permits communications antenna and POP orientation com-
mands to be body-referenced with minimum complexity. During the study,
consideration was given to the use of earth-canopus and sun-Mars as well
as sun-canopus references, and the latter were selected because of the
overall simplicity they provide. This simplicity reflects into reduced re-
quirements on the spacecraft sequencer as well as the stabilization and
control subsystem. Spacecraft configuration C, as discussed in Volume 4,
features a large body-fixed communications antenna and an earth-canopus
reference is most suitable for this configuration.
Attitude reference requirements imposed by reorientation for velocity
corrections and capsule separation can be met by using gyroscopes or
aspect sun sensors. Gyros offer both flexibility and a straightforward
design using well known techniques and components. In addition, gyro-
scopic reference for reorientation offers backup modes of inertial control.
The use of aspect sun sensors, although possibly simpler, is not as well
established and the devices themselves have not, as yet, been used for
this application. The gyroscopic reference can be implemented with one
single degree of freedom rate integrating gyro on each control axis. Each
instrument can be used as a rate or an attitude error sensor by incorporating
a caging loop. By maneuvering one axis at a time, satisfactory reorientation
accuracy can be achieved with a very simple system mechanization.
The mission specification includes a requirement to verify the space-
craft attitude before capsule separation or midcourse propulsion is initiated.
The verification can make use of the gyros in a rate mode during turns and
integrating their outputs to measure the angles traversed for ground ver-
ification. Another method, which is not as accurate, is to preposition the
high-gain antenna so that the beam will intersect earth when the spacecraft
is in the desired orientation. If communication is established the attitude
will be verified to an accuracy of twice the B-db beamwidth, or about
±5 deg. The latter approach was tentatively selected because it allows
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the verification function to be realized without additional components and
because, in general, the attitude error will be large (and therefore de-
tectable by the antenna) if a malfunction occurs.
I. 1.2 Control Torque Sources
Control torques for periods other than velocity corrections can be
generated by reaction control devices, reaction wheels, or solar vanes.
Reaction control devices, such as gas thrusters, have received extensive
application and are well understood. Their use for the Voyager mission
presents no problems. Reaction wheels offer no special advantages since
they are most advantageous for applications where there are significant
cyclical disturbances; and the principal disturbances fo_yager
mission appear to be of a secular nature. Solar vane systems appear to
be best suited as trim mechanisms because of their low response band-
width. As trim devices, the solar vanes might be used in parallel with
the reaction control system, as on Mariner C. They were not selected
for Voyager because the saving in control fuel that they might provide can
be effected more reliably with a heated-gas reaction control system.
Control torques during periods of engine thrusting can be generated
by various control schemes which rotate or translate the thrust vector.
Thrust vector rotation can be accompoished for liquid fuelled motors by
gimballing the thrust chamber or deflecting the exhaust stream by jet
vanes and for solid fuelled motors by gimballing the exhaust nozzle or by
liquid injection thrust vector control. Thrust vector translation can be
realized by a linkage which is moved by linear actuators. The preferred
spacecraft configuration employs a monopropellant liquid fuel midcourse
correction motor and a solid fuel motor for retropropulsion. Jet vanes
were chosen for the monopropellant engine as in Mariner C since the
selected motor for Voyager is similar. Liquid injection selected for the
solid motor thrust control because it is a proven technique and minimizes
development risks for the motor. Details of the thrust vector control
tradeoffs are presented in Section VII.
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1. 1.3 Control Modes
The Voyager mission requires that the SCS provide several distinct
modes of operation. These control modes make use of various combinations
of sensors and actuators, together with some more subtle variations of
implementation. For example, the short term stability requirements im-
posed on the SCS by the photographic payload during the orbit phase must
be integrated with over-all requirements to provide minimum complexity.
These considerations influence the selection of control thrust level and
control modulation technique. The following sections examine these modes
in the light of the tradeoffs which comprise the configuration selection
process. Performance and reliability for the various alternatives are
compared.
1.2 Functional Modes and Alternate Mechanizations
1.2. 1 Cruise Mode
Since the greatest percentage of the Voyager mission time for both
the transit and orbital phases is spent in the cruise mode (>98 percent),
it is essential that this mode combine the maximum possible reliability
with the minimum control fuel consumption. Detailed analyses were con-
ducted to ensure that the thrust levels and firing times provide satisfactory
limit cycle characteristics under disturbance free cruise conditions and in
the presence of worse case disturbances. These analyses are discussed
in detail in Sections i and 2 of Appendix E.
The design conditions selected for the cruise mode were based on
Mariner C characteristics and reflect the pointing accuracy requirements
and control fuel consumption considerations. A nominal limit cycle ampli-
tude of ±0.5 degree and a limit cycle rate (for the transit configuration
prior to capsule separation) of I deg/hr are consistent with accuracy and
weight requirements and were chosen as design objectives. The SCS
parameters which provide the transit limit cycle rate result in a limit
cycle rate of about 5 deg/hr in orbit. This in-orbit value is compatible
with the stability requirements imposed by image motion considerations
during photographic operations. Error analyses showed the need to use
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a limit cycle amplitude of _0.25 degree for flight capsule separation and
during photographic operation, as dictated by photographic coverage re-
quirements.
Several configurations were studied for the cruise mode mechanization.
Primary consideration was given to passive stabilization schemes. The
configurations included:
a)
b)
An on-off controller driven by lead compensated
signals from the celestial reference sensors.
A fixed-pulse controller driven by the signals
from the celestial sensors.
c) A pulse-modulated controller driven by signals
from the celestial sensors.
Efficient limit cycle operation with an on-off controller requires
large lead-lag ratios and thus entails large gain reduction. Because of
the relative complexity and potential noise problem thus imposed, this
approach is not used for the cruise mode.
Fixed-pulse controllers can provide acceptable limit cycle perfor-
mance in the absence of disturbances. When disturbances are present,
however, the control logic required to reacquire and maintain the nominal
limit cycle becomes relatively complex. For this reason, fixed pulse
controllers were eliminated from detailed consideration.
a. Pulse Modulation Techniques
Three control thrust pulse modulation techniques were considered:
• Pulse-width modulation (PWM)
• Pulse frequency modulation (PFM)
• Pulse-width, pulse frequency modulation
(PWPFM)
PWM is well suited for digital computation but if used only with
attitude feedback, it does not damp the double integration vehicle dynamics,
and thus requires compensation in the control law. In many applications
this may be easy to obtain (e.g. attitude differencing in a digital computer),
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and performance requirements may be simple enough that pulse width
modulation is adequate. Since PWM is not compatible with the desire to
use passive stabilization techniques for cruise, however, it was not con-
sidered further.
PFM offers an advantage over PWM in that the modulator mech-
anisms can be realized by relatively simple analog circuitry. PFM tech-
niques have been shown to result in efficient limit cycle operation. As
with PWM, lead compensation is required in the control law to stabilize
the spacecraft. This compensation can be obtained by using lead networks
operating on the output of the attitude reference sensor. Noise amplification
by a lead network can be reduced by the use of integral pulse frequency
modulation which introduces an additional integration into the signal path.
Integral pulse frequency modulation control has an additional advantage in
that analytical procedures have been developed for design.
The additional degree of control freedom inherent in PWPI_M
systems promises greater control capacity than is available with either
PWM or PFM. l_or example, it may allow optimum control (in some
sense) to be approached more readily. A significant advantage of PWPFM
is that it can stabilize the open-loop-unstable, double integration dynamics
without additional compensation. This is readily observed from the derived
rate increment stabilization scheme in which a low pass filter feedback
loop around a bang-bang controller functionally constitutes a PWPF modulator
and, combined with sensed attitude feedback, results in a stable system.
The derived rate increment implementation of PWPFM has been success-
fully applied to the Ranger and Mariner spacecraft. Because of the simple
mechanization and previous successful experience with derived rate incre-
ment control, it has been selected for Voyager.
b. Cruise Mode Backup
Providing some form of backup for at least the cruise mode of
operation is mandatory. It is also desired to maintain attitude reference
in orbit during solar eclipse and in the event that reflected light from Mars
causes the Canopus sensor shutter to close temporarily. A straightforward
solution to this problem can be implemented by using attitude gyros in place
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of the celestial reference sensors. The gyros will provide an inertial
attitude hold mode which can also be used at other times in the mission,
as discussed later. This backup cruise mode can be initiated automatically
by the sun acquisition gate sensor during solar eclipse. Backup roll axis
control can be initiated automatically by the star acquisition gate. Similar
operation could be provided for the alternate earth-Canopus oriented con-
figuration.
i. Z. 2 Acquisition Mode
Constraints and objectives of the acquisition mode were to size the
system such that:
1) Minimum fuel is consumed in nulling the
initial spacecraft angular momentum.
2) Acquisition times are compatible with the
power subsystem and thermal control
requirements.
3) Hardware requirements and special switching
are minimized.
4) An acceptable terminal state is established
for transition to the cruise mode.
s) Alternative but degraded acquisition per-
formance can be realized with gyros
inoperative.
The mechanizations which were considered for the normal operation
acquisition mode include:
l) Sun-Canopus position feedback with rate
gyros.
2) Lead-lag compensation of the sun-Canopus
sensors.
3) Sun-Canopus position reference with derived
rate feedback for stabilization.
The primary factor which determined the selection of an acquisition
configuration was the requirement to null large tip-off rates about each
axis following the initial boost and capsule separation phases of the Mars
trajectory. Although the magnitude of these rates is largely dependent on
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the separation mechanism employed, typical maximum values are up to
3 deg/sec. This value was assumed for the Voyager acquisition studies.
In addition, calibration of the magnetometer may require accurate control
of rates about one or more control axes.
Lead-lag compensation of the sun and Canopus sensor outputs was
not selected for the normal operation acquisition mode because of the
difficulty in accurately controlling the spacecraft angular rate. Because
of the narrow field of view of the Canopus sensor (±Z degrees), ro11 rate
sensing is required to properly control the roll axis rates. Since the
coarse sun sensors exhibit a sinusoidalvariation of output as error is
increased (zero output in the proper orientation), the rate information
obtained from lead-lag compensation of the coarse sun sensor would in-
dicate the wrong sign for pointing errors in excess of 90 degrees. This
problem could be corrected by proper shaping of the sun sensor output;
however, the added complexity of the shaping network and lead-lag com-
pensation render this mechanization undesirable.
The normal acquisition mechanization which was selected uses three
miniature rate-integrating gyros, coarse sun sensors, and the pneumatics
system. The electronic switching amplifiers and derived rate feedback
are employed during acquisition. The advantage of maintaining the
derived rate feedback during acquisition is that a backup sun acquisition
mode is automatically provided in case of gyro failure. Although pre-
liminary analog computer studies of single-axis effects indicate a slight
degradation in acquisition performance with derived rate feedback, the
feasibility of this objective was established. Detailed three axis simula-
tions must be conducted to ensure satisfactory performance and optimize
system parameters {e.g., derived rate limit, time constant, etc.).
Because of the narrow field of view of the Canopus sensor and the
possible tip-off rates (3 deg/sec), use of the roll gyro is included in
normal Canopus acquisition. Provision has been made, however, for a
ground-controlled incremental roll maneuver mode, such as is employed
on Mariner C. This mode is identical to the roll axis reorientation mode
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with the exception that the precision torquing current is controlled by
fixed timers which results in a fixed incremental roll attitude change.
In addition, provision can be made for direct control of the roll axis jets
by ground initiated, timed commands. These modes provide backup con-
trol for Canopus acquisition and for the high gain antenna pointing.
The acquisition mode for the earth-Canopus oriented spacecraft
would contain the features described above plus those necessary to acquire
earth-pointing. Initial acquisition to the sun and Canopus is desirable
since it is so readily mechanized. Earth acquisition would be mechanized
by augmenting the maneuver sequence to provide a gyro-controlled turn to
acquire earth.
1.2.3 Maneuver Mode
For the midcourse velocity correction, capsule separation, and de-
boost phases, the desired spacecraft orientation is determined by ground
computation, transmitted to the spacecraft, and stored in the CS and C before
the maneuver. Gyro torquing current generators produce a precision
current that will command the desired reorientation attitude. In the
maneuver sequence a roll turn is made, followed by a pitch turn. In
some cases a second roll turn may be required to enable the high-gain
antenna to point to the earth. Following the reorientation maneuver, the
desired attitude is maintained by the inertial attitude hold mode.
Consideration was given to the following control techniques for the
reorientation mode:
I) Position gyro reference with derived rate feedback
2) Position plus rate gyro control
3) Lead-lag compensation of the position gyro.
System simplification was the primary factor leading to the selection
of the technique for accomplishing the maneuver. Since the inertial attitude
hold mode follows reorientation, the switching logic is simplified by using
the derived rate feedback for the cruise, reorientation, and inertial attitude
hold modes. Consequently, position gyro reference with derived rate feed-
back was selected for the normal operation reorientation mode.
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1. 2.4 Inertial Attitude Hold Mode
The inertial attitude hold mode is required to maintain a desired
attitude reference prior to midcourse and deboost thrusting and during
capsule separation. In addition, roll attitude stabilization during mid-
course velocity correction thrusting is achieved by the roll axis inertial
hold mode. Failure of the cruise mode because of solar eclipse or loss
of Canopus lock will also result in switching to the inertial attitude hold
mode.
The maneuver and attitude hold mechanizations are identical with
the exception that the torquing current generators are disconnected during
the attitude hold operation. Position feedback is derived from the position
gyros with stabilization obtained from derived rate feedback. This mech-
anization combines high reliability and performance due to the simplicity
of the switching logic and the desirable limit cycle characteristics.
1.2.5 Thrust Vector Control Mode
To satisfy the Voyager mission accuracy requirements for the mid-
course velocity correction and deboost phases of the Mars trajectory,
some form of thrust vector control is required. Studies of thrust vector
control for the liquid propellant engines have considered the following
system configurations:
• Use of cold gas
• Gimballed engine
• Lateral translation of the thrust nozzle
(vehicle Configuration B only)
• Spin stabilization
• Jet vanes.
Some factors which led to the selection of the TVC configuration
were disturbance torques caused by thrust misalignment and lateral center
of gravity offsets which cause thrust offset angles.
Since the midcourse velocity correction employs a low thrust engine
(50 poundsl, attitude stabilization by the inertial attitude hold mode was
considered. The disturbance torques resulting from 3_values of thrust
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misalignment and center of gravity offsets, however, render this control
scheme marginal for the pitch and yaw axes unless special high thrust
jets are used. Roll attitude stabilization can be maintained by the roll
axis inertial attitude hold mode (using the cold gas jets) and was selected
as the normal midcourse TVC mode.
Because of its proven ability, simplicity, and reliability, jet vane
TVC, similar to that employed on Mariner C, was selected for the pitch
and yaw axes midcourse correction mode. Stabilization of the pitch and
yaw axes is achieved by lead-lag compensation of the gyro attitude signals.
For the solid rocket TVC, consideration was given to the following
configurations:
1) Spin stabilization about the spacecraft roll
axis
Z) Gimballed nozzle
3) Gimbal entire engine
4) Liquid injection
5) Gimballed monopropellant engines.
The tradeoff analysis of these approaches is described in Section
VII.
Based on disturbance torque estimates and pointing accuracy re-
quirements, the required spin rate for i above is 2.6 rad/sec. Since the
resulting centrifugal acceleration (Z. 1 g) increases the required lateral
structural loading and imposes additional requirements on appendages, it
is considered undesirable to spin stabilize the spacecraft for control.
A liquid injection thrust vector control mechanization was selected
for the pitch and yaw axis control during the deboost thrusting because
of the proven performance (Minuteman, Polaris) and ease of checkout
(see Section VII). Two liquid injectors are utilized for each control axis.
Stabilization is achieved by lead-lag compensation of the position gyro
signal.
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Because of high engine thrust levels, center of mass uncertainties
during deboost, and null errors in the TVC the roll disturbance torque
level may exceed the normal inertial attitude hold control torque. As a
result, a requirement may exist to increase the roll axis jet thrust level
(e.g. by a separate jet pair operating from the cold gas system) during
the deboost maneuver. This requirement will be re-evaluated later when
the spacecraft geometry center of mass offsets and rocket motor character--
istics are better defined. Worst-case analyses which have been conducted
indicate that the thrust sizing for this operation are probably not unreason-
able for cold gas. The derived rate feedback and on-off electronic switching
amplifier used with the normal roll axis inertial hold mode are probably
adequate for use with the high level gas jet system. As indicated in Section
VII, the use of a hot gas bleed-off from the LITVC gas pressurization
system was also considered for roll control. If required, this approach
can provide high thrusts with small additional weight, but the cold gas
approach appears more desirable at present.
I. 3 Control System Analyses
This section summarizes the factors leading to the selection of the
subsystem configuration and components. Detailed analyses of SCS
operation are given in Section 2 of Appendix E.
1.3. ! Pointing Error Analysis
Pointing requirements for the Voyager mission involve interaction
between the SCS, the high-gain antenna, the POP, velocity corrections,
and the flight capsule. The sources of error include the attitude reference
errors, the articulated component drive errors, alignment errors, and
SCS pointing errors. Several error analyses were made to define an
acceptable attitude control limit cycle amplitude.
The high gain antenna must be pointed to within _-I.4 degrees, 3o,
to keep the earth within the I db points of the beam. The pointing re-
quirement, reflected into a single-axis error, results in an allowable
error of one degree.
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The primary error sources are:
Attitude reference accuracy
Limit cycle error
Antenna drive program
quantization
Antenna drive dynamic error
Antenna drive pickoff error
Antenna boresight error
Alignment (antenna to o!
reference)
The RSS total of ±0. 822 degree,
=_0. 1 deg,
±0. 499 deg
±0.5 deg
4-0. 2 deg, 3 o
4-0. t5 deg, 30
4-0.2 deg, 3 a
4-0. 25 deg, 3 o
assuming that the limit cycle and
program step contributions are 3 o values, is well within the ±1 degree
requirement.
The Voyager mission guidelines states that the pointing accuracy
required during velocity corrections is ±0.5 deg, lo . This requirement
has been interpreted to apply to each of the two components of the total
pointing error. Because of the short moment arm available for control
of the solid motor, the errors produced by center of mass offsets are
greater for this engine than for the monopropellant engine.
The primary sources of error during velocity corrections are:
Gyro torquing error
Gyro alignment error
Gyro drift error
Limit cycle error
TVC limit cycle error
Control error from thrust
misalignment
Control error from c.m. offset
4-0. 2 deg, 3o
±0. i deg, 30
4-0.4 deg, 3a
:t:O. 34 deg, 1_
±0.2 deg, 3a
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The RSS total for the midcourse correction is ±0.55 deg, io ; stemming
largely from control error from c.m. offset. If the control deadband is
reduced to +0.25 degree, the Ig error is 0.465 degree. A fine control
deadband is therefore required to meet the velocity pointing requirements.
Tight control over lateral c.m. offset must be exercised to assure the
required 0. 5 degree accuracy.
For the reorientation maneuver prior to capsule separation, the
error sources are as shown below:
Gyro torquing error
Gyro alignment error
Gyro drift error
Limit cycle error {4-0.5 deg)
Capsule to spacecraft alignment
+0. 2 deg, 3o
4-0. 1 deg, 3o
4-0.4 deg, 30
±0. 499 deg, 3 o
4-0.4 deg, 30
For a 4-0.5 degree limit cycle, the 3s error is 0.79 degree. If the con-
trol deadband is reduced to 4-0.25 degree, the 3or error is 0.66 degree.
It is therefore necessary to switch to a fine control deadband to meet the
capsule separation pointing accuracy requirement.
The POP pointing requirement of 4-0.5 degree, 3_, imposes the
most stringent constraint on the SCS. For this case, the primary error
sources are assumed to be:
i) Attitude reference accuracy
2) Spacecraft limit cycle error
3) Drive accuracy
4) POP pointing sensor errors
5) Camera boresight error
6) Alignment of POP to spacecraft
reference
4-0. 1 deg, 30
4-0. 249 deg, 3 o
4-0.25 deg, 3 o
±0.2 deg, 3
4-0.05 deg, 30
4-0.25 deg, 30
The RSS error of 4-0. 490 degree, 3g , is within the requirement. As
indicated above, the limit cycle error must be reduced to 4-0.25 degree
during imaging operations to meet the POP pointing requirements.
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For high gain antenna pointing and midcourse velocity corrections,
a +0.5 degree limit cycle amplitude is probably acceptable. The POP,
retropropulsion, and capsule separation pointing requirements can be met
by decreasing the control deadband from 0.5 to 0.25 degree by command from
the CS and C a short time before the maneuver or picture sequences begins.
To minimize reaction control fuel consumption, it is desirable to provide two
control deadbands, a wide range for normal cruise and a smaller range for
precise pointing.
1.3.2 Cruise Mode
The normal cruise configuration employs sun-Canopus position
reference with derived rate feedback around an on-off electronic switching
amplifier. A block diagram of a single axis (pitch, roll, or yaw) cruzse
mode configuration is shown in Figure 4-I.
SUN-CANOPUS
SENSOR
SWITCHING
AMPLIFIER
J1
Figure 4- i.
in Figure 4-i,
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S
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E 9 =
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Cruise Mode Attitude Control System Block Diagram
Switching amplifier output voltage
High gain filter output
Sun-Canopus sensor output
Switching amplifier error input
Switching amplifier th re shold
Kf = Filter gain
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_f = Filter time constant
T = Gas jet torque output
o
@ = Spacecraft attitude
h = Switching amplifier hysteresis.
Based on a 1 deg/hr limit cycle rate before capsule separation, the
maximum limit cycle rate during Mars orbit is 5.2 deg/hr, well below
the POP imaging limit of 20.6 deg/hr. In addition, the limit cycle rates
chosen yield acceptable fuel consumption characteristics even in the
presence of worst case disturbance torques. Based on these design
criteria, the jet thrust and torque level were computed as 0.044 ib/
nozzle and 0.83 ft-lb, respectively, using two jets to provide couples in
normal operation. In the absence of disturbance torques, the maximum
limit cycle fuel consumption for a 177-day transit period and an orbit
lifetime of 6 months is approximately 6 pounds.
During the mission, the Voyager spacecraft experiences disturbances
from external as well as internal sources. The major external sources
of disturbance include torques resulting from solar radiation pressure
and, when in Mars orbit, gravity gradient. Internal sources of disturbance
are the result of reaction torques from rotating devices such as tape re-
corders and the POP. To maintain three-axis stabilization, the cruise
mode attitude control system will remove the momentum imparted to the
body by expending fuel.
life, the maximum fuel
estimated as
Fuel (Ib)
1.5
1.21
Based on a 6-month transit and a 6-month orbit
expenditure because of disturbance torques is
Disturbance Source
Solar radiation pressure
Gravity gradient torques in
Mars orbit
0.72 Reaction forces
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The net result of the disturbance torques is to increase the maximum cruise
mode fuel consumption from 6 to approximately 9.5 pounds. The maximum
amplitude of disturbance torque was found to be approximately 5 x l0 -4
ft-lb resulting from gravity gradient torques in orbit. A detailed analysis
of the major disturbances expected on the Voyager spacecraft is given in
Section 1, Appendix E.
1.3.3 Sun-Canopus Acquisition Mode
As discussed in Section 1.2.2, several mechanizations were con-
sidered for the sun and Canopus acquisition modes. The primary factors
which determined the selection of an acquisition configuration were 1)
nulling large initial rates about each axis following the boost and capsule
separation phases of the Mars trajectory, 2) minimizing acquisition time
and fuel consumption and 3) providing acceptable pointing errors and error
rates for transition to the cruise mode.
The acquisition mechanizations shown in Figures 4-2 and 4-3 use
three rate gyros, coarse sun sensors with a 4_ steradian field of view,
cruise sun sensors with a ±i0-degree conical field of view about the pitch
and yaw axes, and a Canopus sensor with a ±2-degree field of view about
the roll axis. Control is achieved through gas jets with derived rate feed-
back maintained around the electronic switching amplifiers. During the
roll search maneuver, jet firing times are electrically integrated to pre-
vent excessive roll rates in case of a roll rate gyro failure, as is done
on Mariner C.
SWITCHING
CRUISE SUN SENSOR AMPLIFIER
I
I
I
I
I
JACQUISITION SUN SENSOR
Figure 4-2.
GAS
JETS
SPACECRAFT REACTION. --I
Pitch or Yaw Axis Sun
Acquisition Mode
CANOPUS SENSOR
,.Q
I
SWITCHING
AMPLIFIER
I
I
SPACECRAFT REACTION j
Figure 4-3. Roll Axis Canopus
Acquisition Mode
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Based on worst case initial rates (3 deg/sec) and position errors
(±180 degrees) sun acquisition may take up to 20 minutes. Since the
Canopus sensor field of view is ±2 degrees, Canopus acquisition (based
on a 0. i deg/sec search rate) could take up to 60 minutes. The total fuel
consumed for an initial acquisition, four midcourse correction acquisitions,
acquisition after flight capsule separation and deboost is less than I. 4
pounds.
Preliminary studies have shown that there may be an advantage in
having a coarse sun sensor whose output saturates for large error signals.
The spacecraft would accelerate or decelerate to the rate corresponding
to the error saturation value and coast into the control deadzone. Operation
in this manner appears to offer economy in control fuel expenditure and
response time for the proper control parameter values. As discussed in
Section 2, Appendix E, it is also possible to obtain approximate deadbeat
response by selection of appropriate sun sensor output characteristics.
A disadvantage of using a saturating coarse sun sensor character-
istic is that operation of the backup acquisition mode is degraded in the
saturated region since no rate information is available. Detailed studies
are needed to examine the tradeoffs involved in i) increased fuel con-
sumption required for a non-saturating coarse sun sensor during normal
sun acquisition and 2) degraded backup sun acquisition performance using
a saturated coarse sun sensor.
Figure 4-4 shows a phase plane trajectory of a single-axis sun
acquisition without derived rate feedback for an initial rate of 3 deg/sec
zero initial pointing error, and a coarse sun sensor output saturation
level corresponding to approximately 0. 2 deg/sec. As discussed in
Section 2, Appendix E, inclusion of the derived rate feedback increases
the rate damping but may reduce the duty cycle and result in longer
acquisition times.
In addition to providing calibration of the magnetometer and reduction
of initial tip-off rates, accurate control of the sun-Canopus search rate
may also allow the use of a switching logic which gives a deadbeat response
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Figure 4-4. Sun Acquisition for 3 deg/sec
with the pointing error and error rate approaching zero at the same time.
Since control of the spacecraft is transferred to the cruise mode after
acquisition, minimization of the spacecraft position error and rate are
desirable to reduce the mode switching transient. Since the acquisition
gyro gains determine the initial cruise mode rates (which may be as high
as 0.2 deg/sec), several pulses may be required to acquire the cruise
mode limit cycle. The magnetometer calibration considered here assumes
a single axis rotation as is used on Mariner C. If sequential rotation about
all three axes is required for Voyager, it can easily be provided.
Backup sun acquisition in case of gyro failure can be provided auto-
matically by the derived rate feedback. Figure 4-5 shows a phase plane
trajectory for a single axis sun acquisition with an initial rate of I. 7 deg/sec
and an initial pointing error of 20 degrees. Since rates this large are ex-
tremely unlikely after the initial acquisition, the reacquisition even after
gyro failure should be much faster than that indicated in Figure 4-5.
Backup Canopus acquisition or high gain earth pointing antenna
positioning can be obtained by the incremental roll maneuver mode.
Figure 4-6 shows a block diagram of this mechanization.
I. 3.4 Maneuver and Inertial Attitude Hold Modes
The selected configuration for the maneuver and inertial attitude
hold/rate-integrating mode employs gyros and derived rate feedback.
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Figure 4-7 shows a block diagram of a single axis (pitch, roll or yaw)
maneuver or attitude hold mode.
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Figure 4-6. Incremental Roll
Maneuver Mode Block
Diagram
Figure 4-7. Single Axis Maneuver
Mode
Based on a 90-degree maneuver angle, the maximum time and fuel
consumed during a single axis reorientationwere determined by analog
computer simulation to be 35 minutes and 0.08 pound, respectively.
Assuming four midcourse velocity corrections, capsule separation and
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the deboost reorientation, the maximum fuel consumed was found to be
0,96 pound. Figure 4-8 shows a phase plane trajectory of a 90-degree
single axis reorientation maneuver.
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Figure 4-8. 90-Degree Reorientation
1.3.5 Thrust Vector Control Mode
a. Monopropellant Engine TVC
Jet vane thrust vector control was selected to provide control
torques for the pitch and yaw axes during midcourse velocity corrections.
A block diagram of the TVC mechanization is shown in Figure 4-9.
Where
6. = Jet vane position
3
6tv = Thrust vector deflection
T = Engine thrust
= Control moment arm
C
IE = Principal axis moment of inertia
@ = Attitude error
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K. = Lead-lag compensation gainJ
a.T.= Lead time constant.
J J
As shown in Figure 4-9, two jet vanes are utilized for each control
axis. The maximum jet vane deflection and the ratio of jet vane deflection
to thrust vector deflection are nominally 25 degrees and 5 degrees,
respectively. Based on a criterion of one-half the maximum jet vane de-
flection for a I/2-degree pointing error, the attitude error gain (Kj) was
chosen to be 25. A lead time constant (_j) of 0.2 second and a lead ratio
of i0 were selected. The lead-lag compensation parameter values men-
tioned above were selected on the basis of providing satisfactory closed
loop response characteristics with reliable hardware components. Roll
attitude stabilization during the midcourse velocity correction maneuver
is maintained by the roll axis inertial attitude hold mode.
Because of the center of mass and the lateral c.m. uncertainties,
large thrust vector offset angles are generated. Based on a lateral c.m.
uncertainty of 0.2 inch, the 3_ thrust offset angle is approximately 0.4
degree. The resulting sensed attitude error is 0.08 degree. The net
result is, however, an effective thrust offset angle of 0.48 degree since
the attitude error and thrust offset angle are additive. This analysis in-
dicates that stringent control will have to be exercised over lateral center
of mass uncertainties.
b. Solid Engine TVC
The selected TVC mechanization for the solid rocket engine
employs liquid injection thrust vector control. A block diagram of the
deboost TVC configuration is shown in Figure 4-i0,
where
K_ = Lead-lag compensation gain
Ti = Time constant
_f = Lead-lag time constant ratio
As shown in Figure 4-i0 two liquid injectors are used for each
control axis. The maximum thrust vector deflection obtainable from the
liquid injection is approximately ±4 degrees.
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Because of the relatively high thrust levels at deboost compared to
T2c
midcourse values, the loop gain parameter I is correspondingly higher,
permitting a lower electronic forward loop gain (KI). Based on a gain
(KI) of 2, lag-time constant (T i) of 0.05 second, and lead ratio (_i) of I0,
satisfactory closed-loop response characteristics are achieved with reli-
able hardware components.
Because of the proximity of the effective gimbal point to the vehicle
c.m., and the lateral c.m. offset, large thrust vector errors will be
generated. Based on an assumed 0. 2 inch lateral c.m. uncertainty, the
3_ thrust vector offset angle is 0.75 degree. The resulting attitude error
is 0.38 degree, which results in an effective i. l-degree thrust error
angle. Due to the injection liquid weight required to accommodate the
thrust vector offset, tight control of the lateral c.m. offset is indicated.
Estimates of the lateral c.m. control achievable by proper appendage
location and standard balancing techniques indicate a 0. i inch lateral
c.m. uncertainty is possible.
Present roll axis disturbance torque estimates show that an in-
creased roll axis jet thrust level will probably be required during the
deboost maneuver. Based on the deboost thrust level, present lateral
c.m. uncertainties, and maximum thrust v_ctor deflection, a roll dis-
turbance torque upper limit of 3 ib-ft may exist during retrofire. Jets
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with a thrust level of 0.5 pound, mounted in separate pairs about the roll
axis, are sufficient to counteract the effects of this disturbance. Although
the resulting undisturbed limit cycle rate is increased to approximately
0.0i deg/sec, the use of the auxiliary roll jets during i00-second deboost
maneuver does not result in significantly increased fuel consumption.
i. 4 Inertial Sensors
i.4. i Gyro Instruments
The selected approach utilizes three single-degree-of-freedom, rate
integrating gyros, one for each spacecraft axis. The physical parameters
of the gyro are specified in Table 4-i.
Since the equipment for each axis is essentially identical describing
one axis (roll), a typical axis will in effect describe all three axes as
shown in Figure 4-ii. Inthe acquisition mode Switch No. i is closed and
the gyro is caged with an analog torquing signal. The electrical output is
the voltage across the gyro torquer and is proportional to the input roll
rate experienced by the spacecraft.
INPUT AXIS RATE
[i j_ INTEGRATINGG_ROi POSITION
I CswncHNO.1
I _ OPEN)
I ]RATE
k / (SWITCHNO.1
lCLOSED_ _igure 4-1 1. Gyro Control Loop
PITCH GYRO |ROLL GYRO ....
e-_--J G EN ERATOR I
NOTE: PITCH AND YAW GYRO LOOPS ARE NOT SHOWN m l
Reorientation of the spacecraft is achieved by opening Switch No. i
in the roll gyro loop and closing the roll gyro current switch. The pre-
cise torquing current of the desired polarity is applied to the gyro torquer.
These operations are accomplished by commands from the CS&C. The
current is applied by command for a predetermined length of time and
then the current switch is opened. The gyro is then the inertial reference
during the reorientation of the other axis and the velocity correction
maneuver. The same turning procedure is then followed using the pitch
gyro loop.
4-24
Table 4-I. Gyro Specifications
Weight
Size
Gimbal Gain
Input Axis Angular Freedom
Gimbal Freedom
Gimbal Bearing
i. 0 pound (maximum)
2.0 inches diameter x 3 inches long
0.6 = Output Angle at 140°F
Input Angle
±5 degrees (minimum)
_-3 degrees (output axis)
Pivot and jewel or flexure
Motor
Type
Excitation
Starting power
Running power
Signal Generator Power
Spin Bearing
Synchronous hysteresis, 4 pole
Two phase square wave 800 cps
i0.0 watts peak for less than 45
s e conds
2.0 watts (maximum)
4100 cps, 0.5 watts (maximum)
Hydrodynamic with notches added
to the journal portion
Long Term Drift
G-Ins ensitive
G-Sensitive
MTBF
Initial value ±0.3 deg/hr (maximum
Stability 0.4 deg/hr, 3_ , I year
Initial value ±i. 0 deg/hr-g (maximum)
Stability 0.7 deg/hr-g, 3_, i year
10 6 hours
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The switching sequence is designed in such a manner that the gyros
are always caged by means of the rate loop (Switch No. i closed) prior to
operating open loop (Switch No. i open), ensuring that the gyro floats will
be at pickoff null prior to being utilized as an inertial reference in the
attitude hold and maneuver modes.
During the attitude hold mode Switch No. i is opened and position
signals are obtained in the same manner as during the maneuver. The
position signal is proportional to the angle through which the gyro input
axis has turned and this signal is servoed to null by utilizing the gas jets
to torque the spacecraft about the three axes.
1.4.2 Gyro Assembly
The three gyros and their associated electronics are mounted in a
temperature controlled block, the temperature maintained by a proportional
servo which applies DC power to an appropriate combination of gyro and
block heaters. The gyro temperature sensors are used as the temperature
reference for the control electronics. Present spacecraft temperature
design indicates a heat sink temperature range of 30 to 90°F; in the worst
case (30°F) approximately 9.6 watts of heater power will be required.
These considerations are outlined in Figure 4-12. Gyro and heater power
are not required when the instruments are not being utilized. The gyro
reference assembly specifications are given in Table 4-2.
SPIN MOTOR POWER (6 WATTS - 800 CPS, 2 PHASE)
+w++
SPACECRAFT
HEAT SINK
J GYRO REFERENCE L..I ' THERMAL k MIN - 30° F
MAX - 90 +
J ASSEMBLY J J IMPEDANCE J- FJ 140 ° F
SPACECRAFT AT 90° F:
THERMAL IMPEDANCE (140 - 90) ° F
" 8 WATTS _ 6.25 ° F/'_/ATT
SPACECRAFT AT 30 ° F:
(14o-3o) o E
HEATER WATTS - 6.2_ _WATT - 8 WATTS = 9.6 WATTS
Figure 4-I 2. Gyro Reference
Assembly Thermal
Model
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D Table 4- 2.
Size
Weight
Ope rating temperature
Power required
Gyro Reference Assembly Specifications
180 cubic inches (6 x 6 x 5 inches)
10.0 pounds
140°F (required only during gyro
operation)
800 cps, 2 phase, 6 watts
4i00 cps, 1.5 watts (maximum)
30 VDC, i0 watts (maximum)
........... _r4._ _mchani zation T radeoffs
D
Various tradeoffs were considered before arriving at the configuration
just defined. The system of least complexity and highest reliability capable
of performing the required functions with the spacecraft limitations was
selected. Details of the gyro tradeoff studies are given in Section 3 of
Appendix E and summarized here.
a. Sensor Heaters
Utilizing unheated gyros is attractive because of the savings in
heater power. However, the 60°i r variation in heat sink temperature
would result in a 2.8:i change in gyro gain. In addition, the fixed drift
coefficient would be subject to change as the temperature varied and this
approach was described. Compensation for both of these effects might be
included in the circuit electronics; however, at this time little information
exists on the performance of inertial guidance quality gyros when operated
in this manner. Since excess electrical power is available during most
of the mission and the gyros are on for such short times, the more con-
servative approach was chosen. Should spacecraft power requirements
increase in the future, this area can be reinvestigated.
Note that the heater power requirement in the worst case (30°F)
is directly related to the amount of power dissipated in the reference
assembly. The largest power sources are the gyro spin motors which
are currently undergoing considerable improvement. Manufacturers are
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quoting power requirements of 2 watts, which is considered conservative.
Should the actual gyros selected for Voyager dissipate less power than
this, the required heater power would also be reduced. Loss of heater
power would result in degraded SCS performance but would not be cata-
strophic. The gyros would continue to operate at reduced gain which
would result in a larger SCS deadzone. The fixed drift coefficient would
also be different from its value at normal operating temperatures.
b. Signal Processing
Pulse torquing the gyros was considered and discarded because
it was found unnecessarily complex relative to the SCS requirements.
Possibly three advantages are associated with a bang-bang pulsed torquing
scheme. This approach would:
I) Improve the effective torquer linearity of
the instrument
2) Maintain constant power dissipation in the
gyro
3) Provide for a digital integration of angular rate.
The first item is not necessary since only one precise slew rate is re-
quired (0.2 deg/sec). The second item is useful in those applications
where the torquer power at times is considerable and it is desired to
improve gyro drift performance by minimizing internal temperature
fluctuations. Here, however, the utility is not applicable since the torquer
power dissipated at 0.2 deg/sec is approximately 5 milliwatts, negligible
relative to the other instrument power input. The third item might be
desirable, but does not appear to be needed since the high gain antenna
is used for attitude Verification.
Caging the gyro with an analog torquing loop and integrating the
torquing signal to obtain spacecraft position was also considered.
Capacitors such as utilized on Mariner C and voltage-to-frequency con-
verters operating on the indicated rate signal were considered and were
discarded because of the increased complexity they introduce.
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Gyro torquing scale factor accuracy and linearity of 0.0! and
0.01 percent, have been obtained with a high degree of stability by existing
permanent magnet torquer designs. Torquing current generation with an
accuracy of 0.5 percent is readily achieved today with simple, straight-
forward circuitry. Both of these factors contributed to the decision that
analog signal processing is able to satisfy the Voyager maneuver accuracy
requirements.
c. Spin Motor Bearings
A hydrodynamic gas spin bearing was selected for the Voyager
gyros for two reasons:
!) The dominant gyro failure mode in a ball
bearing gyro is considered a wheel bearing
failure.
2) The mission operating life is longer than
conservative estimates of the expected ball
bearing lifetime.
A properly designed gas spin bearing should thus substantially increase
the gyro reliability. The tradeoff associated with this selection is a
slight increase in spin motor power, which is outweighed by the improve-
ment in reliability.
A consideration associated with gas journal bearings is the
argument that they may resonate at half motor frequency (half speed
whirl) when unloaded during the zero g portion of the flight. Although this
is not cuz_^-^'_,_ _....y,-,-_l.., _,_......pn_hility does exist and there is little data
available to prove or disprive the argument. Tentatively it has been de-
cided to incorporate supplementary notches in the journal portion of the
bearing to provide positive centering at zero load. Minuteman platforms
have been observed to operate satisfactorily for periods up to 30 seconds
after thrust termination, indicating that the gyros do not fail in a zero g
environment. In this case, the observation time was determined by other
flight constraints, and gyro bearing failure would have produced torques
which would have resulted in the platform running abruptly to its gimbal
stops (dumping). The Minuteman platform carries two degree of freedom
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gas bearing gyros (G6-B4) and one single degree of freedom gas bearing
gyro (GI-T1-B). Both types of instruments exhibit half speed whirl, and
because of the high resonant frequencies (75 and 200 cps, respectively)
it is considered likely that a resonance type bearing failure would have
occurred in the 30-second observation period, if this phenomenon does
in fact exist. In any event, there will be ample opportunity to test for
this effect and obtain assurance for this approach before Voyager specifi-
cations are firm.
d. Spin Motor Excitation
Two-phase spin motor excitation is chosen because it is as
efficient as three phase and requires one less inverter to generate.
Single phase, split with capacitors, is not being used because the start and
run capacitors should be of different values and switching from one to the
other is more complex and, hence, potentially less reliable. Square wave
exictation is being used because the increase in power is slight and it is
simpler to generate than a sinusoidal or quasi-sinusoidal wave. A four-
pole motor is selected over a two-pole design because better radial center-
ing is achieved, otpimizing starting of a gas spin bearing, and lower end
turn losses result in a more efficient motor, and the leakage flux from the
motor is lower. The motor drive frequency selected is 800 cps because
it is considered undesirable to operate the wheel at 400 cps which, with
the four-pole motor, would result in a half normal spin speed and double
drift coefficients.
e. One De_ree of Freedom versus Two Degrees of Freedom
Single-degree of freedom gyros (as opposed to two degrees
of freedom gyros) were selected for this application because:
l) They have been used previously in many
similar applications (Ranger, Maringer, etc. )
z) More is known about the performance of
single degree of freedom instruments.
3) More vendors are producing single degree
of freedom instruments.
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The use of single-degree of freedom gyros in this application is
certainly the more conventional design approach and thus has the advantage
that the instrument characteristics are generally well known and predict-
able. Another consideration is that any of the two-degree of freedom
instruments presently available would require caging and some form of
rate integration to be used in the SCS. Thus, more circuit complexity
may be required.
However, one two-degree of freedom gyro may merit further
study before a final configuration is selected. The Autonetics Gi0 and
................ --C_X)_are small_two-degree of freedom gyros which appear to have many
desirable characteristics. They do not require heating, utilize gas
spin bearings are not floated, and have no flex leads or gimbal bearings.
They are a miniaturization of the Autonetics G6 gyro which has demon-
strated an extremely low failure rate in the Minuteman guidance system.
The spin motor power required in space would be less than i watt per
gyro. A configuration based on these gyros would presumable have the de-
sirable characteristics of high reliability, low power, and small size.
However, not enough is known about the instruments to verify that they
would meet the other design constraints required of the SCS. Further
investigation in this area is intended. Note that two-degree of freedom
instruments have a potential reliability advantage in that only two instru-
ments are required instead of three. Therefore, if the reliability of the
two-degree of freedom gyro is approximately the same as the single-
degree of freedom unit, an improvement in inertial reference system
reliability might be realized. Failure of the gyro on any SCS axis could
be catastrophic to the mission so that failure of the two axes associated
with a two-degree of freedom gyro is no worse than failure of a single-
degree of freedom gyro associated with a single axis.
f. Other Design Details
The more complex suspension systems, such as magnetic or
electrostatic suspension, and hydrostatic bearings were considered be-
cause of reliability and power characteristics.
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techniques and devices.
the following sections.
4 and 5 of Appendix E.
The flotation fluid type does not freeze over the temperature
range of interest in both storage and flight. Magnetic cleanliness will be
considered in future detailed designs, but, at present, the gyro could not
be selected on the basis of producing less than 1 _ at a specified distance
since this type of information is not presently available from gyro manu-
facturers. A requirement of part of the gyro reference assembly design
is to apply suitable shielding to the gyros and entire assembly in order to
obtain the desired magnetic cleanliness.
1.5 Sun Sensors and Near Earth Detector
The recommended design approaches for the sun sensor and the
near-earth detector were selected on the basis of reliability, performance,
size, weight, and power requirements as they were met by alternate
The rationale for the designs is presented in
Additional design details are presented in Sections
1.5. I Selected Sun Sensor Design
The recommended sun sensor consists of three separate assemblies:
a) A coarse pitch sun sensor
b) A coarse yaw sun sensor
c) A two-axis fine sun sensor.
The logical interconnections of the sun sensors are indicated in Figure
4-13. The electronic circuits are shown on a functional basis only.
Redundant signal processing circuitry is used in all channels, consistent
with the SCS electronics design concept discussed more fully in Section
I. I0.
Each of the two coarse sun sensors consists of a pair of solar cells
back-to-back, with piano-convex lenses in optical contact with the cell
surfaces as shown in Figure 4-14. The two solar cells are connected
with opposing polarities across a low resistance. The output signal will
have a characteristic similar to that shown in Figure 4-15. The coarse
sun sensors are mounted on the spacecraft periphery at locations which
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provide maximum unobstructed viewing angles. The null stability of the
coarse sun sensors is between 0.5 and i degree (as determined by the
geometrical and thermal characteristics of the mounting structurel so
that with suitable mounting surfaces and with proper initial alignment
the coarse sun sensors can provide a good backup system in the event
of a failure of the fine sun sensor.
The fine sun sensor consists of a silicon photovoltaic quad cell
mounted behind a mask which acts as a shadowing structure (see Figure
4-16). The sensor is designed to have nearly linear output in two ortho-
gonal axes when the sun angle is within 10 degrees of the sun sensor axis.
The output signal will have a characteristic similar to that shown in
Figure 4- 17.
MASK PLATE QUAD OF
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Figure 4-16. Fine Sun Sensor
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The scale factors for the coarse and fine sun sensors are designed
to be nearly equal between 8 and 10 degrees from the fine sun sensor axis.
The attitude control system is switched from the coarse sun sensor to
the fine sun sensor within the 8 to 10-degree band so that the transition
will not produce a discontinuity in the signal. The switching is initiated
by a miniature silicon solar cell behind a plate having a pinhole aperture.
Switching from coarse sun sensors to a fine sun sensor makes it possible
to have a 4_r steradian acquisition field of view without susceptibility to
null errors caused by light reflected from the surface of Mars during the
orbital phase of the mission.
i. 5. 2 Design Developmen t
The sun sensors for the Voyager spacecraft are required to sense
the sun over a 4 _ steradian field of view to facilitate acquisition of the
desired attitude. In addition, the sun sensors are required to provide
relatively high accuracy about the null point which occurs when the space-
craft is properly oriented with respect to the sun. To obtain the com-
prehensive field of view, sensors must be mounted at outboard locations
where the temperature and structural rigidity are likely to be unfavorable
for a sensor of high accuracy. This consideration led to the adoption of
coarse sun sensors mounted on the spacecraft exterior and a fine sun
sensor mounted inside the spacecraft where the environment is more
carefully controlled and greater protection can be provided against micro-
meteorite damage.
It is possible, in theory, to obtain the required field of view by
many small sensors having small acceptance angles with the output signals
combined in some fashion, allowing all of the sensors to be located inside
the spacecraft if suitable mounting spots could be found. The relative
complexity and high parts count for this approach, however, more than
offset any advantages it may have.
1.5.3 Coarse Sun Sensor Tradeoffs
a. Requirements
below:
The chief requirements for the coarse sun sensors are listed
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I) 4 _ steradian field of view for the sensor
combination.
Z) Output signals must be suitable for acquisition
of the sun.
3) Sensors must operate over a relatively wide
temperature range.
4) Sensors must operate over the range of
spacecraft-sun distances associated with
the Voyager mission.
5) A reasonably high signal level is desirable
to minimize the requirements for amplification.
6) The output signal should be compatible with that
of the fine sun sensor such that a smooth transi-
tion from coarse to fine can be made.
It will be shown that all of the requirements can be met using an analog
null-seeking sensor. This type of sensor is considerably less complex
(and requires fewer parts) than a digital sensor or a solar aspect sensor,
i.e. , a sensor which provides a quantitative measurement of the sun's
position at all points within its field of view. Since the analog null-seeking
sensor was found to be the most reliable type adequate to meet the require-
ments, various techniques for implementing such a sun sensor were
evaluated. The most significant of these techniques are discussed next.
b. Evaluation of Specific Devices and Designs
The detectors most suitable for use in a visible light sensor,
neglecting image tubes and devices especially designed to detect faint
sources, are listed below:
l) Photovoltaic devices
• Silicon solar cells
• Radiation tracking transducers
• Other photovoltaic cells
I
9
I
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z) Photoconductive devices
CdS and CdSe photocells
Photo diodes
Photo SCR's and light activated switches
Photo transistors
To cover the required 4n steradian field of view with a mini-
mum number of detectors, each detector should be adaptable to sense
light over a wide solid angle. One technique for accomplishing a wide
........... _ a lens in optical contact with
the photosensitive surface. Another approach is to use a detector having
a surface with convex curvature (CdS and CdSe photoconductive grids
have been deposited on flexible substrates). If the detector has an accept-
i ance angle of 2w steradians or more, two detectors facing opposite direc-
tions can provide a suitable signal for one-axis sun angle information.
Among the available photovoltaic detectors, the silicon solar cell
is the logical choice for the coarse sun sensor application. The radiation
tracking transducer, a lateral photocell which indicates the position of a
spot focused onto its surface, cannot be readily adapted to cover the large
viewing angles required. The other types of photovoltaic cells do not have
the proven reliability and performance which the silicon solar cells have
demonstrated in space applications. In addition, sun sensors using
immersed silicon solar cells have been built and tested extensively for
use on other spacecraft such as OCrO =L_,_--'__r=l=v_ V. mh__..... .._qlgn will be
flight tested well before the completion of the Voyager spacecraft design.
For photoconductors, the CdS and CdSe photocells appear the best
choice for the application. Photo diodes, photo SCR's, and light activated
switches do not have the analog type of signal needed to meet requirements
2 and 6 of Section 1.5.3. Photo transistors have a lower assessed re-
liability than the CdS or CdSe photocells, and they do not lend themselves
to wide viewing angle applications. The only notable point in which CdSe
cells excel over CdS cells is in the speed of response. Since fast response
is not needed, the CdS cells are preferred because they have greater stability
with temperature change and have had more use in space applications.
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Choosing between the photoconductive CdS cell and the photovoltaic
silicon solar cell is difficult. Both devices have adequate response,
temperature stability, and flight-proven reliability. The solar cell sun
sensor would require only one load resistor (per axis) and no power con-
sumption; the CdS cell sun sensor would require one active CdS cell and
one dummy CdS cell per axis and two resistors for both axes to complete
the resistance bridge and would require external excitation. However,
the signal level from the CdS cell bridge could possibly be higher than
that of the silicon solar cell, providing savings in amplification. The
final choice in favor of the silicon solar cell was made because of the
following arguments:
I) The immersed solar cell sensor has already
been designed, built, and tested and will have
been flown before the Voyager mission.
2) CdS cells in conventional packages could not
be used for this wide angle application without
using more than two cells per axis.
3) The intensity of incoming sunlight would
probably have to be reduced by filters to
prevent hard limiting of the detector bridge
at angles only a few degrees away from the
null plane.
4) The solar cell design has exhibited fairly good
linearity for about :h30 degrees from the null
plane (Figure 4-15). This linearity might be
difficult to achieve with the CdS photocells.
Preliminary analyses show that it may be desirable to limit the sun sensor
output to provide improved acquisition performance for the nominal con-
figuration with rate gyro feedback and for backup operation without rate
gyros. A complete assessment of this technique, involving interactions
among the sun sensor parameters and the derived rate modulator charac-
teristics, is beyond the scope of the present study. It is planned to examine
important design consideration in detail in the Phase IB studies.
i. 5.4 Fine Sun Sensor
a. Requirements
The following list tabulates the requirements for the fine sun
sensor:
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1) Accuracy of 0. 1 degree at null
2) Two-axis output
3) Field of view approximating a cone of
i0 degrees half angle.
4) Good linearity within the field of view.
As in the case of the coarse sun sensors, an analog null-seeking sensor
is the simplest and most reliable type of sensor for this application. The
various techniques available for implementing such a sensor are compared
below.
b. Comparison of Specific Devices and Designs
Most of the general discussion of detectors applicable to coarse
sun sensing applies directly to the detectors for the fine sun sensor. Only
two of the devices which were considered for the coarse sensor, the radia-
tion tracking transducer (RTT) and the photo transistor, were dismissed
in that context because they did not readily suit the wide angle viewing
requirement of the coarse sun sensor. The photo transistor, as before,
appears to be neither sufficiently reliable nor sufficiently adaptable to the
fine sun sensor task to be a good choice. The RTT, however, is almost
tailor-made for this type of application, and therefore qualified as a
candidate for consideration. Thus the eligible devices for use in the fine
sun sensor are the silicon solar cell and the RTT, from among the photo-
voltaic devices, and the CdS photocell from among the photoconductive
devices.
For the RTT, a lens would be used to focus an image of the sun onto
the photosensitive surface. The differential voltages appearing at two pairs
of contacts on the back of the cell would provide the pitch axis and yaw axis
signals. Five resistors would be required, and a dual-channel amplifier
would be required. The signal level at the amplifier input would be approxi-
mately 5 millivolts per degree, assuming a 10-degree half-angle field of
view. Only one RTT would be required. The assessed failure rate of the
RTT is four times that of a silicon solar cell.
4-39
The techniques for applying the solar cell or the CdS photocell in
the fine sun sensor are the same for either device. One technique is to use
exactly the same scheme as for the coarse sun sensors. The superior
structural and thermal environment in the fine sun sensor mounting location
would permit the coarse sun sensor design to maintain the required accuracy.
Another technique which could be used is a quad cell design (Figure 4-16).
For this design, four detectors are fitted close together in a square pattern.
An aperture plate in front of the detectors admits a spot of sunlight onto
the detector plane. The diagonal cells provide equal response when the
spot is centered between their centers; as the spot moves away from the
center point, a two-axis error signal is produced.
For the quad cell design or for the back-to-back cell design, four
detectors are required, whether silicon solar cells are used or CdS cells
are used. Silicon solar cells are preferred over the CdS cells in either
design for the same set of reasons given previously for the coarse sun
sensor design selection, with the exception that a wide acceptance angle
is not required in this case.
The choice between the back-to-back cell design and the quad cell
design was made in favor of the quad cell approach, chiefly because of the
greater simplicity and ease of fabrication. Also, the cells can be more
easily matched in the quad cell design since a single wafer can be divided
into the quad pattern by means of electron beam slicing.
The assessed reliability of the quad cell design using silicon solar
cells is almost exactly the same as that of the RTT design. Both designs
have exhibited excellent performance in laboratory tests. The quad cell
design is favored, h6wever chiefly because:
l) The signal output level with the quad cell
design can be made higher than that of the
RTT. This will result in a simplification
of the amplifier required to obtain a given
stability.
2) Ease of detector procurement.
3) The RTT design would require a lens, which
the quad cell design does not use, and the
RTT sun sensor would probably be larger
than the quad cell sun sensor.
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4) The solar cell detectors exhibit lower variation
in scale factor with temperature change.
1.5.5 Switchin_
It is desirable to switch from the coarse sun sensors to the fine sun
sensors when the sun is within about i0 degrees from the fine sun sensor
axis. This switching could be initiated by the signal from the fine sun
sensor except for that the signal does not have a unique level at the l0
degree point (see Figure 4-17). The same problem would exist if the
coarse sun sensor signal were used to perform the switching. The most
straightforward solution is to use a separate sensor to indicate when the
sun is within the linear region of the fine sun sensor field of view. This
sensor would be quite small, using pinhole optics. The detector would be
a silicon solar cell masked to dimensions which define the desired field
of view. The solar cell is preferable to the photoresistive detectors be-
cause its photosensitive surface is homogeneous, allowing the field of
view to be sharply defined. The solar cell also has the advantage of main-
taining uniformity among the detectors used in the sun sensors.
1.5.6 Near Earth Detector
Initial acquisition of the star Canopus was found to be a fairly tricky
operation on Mariner C because of the wide acceptance range of the Canopus
sensor. Should the star tracker for Voyager have a wide acceptance range,
it may also lock on to celestial objects other than Canopus. It is therefore
desirable to provide means for verification of star acquisition. One tech-
nique is to monitor -'---'- t___ +_._ i._.
on the spacecraft so that the beam intersects the earth when the proper
orientation is attained. This is a particularly useful method for verification
of reacquisition at large distances from earth. Early in transit, a tech-
nique which was employed on Mariner C may prove useful. A simple
optical device, geometrically positioned on the spacecraft relative to the
star tracker, will be illuminated by sunlight reflected from earth when
the star tracker is locked on Canopus. This device need not be in line in
the reliability sense, but rather serves as a sensing instrument for data
to be telemetered to earth to assist verification of Canopus acquisition.
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This section discusses such a simple optical sensor and the tradeoffs that
went into the design selection.
a. Selected Design
The near-earth detector senses the earth by means of a cadmium
sulfide cell mounted near the focal plane of a light-collecting lens. The
detector, which senses visible light reflected from the earth, provides a
signal which indicates the presence or absence of the earth within the
detector field of view. The field of view, typically a conical sector of
I0 degrees half-angle, is determined by the dimensions of the photocon-
ductive grid of the photocell and the distance between the photocell and the
objective lens. The photocell is connected in a bridge circuit which is
excited with an ac voltage to facilitate signal detection. To minimize the
temperature dependence of the detector a dummy photocell, shielded from
light, is used in the bridge to balance the active photocell. The detector
is capable of detecting the earth under the conditions expected during the
first I0 days of the Voyager mission, with conservative allowances for
the earth's phase and albedo. A diagram of the near earth detector is
shown in Figure 4-18. Design details are given in Section 5 of Appendix E.
OBJECTIVE LENS I CAVITY FOR
ELECTRON ICS
AC INPUT
_-_ CdS CELL /
",."',__
TO AMPLIFIER AND
SCHMITT TRIGGER
Figure 4-18. Near Earth Detector Schematic Diagram
b. Design Tradeoffs
The near earth detector is required to sense relatively low levels
of illumination, since it is designed to detect the earth from distances of
approximately 2 million kilometers. A number of devices were considered
for use as detectors before the CdS photocell was selected. The best of
the alternate devices, and the reasons for their rejection, are enumerated
below:
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I) Silicon Solar Cells. Silicon solar cells were
found to produce a lower signal level than the
CdS photocell bridge. The amount of dc ampli-
fication needed would require more parts and
complexity than the photocell design. The
greater need for light gathering capacity would
probably result in a unit of greater size and
weight than the photocell design.
z)
3)
Electronically Scanned Detectors. Electronically
scanned detectors, such as image dissector tubes,
possess adequate sensitivity but have the dis-
advantages of complexity, lower reliability, and
high voltage supply requirement.
Photo _._o traxisistor_,
including photo field-effect transistors, were
considered for use in the near-earth detector.
The device with the best ratio of signal current
to leakage current found was the GS-600 photo
transistor. With Z-inch diameter optics, the
calculated output voltage at the time of minimum
illumination would be approximately 8.5 milli-
volts DC, which is satisfactory. This signal,
however, depends upon forcusing the earthshine
onto a small spot in the detector plane; the size
of this spot would limit the field of view of the
near-earth detector to a conical sector with a
half-angle of only 3 degrees. In addition, photo
transistors have not yet established the flight-
proven reliability of the photoconductive CdS
cells.
4) Cadmium Selenide Cells. Cadmium selenide cells
were rejected in favor of cadmium sulfide cells
because of their greater temperature dependence,
especially at low '....'_ of -11.._;,._+_,_ _,_a h_-
cause CdS has a better spectral response for
detecting light of the solar spectrum.
The CdS photocell which was finally selected as the light detecting
element of the near-earth detector has the advantages of high light sensi-
tivity and a good spectral response fit for sunlight. It can be used in a
bridge that is excited with an ACvoltage (already available on the space-
craft) so that AC amplifiers can be used to amplify the signal. With the
CdS cell design, the field of view of the detector can be set at any desired
size in the range of interest simply by choosing the proper focal length
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for the objective lens. The high sensitivity of the photocell permits the
use of relatively small optics. The CdS cell, due to the simplicity of its
construction, is a very reliable device; no special development or modifi-
cation of existing photocells is required for this application.
1.6 Star Sensors
On such flights as Mariner 3 and 4, attitude control is provided by
directing the roll axis of the spacecraft toward the sun by a sun sensor,
and then rolling the entire spacecraft to acquire the star Canopus with a
star tracker. It is also possible to point the spacecraft rollaxis toward
the earth, using an earth sensor. This, again, provides two-axis locali-
zation, and a Canopus sensor provides the third axis information. Both
of these methods have been investigated for Voyager.
Several problem areas exist in the two-sensor system:
a) It is necessary to accommodate a wide range
of trajectories and geometrical properties be-
cause of variation in the apparent position of
Mars with regard to the position of the sun and
Canopus, which will change several degrees
during the last few weeks of the midcourse
flight.
b) It is necessary to find an optimum location
on the spacecraft for a single, two-sensor
package which permits optimum field of view.
Mounting all sensors in a single guidance
package increases the field-of-view problems
and geometrical problems.
c) Close thermal control is required for the
package so that image quality will not be
degraded by thermally induced misalignments.
The star Canopus has been chosen as one of the two celestial ref-
erence points because of its intensity and its location, some considerable
angular distance from the plane of the ecliptic. The visual magnitude of
Canopus outside of the earth's atmosphere is M = -0.92, which makes it
v
second only to Sirius in stellar apparent brightness*, although Venus, Mars,
and Jupiter also exceed the visual magnitude of Canopus. Through the
*"The Absolute Spectral Energy Distribution of Canopus, " JPL Technical
Report 32-641
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visual portion of the spectrum, it appears to be reasonably represented
by a Plankian radiator of surface temperature _7000°K, with a spectral
peak at _(= 0.415_ and a radiance flux at the peak of 1.22 x I0 -i! watts
-2 -i
cm _ .
To lock onto a particular star, various means for rejecting the myriad
of other stellar sources must be incorporated into the system. The spectral
characteristics of Canopus permit the use of matching color filters which
will reduce the intensity of starts of any temperature other than 7000°K.
Canopus possesses an F-O type spectrum. Stars in this class represent
.... _3___of the 20 bright stars {M < + I. 50) and 10 percent of the 40
bright stars (M < + 2.00) 9 percent of the I00 bright visual stars (M <
V ' V
+ 2.65) and 18 percent of the average stellar distribution (M < + 8.5).
v
Thus, some useful filtering can be achieved by this means. Of con-
siderably greater value, though, is the intensity thresholding of the sensor
to remove radiation sources equivalent to flux densities from stars outside
of a particular magnitude.
At this time, however, the lack of confidence in tracker calibration
and the absolute intensity of Canopus prevents an extremely narrow setting
of the gates about the intensity of Canopus to obtain automatic acquisition.
Therefore, proper acquisition of Canopus will probably be a ground decision
based on telemetered intensity data and an earth gate signal (see Section
I. 5), with the number of possible targets being limited to at most about
4 by intensity thresholding and proper choice of sensor field-of-view.
r-._._.._..._. ..... ..._,_y................_ frnrn the Mariner C mission should, however,
increase the confidence in the absolute value of the intensity and thus per-
mit a simpler and more reliable means of Canopus acquisition.
I. 6. I Available Star Sensors
Several star tracking devices have been built, tested, and evaluated
on a number of space missions, and all have been considered for the pre-
sent application. Because the various designs have been directed toward
the solution of specific problems or have been required to supply specific
information pertaining to the mission requirements, not all were deemed
suitable for the Voyager Canopus tracker requirement. These sensors
are:
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0Gimballed Sensors. Various star sensor con-
figurations exist, which utilize mechanical
gimballing in one or two axes. Large acquisi-
tion field coverage is provided but, in general,
these devices are unsuitable because they re-
quire heavy DC torque motors, lubricant
reservoirs, and carefully designed seals plus
extra weight and power for the drive mechanism,
and, of course, have relatively low reliability.
Reticle Devices have the advantage of very high
precision pointing, are light in weight and size,
and require moderate power, by utilizing a
photomultiplier tube as detector. To sweep
the star field across the telescope field of view
and the reticle pattern, either a mechanical
movement must be imparted to the reticle, a
mirror or wedge, or the entire craft must roll
to operate without moving parts.
Mosaics. Devices have been implemented using
mosaics of small solid-state photosensitive ele-
ments. Although the reliability of a single ele-
ment, or small number of elements is high as
compared with electronic tubes, the large number
of elements required to provide adequate field of
view with good resolution, creates problems in
electronic complexity. The advantage of having
no moving parts is offset by this circuitry com-
plexity.
Bilinear Photomosaic Detector is essentially
the same as the preceding except that two linear
rows of cells are used, one for azimuth and one
for elevation infor_nation. Thus, the cell number
is reduced from n to 2n, and 720 elements can
provide 129,600 bits of information. The number
of elements is still large and the circuitry un-
wieldy, however.
Solid-State Tracker utilizes a single silicon
photocell, but requires mechanical gimballing
with torque motor drive which must respond to
both telescope derived error signals and com-
mand signals.
Solar Referenced Star Tracker is a device which
utilizes the photomultiplier tube plus reticle de-
sign discussed above with the requirement for
mechanical scanning. It is listed separately
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g)
h)
i)
because of its unique star identification tech-
nique. Since the roll axis of the craft is always
pointed at the sun, the star sensor takes, through
a separate optical path, a small amount of the
sunlight. Since the solar flux is well known, and
the proportion of it directed to the photomultiplier
tube known exactly, the brightness of any star can
be photometrically compared with this value. Thus,
Canopus can be specifically identified by the ratio
of its image brightness to the solar flux.
Reticle Pattern with Vidicon. Imaging tubes such
as a l-inch, electrostatically-focused and deflected
vidicon tube have been employed with reticle pat-
terns to achieve digital readout. Although scanning
is _Ii electronic, the pc-_;'er and weight requirernent s
of such a device are considerably greater than
found in many of the previously discussed sensors.
Electronic Scannin_ Trackers. In addition to
TV pick-up tubes, several star trackers have
been constructed using other types of electronic
tubes which permit all electronic gimballing,
switching, or scanning. The image dissector
tube, in particular, has been adapted as a de-
tector in a number of star trackers either in
conjunction with mechanically rotated mirrors
to provide large acquisition fields of view or
with carefully designed optics to provide moder-
ately large acquisition fields without the need
for moving parts. One or two axis scanning can
be effected depending on the operation of the de-
flection mechanism and the image dissecting
aperture. The deflection mechanism as well as
the focusing mechanism can be all magnetic or
all electrostatic or combinations of the two.
Electronically Switched Fields. A standard type
of tracking device utilizes four photomultiplier
tubes covering four quadrants, and a point lying
between them serves as null center. Four
quadrants in a single photomultiplier tube have
been manufactured; because the deadline between
quadrants is about I0"3 inch, highly accurate
tracking of point sources is possible, The
quadrants are rapidly, sequentially scanned and
appropriate circuitry reads out the error signal.
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1.6.2 Star Sensor Selection
After evaluating all of these existing types of sensors, and taking
into account the Voyager mission requirements and the need for high
reliability, two star sensors remainder for consideration: the image
dissector type and the quadrant photomultiplier type. Both require no
moving parts, and have low power, size, and weight requirements. Of
the several sensors which employ the image dissector tube, the chosen
configuration is the one now operating as the Canopus tracker on the
Mariner C. Both sensors are discussed below.
a. Mariner C Canopus Tracker
The star tracker utilized on board the Mariner C appears to
be performing satisfactorily, and has demonstrated an acceptable level
of reliability. This tracker has a total electronically scanned field of
view of 4 degrees in the roll axis and 30 degrees in the pitch axis. The
instantaneous field of view of the tracker is 0.86 x 11.0 degrees. Elec-
tronic scanning to +2 degrees in the roll axis is necessary to provide
sufficient field to prevent spacecraft roll corrections from causing the
excursion of Canopus out of the field once it has been acquired. The
11 degree pitch field can be extended to 30 degrees by electronic stepping
of the cone angle axis, by command. A total of 30 degrees in pitch will
encompass all trajectory geometries for the acquisition of Canopus.
A more detailed description of this sensor,._, its configuration,
operation and performance are discussed in Section 6 of Appendix E and
summarized in Table 4-3.
b. Star Tracker Utilizing a Quadrant Photomultiplier Tube
Another type of electronically scanned phototube for use in a
star tracker was given considerable attention for two reasons. First,
it demonstrates the same advantages provided by the Canopus sensor
$"System Description and Performance of a Canopus Star Tracker, "
Barnes Engineering Co., Stanford, Conn.
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Table 4-3. Characteristics of Mariner C Star Tracker
Total Field of View
Instantaneous Field of View
Gimballing
Roll
Pitch
Sensitivity (threshold settings)
Null Offset
Error Gradient (at null)
Equivalent Noise
Time Constant (roll axis)
Optics
Size
Weight
Power
4 (roll) x 30 deg (pitch)
0.86 (roll) x II deg (pitch)
All electronic
Continuous sinusoidal sweep
Six positions - 4.6 deg/position
+ 0.6M to -2.4M
8 volts/deg
+ 0. 013 deg peak-to-peak
0.5 sec
0.8" f/I. 0 semisolid Cassegrain
Schmidt
4x5x llin.
6 ib
1.8 watts (average)
configuration employed in Mariner C, that is, coverage of the necessary
field of view with high resolution capability, required sensitivity and
spectral characteristics, coupled with the _u_y-t-""......to o_a,, +_-o_,,_._._°IAv_f..,,_.-
without moving parts. Second, it appears possible that the electronic
scan mechanism is of such a simple nature as to provide increased re-
liability. The power requirements are increased, however, and several
other problem areas concerning multiple targets in the field of view must
be given more detailed consideration.
The photomultiplier tube contains four independent quadrants of
photocathode. Since, in the Voyager application, only single axis infor-
mation is required, the quadrants can be biased in pairs to provide,
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essentially, two detection surfaces in bridge circuitry. A more complete
treatment of the tube, its configuration and operational characteristics,
is given in Section 6 of Appendix E. Here, it is sufficient to point out
that the Canopus image is deliberately blurred by the optics to produce
an image of finite size. Depending on the switching speed, the degree of
null centered noise, and the S/N ratio, an optimum image size can be
defined.
Optics to be employed should provide not only the desired image
size, but a field of view comparable with that utilized in the Mariner C
type of Canopus tracker, that is, 30 x 4 degrees total. This can be
provided by lenses and a slit diaphragm. Since the photocathode active
face is 10 mm in diameter, and the desired field of view is 30 degrees,
the focal length of the collector lens is given by:
fl - d/2 - 19. Z mm
0
tan
where
d/2 = Radius of photocathode = 5.0 mm
@/2 = Half angle FOV = 15 °
Assuming fast, f/1 optics, the collecting lens has a diameter of 19. Z mm.
The image would be intentionally defocused to a diameter of 0.25 am.
Since only single axis information is required, a slit diaphragm is
employed to narrow the field of view at right angles to the 30 degrees.
A roll axis dimension of ±Z degrees was chosen in a tradeoff analysis.
As the field in the roll dimension increases, it becomes easier to stop
the spacecraft roll during acquisition maneuvers, and keep the acquired
star in the field. Thus broadening the field also increases the probability
of acquiring false targets, and ±2 degrees is considered the minimum
dimension to stop the spacecraft during acquisition.
Figure 4-19 is a star map of the sky in the region of Canopus.
Utilizing a 30 x 4-degree slit, it is found that the worst case includes
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either three stars of 4th magnitude, or two stars of fourth and one of
third magnitude. No other first or second magnitude stars can be included
within this field of view regardless of orientation or location of Canopus
within the field. Thus, during tracking operation, the total flux from
these sources plus general integrated radiance from all other stellar
sources, appears to be insufficient to introduce significant errors in the
null stability of the tracker.
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Figure 4-19. Star Field Near Canopus
The operation and design of the quadrant photomultiplier Canopus
star tracker is described in detail in Section 6 of Appendix E and sum-
marized in Table 4-4. The operation of the quadrant photomultiplier tube
itself is also discussed in the Appendix.
i. 6. 3 Conclusions
Two different configurations of Canopus star tracker have been
considered in detail to provide single axis localization to the Voyager
spacecraft attitude control system. Both have the advantage of providing
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Table 4-4.
Lens system
Focal length
Detector
Instantaneous field of view
Characteristics of Quadrant Photomultiplier
Star Sensor
corrected refractor f/I. 0
19.2 mm
quadrant photmultiplier tube -
ASCOP 568A
4 x 30 deg rectangular
Scan and rate
Power
Weight
Size
all electronic switching, 1600 cps
5.35 watts (28 VDC)
6.00 Ib
3
204 in
sufficient field of view for acquisition without requiring any mechanical
scan, and tracking is performed by electronic means. The first, utilizing
an image dissector tube as sensor, is essentially the Canopus tracker
carried on the Mariner C. The second utilizes a quadrant photomultiplier
tube, whose electronic signal processing is made to provide one axis infor-
mation only.
While the first sensor has proven its reliability on previous missions,
the second has received considerable attention because the electronic
switching is of such a simple nature that reliability may be considerably
enhanced. It may also, through careful optical design, provide a sufficient
field of view (30 x 4 degrees) without requiring the commanded step
function which is needed with the Mariner C star tracker to encompass all
anticipated geometry and trajectory situations.
Both star trackers are compared in Table 4-5. If a recommendation
must be made at this time, then the Mariner C type Canopus tracker must
be given the preference, for despite the attractive features of the quadrant
photomultiplier type sensor, it does not have the flight tested performance
reliability already well proven with the former type of sensor. For whatever
sensor is chosen, attention must be given to spacecraft cleanliness to mini-
mize the possibility of dust particles reflecting sunlight in the sensor optics.
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Table 4-5. Comparison of Star Trackers
Sensor Canopus Tracker 1 Canopus Tracker Z
Detector image dissector tube, quadrant photomulti-
CBS - Type CL 1147 plier, ASCOP Type
568A
Photocathode S - 11 S - 11
Instanteneous field of 0.86 x 11 deg 4 x 30 deg
view
Optics Diameter 0.8 in. 0.76 in.
F/no F/I. 0 F/I. 0
Output time constant 0. 5 sec 0. 5 sec
Null noise 0. 013 deg 0.00Z deg
Gimballing and scan all electronic all electronic
Power I. 75 watts (50 volts) 5.35 watts (28 volts)
Size ZZ0 in3 204 in3
1.7 Earth Tracker
It is possible to provide three-axis stabilization for the Voyager
spacecraft by aligning the roll axis of the craft along the spacecraft-
earth line, thus providing two-axis stabilization, and rolling about the
craft roll axis to acquire some well-known star, i.e., Canopus, to provide
the three-axis information. The constant pointing toward earth through
the use of an earth tracker permits optimum alignment of the high-gain
antenna with the DSIF on earth. If fixed solar panels are considered, a
loss is taken on optimum solar radiation absorption for power, but this
is more than compensated by the larger antenna possible (16 ft). This
mechanization was considered for vehicle configuration C described in
Volume 4.
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Table 4-6 indicates, for various periods before and after insertion
into Mars orbit, the range from the spacecraft to the earth, and the
angular subtense of the planet, plus its radiance, having considered the
appropriate phase of the earth.
Table 4-6. Earth Radiance Characteristics
Time (reference to
Mars orbit insertion) R (km) O (rad) I {watts - cm -2)
-10 days 1. 05x108 1. 36x10 -4 7. 4x10 -1Z
0 1.2Zxl0 8 1. 18x10 -4 1. Zxl0 -11
+ 1 month 1. 58x108 0.915x10 -4 1.25x10 -11
+ 2 months 1. 95x108 7.4x10 -5 1.00xl0 -11
+ 3 months 2. 32x108 7.4x10 -5 8. 0xl0 -12
+ 4 months 2. 70x108 5. 35x10 -5 6. 5x10 -12
+ 5 months 0. 308x108 4. 67x10 -5 5. 3x10 -12
Assuming that the radiance in the visual portion of the spectrum
from the earthlight is similar in proportion to that from reflected sun-
light (6000°K black body with peak wavelength at k= 0. 54 and that the
earth's albedo through this octave (0.36_to 0.72_) is panchromatic, then
-13 -13 2
visual radiance levels vary from 8. 5x10 to 4. 3x10 watt/cm or
visual magnitudes from approximately 0 to -0. 7. Thus the apparent
brightness is roughly equivalent to that of Canopus.
The image subtended by the target is on the order of 0. I milliradian
or less as seen on Table 4-6, and therefore, regardless of the sensor
type selected, the planet image will be equal to or greater than the re-
solution of sensor. Thus the earth image is not essentially different
from a bright start image, and earth phase will not affect accuracy.
Because the earth is starlike at the ranges under consideration,
an appropriate earth tracker can utilize the design of any number of star
trackers already in existence. A review of various star tracker designs
has been performed, as it had been when Canopus tracker considerations
were being studied. These included the following general categories:
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a)
b}
c)
d)
e)
f)
g)
h)
i)
The advantages
Mechanically gimbaled sensor
Reticle and photomultiplier tube
Mosaic detector arrays
Bilinear photomosaic detector
Solid-state tracker, mechanical scan
Radiation transducing tracker
Vidicon plus reticle detector
Electronically switched track fields
Electronically scanned trackers.
and disadvantages of these sensors are discussed in
Section I. 6.3. The conclusion reached in that section is applicable to
the present problem, that is, the two most attractive sensors are those
that utilize the quadrant photomultiplier tubed and the reconotron image
dissecting tube. The general application of these tubes in Canopus
tracking is discussed in Section I. 0 and Section 0 of Appendix E.
The image dissector tube sensor (reconotron} was selected as the
recommended Canopus tracker because of its proven performance and
reliability on the Mariner C flight to Mars. This conclusion makes its
selection as the earth _o--oer detecter _,,-o¢o,._,Io,,_ ,,,1, ..... o_,_._
The earth sensor should be able to operate without excessive error
when pointing as close as 10to 15 degrees from the sun. Thus stray
light baffling becomes a serious requirement. Preliminary calculations
indicate that a tube, with light baffles, extending nearly the full depth
u, the spacecraft -".......
the baffles before the stray sunlight could reach the sensor.
1.8 Reaction Control System
The reaction control selection and design for the Voyager SCS
lends itself to mass expulsion rather than momentum exchange techniques,
as discussed in Section II-1.1. Consequently, effort on the reaction
control problem has been concentrated on tradeoff studies aimed at se-
lection of a particular mass expulsion reaction control system configura-
tion.
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In the process of selection, various requirements of the SCS
operation were considered as they affect the reaction control system:
1) type of control modulation, 2) dynamic response requirement, 3)
mission total impulse requirement, and 4) allowable limits on pulse width
and amplitude variation. Other considerations entering into the trade-
off study include the total expected amount of (solar) energy available
for conversion to energy for reaction control. This factor is influential
in establishing the practicality of a heated gas system or liquid storage
system. In addition, the possibility of affecting experiments, contaminat-
ing Mars, and the effects of reaction control gas in the neighborhood of
the spacecraft must be contended with. For example, atomic and di-
atomic gas molecules are less likely to adhere to spacecraft components
than those of heavy molecular gases (continuous long-term deposition
on sensors and optical devices might pose a problem).
The reaction control system configuration selected for the Voyager
spacecraft is a stored, gaseous nitrogen system with resistance heating
of the gas immediately upstream of the nozzles, and incorporating re-
dundant tankage and feed systems. This system, illustrated schemati-
cally in Figure 4-20 consists of two storage tanks, 12 normal thrust
nozzles, 4 high thrust roll nozzles, 16 on-off selenoid valves, Z pres-
sure regulators, relief valves and charging valves, and 4 pressure
transducers. The nitrogen is heated only during periods in which an
excess of electrical power is available. In this manner, its use will
provide an increase in potential life by approximately a factor of two
when compared with a cold nitrogen system of the same weight. A
similar heated gaseous nitrogen system has already been flight qualified
for reaction control on the Vela satellite. The system on Voyager is
sized to provide at least twice the required impulse, not considering
the effect of the heaters, and the heaters therefore have no reliability
implications for the required mission life.
As illustrated in Figure 4-20, the high-thrust nozzles used for
roll control during solid engine operations are fed by the same pressure
regulators as the low thrust nozzles. However, detailed design studies
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involving regulator flow requirements may show advantages for inde-
pendent regulators supplying these thrusters. Design of the higher
(0. 5 lb) thrusters will be based on cold gas operation, since it is not
expected that they will require a significant amount of impulse on a
percentage basis. (
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Figure 4-20. Heated Gaseous Nitrogen Reaction Control System Schematic
!.8. ! Summary of Tradeoffs
Liquid storage systems employing cold gas expulsion were studied
and found to offer no weight or any other advantages over a heated GN 2
system. Conversely, they represent greater complexity and less reli-
ability.
A resistively heated ammonia decomposition system offers a
weight advantage over the heated GN 2 system by a factor of two, but is
not considered to be state of the art. Even if it were as fully developed,
it would represent greater complexity, as do all liquid storage systems.
Hot gas reaction control systems were eliminated on the basis of
their incapacity for reliable performance at the low thrust levels re-
quired. Performance here refers to combustion or decomposition
stability, repeatability, and efficiency (loss of specific impulse).
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Subliming solids are generally inapplicable at this thrust level,
and are not capable of coping with continuous demand, as in the acquisi-
tion mode of the mission, at the thrust level required.
Solid propellants, of course, are of such a nature that combustion
requires continuous burning since multiple starts have not yet been
made practical. Thus, they are incompatible with pulse type operation.
1.8.2 Selection of Working Fluid and System ConfiGuration
Stored gas systems for spacecraft attitude control are generally
accredited with offering maximum reliability, based on system simplicity
and proven flight performance. Because of the relatively low mission
impulse requirement, i. e. , 1Z00 lb/sec, stored gas systems are com-
petitive with liquid storage and hot gas systems on a weight basis as well
as reliability. This is illustrated by the results of system weight studies,
presented in Figure 4-21, which plots reaction control system weight
for various working fluids as a function of mission total impulse. This
figure does not consider redundant gas supplies. As shown, of the
several inert gases, nitrogen represents nearly the lightest weight for
a stored cold gas system, 63 pounds of system weight for 1200 lb/sec.
For a heated nitrogen system of the same weight, the total impulse
available is nearly doubled. Therefore, as part of the effort in sub-
sequent phases of this program, tradeoff studies will be refined to
arrive at an optimum system weight in light of the reliability of the added
feature, resistance heaters, the probability of loss of gas due to leakage
and valve failure, and the probability of disturbances requiring the
amount of gas estimated.
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The gain in available impulse by approximately a factor of two
using heated gas results entirely from an increase in Isp. The higher
gas temperature results in an increase in gas characteristic exhaust
velocity which is proportional to the square root of absolute gas temper-
ature. The cost of this performance gain is the addition of four resis-
tance heating coils coupled with the four thrust nozzle assemblies. Only
one heating coil per nozzle assembly appears necessary in view of the
low probability that more than one nozzle will fire at any given time.
In the event that more than one nozzle fires simultaneously, the loss in
specific impulse is easily tolerated.
The philosophy of exploiting the advantages olra_eate_[ gaseous
nitrogen system would be essentially that reaction control system design
would be based on heated gas system operation with a cold gas system
serving as backup in event of power cut-off or heater failure. Inclusion
and operation of gas heaters, directly upstream of the nozzles, during
most of the mission should add considerable life expectancy to that avail-
able with a cold gas system. At this stage in the program it is expected
that excess power will be available during most of the cruise mode and
during the early Mars orbit phase. The gas heaters would be operated
on an as-available basis with respect to electrical power thereby main-
taining maximum flexibility in favor of other more critical power re-
quirements. This approach does not impose any new requirements on
the design or implementation of the electrical power supply.
Power consumption of the four heaters is estimated at 10 watts per
heater or a total of 40 watts when the heaters are on. This estimate is
based on heater operation at constant temperature, i. e., continuous
power to the heaters as opposed to switching on and off in keeping with
the SCS limit cycle. Supplying continuous power to the heaters avoids
the thermal transient response associated with cyclic heater operation.
The 40-watt power consumption results from thermal radiation to space
from a heating coil designed to heat a 50-millisecond pulse of ambient
temperature nitrogen gas to 1500°F. As the heaters are turned on and
off the gas specific impulse changes, but the thrust level is nearly constant.
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This, of course, is desirable to avoid the necessity of changing pulse
width to maintain a constant attitude control limit cycle and to benefit
from the higher gas specific impulse. Therefore, added complexity
to the SCS electronics will not be necessary.
An additional consideration in studying a heated GN 2 system for
application to the Voyager SCS is the effect on dynamic response due
essentially to the additional line length of heat exchanger coil. The
dominant factor in determining system response is the equivalent
pneumatic pressure divider formed by a solenoid control valve, line
capacitance, and nozzle. If this circuit is linearized and treated as a
lumped parameter system, its transfer function is simply a first order
lag with a time constant proportional to pneumatic capacitance and
resistance and inversely proportional to gas temperature. Assuming no
change in resistance (line flow area >>inlet and exit restrictions) or gas
temperature, the increase in time constant will proportionate to the
increase in line length due to the heater coil. It is expected that the
developed length of the heater coil will be no greater than 12 inches.
The increase in time constant should be acceptable in terms of SCS
dynamic s.
A similar gaseous nitrogen heater has been designed, developed,
and incorporated into the velocity correction thruster for the Vela 3
satellite and has been flight qualified$. The thruster for this application
produces 0.04Z pound of thrust as compared to the requirement of 0. 044
pound for the Voyager thrusters. Test data indicates a constant nozzle
thrust level over a 1000°F variation in temperature.
In addition to development of heated GN Z thrusters for the Vela 3
satellite, development efforts are also being conducted in connection
$3ackson, Kruger, Stansel, Starr, "Vela Launch 3 Thruster Develop-
ment Program Final Report, " Vol. I, TRW Report No. 2409-6023-
RU000, June 1965.
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with the Vela 5 program. A photograph of a development model of a
tri-nozzle thruster assembly for this program is presented in Figure
4-22. A sectional drawing of the same assembly is presented in
Figure 4-23. Optimum regimes for the various types of reaction con-
trol systems are presented in Figure 4-24 in terms of thrust level and
total mission impulse requirements. The boundaries between the
different types of reaction control systems are not defined by weight
alone; reliability, performance, state of the art, cost, and lead time
also influenced these boundary definitions. The Voyager SCS require-
ments for reaction control appear to be represented by a point well within
the region for stored gaseous system, i.e. , 0. 044-pound thrust and
1200 ib/sec total impulse.
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Figure 4-24. Optimum Thrust Impulse Regimes for Reaction Control System
b. System Mechanization Employing Redundancy
The baseline configuration assumed here employs a total of
eight nozzles together with one solenoid control valve for each nozzle.
The eight nozzles include six normal-thrust nozzles for pitch, yaw,
Adapted from Walter Kidde Company data.
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and roll control torques and two high-thrust nozzles for roll control
during retrofire. The nozzles provide unbalanced control torques.
During limit cycle operation, the unbalanced forces alternate in sign
and therefore the linear impulse imparted to the spacecraft tends to
have zero average value. The net linear velocity imparted to the
spacecraft during reorientation is negligible because of the low thrust
levels.
To improve system reliability, redundant tankage, gas feed
............... sy_ and valves are used to supply coupled pairs of nozzle&, As
indicated in Figure 4-2.0, coup_t_'_h'_o_g_ usupplied from
completely independent feed systems will assure attitude control opera-
tion in the presence of any single failure.
If a valve fails to open, the acceleration constant will be
halved and pure couples will no longer be applied to the vehicle. The
linear momentum imparted to the spacecraft under such conditions will
be negligible as discussed above. If a valve fails to close, the disturbance
torque it applies to the spacecraft will be countered by the opposing
coupled pair. The SCS will operate in a stable, one-sided limit cycle
until the gas supply feeding the failed valve is exhausted.
The system also protects against regulator failures in the
ways it protects against valve failures. The effects of a completely open
regulator failure will be minimized by proper placement of the relief
valve vent so that the disturbance torque is within the capability of the
remaining half of the system.
Mechanical design of the solenoid control valves and pressure
regulators employs redundant seating techniques. Redundant seating
has been shown to reduce leakage to negligible amounts. It contributes
little to component weight and is presently incorporated in valves and
regulators being designed by aerospace fluid power control manufacturers.
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Additional discussion of reaction control system redundancy
is given in Section I. i0.
I. 8. 3 Other Types of Reaction Control Systems
a. Liquid Storage Systems
Liquid storage systems are typified by Figure 4-Z5 (for
redundant gas supplies). Liquid storage systems, which rely on heat
input to vaporize the propellant to yield a cold gas, are somewhat
lighter than the stored cold gas systems, as shown in Figure 4-21. How-
ever, they depend on a source of thermal energy for operation, and are
much less reliable than the heated nitrogen system. Although environ-
mental heat transfer to the liquid would probably suffice to vaporize it
at an acceptable rate for the mission cruise mode, initial acquisition
demands would undoubtedly require active heat input. In addition, there
is the problem of ascertaining that vapor only and not two-phase fluid
is fed to the control valves.
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The system weight comparison in Figure 4-21 indicates that
the heated GN2 system is competitive with regard to weight with liquid
storage systems. For this mission, its weight exceeds that on an
ammonia liquid storage system by 6 pounds, hardly enough to warrant
the added complexity of the ammonia system.
b. Dissociated Ammonia Systems
A resistively heated ammonia decomposition system is
similar in mechanization to the liquid storage system just described.
It differs in that resistance heaters are coupled to the thrusters in a
manner slmlq_a__q_:_4_l_LZ__in_o_der to achieve
decomposition. A typical configuration for this type of system, with
redundant gas supplies, is presented in Figure 4-26.
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Dissociated Ammonia Reactive Control System Schematic
The baseline nonredundant system weight comparison shows
an advantage for a dissociated ammonia system over a heated N 2 system:
16.5 as compared to 31.5 pounds for the nitrogen system. However, as
mentioned previously, a reaction control employing heated N 2
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has been fully flight qualified, which places it considerably further along
in the state of the art than this low-weight contender. The corresponding
projections of development time and cost are the primary factors con-
tributing to preference of a heated N Z system over a dissociated ammonia
system. It is expected that power requirements and dynamic response of
these two types of systems would be comparable.
c. Hot Gas Systems
Hot gas systems include both the monopropellant and bipro-
pellant classes of systems as well as modifications thereof. Primary
objections to these systems have to do with state of the art, and the
same comments that were made with respect to a dissociated ammonia
system apply. The comments are qualified in that they apply to a low
thrust, low impulse application in which the duty cycle is low and a
great number of repetitive starts are required in conjunction with short
pulse durations. For the low thrust level required, combustion stability
is a problem even for continuous firing. In addition, good repeatability
is difficult to obtain, i. e. , pulse amplitudes can be expected to vary
significantly. For monopropellant systems employing hydrogen peroxide
or hydrazine decomposition, poor thruster efficiency can be expected
for the pulse-type operation required.
In an attempt to overcome the shortcomings of these monopro-
pellant thrusters, TRW Systems has developed a nuclear isotope mono-
propellant hydrazine engine (NIMPHE). This engine design is based on
the use of a radiosotope capsule to heat the catalyst bed, thereby main-
taining high specific impulse for a great number of start-ups. Because
of its early stage of development, and its present incapacity for good
repeatability at this thrust level, it is not considered a candidate for
application to this mission.
All the comments made for monopropellant systems are also
applicable to bipropellant systems. Repeatability is even more difficult
to obtain because of the short time available for mixing and reaction of
the two constituents. This view of hot gas system applicability at this
thrust level (0. 044 lb) is collaborated by the information presented in
Figure 4-23.
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d. Subliming Solids
The subliming solid rocket is generally applicable to systems
operating at the micropound thrust level. Although it is conceivable that
this type of system could be developed for operation at the thrust level
required, it would not be capable of adequate performance during the
acquisition mode, when all of the available energy contained in the products
of sublimation at that time would be quickly consumed. It is doubtful
that the sublimation process could be sufficiently accelerated to keep up
with the demand of continuous firing in that mode. Even if it could, the
process oes n " " and this implies the need for
spillage of sublimation products to regulate chamber pressure.
I. 9 Control System Electronics
The control system electronics assembly supplies power to the
reaction control jet solenoids and to the thrust vector control (TVC)
actuators in response to signals from the pitch and yaw sun sensors,
the Canopus sensor, the pitch, roll, and yaw gyros, and the control,
sequence, and command subsystem.
A functional block diagram of the control system electronics is
shown in Figure 4-27. The electronics process all sensor error signals
to provide control of the gas jets and TVC systems for all modes of
operation and include mode switching logic controlled by inputs from
the sensors and the CS and C. The switching shown is for functional
illustration or!y. All switching will actually be performed using
transistor switches to minimize magnetic interference. The lead
networks shown are used to compensate the TVC drive signals during
the midcourse correction and retropropulsion modes.
The control system electronics use redundancy in several functions
to increase reliability. Not all of the redundancy is indicated in the
block diagram. The redundancy to be used and the considerations which
lead to its use are explained in Section I. I0.
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1.9. 1 Sun Sensor Electronics
The sun sensor electronics is shown in the block diagram of
Figure 4-28. As indicated, the assembly consists of preamplifiers,
signal amplifiers, a level detector, and automatic gain control. The
level-detected intensity signal is used to switch between the fine sun
sensor signals and the coarse sun sensor signals. The switching is
performed by the use of dual emitter chopper transistors. The AGC
is used to compensate for changes in sun sensor gain resulting from
changes in sun intensity, which changes as a result of the increase in
distance to the sun during the Voyager mission. The AGC increases
the scale facto_he fine sun sensor slg_a_ in proportio-n_-o e_d_creases
in the sun intensity signal. While the need for AGC has not been firmly
established at this time, it is included for the purpose of sizing the
electronic s.
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1.9. 2 Valve Control Electronics
The valve control electronics
consists of a double-ended level
detector (detects both positive and
negative levels} driving transistor
valve driver switches. Each level
detector has a lag network with a
time constant of I00 seconds around
it to provide pseudo-rate signals.
1. 9. 3 Thrust Vector Control Electronics
The TVC electronics supplies power to either the jet vane actuators
on the liquid monopropellant engine or to the liquid injector actuators on
the solid propellant engine in response to position signals from the pitch
and yaw gyros operating in the position mode. The block diagram of
Figure 4-27 indicates a separate channel for each of the TVC actuators.
Functionally, the channels are the same, each channel consists of a lead
compensation network, a pulsewidth modulator, and an output switching
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amplifier. The parameters for the jet vane actuators are not the same
as those for the liquid injector actuators.
A backup TVC electronics channel is provided such that it can be
switched into use of one of the primary TVC channels is determined to
have a malfunction. By ground command, tests will be made before all
thrusting periods to provide assurance of the operability of the electronics.
It may be possible to simplify the design of the servo amplifier
section by combining the drives to the jet vane actuators and LITVC servo
valves. A single electronic signal channel would thereby drive both
types of actuators. The differences in gain and filter characteristics
would be accommodated by switching of the appropriate components. A
detailed study is needed to examine the tradeoff factors to determine
whether this mechanization results in an over-all improvement of sub-
system performance.
The main advantage of pulse-width modulation for the TVC control
is that it can be used to supply varying amounts of power while operating
amplifier transistors in the switching mode where they dissipate minimum
power and have greater certainty of operation. Figure 4-29 is a
schematic diagram of the pulse-width modulator. It consists of two
integrated circuit differential amplifiers and other discrete passive com-
ponents. A sawtooth wave is applied to the input of each differential
amplifier. The differential amplifier gain is so high that its output is
saturated either positively or negatively corresponding to the positive
and negative portions of the sawtooth ramp. The DC signal input to the
entire pulsewidth modulator varies the DC level of the sawtooth waves
and thus varies the time that the sawtooth ramp passes through zero.
Varying the time that the sawtooth ramp passes through zero varies the
time of transition of the output from positive to negative transition, thus
varying the width of the positive pulse out of the differential amplifier.
Actually, there are two pulsewidth modulators in Figure 4-29; one
generates variable positive pulses and the other generates variable nega-
tive pulses. With a zero DC signal input, the positive and negative
pulse widths are equal and cancel each other out so that there is no pulse.
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Varying signals lengthen the width of one of the pulses and shorten the
width of the other pulse. This provides a total pulse either positive or
negative as determined by the polarity of the input signal. This pulse
can be used to turn on driver transistor switches.
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Another technique for pulse-width modulation consists of using a
triggered voltage controlled one-shot multivibrator in which the time
the one-shot output is on is proportional to the input voJtage. Two such
one-shot multivibrators are necessary, one for positive signals and one
for negative signals, the output of each inhibiting the other in a manner
similar to the above pulse-width modulator. The disadvantage of this
second technique for pulse-width modulation is that it requires the use
of more components since a voltage controlled one-shot multivibrator is
not presently available as and integrated circuit. Hence the technique
has not been considered further.
1.9.4 Gyro Electronics
The gyro electronics is shown functionally in Figure 4-30. The
electronics consists of an amplifier, demodulator, and precision torquer.
The circuits provide for operation in the rate mode by electrically caging
the gimbal. Open loop operation is in the conventional, rate integrating
mode. A precision current generator provides means for commanding
turning rates to the spacecraft by torquing the gyro. The gyro electronics
also provides temperature control to the attitude reference assembly by
controlling the current to the gyro heaters.
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Figure 4-30. Gyro Circuit Block Diagram
1.9. 5 Mode Control Electronics
The mode control electronics controls the switching necessary to
couple the sensors with the torque sources for all modes of operation.
This switching control is provided in response to signals from the
CS and C, the sun sensors, and the star tracker. The mode control
electronics consists of logic circuits and switching transistors.
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I. I0 SCS Reliability Tradeoffs
Considerable emphasis was placed on reliability tradeoffs during
this study. This effort, discussed in detail in Volume 4, involved the
definition of several degrees of system redundancy and compared the
reliability increment as a function of additional weight.
A baseline configuration was defined which consisted of a direct
nonredundant mechanization of the system functional requirements. The
reliability of this configuration was assessed for six periods: I) boost
into the transfer trajectory, 2) cruise through capsule separation,
3) cruise followi_Ig _paration and spacecraft retrnp_opulsion_
into orbit, 4) 1 month in orbit, 5) 5 additional months in orbit, and
6) the entire mission. Augmented configurations were then defined
which included varying degrees of redundancy. These configurations were
assessed for reliability for the five mission phases.
The resultant assessments are summarized in Table 4-7. These
assessments provide a guide for the judicious use of weight to obtain
redundancy so that the overall SCS reliability was compatible with the
Voyager mission goals. The selected SCS configuration showed that a
significant improvement over the baseline configuration was achievable
within the overall spacecraft weight margin allowance.
Some of the design factors which were included to enhance over-all
reliability are discussed in the following sections.
I. I0. ! Control Electronics Reliability
a. Integrated Circuits
Although not much reliability data is available on integrated
circuits in analog applications, it is felt that one circuit, the Fairchild
_A702 circuit, will have received sufficient development to enable its
use for Voyager. This circuit probably has more known about its
operating characteristics than any other type of DC amplifier. It is
presently being used on more space programs than any other DC
amplifier design.
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b. Redundanc 7
The probability of failure of the control electronics can be
decreased significantly by the use of redundancy. The redundancy plan-
ned for the control electronics is as follows:
1) Triple redundancy and voting logic are used in
the level detector and valve drive circuits, as
shown in Figure 4-31. Any two of the channels
working properly will give proper operating.
The probability of failure with this type of
redundancy is approximately.
2
where Q is the probability of failure with redundancy,
and Qnr ris the probability of failure without
redundanc y.
z) This same triple redundancy and voting logic is
planned for the mode control logic circuits.
31 Each pair of TVC channels has one extra channel
which can be substituted for either one of the
primary channels if either should fail. Since
the TVC is used only when the engine is fired,
many convenient times will be available when the
primary TVC channels can be tested to verify that
they are functioning properly.
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Figure 4-31. Schematic to Show Triple Redundancy and Voting Logic Used
on the Level Detectors, Drivers and Voting Logic
I. I0.2 Reaction Control Reliability
Reliability factors were of considerable significance in the selec-
tion of the reaction control system implementation. The valves and
regulators selected are designs which have leakage redundant seals.
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These components are used on programs such as Vela V which also
have very stringent reliability goals. They will have received adequate
flight experience prior to Voyager design freeze dates.
The use of independent, parallel reaction control systems provides
a high degree of redundancy and protection against control fuel leakage.
This technique was used on Mariner C and is applicable to Voyager.
Mariner C carried three times the maximum calculable amount of con-
trol fuel to protect against an open valve failure. In such an event, the
tank feeding the failed valve would be completely depleted and the other
tank would use one third of its fuel supply. In the event of a valve closed
failure, the control authority would be halved and unbalanced torques
would be imparted about one axis.
The use of a heated gas system for Voyager allows the same func-
tional reliability with double lifetime expectancy for a given system
weight. The selected reaction control system is sized for twice the
maximum calculable requirements, based on cold gas. The use of heaters
provides an effective supply of four times the maximum requirement.
The system is, therefore, adequately protected against an open valve
failure. An alternate implementation of reaction control system which
is protected against both open and closed failure of valves utilizes four
valves in series-parallel for each nozzle. All four valves are driven
by the same valve driver. This approach is not competitive in regard
to weight, power and volume with parallel independent gas supplies.
I. 10. 3 Star Sensor Reliability
Although the assessment has shown the star tracker to be reliable,
it was decided to employ redundant sensors to augment the over-all
reliability. The additional weight necessary for this is small relative
to the system reliability gain. In addition, several alternative methods
of roll control are available, as discussed previously, which provide
for backup of the Canopus sensor, should this prove necessary.
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I. ii Other Considerations
I. II. 1 .Magnetics
Many of the components to be used on this subsystem will be
selected from parts with known low field levels and already used on
other programs such as OGO,
parts are:
Component
Solenoid valve
Pioneer, and 2029. Examples of these
After Magnetization
9 7at IZ in
........ - ....... Pressure switch . <25 y at IZ in
a.
Pressure transducer
Pressure regulator
Pressure vessel
Plumbing
Canopus Sensor
1 7at 6 in
II 7at 6 in
Nonmagnetic
Nonmagnetic
Using an electrostatic deflection type poses no problem other
than the usual selection of preferred nonmagnetic components. If, on
the other hand, a magnetic deflection type is used, because of the fields
generated by the deflecting coils, particular attention to the uniformity
of the windings to prevent stray fields due to leakage must be made,
along with the use of shielding materials enclosing the coil assembly.
b. Inertial Sensor s
_^ pn,x,_rl hy 800 CDS, are not expected to be aL,_ gyros, ......... .
problem since the frequency of the power to drive these gyros will
probably fall outside the pass-band of the magnetometer. The use of
magnetic pick-offs from the gyros will require compensation and
shielding to bring them within the required limits.
c. Electronic Packages
No problems are anticipated in the control electronics when
the components are selected from the approved parts lists already
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established on the OGO, Pioneer, and 2029 programs. The switching
will be performed by solid state techniques, so that ,nagnetic shielding
will not be necessary.
1. 11.2 Vehicle Interface
The SCS interface with the vehicle, for other than functional
requirements, is primarily in the areas of view angles and alignment
accuracies.
a. View Angles
The view angle requirements have been discussed previously
in the descriptions of the various optical sensing elements. The 4
steradian field of view required of the coarse sun sensor is provided by
mounting pairs of sensors in diametrical opposition on the periphery of
the solar array. The fine sun sensor field of view is provided by
mounting it in the bus looking in a direction normal to the plane of the
solar array.
The Canopus sensor view angle requirements are established
primarily by the need to maintain an unobstructed field of view. These
requirements must be integrated with those established by the articulated
components such as the high-gain antenna, the planet oriented package,
and the deployable scientific instruments.
Another item which falls under the category of view angles
for control concerns the positioning of the reaction control jets. It is
desirable to place the jets so that the exhaust streams do not impinge
on portions of the spacecraft. The impingement degrades reaction
control performance because it partially offsets the effect of the jet
force. The need for a clear field of action for the reaction control jets
has resulting in the jets being skewed relative to the principal inertial
axes of the spacecraft.
The spacecraft layout which minimizes the exhaust stream
impingement has another effect on the SCS. If it were required that the
control axes and principal inertial axes coincide, a mixing network would
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be required to transform the applied torques from reaction jet axes to
principal axes. However, the differences between the two axes are not
great and the cross-coupling that arises when the control torques are
not transformed is a minor effect which does not degrade either pointing
accuracy or the stability of the SCS.
b. Alignment Accuracies
The alignment accuracies of the primary optical sensing
elements reflect the pointing accuracy requirements. Pointing accuracies
for midcourse velocity corrections, capsule separation, and retropro-
.... putsion-req_vir_ celestial sensors and the inertial sensors be
precisely referenced to each other. Pointing accuracy requirements for
the planet oriented package require that the celestial sensors and the POP
drive mechanism be precisely referenced to each other. Incorporation
of these requirements into the over-all design has resulted in the mounting
of the Canopus sensors and gyros on a special mounting structure located
near the POP support structure. The precise sun sensor is mounted
nearby on the spacecraft structure.
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2. CENTRAL SEQUENCING AND COMMAND SUBSYSTEM
A sequencing and command system for a mission such as Voyager
can range considerably in complexity depending on the functions it is
called upon to perform. It can be as simple as a temporary data holding
device or as complex as a full scale general purpose computer with
pattern recognition capabilities, adaptive control, or decision-making
features. It may or may not have to store data more than momentarily,
perform simple or complex arithmetic or logic, handle large amounts of
information, or make decisions based on real-time occurrences. Thus,
it may or may not have a memory, an arithmetic unit, decoding capability,
timers, or logic. Consequently, when the requirements are established
so that essential characteristics of the processor can be identified, a
large design step has been taken.
A requirement analysis must identify the decoding and timing re-
quirements, the need for special registers and counters, memory require-
ments, and the need for arithmetic capability or decision logic. From
the requirements analysis, basic approaches and component sizing studies
can be conducted to identify word sizes, formats, voltage, power levels,
etc.
In regard to Voyager design two areas of over-all systems tradeoff
studies strongly affect the selection of the central sequencing and command
system (CS and C) configuration. These are I) choices pertaining to the
distribution of onboard functions between the CS and C and the various
subsystems, and 2) choices relating to the ground versus onboard distri-
bution of control. The selection of onboard commands must consider the
resulting spacecraft mechanization, and the selection of ground commands
must provide adequate real-time ground control with backup as required
for onboard control. In general, the selection is strongly influenced by
reliability and over-all mission requirements.
It is necessary to determine the need of all of the spacecraft sub-
systems in making the final selection. Tradeoffs must be made to de-
termine requirements imposed by guidance, occultation, mission phases,
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propulsion increments, the desirability and use of backup commands,
science sequencing, attitude control, data handling, fault detection, and
antenna pointing. These requirements are reviewed in the system and
mission requirements sections which follow, and the design tradeoffs
which were conducted are described. These result in the selection of
a sequencer with a centralized function-oriented core memory. The
memory will have a storage capability of Z56 words and the command
decoder will have the capability of decoding 128 distinct commands.
2. I Subsystem Command, Sequencing, and Timin_ Requirements
..... Iris evident that the following requirements are basic to the
mission. The CS and C subsystem musti - .....
• Accept and decode ground commands
• Store commands for execution at designated times
• Store data to be issued at designated times
• Decode and distribute stored commands to the
various spacecraft subsystems
• Provide clock pulses for frequency control of
electrical power and data handling operations.
The precise extent of these requirements must be determined and
special functions involved in the sequencing and command processing must
be identified.
The requirements imposed on the CS and C subsystem are, of
course, the aggregate of the _equiren-.ents in,posed by the various space-
craft subsystems. In the paragraphs which follow, the requirements of
each subsystem are reviewed and factors leading to specification of on-
board versus ground commands are described.
Z. i. 1 Science Subsystem
As a general principle, the control and sequencing of onboard
scientific operations is accomplished by the data automation equipment
(DAE) rather than by the CS and C. However, the CS and C can provide
considerable support in this function. As a minimum capability it can
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perform a handover function, merely transferring ground commands to
the data automation equipment (DAE). However, it may be required to
interact intimately with the DAE by performing over-all timing functions
in coordination with the DAE.
For most of the scientific instruments involving direct commands
the best division of responsibility between the DAE and the spacecraft
sequencer appears to be one in which the CS and C simply identifies the
commands as science-oriented and transmits them to the DAE. This
applies to the power on/off functions of the various instruments and to
over-allmode control. For the scan instruments, coordination between
the CS and C and the DAE is needed, with each controlling portions of
the total spacecraft operations.
There are three approaches to the division of responsibility between
the two sequencers. In one approach, based on ground inputs, the CS and
C selects the desired data handling mode and transmits the POP angles,
television shutter operation times, image velocity rates, filter settings
and lens sequencing necessary to carry out the picture taking and readout.
It formats the video and other high scan rate data and controls the tape
recorder during storage. This approach results in the simplest CS and C
subsystem and the most complicated DAE.
In the second approach, the CS and C selects the desired data handling
mode and controls the POPangles. The remaining data is transferred to
the DAE prior to the start of the picture taking sequence. The DAE then
performs all of the necessary sequencing. If the image velocity compen-
sation is accomplished by varying the POP angles, or if different angles
are required during a photographic sequence, the DAE must then either
apply the changes just before the shutter operation times or so inform
the CS and C that it can perform this function at the proper times.
In the third approach, the CS and C is more intimately involved in
the photographic operations. In this case, the camera settings are stored
in the CS and C memory. The sequencer controls POP angles and issues
quantitative and discrete commands to the DAE at the appropriate times
to provide coarse control of the photographic operations. The DAE then
4-82
performs minor sequencing in fixed formats based on these commands
and controls the bulk storage and data formatting operations. The im-
plementation of the DAE is therefore greatly simplified as it is not
required to have as extensive a memory or sequencing capability.
To obtain an understanding of the tradeoffs in CS and C and DAE
implications for these approaches, the first one was selected for CS and
C sizing studies. The first part of this section of the report will deal
with design requirements for such a system. In the final part, the im-
plications of having the CS and C perform the larger tasks are evaluated. !
__ Science operations in Mar s orbit are assumed to be programmed
in fixed formats which are keyed to the orbital period and seiectabie by
ground command. In the TV operations mode, pictures are taken near
periapsis, recorded on bulk storage, and read out during the remainder
of the orbit. The operation and control of the Mars scanning and
spectroscopic instruments are phased into this sequence by the DAE.
The required CS and C operations are programmed in a fixed format
which is time-referenced to the nominal orbit. After completion of a
sequence, the program is updated by the orbital period (time) to provide
for the next sequence. As the orbit becomes better known, the initiate
times of the sequences are corrected by ground command. For periods
devoted entirely to the non-television experiments, the mode is selected
through the CS and C, and the DAE again controls instruments and data
operations.
The command and sequencing requirements of the science payload
are summarized in Table 4-8. The minimum requirements category
indicated in the table refer to the first approach described above, and
the supplementary requirements are those that are added by using the
third approach.
Z. I. 2 Planet Oriented PackaGe Requirements
Most of the command and control requirements of the POP relate
to its pointing and control. Quantitative pointing commands of 12-bit
length are required for each gimbal drive. These are transmitted from
earth along with their effect times and are stored in memory, At the
proper times they are issued as a serial train of pulses to load the
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command angle registers in the POP subsystem. If image motion com-
pensation is to be added to the commands, these values are added to
the register just before each picture is taken and removed after the
picture-taking interval. Other command requirements include discretes
for horizon scanner on/off and open loop/closed loop pointing.
2. I. 3 Telecommunications Subsystem Requirements
Command and control requirements for the telecommunications
subsystem are summarized in Tables 4-9 and 4-I0. These tables
include all commands and data required by this subsystem, irrespective
of themission phases. The unit§ of this suSsystern and the states inn
which they can be switched are also included.
a. Data Handling Subsystem
The six telemetry data modes must be adapted to the sequencing
of spacecraft operations• Some planning is therefore required and pre-
programming is needed to time the consecutive events. These operations
are readily handled by a sequencer. Consequently, the primary source
for telemetry mode control signals is the sequencer. In the event of a
failure, or to enable a special mode to be used, a ground command
override is provided for each mode. If the normally sequenced mode is
overridden by ground command, the system stays in the commanded
mode until another ground command is executed. A similar argument
applies to the selection of the data rates for telemetry. The
desired rate is a function of the distance of the spacecraft from earth
and the information to be transmitted, so the nominal times for command-
ing bit rates prior to encounter can be determined in advance and stored
on board. Operations after encounter depend on transmitter power out-
put and antenna availability and require DSN decisions for full utilization
of the telemetry link. For this reason ground command capability is
necessary for all bit rates.
b. Transmitter/Antenna Selection
Commands to the transmitter selector are required to select
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the desired antenna and power level to be utilized. This requires 10
separate discrete commands. Three are required for normal operation;
the rest are involved in selecting back-up modes or redundant equipment.
c. Antenna Pointing Commands
Several methods have been considered to provide high gain
antenna pointing commands. The angles may be updated by supplying
increments to a counter which then counts down to zero as the antenna
is being driven to the correct position, or the command angles themselves
may be stored in a register and the antenna driven until its gimbal angles
match the command angles. The first method requires a decrementing
counter, while the second needs a comparator and is therefore more
complicated. No difference exists in the number of commands or data
words in either case. The word size would of course be smaller in the
decrementer so, from the point of view of the CS and C, is favored.
However, it is required that the actual antenna angles be available for
verification by telemetry, so the use of separate command and actual
angle registers is indicated.
The total number of times that the antenna pointing angle has
to be updated depends on the length of time that it is deployed, the amount
of the accumulated change of the sun-spacecraft-earth angle, and the
allowable variation of pointing angle before transmission is lost. Since
the pointing angle can change by a total angle of up to 130 degrees for the
trajectories under consideration, at least one gimbal angle must be
changed frequently and the use of a ground command for each increment
is undesirable. The angles change most rapidly during the first three
months of flight but the accuracy requirements are less severe during
that period. Over-all accuracy of + 2.1 degrees (including attitude
control errors} is allowable and the allowable quantization of the antenna
program can be 1.5 degrees. Later in flight the angular rate of change
is less, but the pointing accuracy is more critical. Since the antenna
must be pointed to an accuracy of 1.4 degrees, + 0.5 command
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granularity is required.
The following methods of updating the pointing angles were
considered. At one extreme, the onboardprocessor generates all the
gimbal quantities from a stored function one pair at a time. At the other
extreme all of the quantities are computed at the SFOF and transmitted
one pair at a time to the spacecraft. The first technique requires an
onboard function generator and imposes no requirement other than backup
on the ground station, while the second needs only a pair of registers
onboard but involves the DSIF on a continuous basis.
An unjust_iably large number of memory eelts would be ....
required to store all of the pointing commands required for the whole
mission. Even if enough commands for 1 month are stored and updated
at Z-week intervals by loading in another set by ground transmission, the
number of memory cells required is excessive. Since the number of
command angles is several hundred, a function generator approach
appears most suitable. In this approach the antenna angle versus time
graph for 1 month or more is approximated by a series of straight line
segments, and data representing the slopes and start times for each
slope are stored in the sequencer. Six slopes appear sufficient to
provide pointing commands with the required granularity during the first
month or for 6 months after encounter.
The foregoing remarks apply to a single gimbal of the high
gain antenna. Since the other gimbal axis during cruise will be nearly
normal to the ecliptic, it needs to be updated only infrequently. The
commands which are generated for the high gain antenna gimbal which
undergoes large angular change also apply to the medium gain antenna.
This is possible because the gimbal angles of the two antenna are nearly
parallel during cruise and commands of sufficient accuracy for the high
gain antenna will be more than accurate enough for the medium gain one.
Z. 1.4 Stabilization and Control Subsystem Requirements
The Voyager stabilization and control system is very similar to
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the Mariner system, and its command requirements for maneuver control
are also much the same. However, there are several additional require-
ments that must be accommodated. One of these is the desire to verify
attitude commands before maneuver initiation (see Section 2. 1.8). In
addition to providing adequate time for this in the maneuver sequence,
the primary effect of this operation on the CS and C subsystem is to
require a special internal telemetry sequence for rapid readout of the
required data. The switching for this sequence is accomplished as part
of the maneuver mode.
Another requirement is brought about by the need to enable engine
firing by ground command. If the vehicle is in the attitude to fire the
engine and the enable command is not received prior to the commanded
time of engine fire, the CS and C must switch the attitude control system
to the acquisition mode and inhibit engine fire.
The stabilization and control subsystem includes provisions to test
the thrust vector control electronics prior to use. This is done early in
the maneuver sequence and is accomplished by applying an input step
function by ground command. The resulting response is observed via
telemetry. The CS and C has only to supply the discrete test signal.
The maneuver mode imposes one of the most exacting timing
requirements on the CS and C. The turning rate for maneuvers is 0.22
deg/sec and it is desired to limit the quantization error to about 0. 11
deg/sec. Thus, a minimum timing interval of 1 second is required.
This maneuver is employed during the midcourse corrections,
capsule separation, injection into Mars orbit, and orbit trim. The
detailed sequence is therefore of special interest, so an illustrative case
is presented in Figure 4-32. This time-flow diagram shows the
interactions of the S and C subsystem with propulsion, telemetry and
communications as well as the CS and C and ground control centers.
Originating sources are shown as dark arrow heads. The effects on
the receiving systems are shown as pulses and are appropriately
labeled.
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Summary command requirements for this maneuver are presented
in Table 4-!l. Initial and backup command sources are identified in the
table, and the number of different kinds of commands and data are pre-
sented. Onboardlogic requirements are also summarized.
2. I. 5 Propulsion Subsystem Requirements
For the midcourse engine three pairs of start and stop squib
activated valves, with solenoid backup, are used to permit the corrections.
Each valve requires a separate command signal, and the commands must
be inhibited prior to the receipt of an enable signal after spacecraft
orientation is verified. In addition, it is desirable to provide logic
such that failure to fire a given valve actuates the next squib in the
sequence. This logic must, of course, be accomplished on board the
spacecraft.
For the retromotor a start command is needed to ignite the liquid
injection thrust vector control pressurant grain and a second start
command (delayed by I00 milliseconds) is required to ignite the main
motor. Again, the ground command enable signal must be present.
The capsule separation approach requires that the spacecraft be
accelerated laterally after separation to allow the capsule to pass after
its engine has fired. After separation a cold gas blowdown system is
activated to provide the clearance. The fire signal for this system is
timed by a special sequence which is started by the separation event.
The command requirements for the propulsion subsystem are summarized
in Table 4-12.
2. 1.6 Power Subsystem Command Requirements
A summary of the power subsystem command requirements are
given in Table 4-13. No stored commands are required by this subsystem
and all commands are discrete. The switching functions are accomplished
by logic contained in the power control unit. Therefore, only override
commands are needed.
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Table 4-13. Power Subsystem Command Requirements
No. of Ground
Unit State s Commands
Battery No. 1,
Charge Control Override On/Off 2
Battery No. Z,
Charge Control Override On/Off Z
Battery No. 1, Disconnect Open/Close Z
Battery No. 2, Disconnect Open/Close Z
4.1 Kc Inverter Transfer Main Inverter on/ Z
Standby Inverter on
820 Cycle Inverter Transfer Main Inverter on/
Standby Inverter on
Z
410 Cycle Inverter Transfer Main Inverter on/
Standby Inverter on
Z
Charge Rate Select l
Charge Rate 1
Regulator No. 1
Charge Rate 2
Regulator No. 1
Charge Rate 1
Regulator No. Z
Charge Rate Z
Regulator No. Z
4
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2. 1.7 Capsule Requirements
Commands required by the capsule consist of the five commands
indicated in the mission specification and the capsule separation events.
The separation events consist of capsule cover removal, capsule
separation, and cover base separation. All are ground initiated or can
be stored in the spacecraft for execution at the required times. The
capsule separation events are also backed up by ground command dis-
cretes at the designated times.
2. 1.8 Mission Requirements
In the preceding section the detailed command requirements for the
subsystems of the spacecraft system were examined from a word structure
point of view. Commands were identified to perform specific functions
for each of the subsystems, and arguments were given in support of
onboard and/or ground initiation of those functions. Specific logical
conditions which must be reasonably fulfilled were also discussed. In
consequence, a command list was obtained for each subsystem.
Other requirements are imposed by the timing accuracy required
by the various mission phases, the requirement to verify some commands
prior to execution, and possible requirements for diagnosis or analysis
of spacecraft functions. These functions are discussed in the paragraphs
which follow.
a. Mission Timing Requirements
A detailed flow of mission events was prepared and analyzed
to determine the timing requirements, timing intervals, and resolution
of commands. The mission is, of course, characterized bylong periods
during which the vehicle states or modes remain fixed and no commands
are required of the CS and C. During other periods, functions are
required every few seconds with timing resolution requirements of the
order of tenths of a second.
It is assumed that internal timing of the order of milliseconds
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or tenths of seconds will be accomplished by special time delay circuits
and that such requirements are not imposed on the basic CS and C design.
The timing resolution required during midcourse maneuvers is determined
by the required accuracy of the velocity increment and the attitude
maneuvers. An allowable attitude error caused by timing granularity
is of the order of 0.1 degree which leads to a minimum allowable timing
interval of 1 second. This value is commensurate with the propulsion
requirements. Since the acceleration prior to capsule separation is no
Zless than 0.07 m/sec , the maximum quantizationerror is 0.035 m/sec,
which is well within the allowable value. For the velocity trim maneuvers
in Mars' Orbit tHE icceleration is about 0,ZZ m/secZ and the minimum
commandable velocity or quantization error is 0. 11 m/sec. The com-
plete maneuver sequence will last about 3 hours.
Another period of significant timing resolution is the first two
or three hours after separation from the booster. During this period
the various antennas and booms are deployed, the sun-Canopus references
are acquired, and the cruise configuration is established. Timing
granularity of the order of 30 seconds appears adequate for this period.
For orbital operations the maximum duration of a sequence
is the orbital period which has been nominally set at 14.3 hours. The
maximum timing resolution is established by the picture-taking sequence.
The pictures will normally be taken with time spacing between 40 and
100 seconds. The spacing may vary within a single picture-taking
sequence. In the worst case, a 4-second timing granularity leads to
a B-per cent picture overlap, which appears commensurate with other
errors.
During cruise the requirement is to establish an absolute
time base from which to establish fine-grain timing. It appears that
two-hour steps are adequate for this period.
b. Command V e rification
A review of the Voyager command requirements was con-
ducted to define those commands which require ground verification prior
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to execution. One criterion that was used in this evaluation is the effect
of a direct command being transmitted to the incorrect spacecraft
function. This, of course, could seriously affect spacecraft operation,
but its probability can be reduced by using error rejecting codes in the
command word. This is being done (see Section 2.3). Even with these
provisions, as a general ground rule, the system must be so arranged
that an incorrectly decoded direct command cannot result in catas-
trophic consequences. This can be handled by using delayed direct
commands for all functions of this nature or by using enable or two-
command capability. Since delayed direct commands can be transmitted
in time to permit verification, assurance of correct reception via
telemetry can be obtained, and this type of format will be used for
commands to be verified.
The following commands require verification and are placed
in the CS and C memory and read out on telemetry prior to execution:
• Pitch turn time and sign
• Roll turn times and sign
• Propulsion start and stop times
• Function select (monopropellant or solid engine or
capsule separation)
• Antenna gimbal angles
• Capsule cover separation
• Capsule separation
• Capsule base separation.
c. Spacecraft Diagnostics and Correction Requirements
From the foregoing analysis of requirements for the central
processor it is clear that the computing capability of a general purpose
computer is not needed. At most, only special purpose equipment for
function generation is necessary. However, no requirements were
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specified in the previous sections to provide onboard fault detection,
diagnosis, and correction for the spacecraft. Extensive diagnostic and
repair capability cannot be obtained onboard without a computer, so the
question of this being part of the central processor requirements is a
serious one.
The central issue is whether the incorporation of onboard
correction techniques enhances spacecraft reliability and mission
success and, if so, how extensive the capability must be to enhance it.
The problem is an extremely difficult one because the number of
possible failures is very large and the decision logic tO cover the alter-
natives is very complex.
The problem is compounded by the fact that the instrumenta-
tion needed to detect the faults is itself subject to failure. The inline
reliability of the spacecraft is reduced with each equipment addition, so,
as the detection, diagnosis and correction mechanization increases, the
reliability of the system tends to decrease. To be useful, the sensing
devices have to be coupled with the subsystems, units or components
being sensed, so the reliability of the equipment set is decreased. Thus,
it is entirely possible that the survival probability can be reduced in the
effort to increase performance reliability.
Special conditions, may, however, permit some capability
in this direction. Two alternative concepts present themselves. The
condition assumed for both is that the communication link fails and the
spacecraft control is left entirely to onboard devices. In this event,
it is possibly desirable to perform sufficient diagnosis and correction
on board to regain control. However, the diagnosis of the possible
failures in the communications, stabilization and control, or power
subsystems is very complex. Also, the provision of adequate redun-
dancy, alternate modes, and/or failure sensing and switching within the
subsystems is not difficult and is provided in the selected design. This
approach is favored over the use of a fairly complicated computer.
However, there are some specific cases in which the CS and C can
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as sist in checkout and mode switching without introducing significant
additional complexity. Examples of this are capsule checkout, thrust
vector control electronics checkout, switching of alternate units based
on time, and function switching based on elapsed time since a valid
command has been received. These operations are being employed in
several spacecraft subsystems.
A similar example is the use of decision logic for detection
of the closing of the normally open thrust termination valves when a
command signal has been issued to cut off the engine. If the valve has
not been actuated, a signal should be sent immediately to the next valve
in line to attempt to terminate thrust.
2.2 Summary of Requirements
Summary requirements for commands, data quantities, timing
frequencies, clocks, and memory are presented in Tables 4-14 through
4-17. The command requirements table calls for a decoder capability
of 125 different commands, just short of a natural binary division of
128 so this number was selected.
a. Timin G Requirements
Timing requirements are shown for the telemetry clock and
for the power supply. In support of this, the clock generator frequency
summary requirements are given in Table 4-15. Internal frequency
requirements (e.g., 1 cps) are also derived from this clock system.
A summary of the timing requirements of various mission
phases is given in Table 4-16. From this summary it is evident that
five different sequences are needed with the resolutions and durations
indicated.
b. Memor}, Requirements
The number of memory cells needed in the CS and C subsystem
is determined by the peak load experienced by the processor during the
entire flight if a general purpose memory is used, or by the total number
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Table 4-14. Summary of Command Requirements for CS and C
Subsystem
Science
Telemetry
Communications
Stabilization and Control
Propulsion
Pov_er- ........
Capsule
Jettison System
Central Sequencing and
Command
Totals
Ground
Commands
CS and C
Command s
6 4
17 6
27 11
28 14
9 II
18 0
5 5
2 2
Decoder
Line s
6
18
29
28
11
18
5
2
10 8 8
122 61 125
Table 4-15. Telemetry Frequency and Power Supply
Synchronization Requirements
Telemetry Frequency Requirements
PN Synchronization Data Subcarrier
Subcarrier Oscil- Oscillator
TBR PN Bit Rate lator Frequency Frequency
4096 36,864 73,728 147,456
2048 18,432 36,864 73,728
1024 9,216 18,432 36;864
128 I, 152 2,304 4,608
Power Supply Syn,chronization Requirements
(4096, 409, 819)cps
4-101
Table 4-16. Summary of Sequence Requirements
Mission Phase
Over-all Mission
Postlaunch Sequence
Attitude Maneuvers
(Midcour se, capsule
separation, and injection)
P r e - en c ounte r
Orbit
Required
Re solution
Z Hours
30 Seconds
1 Second
4 Seconds
4 Seconds
Required
Time Range Number of Bits
400 Days 13
3 Hour s 9
3 Hours 14
8 Hours 13
17 Hours 14
Table 4-17.
Spacecraft System
Science
Telemetry
Communications
Stabilization and Control
Propulsion
Central Sequencing and
Command
Capsule Jettison System
Miscellaneous Growth
Items
Totals
Memory Requirements Comparison
Number of Storage Cells
(a) (b)
G.P. Memory Function Oriented
Worst-Case Analysis Memory
6 6
3 6
Z9 Z9
14 Z8
6 II
8 I0
0 Z
6 I0
72 10Z
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of distinct types of stored commands and data if a function-oriented
memory is used. In the first case, just enough storage is needed to
satisfy the worst-case condition. A review of the command and timing
requirements developed above is therefore necessary to identify this
condition. These memory requirements are summarized in Column a
of Table 4-17.
A total of 72 words of memory is indicated. A natural binary
break point of 128 words of memory is therefore indicated for this
approach.
....... Inlhe_ecgnd case, where specific functi0n s are identified by _
the memory location, the number of such locations is determined by the
total number of distinct commands and data required. The summary
data for the above requirements is presented in column b of Table 4-17.
A total of 10Z locations is needed, so the natural set of 128 words of
memory is again called for. In these summaries it is assumed that
the DAE controls the science operations. The effect of increased
requirements on the CS and C when it provides assistance in science
functions is considered in Section Z. 8 of this volume.
2.3 Command Word Definitions
There are four types of messages which must be processed by
the CS and C.
a) Direct Commands
_'--**-_command provides a _s;g_=+_..._.v_ spar_ft........ subsystem
with a discrete pulse. The discrete pulse is issued by the CS and C or
by the DAE as soon as the incoming command is decoded.
b) Delayed Direct Command
This command provides a designated spacecraft subsystem
with a discrete pulse at some time after the receipt of the command. The
time of execution is dependent on the time tag value accompanying the
command. The command is stored in memory until its execution time,
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at which point a discrete pulse is issued to the designated subsystem.
The memory location identifies the designated subsystem.
c) Ve rified- Enable Command
This command accesses the memory and changes the
verification bit in the memory location indicated by the command address.
The same format as delayed direct commands is used with a zero time
tag. The zero time tag identifies that the command is a verification
command rather than one to be stored.
d) Quantitative Data
This provides a designated spacecraft subsystem with
serial data. Before the data is transmitted to the subsystem it is placed
in the CS and C memory with an associated delayed direct command
which determines when this data is to be provided to the designated
subsystem. The same format is used for quantitative data as for delayed
direct commands. However, the memory cell to which it is addressed
insures that the data cannot be interpreted as a command.
2.3. 1 Word Format
Figure 4-33 illustrates the two message formats that accommodate
the four message types identified above. The following description
identifies the constituant parts:
I. DIRECT COMMANDS PARITY BITS
I 3 - 3 8
_ _ 1
I / L--COMMAND TYPE
'_"-'-'- CS AND C SUBASSEMBLY ADDRESS OR DAE
L_SYNCRO NIZATIC'i_I CODE
2. DELAYED DIRECT OR QUANTITATIVE COMMAND
I 3 3 1 s _ to 1
' J ' r ,
S,OREDDATAO,CO. ND
Figure 4-33
Command Formats
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a. Synchronization Code (3 bits)
A synchronization code is examined by the CS and C to
determine the validity (format bit position) of the incoming message.
A 3-bit code is used to check the sync between successive messages
in a continuous bit stream; however, a longer unique pattern is required
to initially establish sync after a detection of sync loss. This can easily
be handled by requiring ground to send a constant pattern (e. g., 12 or
more zeros) followed by the normal 3-bit sync code at the beginning of
message transmission, even when a loss of sync is detected (e.g., via
t el_ m_ry_. ......... . ........
b. DAE Decoder and CS and C Subassembly Address (3 bits)
This address code provides the ground station with a code
capable of selecting the particular CS and C subassembly to be used.
It distinguishes among direct commands to redundant CS and C decoders,
direct commands to DAE decoders, and quantitatives to the sequencers.
c. Command Type (8 bits)
These 8 bits are used directly in the command decoders to
determine which subsystem or experiment (which output line) is to be
picked for execution of direct commands. For the other message types
these bits determine the memory address where the command, data or
verification bit is to be stored. In the case of stored commands the
memory address (the same 8 bits) identify the subsystem (output line)
which is to be pulsed at the appropriate time.
d. Stored Data or Command (18 bits)
These 18 bits are stored in the memory for stored quantitative
data and stored command messages. For the stored commands the
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18 bits consist of 1 verify bit, 3 CS and C mode bits and 14 time tag bits.
The exact format of the stored quantitative data is not critical since it will
not require all 18 bits.
e. Parity bits
Up to a total of three parity bits are checked by the CS and C
during receipt of a quantitative command. The parity bits are distributed
as shown in Figure 4-33. The distribution has been selected on the basis
of the number of message bits being decoded at any given time in the
decoding process.
2.4 Messase Failure Protection Requirements
In previous sections the command and timing requirements for
the central processor were discussed. Arguments were presented for
the selection of the commands and for the decision whether the commands
should be ground initiated or programmer initiated. Care was taken to
insure that backup signals were provided for critical commands and that
verification procedures were adopted. As another step in this cross
checking against failures, message transmission errors must be guarded
against.
Basically two types of errors can be made in the message even
though the sources for the errors may be quite diverse. The message
can either be out of sync or have individual bits in error. In the first
case the command is difficult to distinguish from random noise and in
consequence is likely not to be executed.
In the second case an error in the message prevents the intended
command from being activated, but the probability is quite high that a
false command would be issued, unless some measures were taken to
detect errors. These measures are considered in the following
paragraphs.
As a general procedure, both parity and sync bits are used to
detect errors. The parity bits are also used as sync bits. Since
the essence of the synchronizing process is to detect patterns in the
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message or to incorporate well defined patterns in the code, there is
no reason why the bits should not be judiciously distributed over the
whole message or isolated parity bits used as additional protection
against asynchronous messages. If a message is only partly out of
sync, say if a bit is lost in transmission, then the parity bit helps
to establish that fact.
2.4. l Error Rejection
Analysis of planned system parameters indicates that a satisfactory
error rejection probability can be obtained using simple parity checks
and a synchronizing code. More sophisticated error detection is con-
ceivable, but requires additional complexity. If it is assumed that each
group of 7 bits, above, is augmented by one (even or odd) parity bit
or is given a two bit distance from any other valid member of the group,
then for each group two errors are required for that group to be
improperly accepted. Table 4-18 indicates the probabilities of this
occurrence for each group in the presence of transmission errors. No
allowance has been made for the additional distance created by not
fully utilizing the field within each group.
The total probability given in Table 4-18 assumes that all portions
of a message would be rejected if any of its constituents is in error.
An additional source of errors results from decoding commands
which are shifted some number of bits from the reference position at
the decoder. The synchronizing code shown in the message format is
included to limit errors from this source. This is independent of error
rate since the shifted message is assumed to be a random bit configura-
tion. Table 4-19 lists the number of bits checked versus the probability
of accepting a shifted (or random) sequence.
The number of bits to be used to protect against acceptance of a
shifted message may be selected from Table 4-19 to give the desired
protection. Those bits assigned to parity check information and any
fixed bits such as spacecraft address may be subtracted from the
t
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Table 4-18. Probability of Acceptance of Erroneous Words
Bit Error
Rate
-I
I0
-Z
I0
-310
-4l0
-5
I0
-6
I0
-710
Quantitative
Add re ss Data T otal
1.6 I0 -I
I. 6 10 -3
I.6 10 -5
-7
1.6 I0
i.6 lO -9
-111.6 10
-131.6 10
Command
Type
-I
3.6- 10
-3
3.6" 10
-5
3.6" i0
3.6 • 10-7
3.6 " 10-9
-ll
3.6. 10
-13
3.6. 10
-I
4x8.4" I0
4x8 4" 10-3
4x8 4" 10-5
4x8 4. l0 -7
4x8 4- 10 -9
-ll
4x8 4. 10
-134x8 4. 10
5.36 • I00
5.36 I0-z
5.36 10-4
5.36 l0-6
5.36 10-8
-I0
5.36 10
-lZ
5.36 i0
Table 4-19. Probability of Acceptance of Shifted Message
Versus Number of Sync Bits
Bits
6
7
8
9
I0
ii
IZ
13
14
15
16
17
18
Probability of
Sin$1e Sequence
_x
I • I0
-Z
0 • I0
-Z
0 • I0
-Z
0 • I0
-3
0 • i0
-3
0 i0
-30 I0
-3
0 I0
-4
0 I0
-4
0 I0
-4
0 I0
-5
0 I0
-5
0 I0
56
780
390
195
975
488 •
Z44 •
IZ2 •
610 •
305 •
15Z •
764 •
382 •
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required number since they will already contribute to protection
against a shifted message. The remainder are the sync code shown in
the message format which might be any convenient code which the
decoder would recognize, the only precaution being that it can be
selected to guard against decoder failure.
2.4.2 Valid Message Rate
The preceding section has dealt with the acceptance of invalid
messages by avehicle. Of some importance in determining the message
structure is the probability that the intended message is accepted.
- - Messeges will be reject_dfor two causes: bit errors and false sync
recognition. The resultant message failure rate is the resultant of
these two probabilities. Figures 4-34 through 4-37 show the message
errors because of each cause and plot the resultant curve for selected
numbers of synchronizing bits. These curves are based upon the
following equations :
a) Probability of messages lost because of sync error P
S
b)
-R S
PS=2
where R S = number of synchronizing and parity bits
Probability of messages lost because of bit errors P
B
PB = RT PE
where R T = total number of transmitted bits
c) Probability of messages lost because of PS' PB and PM
PM = PS + (I - PS) PB
It is important to note the comparison of the probability of command
failure (as contrasted with total message loss) of the scheme used in this
analysis with the coding scheme used in Mariner C.
Mariner C uses a Hamming separation scheme whereas a single
4-109
Figure 4- 34.
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0 4 B 12 16 20
NUMBER OF SYNCHRONIZATION, PAR11_ BITS, MESSAGE
Figure 4-35. Probability of a Message
Loss Due to a Sync Error
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Figure 4- 36.
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Figure 4- 37.
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bit parity technique has been employed here. For a Hamming number
equal to two, there is no difference in probability of incorrect command
execution between the two methods. If higher Hamming spacing is used,
the loss probability is improved. To do an equally good job with parity
bits, two bits would have to be used, but the mechanization is difficult.
Since Mariner C uses a spacing of two, it is deemed sufficient to use
a single parity bit for the command.
2. 5 Alternative Processor Configurations
As the requirements for the CS and C began to take shape, many
alternative mechanizations were considered. The numerous possibilities
quickly reduced to two basic configurations which were studied in more
detail to arrive at the recommended CS and C approach. The following
is a brief discussion of alternative mechanizations of the command and
control requirements which were discarded without detailed study.
A general purpose computer was only briefly considered because
there was no requirement for onboard computation. Specific areas which
were reviewed for possible computational requirements were: attitude
control, navigation, spacecraft subsystem failure analysis and correction,
data compacting, and experiment sequencing. While a small general
purpose computer could do the required spacecraft sequencing with a
maximum of flexibility, the reliability, weight, power, and cost,
are unjustifiably high without a firm onboard computation requirement.
A physically distributed {or dispersedl approach to the command
and control problem where each major subsystem would have its own
separately packaged command storage and sequencing capability was
also briefly considered. However, because time sharing of circuits
was virtually eliminated in this approach it did not appear desirable from
a weight, power, and reliability point of view.
The spacecraft and mission requirements were also briefly re-
examined to determine the feasibility of eliminating most or all of the
onboard storage and sequencing requirements to try to solve the command
and control problem with a simple command distribution unit {CDU)
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which could only decode real-time ground commands. The feasible
uplink bit rates, the long transmission times and the bit error rates
combine to make this approach unworkable for the number of precise
sequences required by the mission.
The two configurations which were studied in some detail are
described below. This is followed by the tradeoff criteria which led to
the selection of the first of the two approaches as the recommended one.
Z. 5. I Preferred Mechanizations
...... It is evident from the previous remarks that the central processor
must be configured to handle all timing and Sequencing contr01 functibr, s,
from on board the spacecraft as well as from the ground. The mechani-
zation is therefore of the order of complexity of a programmer or
sequencer.
A clock of some sort is needed to issue timing pulses, and a
decoding tree or matrix is necessary to interpret commands and issue
discretes. Since some of the commands and data are to be stored on-
board the spacecraft, a memory device is needed to hold the information.
The memory can be a collection of separate shift registers or it can be a
centralized stack. As a separate consideration the memory might be
special purpose, in which case each location (memory cell) is uniquely
associated with a particular function (a unique discrete or group of data
bits). The memory might also be a general purpose, randomly accessed
system, in which certain extra bits stored in each location determine the
current function of that location.
Since commands have to be issued directly to various subsystems
during the flight or stored onboard in advance for execution at specified
times during the flight, access must be provided via the telecommunica-
tions subsystem up-link. Messages must be checked, verified, and
decoded in a preliminary way before being executed. Some simple
command processing equipment is therefore needed.
It becomes clear immediately that the combination of memory
and onboard sequencing requires substantially more hardware to implement
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than a simple CDU. Therefore, it is desirable to implement the Voyager
CS and C in such a way that failure of the memory/sequencer portion of
the system does not cause loss of ground command capabilities via the
CDU portion of the system. Further, because of the hardware com-
plexity of all parts of the CS and C, consideration must be given in pre-
liminary design of the system to methods of enhancing its reliability.
The result of these considerations is a functionally modular CS and C
in which the memory/sequencer is not in line for ground command
execution; reliability may be improved by simply adding additional
modules redundantly.
Therefore, the two configurations for the CS and C described
below have nearly identical CDU portions (input decoder and command
decoder) and differ mostly in the type of memory/sequencer employed.
Z. 6 Centralized Memory System
This configuration is one of two systems considered to fit the above
requirements in a satisfactory manner. It has a centralized, random
access memory whose word locations are function-oriented. A command
decoder is used to interpret all commands, whether they issue from the
sequencer memory or come directly from the ground. Animput decoder
is also used to preprocess command messages and route the information
to the appropriate units. A block diagram of this approach is given in
Figure 4-38.
Basic timing for spacecraft operations is provided by issuing
serial data and discrete commands at specified times to the appropriate
spacecraft subsystems. This is done either by ground command or by
the sequencer. A clock within the sequencer provides the necessary
timing signals for onboard control and distributes various clock fre-
quencies to other spacecraft subsystems. The input decoder routes
messages to either the programmer or the command decoder. The
command decoder distributes discrete pulse outputs to the spacecraft
subsystems based on direct ground commands or delayed programmer
commands.
The input decoder inspects the incoming command for a valid
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synchronization code and spacecraft address and directs the information
to the appropriate location. (In the final configuration equipment
redundancy is employed to enhance the reliability of the system and
selection of the redundant subassemblies is made by a code in the
incoming message.) The input decoder also checks on the correct
parity of the spacecraft address, CS and C subassembly address, and
memory cell address or direct command address.
--- ;IT SYNC
COMMAND ENAOLE _ TO OAE
I ! _ DIRECT COMMANDS
1l,|T SYNC _4_- BIT SYNC |
FROM ]LOCK | COMMAND E_LE I
C_ND_ _ | _
DETECT_ 1CO_ND / I
J DATA -- INPUT J DIRECT COMMANDS -- J COMMAND
DECOR' J J _CO_R _l
"LA_D COMMAND E_kE I
J CO_NDS I I
COMleUI, NDS
L_.J L.._._J DE  ,',DOOANT,TAT,VE__...,D '  O TSE"A 
/ FREQUENCIES
DISCRETE
COMMANDS
TO SPACECRAFT
I
ttI I
I I
I Sit SYNC AND CONTROL
SERIAL liT STREAM
_._)TELEMETRY
_xCWDING
DAE DELAYED
CO_NDS)
Figure 4-38. CS and C Centralized Memory System
The command decoder decodes incoming direct commands into one
of 128 discrete pulses issued to a particular spacecraft subsystem. The
command decoder also accepts discrete pulses from the sequencer to be
issued through its output circuits. These signals represent delayed
discretes, the commands for which were issued prior to the issuance
of the discrete pulse.
The sequencer consists of a random-access core memory, a
clock, parity checking logic, and the logic necessary to address and
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store information in the memory. Further, the sequencer has the
necessary logic to ____aintainan _i_.... u time and mode word and to com-
pare this with the time and mode tags stored in the memory. The core
elements in the memory are grouped into storage cells which can contain
either commands or numerical information. Commands are identified
through particular cell locations in the memory. The data in the cells
contain the time of execution, a spacecraft mode tag and a verification
bit. If the command is to be verified prior to execution, it is not executed
until a verification is transmitted. If spacecraft conditions are satis-
factory the verification tag is transmitted in a "do" execute mode which
enables the command. The command may, of course, be inhibited by
ground at any time by a "do not" execute signal.
The sequencer continuously scans that portion of each storage cell
containing the time tag and mode code. Whenever a match occurs between
the flight elapsed time register and mode code within the sequencer and
a particular storage cell the address of that storage cell is interpreted
as the spacecraft subsystem address to which a discrete must be issued
or as the spacecraft subsystem to which serial data must be issued.
Before the command or data is issued the verification bits are interro-
gated. If no match occurs between the elapsed time register and mode
code and the particular cell being inspected, the next memory cell is
inspected. This sequential scan is continued throughout the mission.
A summary of the CS and C functions is presented in Table 4-20.
Z. 6. 1 Detailed Descriptions of CS and C Subassemblies
a. input Decoder
The input decoder provides the routing function to the DAE or
within the CS and C by enabling the various subassemblies to be respon-
sive to the command information transmitted by the command detector.
The input decoder samples the command information to determine the
validity of the message establishes the appropriate subassembly that
will respond to the data, and checks some of the parity bits.
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Table 4-20. Centralized Memory CS and C Subassembly Functions
Input Decoder
1) Determines the presence of an incoming message. The input
decoder expects the first bit after the 3 sync bits to begin
with a one bit.
z) Checks the message bit stream for a correct synchronization
code. This code insures against a message shift or a random
sequence of bits that may resemble a valid message.
3) Determines which input decoder, command decoder, DAE,
or which sequencer is to process this incoming message.
...... (Redur_dancy _s sumed )
4) Examine the parity bit covering item 3.
5) Resets input decoder for incorrect parity in item 4.
6) Enables the command decoder, DAE, or sequencer depending
on item 3.
7) Examines the parity bit covering the command type portion
of a direct command or the cell address portion of any command
to be stored in memory.
8) Resets input decoder for incorrect parity in item 7.
9) Resets input decoder after issuing ....... _^_**= =**_._ to command
decoders, DAE, or sequencers. (Redundancy assun_ed)
Command Decoder
1) Decodes command type portion of direct ground commands from
command detector via the input decoder to be issued as discretes.
z) Decodes memory cell addresses from sequencer to be issued
as discretes.
3) Issues drive signals on appropriate lines to spacecraft sub-
systems upon receipt of enable from either input decoder or
sequencer.
Sequencer
I) Accepts storage cell address from command detector via the
input decoder and conditions memory addressing logic.
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Table 4-20. Centralized Memory CS and C Sub-
assembly Functions (Continued)
z) Accepts time tag or data (the latter in the case of a quantitative
command) from the command detector via the input decoder.
3) Accepts enable from the input decoder indicating receipt of
complete time tag or data.
4) Examines parity of input message (time tag or data).
5) Resets memory cell for incorrect parity in item 4.
6) Distinguishes between delayed commands and verified execute
command.
7) Stores information in appropriate memory cell.
8) Maintains updated elapsed time register and mode code.
9) Scans time tags in storage cells for a match with elapsed time.
10) Transmits storage cell address to command decoder in the
event of a match in item 8.
II) Enables command decoder if item 9 has been verified.
12) Transmits serial data to spacecraft subsystem if item 9 is a
quantitative type command (associated with data in adjacent
memory cell).
13)
14).
Distributes clock frequencies to spacecraft subsystems.
Provides serial outputs from the elapsed time register and
special output register to the telemetry subsystem. (Special
output register contains the contents of memory sampled one
cell at a time. )
Power Converter
I) Converts its own power as needed from the regulated, primary
50 VAC power available.
z) Supplies the working voltages to the remaining subassemblies in
the CS and C.
3) Assuming redundancy the power converter also provides power
switching to the redundant sequencer in the event of a
sequencer failure.
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4)
5)
Table 4-20. Centralized Memory CS and C Sub-
assembly Functions (Continued)
Provides continuous power to redundant input decoder and
command decoder.
Provides self-switching to redundant power converter in the
event of a power converter failure.
An address register is shifted and loaded by the command
detector's command daialine and 5it sync I£ne; The bit s_c pulses
also pulse a bit counter which is used to establish the times at which
specific portions of the message are in the address register. The
address register is 8 bits long. At specified bit counts, e.g., at space-
craft address time, synchronization code time, etc., the outputs of the
address register are sampled to establish the validity or presence of the
message portion in question. Table 4-21 lists the logical conditions
that must be met for various phases of the input message. Figure 4-39
is a block diagram of the input decoder.
The
Table 4-Pl. Input Decoder Equations
decoded outputs of the address register are:
Sync Code SYNC
Spacecraft Address S/C
Command Decoder Address CD1, CDZ
Sequencer Address S1, Sz
DAE Addre s s DAE
Parity PAR
Failure Reset FR
Normal Reset NR
Associated with each of these decoded outputs is a bit time which is
defined as tl through t4 for the purpose of these equations.
Command Decoder No. 1 Enable = (SYNC • tl)(S/C • CD1 • tz)(t3)(l_l_) =
CDE1
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Table 4-21. Input Decoder Equations (Continued)
Sequencer No. 1 Enable = (SYNC • tl)(S/C • S1 • tZ)_ (t4) = SEI
(for discrete data)
Input Decoder Failure Reset = L_ + (P--_" t2) + ('_. t3) + ('S_"
tl)= FR
Input Decoder Normal Reset = CDEI + CDE2 +SEI + SE2 + DAE = NR
SERIAl
MESSAGE
BIT SYNC
PAAITY
CHECK
BIT TIME J J LEADING
COUNTER _ ZEROES
I I CHECK
t t tt
I FAILURE RESET i_
._ _j..SERIAL MESSAGE TO OTHER
--CS AND C SUBSYSTEMS AND DAE
Ill
|IT SYNC TO OTHER
CS AND C SUBSYSTEMS AND DAE
J FAILURE RESET J
LOGIC J
LOCK SIGNAL l RESET
co_DI
CDE 1
CD_ q _ CDE2
Sl
S2
t
DI '_ D DAE . =.2
LOGIC J
JN_U.
ENABLE SIGNALS
Figure 4-39. Input Decoder (with redundancy)
In the event that a test condition fails, such as parity, the
input decoder is reset. The reset immediately places the input decoder
in a condition ready to accept the next command. Loss of receiver lock
at the command detector, as signified by the lock line, also resets the
input de code r.
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A normal reset of the input decoder occurs when the message
is complete. Since there are only 2 message lengths, the input decoder
interrogates the address register at specified times to determine the
type of command. This information is necessary to reset the input
decoder as well as to provide the command decoders or sequencer with
an enable signal signifying that the subassembly in question has received
the complete message and can now act on its contents. The command
decoder and sequencer each receive a separate enable signal.
Logic is provided at the bit sync input to the address register
...... to sensea '&maeCLbit as thelead bit in a message. No bits are shifted
into the address register following a normal reset or a reset because of
a failure condition until a "one" bit has been detected. However, the
bit counter counts the number of successive "zeros" after a failure
condition, thus effectively increasing the sync code requirements (e. g.,
12 extra bits) prior to acceptance of new messages.
b. Command Decoder
The incoming command data and bit sync pulses from the
command detector (via the input decoder) or from the sequencer load
and shift the address register. Since the command decoder is continu-
ously sampling these lines, the register is in constant action and the
decoding matrix associated with the register is constantly decoding.
However, discrete pulse outputs are inhibited until an enable signal is
received from either the input decoder or sequencer.
The outputs of the output buffers are 150 ma + 28 volt pulses.
A block diagram of the command decoder is shown in Figure 4-40.
c. Sequencer
Figure 4-41 illustrates the functional block diagram of the
sequencer. The four major functions are:
1 ) Clock gene ration
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2) Memory storage
3) Elapsed Time Updating
4) Time Comparison.
lIT SYNC FROM
SEQUE NCER
liT SYNC FIE)M
INIIU1 " O ECOO ER
1
COMMAND DATA FROM JJINPUT DECODERCOMMA NO DATA JFROMSE(_JENCL_J(_EJwcxqyAO0RESS_ '
ADDRESS REGISTER I
I I
% J
DECODING I
DECODE EN_E
FROM INPUT DECODER _ }
DECODE ENABLE
FROM SEQUENCER
[ 1
I
I
I
LI J
Figure 4-40
Command Decoder Centralized
Memory System
SPACECRAFT
' DISCRETE
The sequencer accepts commands from the command detector
(via the input decoder) and acts on these commands only upon receipt of
an enable signal from the input decoder. The command inputs in the form
of delayed direct commands and quantitative commands (time tagged data)
are stored in a 128 word coincident-current core memory. The sequencer
sequentially scans the contents of memory, matching the execution time
tag and mode code associated with each storage cell with the mission
elapsed time indication. A valid match indicates that the command
specified by the particular location is to be executed. The sequencer
provides the ground with telemetry data reflecting the contents of memory
and the elapsed time register.
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The clock generation portion of the sequencer provides the fre-
quencies necessary to operate the sequencer'_ memory as w_- as the
remaining spacecraft subsystems. The interface description in
Section 2.6.2 identifies these clock frequencies and their destination.
The clock generation process starts with a 1.032 Mc crystal controlled
oscillator which provides an input to 6 counters. The clock logic con-
sists of the following counters:
Modulo 5
Modulo 7
Modulo 9
Modulo 64
Modulo 128
Modulo 256
These counters divide the oscillator frequency down to tile 18 required
output frequencies. This is shown in Figure 4-42.
I.O3219MC (x) [
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X o
I
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(3 FLIP-FLOPS REQUIRED) J_ CLOCK OUTPUTS
f0 147.456 KC (6.78168402 _SEC)
If° _j 73728KC(13,8633680 s,
36.864 KC (27.1267361p.S)
%4ODULE 128 BINARY COUNT_R_--_ 13
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(7 FLIP-FLOPS REQUIRED) _ 4 _ 9.216 KC (108
_!i= 4.608 KC (216
i = 2.304 KC (432fl = I. 152 KC (86B.05555/_.S)
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Figure 4-42. Clock Generator Block Diagram
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The input addressing register decodes the 8-bit address portion
of the command and energizes the appropriate drivers to store the input
data. The input data is stored in an input data register prior to being
stored in the core memory. The command and data line and bit sync
line from the command detector/input decoder fill the address register
and input data register. Upon receipt of an enable from the input decoder
the address register performs the memory storage cell selecting process
and the input data register is checked for correct parity. The correct
parity indication along with the received enable permit storage of the
inp_ut register c?ntents i n the specified storage cell.
The memory bit and memory address decoding blocks provide
the bit timer and word location times necessary to address the memory.
In the case of a quantitative command the memory address
decoding logic initiates a transfer of data from the adjacent storage cell
to the data output register. From the output register this data is trans-
ferred to the designated subsystem in a serial stream. The data is
clocked out of the output register at a 73-Kc rate. This clock rate is
provided to the recipient subsystem to maintain synchronization in the
data transfer.
For the case of command verification the sequencer is expected
to alter the verification bit in any delayed direct command storage cell.
Specific commands are transmitted to the sequencer with the function of
inhibiting or enabling the execution of an existing command in memory.
This inhibit function is accomplished without altering the time tag
associated with the command.
A general purpose random access memory sequencer was
considered in place of the functionally oriented memory. One major
advantage of a general purpose memory with no fixed association between
memory cells and subsystem functions is the flexibility of reassigning
memory locations to any spacecraft functions. Any subsystem may be
addressed by any particular cell in memory depending on that cell's
current command content. Therefore, reassignment can be made by
ground commands while the spacecraft is in flight, thus affording a
4-125
saving in total number of cells required. The disadvantage of such a
completely flexible memory lies in the additional storage bits (command
bits) necessary to specify which subsystem is being addressed by the
contents of a particular memory cell. An additional 8 bits is required
to address a subsystem. These 8 bits do not reflect an appreciable
weight and power requirement for the sequencer, but they do reflect an
additional burden on command message length. The command message
must be augmented by the subsystem address as well as the additional
protection bits necessary for the increased message.
d. Clock Mechanization
In the summary of clock requirements above (Figure 4-42)
range and resolution estimates were provided for various segments of
the mission, including the cruise condition. The maximum range require-
ment is one second, so a 26-bit counter register can be used to provide
the basic clock for the mission.
Resolution requirements range from I second for the various
maneuvers to two hours for the cruise condition. A convenient break
point for the specific requirements divides the timing into two classes,
one which uses the lower order bits of the basic clock (elapsed time
register) and another which uses the higher order bits. With the indicated
set of requirements, four secondary clocks are defined on the lower
order bits and one on the higher order.
However, a mechanization simplification can be realized by
providing greater resolution capability for the cruise modes and the
postlaunch sequence clocks. Increasing the postlaunch sequence resolu-
tion to I second increases the number of bits from 8 to 14 required for
its clock. This is the number needed for the mid-course maneuver and
capsule separation timing, so, one clock can be used for all three
sequences. The 14 lower order bits of the basic clock can therefore be
used as the reference.
An increase in the cruise mode resolution also simplifies the
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mechanization since the 14 higher order bits can now be used as the
reference and the same number of memory bits can be used as before.
Since the orbit time granularity is 4 seconds and the 14 bits
provide adequate range, it is necessary only to use bits 3 through 16 of
the basic clock for this reference. The same time tag length as that for
the other clocks can therefore be used.
Since the same memory bits are used for three different clock
time tags, some additional bits are needed for identification. These
additional bits can readily be combined into a mode reference to fully
define the time at which events occur. The modes are conveniently tied
to the 5 major sequences and the over-all cruise condition, so a 3-bit
mode tag is sufficient. One configuration of bits in the mode tag identifies
the cruise mode and indicates that the time tag bits in this memory
location are to be compared to coarse clock time. A second configuration
identifies the orbit time (least bit 4 sec. ), and the remaining tags identify
the fine clock time (least bit 1 see). A 3-bit mode indication register in
the sequencer is required to hold the current mode.
Commands for diverse sequences may be stored in memory at
the same time, so mode _L._
_, .... g_ com._._ands must precede each non-cruise
sequence group to enable commands in that group to be executed. _u^^
mode enabling commands set the 3-bit mode register to agree with the
mode tags associated with the particular commands in the sequence.
Thus, both a time and a mode agreement is needed to issue a discrete
The memory word and clock system are
CLOCK AND TIME TAGS
3--lilt 26='111T IIASIC CLOCK
MODE (400 DAYS, ! SECOND RESOLUTION)
CODE (ELASPED TIME REGISTER)
r-_r A
I"I i'I'I I'1
14-111T MANEUVER CLOCK
14-11T (_IT CLOCK
J
1441T CI_ISE CLOCK
or data word from memory.
shown in Figure 4-43.
:)-liT MODE TAG 14-111T TIME TAG
_'_r A
• MEMORY
II ' _o_I j LOCATION
Figure 4-43. Clock and Time Tags
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2.6. d CS and C Interfaces
a. Command Detector
The input decoder accepts the serial bit stream from the
command detector. Along with the serial data the command detector
provides a bit synchronization and a separate enable signal which
assures the input decoder that the message is in LOCK at the command
detector. The moment that LOCK is lost the command detector re-
moves this enable signal, thereby informing the input decoder that the
incoming message is no longer locked with the receiver in frequency,
phase, and PN code.
The frequency and logic levels of the three input lines from
the command detector unit are:
l) Command Line 1 pulse/sec, 0, + 3 volts
2) Bit synchronization 1 pulse/sec, 0, + 3 volts
3) LOCK DC 0, + 3 volts
b. Telemetry
For the purpose of verifying specific stored commands prior
to their execution or for a general check on the contents of the sequencer's
memory, an output is provided to telemetry. An 18 bit register
holds a memory word until it is sampled by telemetry and an end-of-
sample message is given to the CS and C. At this time the next word
in line is transferred to that register. Each 18 bit group contains one
entire storage cell content comprised of a time tag plus verification
bits and mode tag, or data. Each cycle through memory starts or ends
with a sampling of the elapsed time register, which resynchronizes the
bookkeeping process of tracking the cell location with the cell contents.
The elapsed time register is available to the telemetry
subsystem at all times.
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The telemetry subsystem is also provided with a discrete
signal indicating one of four data rates. These discretes exhibit a
logic level swing between 0 + 1 volt, a rise time less than _sec, and
a 10 ma drive capability at the 0 state. Along with the discrete, the
CS and C supplies the appropriate group of frequencies for the par-
ticular data rate. Table 4-22 illustrates the four groups of frequencies
associated with the data rates.
Table 4-22. Frequencies Associated With Data Rates
Data_Rate Gr oup . I
Frequency (Kc)
I 2 3 4
- I -! • . ! ....
4. O96
147. 456
73. 728
36. 864
2.048
73.728
36.864
18.432
1.024
36.864
18.432
9.216
0. 128
4. 608
2. 304
i. 152
These frequencies are provided to the telemetry subsystem
with a 0.005 per cent long term accuracy.
c. Spacecraft Subsystem Discretes
The command decoder provides one discrete pulse to a par-
ticular spacecraft subsystem on the basis of the command address. One
hundred twenty-eight discretes can be decoded from the command
address. Each of these decoded discretes provides the spacecraft sub-
_ysten _,interface with a !20 ma, + 28 volts capability. The discrete
pulse is enabled for a minimum of 1 second in the case of direct ground
commands or for a minimum of 8 milliseconds in the case of sequencer
is sued commands.
d. Data Automation Equipment
Direct command data which initiate discretes to the science
subsystems are routed by the CS and C input decoder to the DAE de-
coder. This requires bit sync, command enable and the direct command
data to the DAE.
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2.6. 3 Physical Characteristics
Table 4-23 summarizes the weight, volume, and power dissipation
for this system. Both the individual subassemblies and total CS and C
system values are indicated. A relatively small size, low weight and
power system is indicated.
Components and parts count for the various subassemblies and
the total CS and C subsystem are shown in Table 4-24. Detailed in-
formation is given for the various integrated circuit classes that are
used, the inductors, transformers, crystals, cores, diodes, etc.
Table 4-23. Physical Characteristics of CS and C Centralized
Memory System Subassemblies
CS and C
Subsystem
Input
Decoder
Command
Decoder
Sequencer
Including
Clock
Power
Converter
Total
Physical Characteristics
Weight Volume Power
(Ib) (in 3) (watts)
1.0 20 1.8
1.0 20 0.5
6.5 160 9. I
3.8 90 Z. 9
12.3 290 14.3
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Finally, the discrete component counterpart to the integrated
circuits used in this configuration is given in Table 4-25. The discrete
components are shown for each of two integrated circuit gates, a flip-
flop and memory isolation diodes.
Table 4-25. Integrated Circuit Configurations
I. IC (A)
z. ic (B)
3. IC (C)
4. IC (D)
Dual Nand Gate
6 film resistors
Z digital transistors
9 digital diodes
Flip- Flop
ii film resistors
5 digital diodes
4 digital transistors
4 mica or glass capacitors
Diode Gate
1 film resistor
6 digital diodes
Memory Isolation Diodes
16 digital diodes
Z. 7 Distributed, or Decentralized, Memory System
This is the second of the two configurations considered as
reasonable mechanizations of the requirements developed in Section
2. Z above. It has a decentralized-memory system with special purpose
registers and associated timers rather than a random access-memory
system. In this respect, it is quite different from the centralized
memory system but it is also similar in that it has a command decoder
and an input decoder. However, commands from the special purpose
timers are decoded directly and do not pass through the command
decoder.
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The command decoder interprets requests on all direct commands,
i. e., all ground commands, and a sequencer interprets all indirect
commands, i. e. , sequences or delayed commands. An input decoder
unit accepts the serial bit stream from the detector subsystem of the
telecommunications system and routes acceptable messages either to
the command decoder or to the sequencer.
The command decoder and the sequencer deliver signals to other
spacecraft subsystems. Both provide logic level outputs, and the power
distribution unit supplies the balance to attain the proper power level at
the spacecraft subsystems.
In this configuration the sequencer is a hard-wired unit in the
sense that special circuits are provided for each function. It is in
principle the Mariner C,CS and C, adapted to the requirements of the
Voyager mission. It contains an additional pair of subassemblies over
that of the CS and C. These are the orbit subassembly which provides
the pointing and sequencing operations for the science packages during
Mars orbit andthe antenna command generation subassembly.
The memory unit uses core shift registers or integrated circuits,
but, as mentioned above, the memory cells are not general purpose.
Each cell is associated with one and only one function, provided by one
..................... _ o_ u_uuulng is required, lhe core and
integrated circuit tradeoffs are illustrated in the weight versus
reliability figures presented in this and later sections.
A general block diagram shown in Figure 4-44 describes the
subassemblies included within this subsystem. Specific storage cells
and sequence event counters are assigned to specific spacecraft func-
tions, so no programming alterations can be made in this assignment.
Only the numerical values (time value or data) may be altered within
the storage cells or sequence event timers. The time values or data
may be prestored on the ground or transmitted to the CS and C via
ground commands.
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The input decoder accepts ground communication data from the
command detector. This data is examined for correct synchronization
code and subsystem address. Included within the address code are
enough bits to specify the data automation equipment or redundant
subassemblies within a particular spacecraft's CS and C subsystem.
The input decoder also determines whether the command message is
a direct discrete command, in which case it is transmitted to the
command decoder, or a delayed command or data to be stored in a
CS and C storage cell.
The command decoder accepts information from the input decoder
in the form of an address specifying a particular discrete. The command
decoder decodes this address into the various discretes issued to other
spacecraft subsystems or within the CS and C subsystem. Some portion
of the original spacecraft address portion of the message will provide
enabling signals to one or more command decoders in the event of a
redundant subsystem. These enable signals assure that only one
command decoder responds to the message.
The sequencer issues discretes to other spacecraft subsystems
as well as within the CS and C subsystem through a series of sequence
timers. The sequence decoder also contains a group of storage cells
which either provide serial data to other spacecraft subsystems or
time tag data to sequence timers.
The clock provides various timing signals to other spacecraft
subsystems and within the CS and C subsystem. Ground command
discretes or discretes issued by the sequence decoder may turn-on,
turn-off, or enable various clock outputs.
A summary list of functions for the decentralized memory CS and
C is presented in Table 4-Z6.
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Table 4-26. Distributed Memory CS and C Subassembly Functions
Input Decoder
I) Determines the presence of an incoming message. The
input decoder expects the first bit of a valid message to
begin with a one bit.
z) Checks the message bit stream for a correct synchroni-
zation code. This code insures against a message shift
or a random sequence of bits that may resemble a valid
message.
3) Determines which input decoder, DAE, command
decoder or sequencer is to process this message.
(redundancy as sumed).
4) Examines the parity bit covering item 3).
5) Resets input decoder for incorrect parity in item 4).
6) Enables the command decoder or sequencer depending
on item 3).
7) Examines the parity bit covering the address portion of a
direct command or the cell address portion of any com-
mand to be stored in memory.
8) Resets input decoder for incorrect parity in item 7).
9) Resets input decoder after issuing the enable to command
decoders or sequencer (redundancy assumed).
Command Decoder
i) Decodes address portion of direct ground commands from
command detector via the input decoder to be issued as
discretes.
z) Issues drive signals on appropriate lines to spacecraft
subsystems upon receipt of enable from either input
decoder or timer.
Sequencer
I) Accepts enable signal from input decoder and checks
parity of incoming messages
2) Routes delayed commands to proper registers
4-136
3) Issues delayed discretes to spacecraft subsystems at
designated times
4) Stores numerical data in holding registers
5) Shifts data to spacecraft registers at designated times
6) Provides serial outputs from sequencer memory cells
to telemetry subsystem
Power Converter
l) Converts its own power as needed from the regulated,
primary 50VAC power available
z) Supplies the working voltages to the remaining subassem-
blies in the CS and C.
3) Assuming redundancy the power converter also provides
power switching to the redundant sequencer and clock
in the event of failure.
4) Provides continuous power to redundant input decoder
and command decoder.
s) Provides self-switching to redundant power converter
in the event of a power converter failure.
Clock
i) Provides required frequency and timing signals to
spacecraft subsystems and to sequencer.
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2.7. I Description of Distributed Memory System Subassemblies
The following section describes in detail the various subassemblies
within the CC and S subsystem.
a. Input Decoder
Figure 4-45 illustrates the detailed block diagram of the
input decoder. The input decoder for the distributed memory CS and
C is identical to the one for centralized memory CS and C described in
Section Z. 5.3.
SERIAL
MESSAGE _-i I
ADDRESS REGISTER
BIT SYNC I
T2_ CS AND C J
SUBASSEMBLY
ADDRESS
_SYNCCODEI
CHECK J
["_'_ SERIAL MESSAGE TO OTHER
CS AND C SUBSYSTEMS AND DAE
_C PARITY J
CHECKSI , I
E_RAFTOOR_S_
I
_IT TIME
IOUNTER
i
" 1
T4
BIT SYNC TO OTHER
CS AND C SUBSYSTEMS AND DAE
CD1 --1_ CDE1
CD2 _ CDE2
52 ] I
i SE2
i
., 1ZEROESI'-- DAE
I k_ FAILURE SET NORMALRESET
_A,.U,_ER_ I '-oo,_I I .oo,_I
LOCKS,GNAL _ I
ENABLE
SIGNALS
Figure 4-45. Input Decoder (assuming redundancy)
b. Command Decoder
Figure 4-46 illustrates the command decoder. The purpose
of this decoder is to route direct discrete commands to the appropriate
spacecraft subsystem or within the CS and C subsystem. An input
register accepts data from the input decoder. This register issues a
particular discrete output pulse by means of a decoding matrix. Buf-
fers or level shifting devices are shown on the output of each decoding
gate prior to the command decoder interface. These are provided to
increase the voltage and current capabilities of the decoding gates.
P I
BIT SYNC l
CLOCK
, i
COMMA N D._[__.I_.
DATA ADDRESS REGISTER
DECODE
ENABLE
INPUT DECODER
INTERFACE
Figure 4-46.
DECODING MATRIX
-I
! DISCRETE OUTPUTS ! !
t j
TO SPACECRAFT SUBSYSTEMS
OR CS AND C SUBSYSTEMS
Command Decoder (Distributed Memory System)
The decoder enable signal from the input decoder is required
to enable pulses to be output from the CS and C command decoder.
Note that this subassembly is similar to the decoder described above
in Section 2.5.3
c. Sequencer
The sequencer for the distributed memory CS and C is a
collection of storage cells and sequence timers. Figure 4-47 illus-
trates a number of storage cells and sequence timers and some possible
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interconnections between them. Figure 4-48 illustrates additional
storage cells which are used only in the delayed transmission of serial
data to other spacecraft subsystems. Figures 4-49 and 4-50 illustrate
in detail a typical storage cell and sequence timer.
All storage cells in the sequence decoder are loaded via a
ground command through the input decoder. This may be accomplished
either on the ground or during flight. Each of these storage cells is
connected to a particular sequence timer or, as in Figure 4-48, to a
particular spacecraft subsystem. More than one storage cell may be
connected to a sequence timer. Discretes are used to determine which
cell inputs data to the sequence timer at which time. For this purpose
the discretes may be ground commanded discretes or discrete outputs
from other sequence timers.
A sequence timer may also be loaded through a direct
quantitative ground command or a combination of ground commands
and storage cell combinations as determined by discretes. These
options are shown in Figure 4-47. The flexibility implied by this
figure is only _ design flexibility. Once the cells and timers are
physically interconnected, the sequencer becomes rigid and no altera-
tion in the storage cell or sequence timers assignment can be made
other than by major rewiring.
The details of the storage cell in Figure 4-49 show a data
register which can be loaded via a ground command and unloaded to
a specific location via a discrete. This discrete may be issued by a
ground command or sequence timer. The storage cell may also be
circulated and its contents read out to telemetry.
The sequence timer illustrated in Figure 4-50 contains a
data register which may be loaded through a storage cell, a ground
command, or any combination of these under the control of discretes.
A discrete input initiates the timer operation which circulates the
data register and decrements the contents of this register. Decoding
gates connected to the decoding register issue discretes to other space-
craft subsystems or within the CS and C subsystem. The data register
may also be circulated and its contents read out to telemetry.
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2.7.2 CS and C Interfaces
The CS and C interfaces are the same for the decentralized
memory system as for the centralized memory system and are
described in Section 2.5.4.
2.7.3 Physical Characteristics
Weight, volume, and power dissipation for this configuration are
summarized in Tables 4-27 and 4-28. In the first table the physical
characteristics are given for the system using core shift registers
packaged like the Mariner C CC and S. The data from the second table
assumes that integrated circuits are used. Both the individual sub-
assemblies and the total CS and C subsystem values are indicated.
Note that a 25 per cent reduction in weight and a 35 per cent reduction
in volume is obtained in converting from core registers to integrated
circuits but the power consumption is increased by more than a factor
of 2.
Table 4-29 contains detailed parts counts for the various sub-
assemblies and for the whole system. Counts for both the integrated
circuits version and the discrete system are included. Only the
sequencer is affected by this alternative.
2.8
2.8.1
Reliability Comparisons
Reliability Considerations for the Centralized Memory System
In this configuration failure can occur in each of four sub-
assemblies.
a. Input Decoder
A failure in this unit inhibits all messages entering the
spacecraft from ground. Direct commands and updated numerical
data are then not available to the spacecraft, and control of spacecraft
operations is possible only via the sequencer, which uses previously
stored command and numerical information. The likelihood of this
failure is relatively low, but the associated risk is very high.
b. Command Decoder
In this configuration a failure in the command decoder is
disastrous since it interprets all commands and sequencing. Neither
ground nor onboard control would be possible.
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Table 4-27. Physical Characteristics of CS and C Distributed
System with Core Shift Registers
Suba s s embly W eight Volume Power
{ib) (in 3) {watts)
Input i. 0 20 I. 8
Decoder
Power 5.2 130 3.7
Converter
Clock 0.7 14 I. 5
Sequencer 15.0 360 1 I. 0
{core registers)
Command I. 0 20 0.5
Decoder
Total Z2.9 544 18.5
Table 4-28. Physical Characteristics of CS and C Distributed
System with Integrated Circuits
CS and C Weight Volume Power
Suba s sembly (ib) (in 3) (watt s)
Input I. 0 Z0 I. 8
Decoder
Power
Converter 6.5 145 8. 6
Command I. 0 20 O. 5
Decoder
Clock O. 7 14 I. 5
Sequencer 7.7 170 30.4
{Integrated
circuits)
Total 16.9 369 42.8
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Table 4-29. CS and C Distributed Configuration
Transistor Transistor Resistor Capacitor
I)i_ital A_alo_ Metal
10 384
40 I0
CS and C Diodes Diodes
Subassembly IC(A) IC(B) Digital Zener Cores
Input
Decoder 4O 25 12 IZ 4 8
Command
Decoder ib 5iZ
Clock Z0 Z0 4 l 10
Power
Converter Z5 8O 4O 4 10 Z0 3O 6
Sequence
Decoder
(intesrated
eircult) 44O 87O 96 IZ8
Total l 51b 94_ 502 25 752 48 4 l0 20 l 48 6
Sequence
Decoder
(Cores) 6Z 7O 36O 1250 170 4 8O 5O 9OO 6O 7OO
Total 2 136 145 766 Z5 1874 218 4 14 100 I 5O 948 b6 7OO
Trans- Capacitor Resistor
Glass Inductor former Tantalum Crystal Wire Wound
Table 4-30. Integrated Circuit Configurations
I. IC (A)
2. IC (B)
Dual Nand Gate
6 metal resistors
2 digital transistors
9 digital diodes
Flip- Flop
ii metal film resistors
5 digital diodes
4 digital transistors
4 mica or glass capacitors
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c. Sequencer {Including Clock)
_=._z¢ in LLze sequencer results in a complete loss of
onboard control of spacecraft operations. This loss is not as serious
as either a loss in the input unit or in the decoder_ since ground com-
mand capability is not jeopardized, but spacecraft performance would
be severely limited because of the low bit-rate up-link and the long
transmission time to the spacecraft. Also clock outputs to the telem-
etry and spacecraft power supply may be lost. Note that clocks to the
spacecraft power supply are not needed to maintain primary AC power.
d. Power Converter
A failure in the power converter results in a complete loss
of onboard and ground control of the spacecraft.
Use of Redundancy
In order to reduce the risk of these failures, a simple
redundancy scheme was considered in the form shown in Figure 4-51
(see Volume 4 for more details). An additional unit has been added
for each of the four subassemblies in the system. Switching is
accomplished in the decoders and sequencer by addressing the desired
unit via bits in the command message. The redundant units in each
subassembly receive the commands, so the designated command de-
coder or sequencer must receive an enable signal after the command
has been accepted by the designated input decoder. The outputs of the
pairs of subassemblies are logically OR'd so that either unit can
accomplish all of the functions. In the case of sequencer outputs to
the command decoders, selection is done via a previously executed
discrete which is remembered by a flip-flop in each sequencer.
2.8.2 Reliability Considerations for the Distributed Memory Systems
In this configuration failures can occur in each of five subassem-
blies, only catastrophic failures which would render a subassembly
inoperative are considered.
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COMMAND
DETECTOR
(DATA + CLOCK)
INPUT j
DECODER
NO. 1
--7 I NPUT
DECODER
NO. 2
POWER
SU PP LY
DAE
"-_ j COMMAND
DECODER
NO. I
COMMAND
i DECODER
NO. 2
I-- _--
U
c5
SEQUENCERNo.| J_
SEQUENCER SERIAL DATA
NO. 2 TO SPACECRAFT
SUBSYSTEMS
INCLUDING
DAE
Figure 4-51. Power Converter Block Diagram
a. Input Decoder
A failure in this unit inhibits all messages to the spacecraft.
Direct commands or delayed commands are then not available to the
spacecraft subsystems. Control of spacecraft operation is therefore
possible only through the prestored commands in the sequencer
storage cells.
b. Command Decoder
A failure in the command decoder prevents direct control
of the spacecraft subsystems via ground commands_ (because the
sequencer issues discrete commands on its own} but it does not
hamper control of the spacecraft through any sequencer functions.
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c. Sequencer
A failure in the sequencer prevents control of the spacecraft
through prestored data. However, direct control of the spacecraft can
still be exercised through ground commands. Since the sequencer is
constructed of modular storage and timing functions, total loss of the
sequencer is unlikely.
d. Clock
A failure in the clock subassembly prevents timing signals
from being issued to the power supply and telemetry subsystems, as
well as the sequencer. (Note that clocks to the spacecraft power supply
are not needed for it to maintain primary AC power.
e. Power Converter
A failure in the power converter results in a complete loss
of onboard and ground control of the spacecraft.
To guard against such failures the redundancy configuration
shown in Figure 4-52 is considered. This is the best of several al-
ternatives which were considered (see Volume 4). The reliability data
for both the integrated circuits version and the core register system
show that the core system is the best from a reliability point of view.
COMMAND
DETECTOR
(DATA AND'_ t_ INPUT DECODER
-_ DISCRETES
_ SERIAL
-_ h j DATA
CLOCK I TO SPACECRAFTSUBSYSTEMS
CLOCKS
POWER
CONVERTER
CONVERTER
p DIRECT COMMANDS J
_1
CLOCK !
_ CLOCK
COMMAND
DECODER
DECODER
SEQUENCER
SEQUENCER _F
CS and C Subsystem RedundancyFigure 4- 52.
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To address the appropriate command decoder in the redundant
system, incoming messages to the spacecraft contain the necessary bits
as a part of the subsystem address. The outputs of the two input de-
coders are wire OR'd, thereby providing two input decoder functions
at all times. Selection via ground command to select the input de-
coder for each command is also done by bits in the subsystem address
portion of the message. The redundant clock outputs are selected by a
discrete from the command decoder as a result of a ground command.
In the sequencer, redundancy is implemented by the use of
additional storage cells and sequence timers for those functions that
are critical to mission success (i. e., perhaps redundant sequencer
does not implement all functions of the primary sequencer). Ground
commands which store information in the sequencer permit ground
control of the selected redundant portions in the sequencer. If the
sequencers are implemented with integrated circuits, power must
be provided to both of the redundant units. However, if cores are
used, power can be switched to the redundant portions of the sequencer
via ground commands, since cores normally retain their information
even when power is off.
Complete power converter redundancy is provided, and
self-testing circuits and/or command decoder discretes may be used
to switch power sources to the CS and C.
Z. 8. 3 Review of Reliability Analysis Assumptions
The following assumptions were made in the implementation of
the CS and C centralized and distributed memory systems:
a) The integrated circuits used in both configurations are
of the type shown in Table 4-25.
b) The storage cells and sequence timers within the
sequencer in the distributed system can be constructed
with either integrated circuits or cores. Both im-
plementations were studied to size the configurations
and to establish their reliability.
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c) In the redundant subsystem designs, Figures 4-51 and 4-5
4-52 power converter switching is only neccssary for
the sequencers in both systems. The input decoders,
command decoders, and clocks in both configurations
are connected to both converters simultaneously. The
additional load to one converter because of a failure
in the other is a small percentage of the total load and
can be compensated for by regulation.
d) The output discretes of both direct ground commands,
and delayed commands issued by either the sequencer
for the distributed memory system or the sequencer
through the command decoder for the centralized
memory system are capable of delivering 150 ma at
+28 volts.
e) The redundancy schemes for the two configurations
(developed in detail in Appendix B, Volume 4) consider
only block redundancy. Component redundancy within
a functional block has been ruled out as ineffective in
this application. In the case of the clock in the decen-
tralized system the redundancy may be limited to the
oscillators rather than the entire clock distribution
function. But in this event, the additional oscillators
can still be considered as a functional block redundancy
rather than component redundancy.
f) Power switching is indicated in the redundancy schemes
shown in Figures 4-51 and 4-52. This switching applies
only to the sequencers in the configuration. Core memory
elements such as those in the core shift registers in the
decentralized version and the core memory plane in the
centralized version retain their information content in
the event of a power failure. Should power be switched
to a sequencer that was not previously in use, no in-
formation prestored in it would have been altered dur-
ing the inoperative period. This is not the case for the
integrated circuit sequencer.
Z. 9 Summary and Conclusions
For the reasons described in the preceeding pages and summarized
below, the centralized memory sequencer is the selected approach. The
major difference between the centralized memory CS and C and the dis-
tributed (or decentralized) system, as the names indicate, lies in the
way in which the memory is mechanized. In the centralized approach
a single random-access core array is used, while in the decentralized
version the memory cells are isolated. Thus, a common clocking
system is used in the former case, whereas separate counters and
timers are used in the latter system.
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In the two systems, the command decoder subassemblies are very
much the same. Functionally they are identical, although the sequencer
in the distributed system issues its own discretes. In both cases the
full decoding compatibility is provided, but additional logic is required
in the centralized system to coordinate the two sources of command
inputs to the decoder.
The input decoders, like the command decoders, are basically
the same in the two systems, Both must test for sync, examine the
subassembly address, and route the commands and data to the
appropriate locations.
2.9. l Comparison of Physical Characteristics
Summary data on the physical characteristics of the two
systems are given in Figure 4-53 and in Table 4-31. In Figure 4-53
the weights of the CS and C mechanizations are shown as functions of
the number of bits of storage. At the lower bit levels the weight for
the centralized system is greater than that for the decentralized
scheme. This is reasonable in view of the fact that basically the same
logic and drive circuitry is used for the random-access memory for a
wide variation in the number of memory locations, while the weight is
reduced proportionately with the reduction in the special purpose
counters and timers in the decentralized system. At the higher bit
levels the reverse is true, for an increase in memory can be made at
a relatively small additional cost in drive circuitry on the centralized
memory system. To enable a realistic comparison of weight, the
CS and C power requirements for each configuration shown in Figure
4-53 have been converted to equivalent weight.
In Table 4-31 the characteristics of the over-_ configura-
tions with redundancy are summarized. Weight, power _olurne, and
reliability are considered for each system, including th_itwo forms
of the distributed memory system. The data indicates that the cen-
tralized memory CS and C has lower weight and volume and uses less
power than each of the other configurations. Comparison in r eliability
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Comparison of Weight versus Storage Capability
for the CS and C Subsystem Configuration
Table 4-31. Characteristics of Over-all
Configurations with Redundancy
CS and C Weight Power _',"Volume Memory Retention Through Additional Storage
Subsystem (Ib) Watts (in 3) Reliability Power Failure Capability
Decentralized
system with
integrated
circuit
sequencer
Decentralized
memory sys-
tem with
core sequen-
cer
Centralized
memory sys-
tem with
core
memory
.,;
33.8 65. 1 738 0. 98250 No No
45.8 30.9 1088 0. 97600 Yes No
24.6 17.4 580 0. 99343 Yes Yes
I
*Systems _e made up of two modules of each type. However, power is
applied tOonly one sequencer.
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is made in terms of the additional weight required over the baseline
or nonredundant system. The data shows that the centralized memory
CS and C has a higher reliability and lower added weight than either
of the other systems for the several redundancy options that were con-
sidered. For these reasons, the centralized memory system was
selected.
2.9. Z Consideration of Provision For Expanded Science Functions
Finally the effects of incorporating the supplementary
science requirements indicated in Table 4-8 are evaluated. In this
case, the CS and C is required to store camera settings and exposure
times and transmit data to the DAE at the proper times. Additional
memory is needed for control of the POP angles and for the camera
shutter actuation, filter selection, and magnification commands.
The numerical data and timing commands are stored in the
CS and C memory from ground using quantitative commands. The
data and commands have time tags associated with them and are
issued as serial data to the DAE command decoder and data register
one word at a time at the designated times. Hence, two CS and C
memory words are required for each DAE command or each DAE
command or data. The total storage requirement (see Table 4-17)
thus changes from 102 words to 170 words, as reflected in the special
purpose memory systems which characterize the two alternatives
being considered here. For the centralized system this requirement
means that a second plane of 128 core elements is needed, whereas
for the distributed system a comparable addition of shift registers
is needed.
The weight, size and power of the two systems are thus
increased as shown in Table 4-32 so the reasonableness of the function-
oriented centralized memory increases. Some of the cores in the
plane could also be left out, if necessary, thereby decreasing the
weight slightly, but due to the nature of the core plane construction
there is no real advantage in doing so. Nor is there a disadvantage in
retaining the extra cores.
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Table 4-32. Incremental Characteristics for
Supplementary Science Requirements
Incremented Properties
Weight
Volume
Power
Centralized Distributed Memory
Memory System System Core Re6isters
2 20.0
40 400
0.2 12.0
The advantages of using a general purpose centralized-memory
seem to increase for the augmented requirements because a 128-word
core plane remains sufficient to handle the memory requirements, as
Table 4-17 shows. However, this advantage is illusory in that the
memory word size has to be increased by 50 per cent to encode the
commands and data that have to be stored. Furthermore, by adding the
8-bit command identification tag to the memory word, the uplink command
message is increased correspondingly, so the addition is not desirable.
The function-oriented memory system is therefore still to be preferred.
Considering the ease with which the additional functions can be
provided by the centralized, function-oriented memory system, and in
view of the simplification in DAE implementation, the centralized
memory CS and C is still recommended if the augmented capability is
required.
4-154
3. ELECTRICAL POWER SUBSYSTEM
Four approaches to the design of the Voyager spacecraft power
subsystem have been evaluated and individual elements of the subsystem
have been studied to define preferences. In addition to the goals pres-
cribed by the power loads and environments of the mission, the evalua-
tion sought an optimized subsystem applicable particularly to the
preferred spacecraft configurations as determined in Volume 4. A
fifth approach, making use of a radioisotope thermoelectric generator
has been studied in some depth not, however, because it was conceived
as a candidate approach but because its evaluation permitted quantita-
tive data against which the solar-cell alternatives could be compared
and because it could emerge as a candidate subsystem for Voyager
should certain constraints, such as those on radiation levels, be changed.
The RTG approach is discusses in detail in Appendix H.
Mission criteria and power requirements for the Voyager power
subsystem are defined in Section 3. 1.
Section 3.2 describes the approach used in the subsystem design
analysis and compares the four candidate subsystem designs in terms
of reliability, power utilization, and compatibility with the spacecraft.
The recommended design is selected and discussed, and the estimated
reliability and performance of the selected design are presented.
Section 3.3 covers solar ceil selection, module configuration, and
electrical design of the solar array. Mechanical and thermal design
considerations of the solar array are given in Appendix G, as is a solar
cell tradeoff study.
Section 3.4 presents the results of studies on solar array controls,
and Section 3.5 analyzes the alternatives available in power conditioning.
Battery selection and design, as well as battery charge control
requirements, are given in Section 3.6. Implementation of the battery
controls is discussed in Section 3.7.
Factors relative to the mechanical and thermal design of the solar
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array substrate are discussed in Appendix G, with stress calculations
provided in Appendix C.
3. I Mission Criteria and Load Requirements
The study of the Voyager power supply was founded on the mission
criteria and power requirements established in the system studies _'lis-
cussed in Volume 4. The analysis was thus based on the following
nominal mission criteria:
• Illumination of solar array 90 minutes after launch.
• Spacecraft maneuver at 1 AU of 1 hour duration with
solar array not illuminated.
• Additional midcourse maneuver of Z hours duration.
• Retro maneuver at 1.4 AU of 2 hours duration.
• Orbital operation for 3 months before eclipse season
begins.
• Maximum eclipse of Z. 3 hours in 14.5-hour elliptical
orbit.
• Minimum 6 month orbital life at Mars.
• Approximately _5 minutes between command from earth
and verification of response at maximum range.
Estimated load power requirements as a function of mission phase
are listed in Table 4-33. On the basis of the Mariner Cpower system,
as well as those of many other spacecraft, it appears that the majority
of these loads require well regulated (Z to 4 per cent) DC or AC voltages
at a variety of voltage levels. The power levels shown include power
regulation, control, and conditioning losses. A power requirement for
reaction control gas heaters to improve the impulse characteristics of
the stabilization and control system is included in Table 4-33, but the
heaters are not essential to success of the mission and are utilized to
improve performance only when the power system capability exceeds
the essential load requirement by a suitable margin.
Estimated minimum, average and peak power requirements for
the spacecraft equipment are included in Table 4-33. For purposes of
this power system analysis, minimum and average values have been
assumed to be representative steady state limits. Estimated load peaks
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constitute low energy requirements supplied by the spacecraft batteries
in those cases where the instantaneous power demand exceeds the solar
array capability.
3. Z Subsystem Design Analysis
3. Z. I Approach
Any photovoltaic power system with provisions for energy storage
can be represented by the functional block diagram of Figure 4-54.
The major system elements are the solar array and its controls, the
battery and its controls and the power conditioning equipment which
provides the output power characteristics required by the loads from
the basic DC output of the system. The governing criteria in evaluation
of the various approaches to each of these functions are to maximize
reliability and to make maximum utilization of available power when the
load demand approaches the power source capability. The approach
taken toward maximizing reliability has centered on minimizing the
complexity of the units which make up the subsystem. In addition to
maximizing unit efficiency, alternative system configurations have been
evaluated with respect to minimizing the number of series power hand-
ling units between the solar array and loads.
T
ARRAY CONTROL
CONTROL
1
I ! :
PRIMARY DC BUS
' i
POWER J
CONDITIONING
EQUIPMENT
LOADS
Figure 4-54. Power System Block Diagram
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The selected design point for the system is at I. 67 AU after 6
months in orbit and conservatively assumes a coincident maximum-
duration eclipse orbit, although as discussed in Volume 4, the actual
eclipse duration is expected to be approximately 65 per cent of maximum,
or I. 5 hours at this point. Although the solar array design is based on
providing at least a 5 per cent margin at the end-of-life under v_rst
case conditions, the uncertainties in predicting solar array degradation
make it clear that the subsystem will need to be designed to make
maximum use of all available solar array power to support the loads at
Mars. Thus, all systems considered are based on supplying load power
preferentially over battery charging. Finally, because of the elapsed
time from command to verification, automatic operation of the power
system to include fault isolation and redundant unit energization are
essential design requirements. Command over-ride capability for these
automatic functions is considered desirable although not essential
to achieving a suitably high reliability in the system design.
The study of candidate power system concepts for the Voyager
mission has consisted of the following major tasks:
a) Define system requirements to include best estimates
of magnitudes and characteristics of loads.
b) Evaluate power conditioning approaches on the basis of
reliability, efficiency, and flexibility with respect to
probable changes in load requirements.
c) Select battery and configure system controls compatible
with power conditioning equipment, battery and solar
array characteristics, and spacecraft thermal control.
d) Assess system reliability and determine weight penalties
associated with adding redundancy to improve reliability.
e) Determine redundancy control logic requirements and
concepts for implementation.
f) Re-evaluate system reliability in light of redundant units
and associated switching control logic.
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3.2.2 Candidate Systems
On the basis of the analyses of the power conditioning equipment,
solar array, battery; and controls, discussed in Sections 3.3 through
3.7 four baseline system configurations, were established as shown
in Figure 4-55. In each case, a regulated 50 VDC output is assumed
based on the power conditioning analysis (Section 3.5).
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Figure 4-55. Candidate Power Subsystem
Block Diagram
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Concept A is similar to the Mariner C power system in that it
employs a common solar array and battery discharge bus with a series
boost regulator to provide regulated 50-VDC output. Shunt voltage
regulation is used to limit maximum bus voltage to 51 volts to account
for a 1-volt minimum drop across the boost regulator. A simple
dissipative series regulator is used to limit battery charging current
and terminate charge when maximum voltage is reached in any ceil.
The battery boost regulator serves to force the solar array to a higher
operating voltage in the event that a low battery voltage causes the load
current to exceed the array current capability (see Figure 4-56).
Since the boost regulator constitutes a constant power load, at lower
battery voltages during discharge the load current may reach a level
such as ID. If the solar array maximum capability upon re-entry into
sunlight is as shown, it can be seen that the battery will continue to
discharge to share the load current with the array at low battery voltage.
Boosting of the battery output is then employed to reverse bias the
battery discharge diode and cause the solar array to operate at a higher
voltage where it can support the load as well as recharge the battery.
BATTERY DISCHARGE VOLTAGE
CURRENT I _ l CURRENT
,
BATTERY CHARGE VOLTAGE-"_J
BOOST REGULATOR/
CONSTANT POWER--
INPUT
SOLAR ARRAY
CHARACTERISTIC
VOLIAGE
Figure 4-56.
Comparison of Solar Array Capa-
bility with Constant Power Load
as Function of Operating Voltage
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The battery booster is required only to cause this shift in array operat-
ing point and is then disconnected. Designing the solar array to provide
sufficient current capability at low voltage to obviate the need for this
supplemental battery booster would result in excessively oversizing the
array in terms of its maximum power capability at normal voltage.
To provide for maximum power utilization at end of life, the
solar array is designed for maximum power output at 51 volts at 1.67
AU. In this case, the boost regulator losses are reduced to that of a
single series diode and minimal drive losses and the shunt element
dissipation is essentially zero.
Concept B takes advantage of the fact that adequate solar array
voltage exists throughout the mission and utilizes a series bucking
regulator to provide the regulated 50-VDC bus. This eliminates the
need for both boost and shunt regulation of the solar array. A high
voltage battery (51 series cells) is used to assure that the bus voltage
is maintained during discharge, eliminating the need for boosting the
battery output. To charge the battery, however, a boost charge
regulator is required. The discharge switch can utilize either an
SCR or transistor to assure rapid response to load transients.
At end of life conditions, the solar array operates at 52 volts,
which represents its 1.67 AU maximum power point and the series
regulator losses consist of the saturated series transistors and maximum
drive power. The 70 VDC, upper limit of solar array voltage represents
an estimated operating point produced by the series regulator at
minimum load and maximum array voltage capability. The relationship
of solar array operating point to load voltage and current with a series
regulator is illustrated in Figure 4-57 for a typical case.
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Figure 4- 57.
Comparison of Solar Array Opera-
ting Point and Load Current and
Voltage Using Series (Buck) Regu-
lator
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Concept C again utilizes a series bucking regulator but replaces
the high voltage battery with a 30-cell battery and discharge boost
regulator. The series solar array regulator and battery boost regulators
supply the common output bus in a parallel configuration. Battery
charge control utilizes a simple dissipative current regulator as in the
case of Concept A.
At end of life conditions, the solar array design point and series
regulator losses are the same as Concept B.
Concept D controls the 50-volt bus in sunlight by shunt regulation
of the array. The dissipative charge regulator is again used to
limit battery current. A boost regulator provides compatibility
between the reduced battery voltage on discharge and the
regulated DC bus. At end of life conditions, the solar array supplies
the load at 50 volts without series or shunt regulator losses.
a. Reliability
In comparing the complexity of the four candidate systems,
each is seen to include a boost regulator and either a series or shunt
bucking regulator.
Comparison of the sequential partial shunt regulator of
Concepts A and D with the series bucking regulators of Concepts B and
C, shows a higher reliability for the former because of its inherent
redundancy. For the recommended case, the shunt elements are
divided into 12 sections to achieve compatibility with the 6-panel
solar array design. A shorted failure in one shunt section will have
no effect until such time as all 12 sections are required to support the
load (near end of life). This results in an 8.3 per cent reduction in
end of life capability. An open circuit failure in any section will have
no effect because under worst conditions of maximum array capability
and minimum load, at least two sections will be normally open
circuited. As the array output decreases, additional shunt sections
will be open circuited. The series regulator, on the other hand, provides
no inherent redundancy and either a short or open failure in the power
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switching transistor will produce a system failure. No significant
differences in complexity of the control loop circuitry for series
(buck)_boosting or shunt regulators are apparent. In each case,
redundant techniques are considered necessary to achieve adequate
system reliability.
The remaining major control element in Configurations A,
C, and D is the dissipative constant current charge regulator. In
Configuration B, a switching element is required for battery discharge.
These battery controls are of comparable complexity. Concept A has
an added control requirement consisting of the battery booster to remove
the system from an undesirable load sharing mode following solar
eclipses or maneuvers. The high voltage battery required for Concept B
results in a large number of series cells (50) which represents a
reliability penalty in comparison to concepts A, C and D, which use 30
cell batteries.
In comparing the four approaches, the selected approach,
Concept D offers significant reliability advantages based on over-all
complexity, shunt reliability, and the number of series battery cells.
b. Power Utilization
Using a boost regulator in the solar array output in Concept A
permits operation at lower solar array voltages near earth with a
resultant large excess power capability. For Concepts B, C, and D,
the maximum solar array output is limited to the current capability at
minimum operating voltage at all tirne_ ..................Lltll-lIlg LII_ Illl_muii, VV.I.I..LI.a
series regulator, this corresponds to 51 volts based on an assumed
minimum l-volt drop across the saturated regulator and a 50-volt output
bus. For the shunt regulated case (D), maximum array current is
available at 50 volts with no shunt dissipation. At end of life conditions,
the solar array for Concept A operates in the shunt regulated mode as in
case D, but must provide rated load carrent capabilLty at 5i volts to
account for an assumed l-volt drop through the boost regulator.
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The minimum solar cell current-voltage characteristics
(Figure 4-58) show that the maximum current and voltage compatible
with both the 1 and I. 67 AU curves is represented by their point of
intersection. Operation at the voltage corresponding to this intercept
will result in equal maximum current capability at both 1 and I. 67 AU.
As shown, this operating point is within about 2 per cent of the maximum
power capability (Pmax) at i. 67 AU. The minimum load current require-
ment at 1 AU, however, is 8.5 amperes as opposed to 8 amperes at
end of life (including battery charging). It is necessary, therefore, to
select a lower operating cell voltage to increase available array
current at I AU. Because of the steep slope of the I-V curve in this
region, a decrease of only 4 millivolts/cellproduces a more than ad-
equate 20 per cent increase in cell current. The solar array design is
based, therefore, on a cell voltage of 0.44 volt and cell current of 25
milliamperes at the I. 67 AU, end of life point for Concepts B, C, and
D. Concept A can be optimized for the maximum power point at end
of life, which corresponds to a cell voltage and current of 0.461 volt
and 24.5 ma, respectively. The corresponding loss in power capa-
6O
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This advantage for Concept A is offset by the series loss in
the boost regulator at end-of-life. Assuming a 1-volt drop at 8 amperes,
the power loss is 2. per cent of the 400-watt total load requirement. By-
passing the boost regulator with a relay to eliminate this loss is not
desirable in view of the added control complexity and resultant slow
response to load transients.
Concepts B and C are seriously penalized at end of life by
the drive power required to saturate the series regulators. Total series
regulator losses in the saturated mode are estimated at 10 per cent of
the load power.
Comparing the four concepts, approaches A and D offer
distinct advantages over B and C in terms of maximum power utilization
and resultant array size. The number of solar cells required for
Concept A is 38,988 and 38,976 for Concept D. The 10 per cent increase
required for Concepts B and C, based on equivalent power margins at
end of life, represents a disadvantage in terms of array weight, although
the four configurations are comparable in weight from the point of view
of the total subsystem.
c. Compatibility with Spacecraft
Four basic compatibility requirements exist between each
component of the power system and the spacecraft. These are the
electrical, mechanical, thermal, and magnetic interfaces.
Electrical. The output power characteristics of the four
candidate systems are similar; however, concepts A, B, and C permit
energizing selected loads fr°m an unregulated DC bus in addition to the
regulated DC and AC outputs common to all concepts. This capability
permits reducing the electrical rating of the series buck or boost re-
gulators required for these three approaches. Electrical characteristics
of the regulated power outputs in each case are similar with response to
load changes limited by the series regulator of each. Although Concept
D provides improved response characteristics in sunlight because of
the shunt regulator, the response during battery discharge is limited
by the battery boost regulator. Electromagnetic compatibility will
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require similar design implementation of filtering and shielding
techniques for the switching regulators and inverters of each system.
Mechanical. Weight estimates of the four candidate systems
indicate no significant weight advantage for any one. The major trade-
off with respect to mechanical interface considerations among the four
candidate systems is that of solar array area. As just discussed the
series regulator losses of Concept B and C require an approximate 10
percent increase in array area over that of Concepts A and D. This
requires adding solar cells to the bottom surface of the bus. Since
radiative cooling from the back surface of this area is not possible, a
large number of series ceils is required to compensate for a higher
operating temperature. This, in turn, results in a requirement for
adding more than 10 per cent of the array area to produce the necessary
10 per cent increase in power.
Thermal. Criteria for evaluating the candidate systems with
respect to their thermal interface with the spacecraft include considerat-
ions of both the total dissipation as a function of range from the sun and
the dissipation of each component. In general, minimal heat dissipation
at 1 AU is desired and increased dissipation during eclipse in orbit will
reduce thermal control penalties associated with maintaining component
temperatures above their minimum values. Large component heat
dissipation rates penalize the equipment installation and mechanical
design with respect to mounting area and heat sink requirements.
In concepts A and D, maximum steady-state shunt dissipation
is estimated at 80 and I00 watts, respectively, at I AU. This requires
additional thermal control louver area to limit maximum equipment
temperatures. The maximum shunt dissipation as a function of load
reduces with increasing range to a negligible level at I. 67 AU. The
increased louver area results in increased heat losses during eclipse
but this disadvantage is more than offset by the thermal dissipation of
the battery and boost regulator during eclipse. For Concept A this
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represents an estimated average dissipation of 105 watts in eclipse.
For case D, since the boost regulator handles the total load, an average
140-watt dissipation is present in eclipse.
By comparison, Concepts B and C will significantly reduce
power system dissipation at 1 AU because the pulse width modulated
series regulators cause the solar array to operate at an inefficient power
point when an excess capability exists. Thus the amount of solar energy
converted to electrical energy is controlled to match the demand, and
losses within the spacecraft are minimized. As before, the battery
dissipation during eclipse aids in maintaining equipment temperature
limits. The boost regulator losses of Concept C are comparable to those
of Concept A. Series regulator losses of Concept B are slightly less
because of the higher efficiency of the series regulator.
Based on these considerations, Concepts B and C appear to
offer the better themal characteristics both a 1 AU and in orbit at Mars.
The penalties associated with higher shunt regulator dissipation at l
AU for Concepts A and D, however, represent as estimated increased
thermal controI weight of less than Z pounds.
Magnetic Fields. The four concepts appear to be comparable
in terms of their magnetic compatibility with the spacecraft. The use
of silver-cadmium batteries, relatively high DC voltages, twisted pair
wiring and solar panel back wiring techniques together with minimal
use of magnetic materials is applicable in each case.
3. Z. 3 Recommended Power Subsystem
In the balance, then, it can be seen that Concept D offers significant
reliability advantages over the others, based on over-all complexity,
shunt reliability, and the number of battery cells in series. Moreover,
Concepts A and D offer advantages over B and C in terms of maximum
power utilization and minimum solar array size, and Concept D offers
improved response characteristics to load changes in sunlight because
of the shunt regulator. Although Concepts B and C offer slightly
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better thermal characteristics than A and D, the weight penalty in the
additional thermal control louvers required by Concepts A and D amounts
to less than 2 pounds. Thus Concept D has been selected as the recom-
mended power system for the Voyager spacecraft.
a. Subsystem Description
A block diagram of the recommended power system for the
Voyager mission is shown in Figure 4-59. The system consists of five
major functional elements: solar array, solar array shunt voltage
limiter, secondary battery, battery regulator and power conditioning
inverters. Detailed tradeoffs in each of these areas, discussed in
subsequent section, have led to the following decisions. The solar
array consists of solar cells installed on six identical panels each
containing two parallel connected sections. Each section consists of
116 series and Z8 parallel connected 2 x 2 cm 10 ohm-cm silicon solar
cells provided with 6-rail fused silica cover slides, making a total
of 38,976 solar cells for the array. Suitable tap points are provided to
pe rmit partial shunt regulation of the array.
The solar array output is limited to 50 VDC + I per cent by
shunt regulation of a portion of each series string of solar cell modules.
Power dissipation in the shunt elements assembly is minimized by a
unique sequential shunt configuration. The shunt elements are controlled
from bus voltage sensing and error signal amplifier circuitry located in
the power control unit (PCU).
The battery is charged from the 50-volt bus through a simple
dissipative current regulator. Charging is terminated by a control
signal from individual temperature-compensated cell voltage sensors
mounted on the battery cells. When the highest cell voltage decreases
below a present level, constant current charging is again initiated. If
the solar array does not have sufficient capability to charge the batteries,
the PCU voltage sensing and error amplifier circuitry supplies an over-
riding control signal to de-energize the charge regulator.
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When the solar array is incapable of supporting the system
load, the battery discharges through a boost regulator to maintain the
regulated 50-volt bus. A convential switching type boost regulator is
used, controlled by the PCU voltage sensor and error amplifier circuitry.
The two 30-cell, 25-ampere-hour silver-cadmium batteries,
each with a charge-discharge regulator, are operated in parallel under
normal conditions. In the event of a battery or regulator malfunction,
the associated battery and regulator are disconnected by the power
switching and logic circuitry in the PCU. Single battery operation is
capable of supporting essential spacecraft loads through eclipse and
maneuver phases.
The two main outputs from the system are the regulated 50 VDC
bus and a 50 VAC ± 2per cent, 4. l-kc, single phase, square wave bus.
A simple unregulated inverter is used to supply this AC
output. Sequential inverter redundancy is provided by sensing AC bus
undervoltage and switching to a standby inverter in the event of inverter
failure. This sensing and switching function is performed by the PCU
power switching and logic circuitry. The majority of the loads are
energized through transformer rectifier (TR) units from the AC bus.
These TR units are considered part of the load equipment and may also
include supplementary output regulators where required. Additional
410-cps single phase and 8Z0-cps two-phase inverters are provied to
supply AC power to the antenna and POP drive motors and to the control
gyros, respectively. Sequentially redundant units are provided in the
same manner as in the case of the 4. l-kc inverter.
The Z0-watt communications transmitters include regulated
DC-DC converters to supply the several closely regulated (± I/Z per cent)
DC voltages required by the tubes. As a result, these loads are shown
to be energized directly from the 50 VDC bus. The use of TR units
supplied from the 4. l-kc bus to energize the TWT's is less advantageous
in this instance because of the difficulty in providing close regulation of
the high level DC voltages required by the tubes.
High current, short duration requirements for propulsion are
supplied directly from the battery bus.
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A power synchronizing subassembly is provided in the PCU
which accepts a sync signal from the CS and C at 4. 096 kc and generates
suitable sync signals for the boost regulators, inverters, and TWT convert-
ers. In the event of loss of input sync, the PCU circuitry will operate
from its own oscillator to maintain synchronization of the power equipment.
The current and voltage monitors in the PCU provide conditioned analog
signals to the spacecraft telemetry system for monitoring power system
performance throughout the mission.
b. Reliability and Performance
The selected power system employs redundant circuits and
majority voting logic within the PCU control circuits to maximize
their reliability. Because of their sequential operation the SEA shunt
elements provide inherent redundancy in terms of open circuit failures.
Series redundancy of components is employed to protect against shorted
failure modes. The remainder of the system provides unit redundancy
with automatic switching provisions. In addition, command capability
is provided to over-ride each of these switching functions as an addition-
al backup during in-flight operations. A reliability block diagram for
the system with unit and system reliability assessments is shown in
Figure 4-60.
SHUNT _! POWER
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Figure 4-60.
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Figure 4-61 illustrates solar array current margins during
the various mission phases. Calculated minimum solar array currents
at 51 volts (50 volts at bus) are shown for several solar distances from
1 to 1.67 AU. Estimated average current demands for representative
mission phases are also plotted, including periods of battery discharge.
The basic current requirements include estimated system losses in
power conditioning, regulation and control equipment. In addition to
the basic demand, increased current requirements for the reaction
control system gas heaters (non-essentiaI load) are shown. As shown,
a minimum current margin of 5 per cent is available at 1.67 AU with
aI1 essential loads connected.
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Figure 4-61.
Solar Array
Load and Solar Array Current
During Voyager Mission
3.3. 1 Solar Cell Selection
In establishing the most suitable type of solar cell to be used for
the Voyager solar array, the following factors were considered:
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• Cell material and type
• Base resistivity versus radiation flux
• Cover glass thickness and material
• Cell area
• Contact type and mate rial
• Cell efficiency
• Glass-to-cell adhesives
From the analysis, the basic solar cell selected is characterized
as follows :
n-on-p silicon solar ceil
• 10 ohm-cm nominal base resistivity cell
• Z x Z cm area
• 6-mil fused silica cover glass
• Sintered silver titanium contacts on opposite sides of
ware r
• Modularized efficiency of 9.5 per cent at 27°C, air mass
zero
• 0. 440 volt at maximum power, covered, air mass zero
illumination
• Sylgard 18Z glass-to-ceil adhesive
A variety of photovoltaic devices is available for new space-
craft power systems. These devices include conventional silicon solar
cells (with variations), webbed dendrite cells, gallium arsenide solar
ceils, and thin films. For the Voyager power systems analysis and
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design, the conventional silicon solar cell has been selected on the basis
of its availability, proven performance on orbiting spacecraft, lower
present-day costs, and substantiated qualification testing covering a
variety of environments, including radiation and temperature. Although
other photovoltaic devices may prove superior to silicon in the future,
insufficient data is available today topermit a thorough power systems
analysis and resultant high degree of confidence in final systems perform-
ance.
With the silicon solar cell established as the basic solar module
building block, it is possible to consider still other alternatives available.
These variables include a I cell type: p-on-n or n-on-p, b) base resistivity,
c) cell area, d) configuration, and el efficiency.
a. Cell Type
The radiation environment anticipated in the Voyager mission
dictates the selection of a cell type which is resistant to radiation
damage. The superiority ofn-on-p cells over p-on-n ceils in resistance
to radiation has been thoroughly documented.
In addition, an industry-wide survey indicates that n-on-p
cells have been qualified to lower temperature levels in thermal cycling
test programs. The choice of n-on-p cells is also desirable because they
are readily available in large quantities as compared to p-on-n.
b. Base Resistivity
In Appendix G a tradeoff analysis is presented which sub-
stantiates selection of the I0 ohm-centimeter cell over the 1 ohm-cm
cell. The analysis was confined to these nominal base resistivity
values because of the large amount of data and experience available
today. Although ceils of other nominal base resistivities have been
fabricated, including the high base resistivity aluminum doped ceils,
insufficient data exists to support their use at this time.
*See, for example, "Handbook of Space Radiation Effects on Solar
Cell Power Sys terns, " NASA-SP-B00B.
4-176
c. Cover Glass Thickness and Material
In considering the degradation because of particle radiation
and micrometeorites, analyses were performed for 6, 18, 36, and 54
mil cover glasses to determine the effects on array weight for a specific
value of end of life power. It was determined that a 6-mil cover glass
using Corning fused silica 7940 provides a minimum array weight. The
detailed analysis appears in Appendix G.
Although thinner glass is available, limited experience in
fabricating and handling shields thinner than 6-mils argues against
their use in that cost and development problems may result.
The material selected for the cover glass was determined by
the requirement to minimize radiation damage. Further analysis is
required to determine whether the higher thermal coefficient of fused
silica compared with microsheet glass can be tolerated in eclipse
conditions.
d. Area
In general, the cost per watt (or per unit area) of silicon
solar cells decreases as the cell area increases. For example, Z x Z
cm cells are approximately Z5 per cent lower in cost than two 1 x Z
solar cells. An additional similar cost reduction is anticipated for
the recently introduced 3 x 3 cm cells. The basic cell selected for
Voyager is, however, the Z x Z cm based upon its cost advantage over
Ix Z cm cells and the lack of experience, performance data_ and
technical design information for the larger cells. The Z x Z cm cells
have been successfully used on the Nimbus A meteorological satellite
launched in 1964 and have been adopted for several other space programs.
e. Contact Type and Material
Within the category of configuration, several alternatives are
also available. For example, the conventional silicon cell is made with
positive and negative contacts on opposite sides of the silicon wafer.
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Recently, most of the cell manufacturers have produced limited
quantities of wrap-around ceils which have both contacts on the non-
illuminated side of the cell. The obvious advantage is that virtually 100
per cent of the front face of the cell is available as active area for power
conversion. RCA has, under contract to NASA, fabricated limited
quantities of these cells, assembled them into modules, and performed
thermal cycling tests with excellent results. However, the quantity
of practical design and performance data available for wrap-around cells
is limited, particularly performance data during low temperature cycling
after several hundred cycles. Thus the basis of the Voyager power
study is the conventional cell, with approximately 95 per cent active
area for power conversion.
N-on-p ceils have been fabricated with and without solder
coatings on the contacts. The solder, however, is not required for re-
duction of ceil resistance as was the case with contacting methods which
cannot take advantage of the high conductivity of silver. The use of
sintered silver permits a reduction of cell weight by approximately 20 to
25 per cent because it permits the elimination of solder. Another,
more significant advantage of the solderless cells is that degradation by
thermal cycling is greater (for identical test units and conditions) for
cells with solder, as substantiated by RCA-AED in the Nimbus solar
module development program (see Section 3.3.2).
f. Efficiency
The basic n-on-p cell is made in large quantities with air mass
zero efficiencies of l0 to II per cent at 27°C. Modules fabricated from
these cells can be made in large quantities with air mass zero efficiency
of 9.5 per cent at 27°C with high production yields and a corresponding
minimum cost. The analyses presented here are for a modularized cell
with a 9. 5 per cent efficiency, i.e. , the cell includes all losses because
of cover, tabbing, and soldering.
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g. Glass-to-Cell Adhesives
Adhesives for bonding cover glass to solar ceils are predomi-
nately organic, high-polymeric materials. The basic polymer resins are
modified by the control of the molecular weight, degree of cross-linking,
and the incorporation of additives to improve specific properties.
Changes in the chemical balance of the adhesive may lead to drastic
changes in the physical properties. In the case of optical adhesives,
changes in the refractive index or spectral transmission can considerably
affect the solar cell output.
The principal adhesives of interest for space use are epoxides
and silicones because of their superior ability to withstand ionizing
radiation for long periods of time without structural changes in their
optical transmission properties.
Bonded joints present very small adhesive surface area to the
vacuum environment. Typical adhesive thickness is 1 rail ± 0. 5 rail.
Selected adhesives have low permeability to gases, low molecular weight
fragments, and additives. Outgassing of these volatile materials from
the adhesive will be controlled by the diffusion of gases through the
polymer matrix to the bond line. The use of a stable adhesive system on
the protective cover glasses makes this section of the solar ceil module
free from vacuum effects.
Photochemical decomposition results in changes in optical
properties such as adhesive darkening and increased solar absorptivity.
A consequence of this darkening is a general increase in the solar ceil
operating tempe rature (lowering the electrical output) due to a reduction
in light transmission. By selecting an adhesive which has minimal
absorption of ultraviolet photons, and distributing this energy along the
polymer chain, the ultraviolet degradation of optical properties can be
minimized. Silicones have this property of minimal absorption and
energy distribution, and are thus recommended for the Voyager
application. Numerical evaluation of the solar cell degrading factor
due to UV is given in Section 3.3.3.
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Sylgard 182 and RTV-60Z are considered as candidate silicone
cover glass adhesives for Voyager because of their transparency and
resistance to ultraviolet radiation. Of the two adhesives, Sylgard 182.
is recommended because of the greater amount of successful experience
with this material on space programs at RCA and in other space programs.
For example at RCA comparative performance data is available on the
following variables on the transmission characteristics of the adhesive
when exposed to ultraviolet radiation.
1) Degradation between different resin systems
Z) Degradation within a resin system among batches of
resin
3) Degradation within a resin system among batches of
catalyst
4) Degradation within a resin system when ratio of
resin to catalyst is varied
5) Degradation within a resin system when film thickness
of adhesive is varied
Since the expected working temperatures of the solar cell
modules will be within the approximate range of from 65 ° to -35°F from
launch to time of first eclipse, no degradation of the transmissive pro-
perties of the Sylgard 18Z adhesive is anticipated from thermal effects.
Temperature cycling within the approximate range of ± lZ0°F should
have no effect on the chemistry of the adhesive as demonstrated by tests
at RCA and; hence no changes in the transmissive properties should occur
for the adhesive with its associated filter glass.
3.3.2. Module Configuration
In determining the optimum module configuration, primary emphasis
has been given to achieving the highest possible reliability through the
use of proven techniques and materials. The approach adopted was to
select module configuration having an extensive background of successful
test and qualification data.
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The
istics :
module configurations selected have the following charcter-
Submodule consisting of a pair of 2.x Z cm n-on-p cells
Ten-cell flat module consisting of five two-cell pairs,
(Figures 4-62 and 4-63, modules weighing 4.58 grams).
Eight-ceU flat module consisting of four two-ceU pairs,
otherwise identical to the 10-cell module; the 8-cell
module weighs 3.67 grams.
Molybdenum tabbing, chosen for its mechanical and
electrical characteristics
N CONTACT STRIP
SOLAR CELL
FILTER
/P STRIP
SOLAR CELL
Figure 4-62. 10-Cell Module Assembly
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N CONTACT STRIP
(0.006 SILVER PLATED MOLYBDENUM)
SOLAR CELL
OPTICAL FILTER
(0.006 CORNING NO. 7940
FUSED SILICA)
SOLAR CELL
II
II
P STRIP (0.002 SILVER
PLATED MOLYBDENUM)
SILVER TITANIUM
N CONTACT
Figure 4-63. 10-Cell Module Assembly Exploded View
4
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a. Possible Configurations
More successful test results have accrued to date for flat
modules than for shingles and these results have been for wider temperatuxe
extremes and for more thermal cycles than for shingles. Experience has
established that temperature extremes and thermal cycling are two of the
most difficult factors that a solar array design must overcome in achieving
high reliability.
The cell-to-cell solder joints necessitated by shingling cannot
be visually inspected adequately since the joint is hidden by the cells.
With modules however, cells are fastened together so that the connectors
can be readily inspected for proper solder filleting, (see Figure 4-62).
In addition, an analysis of one and two failures on one circuit
of an array shows a further advantage of a module over a shingle. For
instance, a string of 10 paralleled cell modules is electrically equivalent
to a circuit of 10 series strings of shingles since the shingle approach
implies series ceil-to-ceil connections. Should a cell joint open on
either a module or a shingle, 10 per cent of the power of that series
circuit of the array is lost. However, if a second ceil joint opened on
the same circuit of the array, the chances of losing another 10 per cent
of that circuit are much greater for a shingled array than for a module
type of array, because a celI joint failure on any shingle string is
catastrophic to that string and there is a high probability that a second
cell joint failure will be another string. In the module string, however,
the second cell joint failure must be in the same lO-cell module before
another I0 per cent is lost. If any other cell joint in any lO-cell module
of the circuit opens, no additional ill effects will be observed on the
output of that string. In fact, many cell joints can open without the loss
of power so long as no two cells open in one module. The chances of
this second loss on a shingle array could be reduced by interstring
paralle.l wiring but this could best only approach the redundancy of the
module string and would require many more solder joints, extra wire
and weight, and would reduce the packing efficiency of the shingle array.
Therefore, with a higher confidence level of reliability and the fact that
cell joint failures would be less significant, modules were chosen over
shingles.
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System requirements for a sun-oriented solar celt array to
deliver the required raw power at end of life call for a total of 336
2 x 2 cm ceils connected in parallel and 116 ceils connected in series
(see Section 3.3.3 for details). The selected configuration involves a
solar cell array composed of six panels. Eachpanel, therefore, should
have the equivalent of 56 single-cell series strings in parallel.
The module configurations selected are the 8 and the 10-cell
module. The reasons for this are:
l) A combination of 8 and 10-cell modules permits a layout
of the equivalent of 56 single-cell strings per panel
(four 10-cell module strings, and two 8-cell module
strings).
z) Based on several cell layout studies, there is no significant
increase in the packing factor (ratio of active solar cell
area to total area) by using modules of less than 8 or 10
ceils (6 or 4).
3) There are economic advantages because there are fewer
modules (basic elements) in an array using for instance,
10-cell modules as compared to an array using a smaller
size module. Moreover, fewer module tests are needed
and there are fewer elements to handle on the array level.
4) There are fewer n-p solder connections to be made using
larger series connected modules.
5) Modules of more than 10-ceils were not chosen because,
packing density generally is decreased when larger
modules are used and tooling, test fixtures, and illumi-
nators for 10-ceil and smaller modules are more readily
available.
b. ..Specific Design for Voyager
Solar Ceil. The electrical characteristics of the solar ceil
selected for the module are described in detail in Section 3.3.1. The
cell is 2.cm x 2 cm in size and nominally IZ mils thick. Its basic
material is silicon upon which titanium silver negative and positive
contacts and grid lines are sintered.
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The negative contact is on the top surface of the cell and is
a strip of 0. 035 inch nominal width running the length of the cell on one
edge. The positive contact is the bottom surface of the ceil, this entire
surface with the exception of the small band around the edges is kept open
to allow for a secure separation of the positive and negative contacts at
the edges.
Tab Material and Design. The tab material chosen for this
module design is molybdenum. Molybdenum was chosen because its
thermal coefficient expansion closely matches that of the silicon ceil
and because of its low electrical resistivity. A comparison of these
properties for various tab materials is given in Table 4-34. It is
possible to attain a closer match of the coefficients of expansion by
utilizing materials such as the low expansion nickel alloys, but their
resistivities are extremely high and they are highly magnetic.
Experience gained from thermal vacuum cycling indicates
that the permissible margin of error, with regard to quantity of solder,
when using high expansion alloys such as copper and silver, is less than
when using molybdenum. A high expansion alloy, such as solder, sand-
wiched between materials with matched coefficients of thermal expansion
(molybdenum and silicon) would develop a lower stress in the silicon
than would be developed for materials with mismatched coefficients.
Table 4-34
Comparison of the Properties of Various Tab Materials
Mate rials
Silicon
Molybdenum
Copper
Low Expansion
Nickel Alloys
Kovar
Silver
Gold
Coefficient of Thermal Electrical Resistivity
Expansion 10 -_ in/in/OC (Microhn-CM)
4.2 5.1 _
5.8 2.0
15.6 81
2.5-9.0 49
4.5 1.6
19.6 z.4
14.2
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The negative tab (n-tab) is 0. 006 inch thick and 0.10 inch
wide. It bridges the two negative contacts, as shown in Figure 4-63
and makes contact with approximately 60 per cent of the cell contact
area. The molybdenum is plated with silver to improve its solder-
ability. Wetting holes are provided in the areas where contact is made
to allow inspection of the solder joint.
The positive tab (p-tab) is .002 inch thick and shaped as shown
in Figure 4-63. Expansion fingers are provided to reduce the trans-
mission of stress to the cells due to the slight variation in coefficients
of linear expansion between the materials. The tab is formed upward,
as shown, to overlap the next negative tab to make the series connection.
The width of the tab at the series connection point is smaller than the
negative tab to allow for any misalignment between modules and to aid
in inspection of the solder joint.
The n-tab is intentionally made wider than the n-contact of
the ceil. By butting the filter platelet against the n-tab, no ceil surface
remains exposed during assembly, providing protection against low
energy proton bombardment and avoiding shu,_t paths which otherwise
might result from micrometeorites.
The mechanical assembly sequence from a single cell to a
module is as follows:
• Electrically matched cell pairs are soldered to an n-
tab at the n-contact in a fixture using a temperature
controlled hot plate and a closely controlled time
cycle.
• Cover glass is bonded to each cell and then oven cured.
• Four (or five) two-ceil pairs are placed in a fixture with
a p-tab, and each cell in turn is soldered to the p-tab
using a mechanically held soldering iron.
Solder. The solder chosen for connecting p-and-n-tabs to the
solar cells has the following composition: tin, 62 per cent, lead, 36
per cent, and silver, 2 per cent. The purpose of the silver is to reduce
migration of the silver from the sintered silver-titanium contacts on the
solar ceils during the ceil contact soldering operation.
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c. Development Status and Test Data
The two-cell 2 x 2 cm submodule proposed for Voyager is the
basic 2-cell submodule that was used as a building block for the I0 and
6-cell modules used on Nimbus and includes the improvements made to
it for the 8 and 6-ceU modules for the Lunar Orbiter. The most signi-
ficant changes from the Lunar Orbiter 2-cell submodules to the proposed
Voyager submodule is that the cover pIatelets have been changed from
6-mil microsheet to 6-rail quartz and the nominal base resistivity of the
cell as been changed from 1 ohm-cm to 10 ohm-cm. Both of these
changes have been made to increase the radiation resistance of the
module. In addition, the plating on the Voyager n-and p-tabs will be
silver instead of nickel used on Lunar Orbiter, to comply with magnetic
cleanliness requirements.
When thermal caluculations for the Nimbus solar panels pre-
dicted a thermal variation of 55 to -80°C during eaqh orbit a program
was initiated to develop an array assembly that could withstand repeti-
tious cycling from 65 to -90°C, a temperature range that was considered
extreme in 1961. Many module designs were constructed and tested,
with combinations of materials and techniques as follows:
1) Ceils. Plated contacts and sintered contacts, 1 x 2 and
2xgcm.
Z) Connector Strips. Various materials such as copper, kovar,
silver, molybdenum, and beryllium copper; various tempers,
thickness, and configurations such as continuous and short
sections joined, expanded and flattened, perforated, slip,
dirp__p!ed and bridged.
3) Solder. Various types of solders, temperature range,
fluxes, heating times, solder iron tips, and preforms
the use of both hand and automated soldering techniques;
both localized spot and continuous solder joints.
A total of 22 qualification test boards (Q-boards) were assembled
and tested to develop the best design and process.
The outstanding configuration was shown to be a module using
2 x 2 cm cells connected in flat, parallel modules with connecting tabs
of expandable copper, the modules being assembled from two-cell
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submodules. Additional tests were then _)erformed on 96 samples of this
configuration and were successfully cycled through i000 thermal oscillations.
The Lunar Orbiter solar panels are expected to cycle between
the temperatures of If0 and -I14°C at the rate of once every 3.5 hours;
it was decided to qualify the panels for this program over a temperature
range of 115 to -120°C and to test kovar, nickel plated molybdenum, and
silver connector strips which have better thermal expansion characteristics
relative to the silicon cells than copper connector strips. Solderless back-
ed thin ceil modules were tested also because they offer a weight saving.
Other module configurations, as well as shingles, were included in the
tests.
The solderless backed thin cell modules with nickel-plated
molybdenum connector strip using the two-cell submodule building blocks,
gave the best results with only 2 per cent degradation in electrical output.
Although the proposed Voyager module is expected to be subjected to
greater temperature extremes, these tests indicate that the materials
selected willbe the most reliable in view of the temperature range.
Table 4-35 is a summary of RCA thermal cycle test of
results.
d. Modularization Losses
Experimental data based on bare cells must be converted into
equivalent performance data for glassed modules. The values for the
modularization loss incurred by assembling bare cell into cover glassed
modules for Voyager are based on the greatest Loss experienced on the
Lunar Orbiter program
Standard test conditions, based orlpast experience and proposed
for this program are 50°C, 139.6 mw/cm 2 tungsten equivalent intensity,
and Z800°K tungsten light temperature. The current at a predetermined
cell voltage for bare cells is measured under standard test conditions.
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Cells whose current is within one-milliampere interval are matched into
a two-cell pair, connected in parallel by an n-strip connector of moly-
bdenum and covered with a 6-rail microsheet cover glass with a blue
filter. The adhesive is Sylgard 18Z. The maximum loss in current at
test voltage from the sum of the bare-cell currents is 4 per cent.
e. Electrical Characteristic
Figure 4-64 is the electrical characteristic of the Z x 2 cm
solar cell selected for the mission, at Z7°C. It includes all losses
accrued in the process of assembling bare cells into glass-covered 10-
cell modules, resulting in an effective 9. 5 per cent efficiency.
140
2 X 2 CM I/Nth MODULE X\|0_ CM139.6 MW/CM 227°C100
6o
0.I 0.2 0.3 0.4 0.5 0.6
VOLTAGE (VOLTS)
Figure 4-64. Installed Nondegraded Solar Cell Current-
Voltage Characteristic
Factors degrading cell performance as a result of environ-
ment and array assembly are not included in Figure 4-64. The remain-
ing degrading factors and tolerances are discussed and applied in Section
3.3.3.
f. Module Weight
Average nominal weight of components in the modules pro-
posed for use on Voyager is:
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lO-Cell Module 8-Cell Module
Component
Solar Cells 10
Quartz Filters 10
Filter Adhe sire 10
Molybdenum n Strip 5
Molybdenum p Strip I
Solder Preforms 24
Quantity
Average Total
Weight (grams} Quantity
Z.40 8
I. 484 8
0. 033 8
0.25 4
0. 324 I
0. 090 20
4. 581 grams
Ave rage Total
Weight (grams}
1 92O
1 187
0 026
0 200
0 259
0 072
3. 664 grams
The average weight on a per square foot basis of the array is
detailed below. Maximum weights of components, rather than the
averages, were used to obtain loads for the design of the panel structure.
Substrate (19. 16 lb. per panel,
3 I. 7 ft2)
Modules (using 4.58 and 3.67 grams
per I0 and 8-cellmodule, respectively}
Dielectric
Silicone Primer
Silicone Adhesive
Dark Side Thermal Control Coating
Dark Side Components (wire, terminal
boards diodes, diode boards, wire
tie downs, encapsulants)
Wiring on dark side to reduce magnetic
effects including wire stakes
Ave rage Weight
pounds/ft
0. 604
0. 213
0. 333
0. 002
0. 029
0. 002
0.09O
O. 030
I. 003 Ib/ft Z
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3.3.3 Array Electrical Design
The basic building block of an array is defined as one series
string of cell modules; it is the smallest array unit capable of delivering
power to load at the proper voltage level throughout the entire mission,
despite all the possible environmentally induced variations of the
electrical characteristics of that string. Once such a basic unit is
defined, to meet the mission power requirements requires selecting
the correct number of strings to be paralleled so that the cumulative
current output at the required array output voltage amounts to the
worst-case power requirement. In determining the number of strings,
several design factors must be evaluated, such as the degrading effects
of the space environment, variation in solar illumination, and the like.
The output current (short circuit) varies approximately as the
cosine of the angle to sun vector. Considerable test data exists on glass
covered solar cells (with filters deposited on the glass) demonstrating
the angle relationship used in the Voyager power system analysis (see
Figure 4-65).
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Figure 4-65. Isc Versus Angle of Incidence
4-19z
RCA and other experimenters have determined that solar
cell, cover glass-to-cell adhesive, and a filter-coated cover glass are
affected by ultraviolet irradiation. Test data indicate a 4 to 5 per
cent reduction in the air mass zero short circuit current with most of
the reduction occurring within the initial 50 hours of exposure. Beyond
50 hours the degradation in short circuit current is gradual, leveling
off at about 4.5 per cent maximum after approximately 1 year of
continuous exposure.
Tests have been conducted on assemblies of combinations of
solar cells of different manufacturers, adhesives including RTV 602,
Furane 253, S¥1gard 182, 184, XR-6348 and XR-6-3489, cover glass
including Coming fused silicon 7940 and Microsheet 0211, and filter
coatings on cover glasses for blue reflective coatings. In general the
results indicate that the filter, glass, and adhesive each contribute to
a reduction in solar cell assembly power output when exposed to ultra-
violet but that the silicone based adhesives (all those identified above
except Furane 2-53) are superior in this respect to the epoxy adhesives.
These materials have also been subjected to proton and
electron irradiation. The test data show that solar cell assemblies con-
sisting of blue reflective filters on Coming 7940 with a silicone based
adhesive for the cover-to-cell adhesive do not degrade up to combined
fluxes of 1015 electrons per cmz of 1 mev electrons and 10 lz protons
2 16 2
per cm at 17 mev. At total flux dosages of 10 electrons per cm
(!. 5 _m_ev) a small reduction (2.-3 per cent) in cover glass transmission
has been measured. • Electron and proton irradiation of microsheet
glass indicates a higher susceptibility to transmission reduction than
for fused silica 7940 at identical levels. _ In addition tests at TRW have
shown that the microsheet transmission tends to degrade at lower flux
values. In anticipation some degradation at the higher particle f_ux the
combined effect of ultraviolet and particle degradation is estimated as
5 per cent, appearing as a reduction in solar module current.
• "Irradiation of Solar Cell Cover Slides and Adhesives with 1.5 Mev
Electrons," Contract AF 04 (657)-987, Lockheed Missile and Space
Company.
• _Coole 7 and Janda, Handbook of Space Radiation Effects on Solar Cell
Power Systems, NASA, SP-3003.
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A value of 2. per cent uncertainty in the solar panel current
measurements is included in the design factors, based on an estimate of
the errors in the test equipment used for the measurements stemming
from nonuniformity of temperature over the panel area, nonuniformity of
illumination intensity, and spectral composition of the array of illumi-
nation sources. A 2 per cent allowance in the design of the solar cell
panels for this current measurement tolerance (or error) willinsure that
panels when tested under large area illuminators will meet minimum
performance spe cifications.
a. Solar Array Efficiency
Several other factors contribute to the uncertainty in the pre-
diction of solar array output power under air mass zero conditions.
These factors include standard cell calibration whereby alI measurements
of solar cells and panels are referenced to standard ceils to calibrate
the illumination source or to determine solar intensity in the use of
outdoor measurements Analysis of the methods used to calibrate
standard ceils and correlation of data from these methods indicates a
± 2 per cent uncertainty in the air mass zero calibration current of the
standard ceils. Additional errors result from variations in the values
of open circuit voltage and short circuit temperature coefficients from
the nominal values assumed, as well as small errors which accummulate
in the application of design factors and construction of I-V curves for
solar panel design. A 3 per cent total allowance is made in the design
of the solar panels for these errors in power prediction.
The short circuit current of a solar cell varies linearly with
intensity (for the same relative spectrum) over the ranges of intensity
under consideration. As adesign factor the short circuit current of
the initial or undergraded module is therefore corrected proportionately
as the intensity changes from the reference value of 139.6 mw/cm 2 at
1 AU.
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With respect to the degradation to be anticipated from inter-
planetary dust particle_ experiments have been flown on various space-
craft and measurements have been made of the particle momentum,
kinetic energy, and mechanical impact damage, utilizing various sensors
and detectors. Data accumulated from numerous experiments has allowed
the plotting of particle mass versus influx rate* and the derivation of
equations representing the same data outside of the regions of previous
measurements. ** Having obtained estimates of the micrometeoroid
flux, a common denominator to relate the damage of a glass-covered
solar cell to a given flux, mass, diameter, and velocity of
micrometeoroids is required and to this end some general guidelines
have been derived from experimental data on particle bombardment
of solar cells that indicate a need to provide some protection.
In tests*** involving the sandblasting of Coming fused
silica type 7940 covered solar cells with ZZ0 grit silicon carbide, the air
mass zero short circuit current degradation ranged from less than 1
per cent at 103 craters/cm z (average crater diameter 30 microns) to a
maximum of slightly less than 12 per cent at 106 craters/cm Z Power
degradation ranged from 11 per cent at 103 craters/cm Z to 60 per cent
at 106 craters/cm Z. The differences in degradation between the I
SCO
(air mass zero short circuit current) and maximum power point current
is ascribed to the damage of the celI edges which were hit by the grit
particles, causing a significant increase in leakage (shunt path) current.
The important fact from these tests is the requirement for protection
of the P-on-N junction along _ edges.
*W. M. Alexander, C. W. McCracken, L. Secretanand O. E. Berg,
"Review of Direct Measurements of Interplanetary Dust from Satellites
and Probes, " NASA technical Note D-1669, May 1963
**"Preliminary Voyager 1971 Mission Specification . JPL Document
45, 1 May 1965
***B. Ross, "Design Criteria for Satellite Power Supplies Using
Radiation Resistant Solar Ceils, " Hoffman Electronics Corporation,
March 1963
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The solar cell optical filter substrate dimensions for Voyager
are such that the glass-covered substrate will overhang the three
edges of the cell {not adjacent to the N strip),providing shielding for the
cell edges. The edge of the cell along the N strip is protected by the
N strip connector material.
Results of bombarding Corning fused silica type 7940 with
glass spheres (2.2- gm/cc, 75 and 35 microns in diameter) were evalua-
ted for over 2.50 impacts in another test. • In this test it was shown
that thick cover glasses may have a larger crazed area for the same
diameter of impacting particle compared to a thinner cover, thus
degrading the cellpower level to a larger extent. For Voyager, a
6-rail optical filter substrate was selected on the basis of the solar cell
radiation damage tradeoff study. The results of micrometeoroid testing
provide an additional reason for utilizing a 6-rail thick optical filter
substrate rather than a thicker glass.
Based upon the data available, it appears that selection of a
thin cover glass and protection of the cell edges by glass overhang will
tend to reduce the effects of micrometeoroids. There remains, however,
a requirement to provide a design allowance for reduction in solar cell
power output due to cratering of the cover glass and erosion of the anti-
reflective coatings on the exposed glass surface. The design allowance
is estimated as a 5 per cent reduction in current because of micro-
meteoroid bombardment through the 12-month life of the Voyager space-
c raft.
A final design factor is the effective increase in series resist-
ance caused by the resistance of wiring in the solar array and the
resistance of soldered connections at wiring junctions and module to
module junctions. These produce a voltage loss estimated at 2 per cent
of the maximum power voltage.
• J. A. Fager, "Effects of Hypervelocity Impact on Protected Solar
ceils, " Report GDC-CHD-65-01 I, General Dynamics/Convair
CorpOration.
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b. Solar Array Design Summary
In summar_ the design factors for Voyager solar cell modules
are taken as follows:
Current
Angle of incidence (see Figure 4-65)
Ultraviolet and particle irradiation
Current measurement tolerance
Efficiency prediction uncertainty
Solar constant variation
Micrometeorite and sputtering
Particle radiation damage to solar cell
(see Figure 4-66)
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m
-5
+Z
_3
-5
<
Z
8c
_ 7c
8
9
bt
2
.<
i.--
o 5c
u
0
N 4c
_oo %
,L
I _ 1 I I
101 2 4 6 81013
I I I I I I I I I I I /
2 4 6 1014 2 4 6 1015 2 4 / 1016
TOTAL FLUX, (1 MEV EQUIVALENT ELECTRONS/CM 2)
_' 1.2-2.00HM-CM
Figure 4-66. Current Degradation Curve AMO
Intensity at T = 27°C
I
1017
4-197
Voltage
Thermal cycling degradation
Wiring loss
Voltage measurement tolerance
Particle radiation damage to solar
cell (see Figure 4-67)
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Figure 4-67. Voltage Degradation Curve AMO
Intensity at T = 27°C
The technique used to construct I-V curves as a function of
several variables operating on the Voyager solar array, for the 10-ohm
centimeter base resistivity solar cell, incorporates four design para-
meters, as follows:
i) The I-V curve for the i0 ohm-centimeter base resistivity
solar cell (Figure 4-64)
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Z) Worst case values of design factors just discussed
3) A solar panel back emissivity of 0.85
4) A Mars charged particle flux environment equivalent
to that of the earth.
Based upon prior experience (Section 3.3. Z) an undegraded
module (two cells electrically paralleled with interconnecting tabs and
cover glassed) will have a beginning-of-life efficiency of 9.5 per cent
under air mass zero conditions (F. S. Johnson spectrum). The
efficiency _s defined for the following conditions:
• Z7°C
@
V = 0.440 volt (10 ohm-cm base resistivity cell)
mp
air mass zero intensity - 139.6 mw/cm Z = JN
Z
active ceil area = 3.8 cm
For this analysis, an equivalent modularized single cell,
that is 1/nth of an n-cell module is used. The cell efficiency therefore
includes all electrical losses associated with glassing, tabbing, and
soldering operations. Figure 4-64 shows the I-V curve for this celI.
The cell parameters which best define the I-V curve are:
• short circuit current, I
sc
• current at the maximum power point, I
mp
• voltage at the maximum power point, V
mp
• open circuit voltage, V OC
The I-V curve is constructed by selection of a measured curve which
passes through the worst case values of the above parameters. These
parameters are calculated by
I = JNAs _]
mp V
mp
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where
JN
A
S
is the air mass zero intensity, 139.6 mw/cm 2
2
is the active cell area = 3.8 cm
is the cell equivalent efficiency = 9. 5 per cent
V is defined above = 0.440 volt
mp
I = 114.0 milliamperes
mp
V determined from electrical measurements on individual 10 ohm-
OC'
centimeter solar cells, has been found to have a minimum value of
0. 560 volt.
Another experimentally de rived term is the ratio of I s c/Imp,
which has been determined as a function of temperature. The value of
this ratio at g7°C is:
I
D = sc = I. 105
I
mp
Using the value of I above
mp
= 1 105 (114) = 126 maIsc •
With the cell parameters established, an I-V curve was fitted through
the points as presented in Figure 4-64.
Given the I-V curve for a defined set of conditions, the
technique used to translate that curve to a second set of conditions is
to calculate the product of the initial Isc and the product of the current
design factors, di, to obtain the degraded short circuit current.
n
from
Isd = Isc x di n
n =I
The degraded maximum power current, Impd, is obtained
Isd
Impd = 75-'--
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where
D = 1.078x (Tx 10 -3 )
with T in °C
This equation is an experimentally determined relationshi p
over a temperature range of approximately 75 to -30°C.
The degraded maximum power voltage, Vmp d, is related to
the Voc d by. n
Vmp d = Voc d - O. IZ volt - L d v
n =1 mPn
where the 0. 1Z volt term is determined experimentally for low radiation
fluxes. At high values of radiation flux the equation changes to
n
Vmp d = Voc d -0. II volt - L d Vmp n
n =I
where d v is similar to d v
mp oc"
Module (equivalent cell) degradation factors just discussed
as design factors are repeated here to demonstrate the application to
I-V curves. They are categorized in a form compatible with the
analytical procedure and are identified as constant or variable factors.
Constant factors are applied to the initial I-V curve of Figure 4-64
and to aii subsequent curve_ throughout mission life. They are further
identified as affecting current or voltage. The current (short current)
factors are as follows:
• Ultraviolet radiation damage = O. 95
• Efficiency prediction uncertainty = 0.97
• Current measurement error = 0.98
• Off normal operation for the sun-oriented array (cosine
I0°) = O. 985
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For the worst case analysis the minimum values of these
factors are selected. The product is = (0.95) (0.97) (0.98) (0.985)
=0.89. Voltage factors are:
• Wiring losses applied to Vmp = 0.98
• Voltage measurement error, applied to V = 0.98
oc
Time variable factors are also applied to the I-V curve in
Figure 4-64 to obtain I-V curves at discrete points during the mission
lifetime. The current (short circuit) factors are as follows:
a) Solar intensity, calculated using the relationship
nomincal units
di = 1
l (AU)2
where AU is the sun-to-spacecraft distance in astro-
b) Charged particle radiation damage. The value of this
design factor, diz, is computed using the appropriate
value of 1 Mev equivalent electron flux* encountered
up to the specific point during the mission in com-
bination with the current degradation relationship for
1 Mev flux presented in Figure 4-66.
c) Temperature. The current design factor associated
with the illuminated operating temperature of the
solar array is calculated for the experimentally
determined equation
di3 = 1.0 -B (T-Z7)
d)
where Tis the ceIItemperature in °C and B is -0.05
per cent/°C decrease for up to total equivalent received
folUX of < 1014 one Mev elect{4_ns/cm,2 -0. lOzper cent/
C decrease for a flux of lO eIectrons/cm and -0. 18
per cent/°Cdecrease above lO 14 electrons/cm z.
Micrometeoroid and sputtering damage. This factor
has a value of di4 = 0.95. It is assumed for the purpose
of these calculations that all damage occurs within 60
days after the start of the cruise phase (AU = I. I).
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The
a)
voltage (open circuit) factors are as follows:
The Voc is affected by all factors affecting the short
circuit current. The change in Voc, that is, d v l caused
by all current factors (constant and variable) except
the radiation damage (treated separately), is computed
using the following expression derived from equations
which describe solar cell operation
dv I = KT in
q _T
whe re
K is BoltzmanVs constant
T is the absolute temperature (OK)
q is the electron charge
and YT is the product of all current factors exclusive of
radiation damage
* The method of computing one mev damage equivalent electron flux
is described in Section 3.3. 1.
b)
c)
Charged particle radiation damage. The value of this
degradation factor, d v Z, is computed for the identical
total 1 Mev electron flux used to determine d i z above.
The curve in Figure 4-67 which relates voltage degradation
and flux is used in this case.
Temperature. The voltage design factor associated with
the illuminated solar cell operating temperature is
calculated us ing
d v 3 = _(T(°C) -27)
whe re
bl = 0. 00ZZ volt/°C decrease for 1-ohm centimeter
solar ceils and 0. 0027 volt/°C decrease for 10
ohm-centimeter solar cells.
The only design factor which influences voltage (maximum
power), Vm_, that has not been accounted for is the time
variable the_maI cycling degradation, d v = 0.02. Vmp o.
All thermal cycling damage occurs during the period of
spacecraft eclipsing in the latter months of orbiting about
Mars.
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c. Performance Calculations
A sample calculation is presented depicting translation of
the initial I-V curve to the end of life (1.67 AU) condition. The curve is
based upon these selected array design conditions presented above.
Computation of the degraded short circuit current is as follows:
a) Constant factors = 0. 890
b) Time variable:
• Solar Intensity di 1 = 0. 359 at 1.67 AU for end of
mission at lZ months
Particle radiation damage di z = 0. 746 from Figure 4-66
for = 3.6 x 1015 electrons/cm 2
Temperature di 3 = 0. 904 corresponding to T = -Z6°C
at 1.67 AU (-Z6°C is the worst case cell
temperature (in sunlight} including
prediction uncertainties}
• Micrometeoroid damage di 4 = 0.95
The combined product is 0. Z05. The degraded short circuit current is
calculated to be:
Isd
Isd
n
= Isc x U din
n = 1
= IZ6 x O. 205 = 25.8 ma.
Computation of degraded maximum power current is as follows:
Isd Isd
Impd = --D--= 1.078 x T x 10 -3
Z5.8 ma
i.05Z
- 24. 5 ma
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Computation of the degraded open circuit voltage is as follows:
a) Constant factors
• Measurement error of 0.98; dv =-0.02 V
OCO
=-0.02 x 0. 580
=-0. 0112 volt
b) Time variable factors
Change in V
OC
current
because of change in short circuit c
dv I = K___TT In I__
q 7T
K_..__T= 0. 0216 at T = -Z6°C
q
and
YT = 0. 276
(where 7T is the product of all factors which
affect short circuit current except particle
radiation damage)
d v I = -0. 028 volt
Charged particle radiation damage. The value of
d v 2 for the same value 4 for which di 2 was computed
is d v 2 = -(1.0 - 0.865) Voc ° = -(1.0 - 0.865) 0.560 =
-0. 0756 volt. The factor 0. 865 is the fraction of V
oc
remaining after exposure to a ,q_x of $ 1-Mev
electrons.
• Temperature.
solar cells
d v 3
The sum total of the constant and variable factors is:
-[0.011Z+ 0.028 + 0.0756] + 0. 1435
t J
d v 3 is computed for 10 ohm-centimeter
= 0. 1435 volt at T = -26°C
= 0. 0287 volt.
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The degraded open circuit voltage can then be calculated by
V°cd = V°c° +I d Vocn
n -I
= O. 560 + O. 0287 = O. 589 volt
Computation of the degraded maximum power voltage is as follows:
a} Constant factor wiring loss (0.98}
d v= -(1.0 - 0.98) V = -0.02 x 0.440 = -0.088 volt
mp
b) Variable factor thermal cycling
d v = -0.02 V = -0.02 x 0. 440 = -0. 088 volt
mpo
c) The degraded maximum power voltage
n
Vmp d = Voc d - 0. 110 - n=_d Vmp n
= 0. 5887 - 0. 110 - (-0. 0880 - 0. 0880}
= 0.461 volt
The I-V curve is generated by using the values of Isd, Impd, Vmp d, and
Voc d calculated above, and a typical I-V curve shape for an irradiated
10-ohm-centimeter solar cell, leading to Figure 4-68 for the end of
mission life, i. e. , at 1.67 AU. Similarly, Figure 4-69 is a set of
curves illustrating the best case from the point of view of the most pre-
dicted power. Figure 4-70 is another set of worst case curves, showing
a comparison of the cell characteristics at 1.67 AU under three different
radiation environment conditions. The various assumptions made in
constructing curves in Figures 4-68, 4-69, 4-70 are shown in Tables
4-36, 4-37 and 4-38.
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Figure 4-68.
Figure 4-69.
1201
1.0
100
i12 
1.3;
_ 601 ..... 3gAIU J _
_ol I I -
• I ' I
E+6 = _.58 AU I
0 0. I 0.2 0.3 0._ 0.5 0.6 0.7
VOLTAGE (VOLTS)
Worst Case I-V Curves at Various AU Distances
140 I l
SUN ORIENTED
<
7_ 60
g
a
2 X 2 CM I/Nth MODULE
10 s_ CM
BEST CASE Cb = 0.850 MIL COVER GLASS
CORNING FUSED SILICA 7940
FLUX AT MARS = 0.1 FLUX
0 .S 0.I 0.5 0.6 o. 7
VOLTAGE (VOLTS)
I AU
120
100
1.2 AU
ENC 1.3E AU
E+I 1.4 AU
-- E+6 1.67 AU
o',1 0.2
Best Case I-V Curves at Various AU Di stanc e s
Figure 4-70.
120
I,,U ,
_00
Bo --
E
60 --
_o
(a) E*6 1,67 AU
(b1 E**' 1.67 AU
(c) E+6 1.67 AU
20 I
o /
0 0.1 0,2 0.3 0,4 0.5 0.6 0.7 0.8
VOLTAGE (VOLTS)
Effect of Radiation Flux on I-V Curves at i. 67 AU
4-Z07
Table 4-36. Parameters for Worst Case Curve
Constructed for Mars Flux Model E = 1.0
o
AU Equivalent I Mev
flux { electrons [cm z)
Solar Array Operating Point in
Temperature (oc) Mission Life
1.0
I.I
1.2
1.3
1.38
I. 40
1.67
0 + 57 Start
(postlaunch)
10132.90x + 42
2.90 x 1013 + ?9
2.90 x 1013 + 16
2.90 x 1013 + 7 Encounter
0.65 x 1015 + 4 Encounter +
1 month
3.6 x 1015
- 26 Encounter +
6 months
Table 4-37. Parameters for Best Case Curve
Construction for Mars Flux Model E
o
Equivalent 1 Mev
AU Flux (electrons/cm-) Temperature (°C)
1.0 0 + 45
1.38 2.9 x 1013 - 3
• 10141.40 1 12x - 6
14
1.67 4.0 x I0 - 3?
= i0
-I
Table 4-38. Parameters for Worst Case Curve
Construction for Mars Flux Model E
O
Equivalent 1 Mev
AU Flux (electrons/cm _) Temperature (°C)
16
1.67 3.6 x I0 - 26
= 101
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d. Number of Series Modules (Ns)
On the basis of the factors and techniques just reviewed it is
possible to determine the required number of modules. Figure 4-68
shows the effective degraded cell I-V characteristics reflecting pro-
jected worst-case performance for the radiation environment of one-
earth equivalent. It shows that the maximum power point of the 1.67 AU
(end-of-life) I-V curve is approximately coincident with the point of
intersection of that curve with the 1 AU curve, and that no other curve
intersect the end-of-life curve at a lower voltage. Thus, if the number
of series modules is so chosen that the effective per-cell voltage is the
same as or slightly lower than at that intersection point, the following
conditions will be satisfied:
1) at end of life, cells are operated very nearly at
the point of maximum power
2) at no time during mission will the array output
be lower than at end of life.
To deliver 50 volts array output voltage, and assuming a blocking diode
drop of one volt, the number of series modules is selected to be 116, to
yield a per-cell effective voltage of
50+ 1
1--TT6- = 0. 440 volt
or slightly lower than the voltage at the intersection of the 1 and 1.67 AU
curves, based on the worst-case solar cell characteristics demonstrated
in Figure 4-68. Using this figure and the selected 11per-ce_, operating
voltage, Figure 4-71 is plotted to show variation of the relative output
power versus mission life, at both the operating voltage and the in-
stantaneous maximum power point voltage.
The method of selecting N s is particularly sensitive to small
solar cell voltage variations at the beginning of life. However, cell
curves used as the basis for the selection of the operating point reflect
the worst-case approach to cell temperature, efficiency distribution,
and voltage measurement tolerances, thus assuring that the per-cell
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voltage of 0. 440 volt at 1 AU will at least meet, but most probably
exceed the beginning-of-life cell current requirement of 30 ma implied
by Figure 4-68. Any small amount of risk involved appears more than
justified to maintain a reasonably simple, reliable, and efficient approach
to power subsystem design whereby the array power is delivered directly
to various loads at a single, constant voltage level, with no series ele-
ments injected to further regulate the d-c voltage output of the array.
The end-of-life cell current will be 25 ma at 0.44 volt.
To determine the largest possible electrical output, the
following assumptions concerning degradation factors are made:
1) Current and voltage measurement tolerances are
applied as numbers greater than unity (i. e. , a 2 per
cent tolerance becomes a 1.02 factor, instead of 0.98)
2) Similar treatment of the efficiency prediction
uncertainty is made
3) No micrometeorite damage included
4) Charged particle radiation environment equivalent
to that of one-tenth earth
5) Perfect array orientation
6} Lowest temperature within the prediction
uncertainty band.
The best-case curves are shown in Figure 4-69. Figure 4-72 shows
the relative power output variation with mission life for this case.
e. Electrical Output for an Earth-oriented Spacecraft
The plots shown in Figures 4-73 and 4-74 are those of the
least output power versus mission time for the earth-oriented case.
The same ground rules concerning the charged particle flux and other
power-degrading factors were assumed in these plots as for the sun-
oriented case. Table 4-39 gives the data for a typical trajectory in 1971.
Comparing Figures 4-71 and 4-74, it is seen that, when in the
earth-oriented mode, 20 per cent less power is available at end of the
4-ZIO
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first month in orbit (1.4AU), and 10 per cent less at 1.67 AU, as
compared with the sun-oriented case. A case of insufficient power
will occur immediately following launch if the earth-oriented mode is
employed at that time, because the sun angle is nearly 90 degrees at
that time. However, the earth-oriented mode need not be used at that
time because the high-gain antenna will not be required.
Table 4-39. Typical Data for Earth-oriented Spacecraft
Curve
Number in Days
Figure 4-73 After Launch
Average Distance
in Astronomical Sun
Units Angle
1 20 1.015 62 °
2 40 1.055 37 °
3 60 I. I00 20 °
4 80 1.150 I0 °
5 100 1.220 22 °
6 120 1.270 30 °
7 140 1.320 37 °
8 160 1.355 42 °
9 177 1.380 43 °
I0 200 1.400 43 °
II 360 1.670 24 °
f. Array Magnetic Moment
A final factor imposed on the desig n of the solar array is
magnetic cleanliness. The magnetic specification includes evaluation
of all magnetic materials as well as field measurements on the solar
panels such that the magnetic effect is less than 1 7at a distance of
three times the average dimension of the panel. It further postulates
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that induced and stray current fields be less than 1 yat Z feet. Mapping
of the magnetic field is to be performed in a field ambient of less than
100 y.
For a preliminary investigation of the magnetic effect of the
solar panels, a typical section, 18 x 18 inches in area was checked, in
the earthls ambient field, to ascertain the magnitudes of the disturbances.
The panel section was typical of the Nimbus construction. Calculations
discussed below have been made using a typical per-panel area of 38 ft2
used as a model. Results quoted apply to the final selected lower area
with a degree of conservatism.
The Nimbus type panel showed no more than 2. 5 %'at a
distance of 10 inches from the active surface, and from the edges. When
the panel was reversed, the sign of the H vector did not change, indicating
thereby that the disturbance is probably one of induction by the earthts
field. This test is significant in that the major surface area of the panel
did not exhibit a fixed polarization, save at one point near the center,
indicative of a local inclusion of magnetic material near this point. In
any case, it would appear that the full 38-square-foot panel would show
an induced field of 16.9 x 2. 5, or 42. 3 %'at I0 inches. If one assumes
a worst case attenuation of the field inversely as the distance cubed, a
field strength of 1%' is postulated at 3. 3 feet. Tests in a low ambient
field are indicated and should be made.
An estimate of the effect of the current loops was made for
the proposed solar panels as illustrated in Figures 4-75 and 4-76. In
this case the wiring arrangement consist of six series loops, paired
symmetrically across the panel centerline, three on each side. Care
is taken to null the paired loops in terms of dipole effect. That is, the
ampere-turn-meter 2 effect is identical for sign.
For a first approximation, the loops were treated as equivalent
point dipoles situated at the center of each loop, and calculated on the
basis of enclosed area for one ampere of current. The dipole pairs
across the center line were combined into their quadruple equivalent
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Solar Panel Layout (Sun Side)
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Solar Panel Layout (Dark Side)
and from this simplification, the far magnetic field was computed.
Under these assumptions, the radial field along a perpendicular standing
on the center of the panel surface is zero while the tangential field is
of the order of I00 7at 100 ca. Along a line inclined 45 degrees to the
panel surface, the radial field approximates 150 V at the same distance.
To achieve a field value of less than 1 3' at a distance of
2 feet, each string of solar cells is back-wired so that the return path
through the wire is separated from the solar cells by the thickness of
the panel. In this instance, the panel thickness is taken as 3/8 inch.
The field at Z feet from the panel surface is estimated to have a value
of 6 7parallel to the panel, for a current of 1 ampere in the wires.
Further reduction of this field can be obtained by further re-
ducing the enclosed area of the current loops and the current levels in
the circuits. In any case, a reduction to a one-gamma field level
requires close study, and magnetic measurements of wiring mock-ups
simulating the proposed panel design.
3.4 Solar Array Controls
Detailed design and analysis of the solar array are given in
Section 3.3. Initial investigation of the solar array characteristics
developed the current-voltage curve shown in Figure 4-77. Constant
voltage operation consistent with these 1 AU and I. 67 AU characteristics
must be based on a design point which represents the maximum voltage
capability at 1 AU and maximum current capability at I. 67 AU to support
a given load requirement.
For this case, an array shunt voltage limiter could provide for
constant voltage operation until the array is incapable of supporting the
load. The inherent advantage of a shunt regulator in minimizing losses
when a marginal solar array capability exists and the relative simplicity
of this approach appear to offer strong justification for its use. Both
dis sipative (proportional) and nondis sipative (switching) type s can be
utilized as well as combinations of these two to utilize desirable features
of both.
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Figure 4-77.
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Preliminary Solar Cell Current-Voltage Characteristics
The use of zener diodes to limit solar array voltage is considered
less desirable than an active regulator for reasons of both reliability and
system efficiency. Although simple in concept, the loss in array power,
because of single short-circuited zener diode, will result in loss of out-
put regulation and probable complete loss of power of the solar array
section controlled by the affected diode. The magnitude of this loss can,
of course, be limited by splitting the array into many small sections,
each controlled by its own zener shunt. To prevent a single diode short
from affecting the remainder of the system, the isolation diodes for that
section are located on the output bus side of the zener connection. Open
circuit failures will have no effect on the output voltage unless a suffi-
cient number occur to permit the resultant unregulated sections to supply
the total load at a higher voltage than desired. In this case, the re-
maining regulated sections will lose control as their isolating diodes
become reverse biased to prevent load current flow. Series or parallel
redundancy is not applicable to zener diode shunt limiters because the
lowest voltage zener circuit will always control.
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The temperature dependence of the zener characteristic is of
particular concern for the Voyager application because of the wide
temperature ranges of the solar panels during the mission. In addition
to panel temperature variations, the variations in zener power dis-
sipation further increase their regulation band. As a result, these
voltage variations caused by temperature when combined with the inherent
diode impedance and difficulty in achieving closely matched current-
voltage characteristics are considered inconsistent with the voltage
limiting accuracy necessary to achieve +_l per cent bus regulation and
maximum power utilization without additional series regulation such as
that employed in the Mariner power system.
Figure 4-78 illustrates a general block diagram of a full dissipative
shunt and array operating points for new and degraded conditions.
Figure 4-79 indicates power dissipation versus load power for a fixed
maximum array capability. The system must be capable of dissipating
the total difference power between the array capability and the load
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requirement. The major disadvantage associated with the shunt regula-
tor is that small variations in solar array voltage at 1 AU produce a
large increase in current capability at the selected voltage limit and a
corresponding excessive amount of power dissipation in the shunt elements.
Preliminary calculations have shown the required shunt dissipation to
exceed 1 kw if the dissipative elements shunt the full Voyager solar array.
In most spacecraft power system designs, the large dissipation
with maximum array capability can be significantly reduced by use of a
partial dissipative shunt regulator which taps only a portion of the series
connected solar cells as shown in Figure 4-80. For this case, the shunt
tap is selected such that with maximum solar array voltage (minimum
array temperature) the shunt elements (power transistors) are driven to
saturation and the array voltage is equal to the unregulated series cell
section voltage at minimum load plus the saturated drop in the shunting
transistors. The relationships between shunted section and unregulated
section operating conditions are also illustrated in Figure 4-80. Power
dissipation versus load is shown in Figure 4-79. TRW has developed
dissipative partial shunt limiters of this type which maintain array output
voltage within+ 1/2 per cent. Corresponding bus impedances of less
than 1 ohm at frequencies up to 50 kcps have been achieved. For the
Voyager application, however, because of the large variation in solar
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array capability between 1 and I. 67 AU, use of a conventional partial
shunt regulator would still require dissipating more than 500 watts at I AU.
The penalties imposed on the spacecraft thermal control system by a heat
source of this magnitude at 1 AU which decreases to a low value (essen-
tially zero under worst case array degradation) at Mars are sufficiently
severe that location of the shunt elements external to the spacecraft is
necessary. A convenient location is, of course, on the solar panels
themselves. The low paneltemperatures experienced in eclipse at Mars,
however, require heating of the shunt elements to permit their normal
operation upon re-entry into sunlight. This may be done by adding
heaters energized from the spacecraft batteries; however, the added
battery capability required represents a significant weight penalty. An
alternative approach utilizing thermal energy storage to maintain a
suitable shunt temperature in eclipse, would also result in a significant
weight increase for the Voyager application.
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The possibility of using resistive dissipating elements in lieu of
transistors would permit a wider operating temperature range and
possibly eleminate the need for heating the elements in eclipse. This
approach, however, must still require power transistors to provide
proportional control of the shunt elements. An increased tap point
(higher voltage) is required for this approach because the shunt elements
cannot be saturated at low voltage as in the case of the transistors.
Figure 4-81 indicates a full shunt regulator (I00 per cent tap) with
resistance in series with the shunt power amplifier. Proper sizing of
the resistance value with knowledge of maximum array output and
minimum load, allows a reduction by a factor of four in the dissipation
of the active power amplifier. These curves are also shown in Figure
4-79. Array operation is identical to that of Figure 4-78.
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Figure 4-81. Full Shunt Regulator Using Resistive Power
Dis sipation
Switching pulse width modulated regulators can be usefully
employed in full or partial shunt control schemes. Figure 4-82 illus-
trates a switching partial shunt regulator which, as in common with
dissipative partial shunt regulators, acts to maintain a source voltage
over a given load and source range with a maximum dissipation of only
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a fraction of excess load power capability in the switching element. The
advantage of the switching approach is that it allows the shunt power to be
dissipated in resistors which can be located on the array. The disadvan-
tages of this approach, in comparison to the dissipative partial shunt,
are increased complexity in the control circuits and poorer response
due to the filtering requirements.
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Figure 4-82. Pulse Width Modulated Switching Partial
Shunt Regulator
In this scheme, the transistor switch is operated at a rate and duty
cycle determined by the control circuitry. When the switch is closed,
the inductor charges to a current dependent upon VR, the duration of
closure and the current existing in the inductor at the time of closure.
The diode is reversed biased during this interval. When the switch is
opened, the voltage across the inductor reverses and current flows
through the resistors. Since current drawn by the switch is pulsed, the
smoothing L-C filter is required to average out the current pulses and
minimize solar array ripple voltage.
If the array could be operated at a higher voltage at the I. 67 AU
condition, it is apparent that increased output power could be derived
from the solar array. Conversely, at 1 AU a large excess power
capability exists provided the solar array can be operated at a reduced
voltage. The apparent incompatibility between these two array
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characteristics in terms of maximum power utilization at constant
voltage, strongly suggests using a series regulator similar to that dis-
cussed in Section 3.7 to boost the I AU voltage and permit opera-
tion at a bus voltage level consistent with the higher end-of-life voltage
at maximum power capability. Since a boost regulator will lose control
at high input voltage, an additional voltage limiting array control is
necessary to prevent high bus voltage at the low solar array temperatures
resulting from loss of array orientation dur._ng maneuvers or loss of
insolation during orbital eclipses. To satisfy these requirements, both
voltage limiting and boost voltage regulation of the solar array are
necessary. Both shunt voltage limiting and series boost regulators
could be used or these functions could be combined in a buck-boost
regulator similar to that illustrated in Figure 4-83.
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Figure 4-83. Switching Buck-Boost Voltage Regulator
For the dual regulator approach, the shunt voltage limiter can be
designed to operate only when excess array capability exists in orbit at
the higher array voltage. The magnitude of the required shunt dissipa-
tion is drastically reduced as a result of the lower array current capabili-
ty at Mars. The boost regulator will operate to maintain the bus voltage
until such time as the array voltage capability increases to above
approximately 52 volts with a given load. This value allows for the
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array isolation diode drops and the series diode drop of a boost regulator
at high input voltage. At this condition, the losses in the boost regulator
are minimal. At lower input voltages (nearer 1 AU), the boost regulator
losses are higher; however, the array capability under these conditions
is much larger than required.
Referring to Figure 4-83 for the buck-boost regulator, the output
voltage is related to the input voltage, by ton/toff, where ton and tof f
are the power switch on and off times, respectively. At a 50-per cent
= > the circuitduty cycle, the voltages are equal (ton toff). With ton toll,
boosts and conversely, bucks with ton <toff. The major disadvantages
in this type of regulator when compared to buck only or boost only, switch-
ing regulators, are the reversed polarity output (a disadvantage for some
applications) and the lower efficiency obtainable over a variable input
voltage range. Figure 4-84 shows a typical efficiency versus input voltage
characteristic for a 20-watt regulator. Further increase in input voltage
beyond 40 VDC results in decreasing efficiency.
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Further analysis of solar array characteristics using increased
back surface emissivity (0.85) has shown the maximum 1-AU voltage at
maximum 1.67-AU load current to be much closer to the end-of-life
maximum power point. These relationships are shown in Figure 4-85.
The higher emissivity will produce lower array temperatures in eclipse;
however, this is considereda less serious penalty than the increased
system complexity associated with boost voltage regulation of the solar
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array. In addition, the higher panel emissivity is required to comply
with the maximum _/c limit of 0. 5 imposed by the mission specification.
The shunt regulator alone, as a result, can provide for solar array con-
trol throughout the mission with negligible loss of array capability at
1.67 AU. From Figure 4-85 assuming a continuous load requirement of
0.02 5 ampere, the solar array voltage must be limited to 0. 440 volt per
series solar cell. The end-of-life maximum power point voltage by com-
parison is 0. 461 volt per cell. The net loss in power capability at i. 67 AU
resulting from this approach is approximately 2 per cent.
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Figure 4-85. Revised Solar Cell Current-
Voltage Characteristics
These solar array characteristics also permit consideration of a
series bucking voltage regulator in lieu of the shunt voltage limiter. A
constant frequency pulse width modulated (PWM) regulator is illustrated
in block diagram form in Figure 4-86. The output voltage is related to
input voltage by ton/T, where ton is the on period of the switch and T is
the drive period. The advantage of this type of control is the high
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efficiency obtainable, in comparison with dissipative regulators. Loop
stability can be a problem unless the control amplifier time constant is
made large, in which case the regulator frequency response suffers when
compared to that attainable in dissipative type controls. Peaking of the
output impedance over a certain range of frequency, is another character-
istic typical of this class of regulator. For larger power requirements
and with wide input voltage swings filter requirements may be prohibitive
on a size and weight basis. Operation at a higher power switch drive
frequency reduces the filter size requirements for a given output ripple
but an upper limit of approximately 20 KC in medium power units (30
watts) is imposed before switching losses in state of the art device
switching elements become excessive. Figure 4-87 shows a typical
efficiency versus input voltage characteristic for this type of regulator.
In this plot, the power switch duty cycle is approximately unity at
E. =20V.
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Figure 4-86. Pulse Width Modulated Series (Buck) Regulator
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The large shunt regulator power dissipation possible at I AU with
the maximum possible solar array characteristic shown in Figure 4-85
and a dissipative shunt regulator led to additional analysis of design
concepts to reduce power dissipation in the shunt elements. It is highly
desirable to locate all control elements within the bus. A maximum
shunt dissipation of 100 watts was assumed to represent the upper limit
compatible with the spacecraft thermal control system.
Switching array sections in response to load requirements offers
a basically nondissipative method of array control. Both series and
shunt switching regulators are feasible (reference Figure 4-88 and
Figure 4-89). The regulator senses bus voltage and switches additional
sections of array on(i. e., connected to the bus) when bus voltage de-
creases below a lower limit, and switches sections off when voltage
exceeds an upper limit. Both limits are selected within the bus regula-
tion requirements and could be restricted by maximum allowable bus
voltage noise (see Figure 4-90). Limit cycling occurs when the smallest
array increment causes a bus voltage variation exceeding the decision
E
i
i
MULTIPLE
E
REGULATED BUS
iVOLTAGE
JSENSE
Figure 4-88. Switched Solar Array Scales Regulator
q
REGULATED BUS
Figure 4-89. Switched Solar Array Shunt Regulator
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Figure 4-90.
Switched Solar Array Limits
levels. Limit cycling rate is a function of array increment size (_I),
and regulation tolerance and inversely related to load bus filter capacity.
To gain close control of the array and reduce limit cycling, many array
sections are required with resulting complicated controls, large number
of switches and attendant wiring problems.
Figure 4-91 shows a block diagram of a combination tapped-array,
dissipative shunt control and switched array control. Speed of response
to load and solar array variations is greatly improved and limit cycling
is eliminated. The shunt controlled array section can be sized to be
compatible with the spacecraft thermal capability. The system is still
limited in response to large transients and is relatively complex because
of the switching control and logic required. Figure 4-92 shows one
method of sensing and establishing the decision points for switching array
sections on or off. For stability, i. e. , no limit cycling, the maximum
switched section current must be less than the current change between
decision levels.
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Figure 4-91. Combined Dissipative Shunt and
Switched Solar Array Regulator
*This page contains information proprietary to TRW, Inc. and shall not
be reproduced or disclosed to others without the prior written permission
of TRW, Inc.
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Solar Array Switching
Control Decision Points
(Combined Shunt and
Switched Array)
Figure 4-93 shows a tapped array shunt regulator which performs
closely to the shunt plus switched control previously discussed. Each
controlled section transconductance is linear between zero and short
circuit array current. Combined transconductance of the total regulator
is large enough to saturate the total array with the bus voltage error
signal within regulation tolerance limits. Each section is controlled at
a different effective error signal voltage so that only one power amplifier
is linearly conducting at a time. All other sections are either off (non-
conducting) or saturated. Base drive current limiters are utilized to
limit drive current after each power amplifier saturates. Reduced over-
all drive power dissipation results from an additional tap, above the
power amplifier tap point, which supplies drive current at a voltage sig-
nificantly less than bus voltage. Array operating points are indicated in
Figure 4-94. Section 1 is unregulated supplying load current, Section 2
is proportionately regulated, and Sections 3 through n are saturated to
supply no load current. This sequential shunt approach is considered best
suited to the Voyager application for shunt voltage limiting of the solar
array (see Table 4-40). Comparison of systems using both shunt and
series regulation are included in Section 3.2.2.
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Figure 4-93.
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Figure 4-94. Sequential Shunt Regulator
Operating Conditions
Based on the sequential shunt regulator concept described above,
the maximum possible dissipation in the shunt element assembly for
the Voyager system is calculated below:
The maximum possible shunt dissipation occurs under the following
conditions at 1 ALT:
a) Maximum solar array capability (see Figure 4-85)
b) Load requirement just slightly higher than maximum
capability of two array sections.
Under these conditions, the third solar array section is just be-
ginning to supply load current. Its shunt element, therefore, is operating
at a high current to maintain the required 50-volt output and also, be-
cause of the relatively low voltage capability of the array, at a relatively
high voltage (18 volts). The remaining nine shunt elements will be main-
tained in a saturated condition because of the large error signal resulting
from the excess array capability at this point. Further load increases
will cause the shunt dissipation on the third section to decrease as that
section of the array delivers additional load current. The calculated
peak power dissipation for the controlling section is 62 watts including
shunt driver power losses. The dissipation of each saturated shunt
element is 6. 5 watts again including drive power losses. This produces
a total shunt elements assembly peak dissipation of 121 watts for this
4-Z34
worst-case condition. It should be noted, however, that the probability
of achieving this maximum solar array capability and a concurrent worst-
case load condition is remote. Any reduction in solar array output or
deviation from the worst-case load condition will reduce the shunt dis-
sipation. For thermal analysis, the maximum steady state dissipation
is estimated to be 100 watts.
3. 5 Power Conditioning Ec_uipment
Any design of an electric power system must begin with the
characteristics and requirements of the loads which it services. Space-
craft loads generally vary in their voltage and regulation requirements;
noise, ripple and transient sensitivity; noise and transient feedback;
isolation requirements; and impedance. In addition, some equipment,
because of a requirement for high or low voltages, multiple voltage
levels, alternating current, or other special needs, must be excluded
from any central distribution system.
The Voyager power conditioning equipment must distribute power
in the range of 80 to 440 watts, at several closely regulated ( + 2 to +4
per cent) DC voltage levels (Table 4-33). Tightly regulated (+ 0. 5 per
cent) high DC voltage outputs, supplying power in the range of 60 to 70
watts, are required for traveling wave tube operation. Low power
(5-50 VA), 400-cps and 800 cps AC power is required for operation of
gyros and motor drives. Synchronization of conversion equipment to
CS and C signal is a further requirement. Approximately 300 watts of
unconditioned DC power is required for thermal control heaters and the
flight capsule.
Several schemes exist for delivering power conditioned so as to
be compatible with the electrical characteristics of the loads. Over-
all power system efficiency, weight, reliability, and complexity are
influenced by the choice of a particular scheme and its interaction with
other power system elements. For the requirement of supplying multiple,
regulated DC output voltages from a basic unregulated primary DC power
bus, the functions of regulation, inversion, transformation, rectification,
and filtering are all required for the over-all power conversion process.
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Figure 4-95 shows an inverter-output regulator approach. In
this scheme, a driven square wave inverter provides unregulated AC
to individual rectifier-filters and output regulators. Regulation can be
accomplished with dissipative type regulators, with switch-modulated
type regulators, or by controlled rectification techniques, the last in-
dicated in Figure 4-95 for output 3. For the Voyager requirements,
this approach has several disadvantages relating to efficiency and/or
reliability. The use of dissipative regulators at each output involves
considerable power loss, especially with an unregulated input line. This
disadvantage must be weighed against the fast regulator loop response
possible with dissipative regulators. Regulators employing switch
modulation or duty cycle control, although yielding high efficiency in
individual output regulators, generally entail greater circuit complexity
than is obtained with dissipative regulators. Loop performance also
suffers in comparison with dissipative regulators because of the
necessity for L-C filtering in the regulator loop.
UNREGULATED 4:_
DC BUS I
UNREGULATEDINVERTER TRANSFORMER
Figure 4-95.
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Output Regulation
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Figure 4-96 shows a DC-to-DC converter scheme where preregu-
lation of the bus voltage is performed before inversion and output recti-
fication. A synchronized or free-running clock oscillator can be utilized
to provide drive for the inverter as well as the time base for modulating
the input switching regulator. For a multiple output configuration, the
sensing or control point can present disadvantages. If the highest rated
load voltage is sensed to derive the regulator error signal, the remaining
outputs, while regulated against input line variations, will not be com-
pensated for variations in output resulting from changing loads and
temperature effects on output rectifier circuitry. An additional problem
with the approach of Figure 4-96 is the loop stability compensation
required because of the additional filter within the regulating loop. If
the sense point is provided at the regulator output, load regulation is
not provided at any DC output. A further disadvantage in this scheme,
especially at high power levels, is that the preregulator must handle
all the input power. Efficiency suffers in that power is lost in effectively
two series switching elements, the preregulator transistor switch and
and inverter switching element. The averaging filter requirements also
become severe at higher power levels, with a consequent penalty in
size, weight and efficiency.
UNREGULATEDI SWITCHING
DC BUS o--1 PREREGULATOR
/
I
H AVERAGING k_ UNREGULATEDI__E,L_ERi.TI ,_VERTER! IEO_E_
'I' ' I I
I
ALTERNATE
SENSE
POINT
I
I
I
I
L .........
I _PLIF_ER _-_
REGULATED•ODC OUTPUT
3
VOLTAGE SENSE
Figure 4-96. Power Conversion System,
Preregulation Conversion
Another scheme for multiple-output, DC-to-DC conversion, is
shown in Figure 4-97. Regulation is accomplished within the inverter
stage by means of pulse-width control of the inverter base drive.
This arrangement has higher efficiency than the configuration of Figure
4-96, primarily because the regulator is not an inline function in the
power flow path. Other advantages are the relative circuit simplicity
and easily controlled loop stability. Loop response, though, again
suffers in comparison with dissipative regulators. The same dis-
advantages, relative to sensing with multiple outputs also apply in this
case. Ouput rectifier filter requirements are increased in comparison
to the previous cases because the inverter output is a variable-width
chopped square wave. The worst case occurs with a high input line
condition and light load.
UNREGULATED O_ REGULATEDDC BUS INVERTER
"ON"
TIME
CONTROL
Figure 4-97.
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Power Conversion System,
Combined Inversion and Regulation
A variation to the system configuration of Figure 4-96 is shown in
Figure 4-98. In this system, the inverter distributes alternating current
power to a number of transformer-rectifier (T/R) units which, in turn,
supply the various loads. The units can be installed with the using
equipment. Sensing for the switching preregulator is derived at the
inverter input. Only those loads requiring regulation greater than
provided need have individual output regulators.
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Figure 4-98. Power Conversion System, AC Distribution
The choice of a particular configuration to operate from an un-
regulated primary power bus depends greatly upon the number of DC
outputs, their individual power levels and regulation requirements. If
low output voltages are required at significant power levels, the power
loss in the output rectifiers alone will result in a severe efficiency
penalty and limit the choice of conditioning method to that yielding the
least additional loss. Figure 4-99 shows a typical characteristic re-
lating efficiency of transformer-rectifier units to output voltage.
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Operation of a power distribution and conditioning system from a
regulated primary power yields a system of tl_ simplest and most
efficient form. This is the system of Figure 4-100. An unregulated,
single-phase inverter, provided with primary power regulated to + 1
per cent by the power source controls, distributes square wave AC to
multiple transformer-rectifier units supplying individual loads. The
AC output variation would be limited to +__2 per cent with changing loads
.._ REGULATED
REGULATED UNREGULATED AC BUS
DC BUS INVERTER |
J
REGULATED
DC OUTPUT
1
_ REGULATED
= DC OUTPUT
2
_ REGULATED
DC OUTPUT
3
Figure 4-100.
Selected Power Con-
version System
and environment. Regulation of individual DC outputs would probably
be in the order of + 4 per cent without further compensation. Output
regulators would be required for those outputs needing additional re-
gulation. For the specific case of the communications power amplifiers,
the high DC voltages required prevent using a T/R unit with output
regulators. This load is supplied, therefore, through a separate re-
gulated DC-DC converter directly from the main DC bus. The approach
is selected for the Voyager application on the basis of its simplicity,
efficiency and the fact that the power system is less dependent on indi-
vidual load equipment characteristics.
The required + 1 per cent main bus voltage regulation required by
m
this approach is provided by the solar array and battery controls. The
basic requirement for power source regulation stems from the susceptibi-
lity of the battery and electronic parts to damage from overvoltage and
from the inefficiencies and increased current handling capability in
power conditioning and load equipment which result from low voltage
operation. Providing the capability in these regulating functions to
maintain close bus regulation does not penalize the system with respect
to reliability, efficiency or weight. The selected nominal bus voltage is
50 VDC which represents a reasonable compromise between maximum
current handling capability and component voltage ratings.
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The electrical, mechanical, and thermal design of power-condi-
tioning equipment for spacecraft power systems involves a compromise
among such major requirements as efficiency, input source characteristics,
electrical performance (quality of output power), RFI reduction, and
physical characteristics (weight, size , etc. ). Tradeoff studies of the
various types of power conditioning and control circuits were performed
to provide a basis for selection of the optimum circuit configurations
for Voyager power system requirements.
When evaluating a power conditioning scheme for efficiency, other
important parameters such as weight, volume, reliability, frequency,
power and voltage levels must be considered. Generally, increased
efficiency is obtained at the cost of weight and reliability. Redundant
converters, for example, can mean inefficiency since standby losses
for the redundant units must be supplied.
The weight-efficiency tradeoff is illustrated in Figure 4-I01.
Here the weight of a single-phase, unregulated inverter is plotted as
a function of unit efficiency. Although Figure 4-I01 shows a minimum
at an efficiency of 78 per cent, the power source weight penalty as-
sociated with low efficiencies for Voyager power levels dictates the
choice of a higher efficiency, heavier inverter.
The size, weight, and efficiency of converters or inverters which
supply power to spacecraft loads depend, in part, on the magnitude of
inverter input voltage and the operating frequency or switching rate of
inverters.
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In unregulated units, the higher the input source voltage the lower
is the current required by inverter transistors and transformers, re-
sulting in lower weight and power dissipation. An input bus voltage of
approximately 50 volts yields minimum inversion loss (series drops
in the transistor and transformers are less significant) and lower weight
(less transformer copper is required) without compromising transistor
collector voltage ratings in presently available silicon power units.
Figure 4-102 illustrates the variation of efficiency with input
voltage in regulated and unregulated inverters.
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Inverter Efficiency
Versus Voltage
For regulated inverters or converters, designed to operate down
to a particular input voltage when connected to a variable bus, the
efficiency decreases at higher input voltages, depending on the specific
circuitry used to provide regulation. For series dissipative-type re-
gulators, efficiency and input voltage are inversely related, however,
inverters or converters utilizing input duty-cycle regulators, the de-
crease in efficiency with increasing input voltage is not as significant.
for
Frequency-sensitive components, such as transformers, inductors,
and filter capacitors, are made smaller with increased frequency of
operation. Figure 4-I03 illustrates the reduction in weight of trans-
formers with increase in operating frequency. Losses associated with
these components, on the other hand, increase. Also semiconductors
used as switching elements become less efficient at higher frequencies.
With present power semiconductors, inverters with ratings in the 200-
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300 VA range operating at switching frequencies of 4 to 5 kc are available.
The variation of efficiency with load for an unregulated, current-drive
controlled, 4. 1 kc inverter rated at 300 VA, is illustrated in Figure 4-104.
I°° F"_k.J I
I II II Figure4-103.
Relative Weight of Transfor-
o mers as a Function of Frequency
400 ]000 10,000
FREQUENCY (CPS}
100
9O
8O
Z
70
z
50
p
C
0
Figure 4-104.
DATA FOR 300 VA, 4.1 KC, 1,_, SQUARE WAVEINVERTER, INPUT VOLTAGE = 50 VDC
25 50 75 100
POWER OUTPUT ( PER CENT)
Unregulated Inverter Efficiency Versus Power
Figure 4-105 shows parametric data relating power requirements,
frequenc_ weight and volume for unregulated single-phase, square-wave
inverters. Weight increase with power rating is primarily a function
of increase in inverter transformer size in the higher power ratings, at
a given frequency and efficiency.
A _)AO
=O
>
2
_f
O
i® .,/I
6 VOLUME /
2.4Kcj..._ _'/"
4 _
4.1 KC
2
10
8
6
NOTE:
I
INPUT VOLTAGE 50 VDC I
IINVERTER EFFICIENCY85 PER CENT
4
/
2.4 KC / //
WEIGHT / //
2
I0 20 40 60 80 I00
OUTPUT RATING (VA)
Figure 4-105.
200 400 600 800 I000
Unregulated Shunt Weight and
Volume Versus Output Rating
Similar data on regulated DC-to-DC converters is shown in
Figure 4-106 and it is indicated that efficiency tends to increase with
output power. Figure 4-107 is a block diagram of the particular con-
verter for which the data of Figure 4-106 was developed.
Spacecraft loads requiring low-power AC for gyro and motor drive
controls are easily provided by efficient, light-weight square-wave in-
verters operating from a regulated DC bus. For Voyager, synchronized
400-cps power is required at a low average level (i VA). A short-run
inrush capability must be provided up to a maximum of approximately
50 VA. A single-phase inverter normally synchronized at 410 cps and
designed to provide a free-running capability in the event of loss of the
synchronization signal will have an efficiency versus load characteristic
as depicted in Figure 4-108. This curve applies as well for inverters
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that supply 800 cps two-phase power ( synchronized to 820 cps). For
Voyager, these requirements are approximately 6 VA under steady
state conditions with short inrush levels of 27 VA. Conservative figures
for weight and volume for the 410 and 820 cps units, respectivelyB are
3 pounds and 48 cubic inches and 2 pounds and 36 cubic inches. For
two-phase motor control (POP and antenna drives), the inverter supplies
one-phase and a phase-splitting capacitor is used for the other. An
alternate drive scheme utilizes a two-phase oscillator circuit with
phase-locking arrangements to eliminate the fixed phase power loss.
The disadvantage in this approach is the additional weight that an
additional transformer entails.
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Unregulated Inverter Efficiency Versus Load
The tradeoffs leading to the selection of the Voyager power con-
ditioning approach for the multiple DC lodads are summarized in
Table 4-41. The system provides regulated 50 VDC power for the con-
ditioning inverter s, communications power amplifier converters,
thermal control heaters, RCS gas heaters and flight capsule. Three
unregulated inverters are required to supply regulated (+ 2 per cent_AC
voltages at nominal frequencies of 4. 1 kc, 410 cps and 820 cps re-
spectively to the spacecraft loads. The 4. 1 kc power is further condi-
tioned by T/R units as necessary within the load equipment to provide
the required DC voltages. Each of the inverters provides power to
essential loads. Redundant units are employed in each case
to assure a high probability of mission success. To minimize system
power losses, sequential redundancy is selected in preference to
parallel operation of the inverter pairs. Switching from main to stand-
by inverters is provided by redundant sensing and control circuits to
maximize the reliability of these automatic functions.
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3.6 Battery
a. Silver-Cadmium versus Silver-Zinc Cells
In addition to initial launch to acquisition, midcourse and
injection maneuvers, the Voyager battery is required to supply power
during eclipses in Mars orbit. For the nominal case of 2000 km peri-
apsis, 20,000 km apoapsis and 45 degrees orbital inclination to the
equator, about 140 orbits will encounter eclipses during six months of
orbital operation. The number of eclipsed orbits may vary between 50
to 500 for apoapsis of 10,000 to 30,000 km.
Although nickel-cadmium batteries are well proven for long
cycle life in space, they are not acceptable for this application because
of their undesirable magnetic properties. The choice of battery type
is thus limited to silver-cadmium and silver-zinc.
The cycle life of presently available silver-zinc cells is limited
by the irreversibility of the negative electrode and by the tendency of
the cell to evolve hydrogen gas from the negative electrode, spontane-
ously and during charge. Figure 4-109 shows the relationship between
estimated cycle life and depth of discharge for both silver-zinc and
silver-cadmium cells. At the present time, the data indicate that the
maximum useful depth of discharge of sealed silver-zinc cells for cycle
life in the range of I00 to 200 cycles is between 20 and 30 per cent,
whereas depths of discharge of 80 per cent or more can be obtained using
silver -cadmium cells.
Recent work based upon the use of inorganic separators
suggests that greatly increased cycle life is achievable with silver-zinc
cells. These data are on unsealed cells of simple construction, however,
and cannot be considered representative of silver-zinc battery technology
for some time.
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Figure 4-Ii0 shows the weights of 1650 watt-hour silver-zinc
and silver-cadmium batteries as a function of the number of eclipse
cycles required, based upon the useful depth of discharge from Figure
4-109. In all cases, depth of discharge is arbitrarily limited to 90 per
cent, regardless of the number of cycles.
Based upon the nominal case, in which approximately 150
total cycles of operation are required, silver-cadmium batteries are the
preferred choice using 1965-1966 battery technology. Such a decision
is not irrevocable, however, since charge control and power system
design will be essentially unaffected by the choice of battery, except
in the selection of control parameter settings.
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b. Battery Charge Control Requirements
Many of the difficulties experienced in the design of space
power systems with silver-cadmium batteries are created by the pro-
blem of reliable battery operation with currently available charge con-
trol systems. The most critical properties of the silver-cadmium
system which affect charge control methods are illustrated below:
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Figure 4-111 shows typical charging curves and the effect of
temperature upon cell voltages at constant current. Two features of
the curves are significant. The peak voltage which occurs between
first and second plateau presents a false indication of full charge if
cell voltage is used as an indicator of full charge. This peak varies as
a function of current and of temperature (Figure 4-112). Since gas
generation tends to occur if charging is continued on beyond the second
plateau, it is desirable to terminate the charge at, or near, the be-
ginning of the rise in voltage from the second plateau. This requires
compensation for temperature of the limiting voltage at which the charge
controller is set. The compensation curve is that shown in Figure 4-113,
and is valid only for the C/10 charge rate.
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By use of temperature compensation of voltage, it is possible to
prevent premature failure of the cells due to overcharging and gas
generation. It is clear from Figures 4-I14 and 4-115 however, that
the performance of the cell suffers greatly at the lower temperature and
that it is not possible to achieve full capacity at the low temperatures
even with temperature compensation of voltage. Thus, excess capacity
must be installed unless battery operation can be maintained within a
narrow temperature band between 70 and 100°F.
Pressure measurements made at TRW on silver-cadmium cells
show that pressure rise occurs simultaneously with cell voltage rise
so that a voltage limiting method can be effectively used to control
internal pressure buildup.
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A major problem in charge control by measurement of total
battery voltages is the tendency of the battery cells to deviate from one
another in time of occurrence of the various voltage steps. Deviation
increases as the battery ages. This can result in a loss of control and
overpressure of one or more cells and premature battery failure. Cell
tests have demonstrated the capability for 8000 plus cycles of operation
at 30 per cent depth of discharge, whereas battery cycle life has been
found to be 800 to 1200 cycles at 30 per cent depth of discharge in a
90-minute orbit. Based on this, the estimated equivalent life, at 95 per cent
depth of discharge using cell level controls is approximately 500 cycles, and
less than i00 cycles using battery level controls.
The optimum charge control system for silver-cadmium
batteries is as follows:
I) Charge at constant current or full source output
(not in excess of C/5), until the terminal voltage
of any cell in the pack reaches a value between
i. 50 and I. 60 volts which is a function of
current and temperature.
Z) Terminate charge until the cell voltage falls to a
level approximately 100-my below the charge
termination level.
3) Resume charge. Cycle between 1 and 2.
4) If the battery temperature is above ll0°F, do not
charge.
The selected charge control system to implement these require-
ments for Voyager is discussed in Section 3. 7.
c. Battery Design
Since loss of power during maneuvers constitutes a mission
failure, redundant batteries are necessary for Voyager.
In normal operation, all loads are shared by two silver-cad-
mium batteries. With a 50-volt bus and a peak charge voltage per cell
of I. 6 volts, a 30-celi battery permits use of a simple dissipative current
I
I
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limiter for charge control. The average discharge voltage per cell is
1. 1 volt, and the average discharge voltage for a 30-cell battery is
33 volts. A boosting voltage regulator is therefore required for battery
discharge to maintain the 50-volt bus level.
The most critical design requirement is that each of the two
batteries must be capable of supplying the essential loads if the other
one fails. Examination of the load profile reveals that the maximum
eclipse orbit (Z. 3 hours duration) requires the highest energy storage.
The essential load is Z6_ watts of battery discharge power,
with science and reaction gas heater loads turned off. The discharge
energy required is then 601 watt-hours. Allowing a maximum depth
of discharge of 95 per cent, the required capacity per battery is there-
fore 633 watt-hours. The expected minimum Voyager battery tempera-
ture is 50°F. From Figure 4-114, a representative loss in capacity
is 22 per cent below that of room temperature. The installed battery
energy requirement is then 633/0.78 or 811 watt-hours. The corre-
sponding capacity at 33 volts is 24. 6 ampere-hours. The total installed
capacity in the two batteries is therefore 50 ampere-hours, or 1650
watt ,hour s.
The normal depth of discharge under various battery discharge
conditions and maximum load are given in Table 4-42. The depth of
discharge numbers are for two batteries.
Table 4-4Z. Normal Depth of Discharge
(maximum load)
Phase
Batter y Batter y De pth of Appr oximate
Power Energy Discharge No. of
(watts) (watt-hour) (per cent) Cycles
Launch 225 340 21 1
Midcourse
402 804 49 4Maneuve r s
Injection
Maneuver 393 786 48 1
Orbital
408 9 40 57 140Eclipses
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The estimated size and weight for each 25 ampere-hour, 30-
cell battery are:
Dimensions - 6 x 4 x 30 inches
Weight - 40.2 pounds.
d. Conclusions
The basic battery cell selected for Voyager is a 25 ampere-
hour sealed silver-cadmium cell. A total of 60 cells are used, divided
into two identical batteries of 30 cells each. The total capacity is 50
ampere-hours, or 1650 watt-hours at an average battery discharge
voltage of 33 volts. Battery temperature will be maintained between
50 and 90°F.
This battery design satisfies all spacecraft load requirements
including:
• Launch to sun acquisition phase
• Midcourse and injection maneuver phases
• Eclipses during Martian orbits
• Various load peaks in excess of solar array
capability.
In the event of a battery failure, the remaining unit is capable
of supplying essential spacecraft loads.
3.7 Battery Charge-Discharse Control
Implementation of the desired charge-discharge method can be
accomplished in several ways depending upon system bus voltage and
battery characteristics. A system with regulated bus voltage higher than
battery end of charge voltage will require a bucking regulator between
bus and battery on charge and a boosting regulator between the battery and
bus on discharge. A system with bus voltage lower than battery end of
charge voltage will require a boost regulator for charging and a buck or
buck-boost regulator for discharge depending upon whether battery end
of discharge voltage is higher or lower than bus voltage. Both approaches
are considered in the power subsystem comparisons covered in Section 3.2.2.
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For either type system, constant current battery charging to an
upper voltage limit is desired. Upon reaching this upper voltage limit,
which must be compensated for battery temperature, the charge current
is to be reduced to zero until the battery voltage decays to a preset
lower voltage, at which time the charge current is resumed at a constant
rate and the cycle repeats. This operation is depicted in Figure 4-116.
Outputs from a single cell level charge control (Figure 4-117} are
utilized to switch the charge regulator on or off. Current feedback is
utilized in the charge regulator to limit maximum battery current when
charging. An input signal from the solar array regulator controls the
charge regulator to assure that the bus voltage regulation and the load
requirements are satisfied before battery charging can occur. In
effect, this forces load requirements to be supplied before battery
charging utilizes any available excess array power. A similar battery
control method has been designed, built, and successfully tested at TRW.
An additional signal from the solar array regulator will control
the discharge regulator. Derivation of these charge and discharge regu-
lation signals from the solar array regulator allows a single reference
and high-gain amplifier to regulate bus voltage both during charge and
discharge. This prevents drift of regulation levels which could cause
the discharge regulator to turn on while the array is being regulated.
The solar array regulator can be made highly redundant through the
use of majority voting logic or similar redundancy techniques.
a, Battery Charge Culitrol
Based upon the battery charge control requirements defined
in Section 3. 6, a study was made of the relative applicability of cell and
battery level controls. Table 4-43 shows the results of such a study.
Figure 4-I18 is included to help visualize the TRW concept
of proper battery control. The diagram is essentially a logic diagram
of the desired sequence of charge and discharge. The charge control
system recently developed and presently in operation at TRW is capable
of accomplishing all of the solid-line functions shown. The new
":"This page contains information proprietary to TRW, Inc. and shall not be
reproduced or disclosed to others without the prior written permission of
TRW, Inc.
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Table 4-43. Comparison of Cell Level and Battery
Level Controls
Cell Level Battery Level
Expected cycle life at used depth
of discharge
Weight differential
(due to lower depth of discharge)
Cost differential (development)
Reliability(see analysis below)
500 at 150 at
95 per cent 84 per cent
$50,000
0.999
+4 ib/batter y
0.99
Maximum eclipse, one battery failed
technology developed consists primarily of the mechanism for controlling
and sensing a cell voltage limit which is pre-adjusted to match the
voltage versus temperature characteristics of the cell. In addition,
it includes charge-rate feedback which adjusts the voltage/temperature
characteristics of the cell sensor to compensate for charge-rate, thus
making it possible to maximize recharge rates and capacity for short-
orbit applications and still protect the cell during long-period non-
eclipse seasons which are typically encountered in space. It is antici-
pated that the stabistor presently being developed would fill the require-
ments for the dotted-line bypass functions shown in the logic diagram and
would act as a primary backup protection of this design. The present
development of the charge-rate feedback is directly applicable to silver-
cadmium batteries. From the test results gathered under silver-
cadmium cell study programs and from the OGO program, it is apparent
that the feedback device will be required to operate a silver-cadmium
battery properly.
"CThis page contains information proprietary to TRW, Inc. and shall not be
reproduced or disclosed to others without the prior written permission
of TRW, Inc.
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In Figure 4-i18 the means have been provided to develop a
technical concept of charge control for secondary space batteries.
Further, TRW has explored the requirements involved for charging
batteries in large cell groups over long-life periods without damaging
the cells. Typical operation in the past has involved a battery level
constant voltage, or modified constant voltage, charge control scheme
which operates at the level of the average cell. Typical failures which
have been occurring using these charge schemes are low capacity, cell
overpressure resulting in battery rupture, and excessive temperature
and gassing.
In examining battery operation, it is found that a typical
battery cell has four main control variations: l) voltage, 2) pressure,
3) temperature, and 4) charge rate. A fifth parameter, primarily pro-
tective in nature, is to limit the cell minimum voltage to prevent reverse
charging for extended periods of time. The system provides a means of
controlling these parameters. Control is accomplished with very low
power dis sipation and with temperature-adjusted voltage control to
match the performance characteristics of the cell. The basic concept
is to operate the battery in a manner which protects the weakest cell
rather than present schemes which operate the battery around a cell-
average or attempt to operate the battery as a series of completely
independent cell elements. Since the weakest cell ultimately determines
the battery capacity and, when not protected adequately, ultimately
destroys the battery, a cell-level sensing system is desired. This
concept will also protect the battery from overcharge in event of m_u!ti-
ple cell shorts as a byproduct. Figure 4-119 is a schematic diagram
outlining the system.
These investigations have developed a cell voltage detector,
suitable for use on silver-cadmium systems, which contains the
temperature-voltage characteristic of the C/10 charge rate. The device
weighs 2.2 grams per cell and has a computed reliability in excess of
0. 999 for a 30-cell battery
This page contains information proprietary to TRW, Inc. and shall not be
reproduced or disclosed to others without the prior written permission
of TRW, Inc.
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system. TRW is now in the process of developing the charge-rate
adjustment which will shift the voltage level settings, as a function of
temperature, along the charge rate. Such correction is very important
for the silver-cadmium system. The refinement is now in the advanced
design stage and will be breadboarded in the fall of 1965. Preliminary
tests have indicated excellent results in cycling cells in this manner.
An additional development which has been undertaken and has
been carried through to a working breadboard level is a temperature
limit switch with a deadband of less than l°F. The switch, microminia-
turized and mounted anywhere within a battery, is an additional fail-
safe device required to operate the battery in a space vehicle.
_c
'This page contains information proprietary to TRW, Inc. and shall not
be reproduced or disclosed to others without the prior written
permission of TRW, Inc.
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The cell level voltage sensors, while undeniably more com-
plex functionally, may be made inherently highly reliable by utilizing
more than one sensor output to control the series charging element.
Two failure modes are possible, If the sensor fails so as to provide
no indication of full charge when the cell is actually fully charged, one
half of the sensors must fail in order to reduce the sensitivity of control
to that of the battery level control. If the sensor fails so as to give a
false indication of full charge, battery charge will terminate. By re-
quiring that three such failures occur before terminating battery charge,
the reliability of the system is increased to better than . 999, while the
sensitivity is maintained at 5 times that of the battery level charge control.
Failure rates are reduced by use of a hybrid integrated
circuit on a single clip, with only three terminals, and by use of
extremely low power levels.
b. Boost Regulator
A battery control consisting of a variable voltage boost
arrangement can be utilized to regulate either battery charging or dis-
charging. Two possible configurations for this type of regulator are
illustrated in Figure 4-120 and Figure 4-121. In Figure 4-120 the
output of a regulated DC-to-DC converter is added to the battery vol-
tage prior to filtering such that the average output is equal to the de-
sired bus level. In Figure 4-121 a switching shunt-type booster circuit
is depicted which achieves the same result. The latter approach is
somewhat !es_ complex than that of Figure 4-120. Characteristics
relating efficiency, input voltage and power level for the switching
boost regulator are shown in Figures 4-122 and 4-123. In Figure 4-122
the efficiency for a 400-watt regulator as function of input voltage is
illustrated. Efficiency variation with power level is very small for
these boost schemes as most of the losses are directly proportional to
output level. Figure 4-123 shows the efficiency variation with load for
a typical unit.
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SECTION V. MECHANICAL SUBSYSTEMS TRADEOFFS
I. STRUCTURE
Structural design studies were divided into two interacting phases.
The first was to investigate each of the proposed configurations to insure
that they satisfied all structural requirements with respect to the selec-
tion of materials, the compatibility of the structure with other subsys-
tems, continuity of structure, accessibility, direct load paths, and opti-
mum support paths for large mass items. The second phase consisted
of a series of tradeoff studies of individual structural components with
respect to strength, dynamics, weights, manufacturing, and cost. The
first set of studies is discussed in Sections 1. 1 and 1. 2. Section 1.3 pre-
sents the results of the individual tradeoff studies and recommends design.
1. 1 Alternate Structural Configurations
Structural designs were generated for six separate configurations,
identified as Configuration A-i, A-Z, A-3, B-i, B-Z, and C-2. The
configurations differ in several major areas, each having a definite effect
on the structural design. The Configuration A series represents an
evolutionary set based upon the use of a solid propellant engine for main
deboost and monopropellant vernier engine for midcourse and orbital
trim maneuvers. This series uses a fixed solar array and nominal sun/
canopus orientation. The final selected configuration (presented in Vol-
ume Z) is A-3. The Configuration B series is sirni!ar except that a
single bipropellant engine is used for all maneuvers. The Configuration
C series represents a significant departure from the Mariner concept.
It involves an earth/canopus nominal orientation, a large fixed disk for
high data rate communication and deployable solar panels. Like series
A, it uses a solid rocket and a monopropellant vernier. The comparison
and selection process among these series is discussed in Volume 4.
The liquid propellant subsystem of all configurations is designed
on a modular concept so that it can be separated for installation and test.
Another basic consideration is the location of equipment within the space-
cr-_ft. The dash-i configurations utilize a separate, cantilevered equip-
ment compartment. All other configurations incorporate the equipment
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subsection into the basic load-carrying frame. The final item having a
major effect on structural design is the solar array. Three array ap-
proaches were studied i) the array rigidly attached to the spacecraft
with integral array and support, Z) rigidly attached supports to which the_
solar array is attached, and 3) deployable panels mounted at the edge of
a fixed antenna (Configuration C only).
The hexagonal arrangement of side panels, as used in Configuration
A and C, is preferred over an octagonal arrangement as used in Configura-
tion B because of weight, cost, and greater simplicity. The bipropellant
tankage requirements and space availability for Configuration B dictated
the octagonal arrangement. There are four propellant tanks, two pres-
surant tanks and two attitude control gas tanks symmetrically arranged
about the spacecraft axis.
I. i. i Configuration A-I
Configuration A-I is composed of four major subassemblies: basic
bus structure, the solid propellant engine support structure, the bus-to-
Centaur interstage structure, and the solar panels. The interstage struc-
ture also contains the midcourse monopropellant propulsion system. By
this breakdown, the four subassemblies can each proceed independently
through assembly, installation, and test; the midcourse propulsion sub-
system can be test fired before it is joined to the bus structure subassem-
bly. The general structural arrangement is shown in Figure 5-i. The
basic bus structure consists of a hexagonal frame plus an inner 80-inch
diameter cylinder. The hexagonal frame is constructed of axial members
with frames, top and bottom, made of 7075-T73 angles with tee extrusions
of 7075-T73 at the corners. Diagonal struts run from the lower corners
at Station 23 to the inner cylinder at Station 59. Top, bottom, and sides
have 7075-T6 aluminum honeycomb panels with a l-inch aluminum truss-
grid core and 0. 0g5-inch face sheets. The truss-grid core is used be-
cause of its superior meteoroid protection characteristics, as discussed
in Section i of Appendix C. All panels are bolted to the frame and are
removable for access. The outer panels are the mounting surfaces for
the electronic subsystems and the thermal control louvers. Semimono-
coque skin and stringer construction is used for the inner cylinder. It is
made of 7075-T6 skin and hat section stringers. This unit serves as the
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load path for all flight capsule, bus, and solid-propellant en_ ae loads.
Ring members at the top and bottom provide for attachment of the flight
capsule, engine support cone, and the interstage structure.
Support for the solid-propellant engine is provided by a conical
structure which is permanently jointed to the cylindrical member of the
bus at Station 59. Construction employs 7075-T6 aluminum skin and hat
section stringers. The fiber glass attach angle at the lower end of the
cone provides for attachment of the motor. Fiber glass is used to reduce
heat conduction to the spacecraft. A 1-inch honeycomb panel, 80-inch
diameter with a cutout on the centerline for the engine nozzle similar in
construction to the bus structure subassembly is located at Station 59 to
provide meteoroid protection for the motor and backside of the bus struc-
ture subassembly.
A conical interstage module is located between Stations 0 and 23.
The module is 120-inch diameter at the aft end to match the Centaur's
interstage and tapers to 80-inch diameter where it joins the bus. It con-
sists of l-inch thick truss-grid honeycomb panels, ring frames top and
bottom, and six 7075-T73 stringers which serve as the attach points to
the Centaur inter stage. A 1-inchtruss-grid panel 120 inch in diameter
attaches to the ring frame at Station 0. This member provides meteoroid
protection and serves as a mounting base for the midcourse propellant
engine. Six radial beams also attach to the engine support cone. The
propellant, pressurization, and attitude control tanks are supported on
a ring frame with a conical flange cradling the tank. Four straps at
90-degree spacing go over the tank and secure it to the frame. The ring
frame is attached to the six interstage stringers at Stations 0 and 18 by
a tubular truss structure.
All tanks are spherical, fabricated by welding two forged hemis-
pheres, All bosses and lugs are integrally machined into the tank wall.
The propellant tanks are made of 6AL-4V titanium heat-treated to 165,000
psi maximum yield strength. The propellant pressurization tanks are
made of the same material, annealed.
The solar array, consisting of the basic panel and supporting struc-
ture, is a circular disk with a 234-inch OD and circular inner edge that
matches the interstage structure. The panel is divided into six equal
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segments. Panels are constructed of 1-inch thick honeycomb panels
with a standard aluminum honeycomb core and 0. 010-inch 7075-T6 skins.
The panels mount to fiber glass attach angles at the interstage joint. The
panels attach to six radial aluminum I-beams which mount to the inter-
stage and are supported by ahminum tubular truss members that run
from the outer edge of the panels to the six corners of the basic bus at
Station 59.
The high gain antenna and planet oriented package are supported by
a truss structure witha horizontalmember attaching to the solar array
and two tubes running from the hinge point to the outer corner of the bus
at Station 59.
1. 1. 2 Configuration B-1
The generalarrangement of Configuration B-1 is similar to that of
ConfigurationA-1. It is composed of three subassemblies: 1) the basic
bus structure, 2) the propulsion subsystem, and 3) the solar panels. In
this configuration, the propulsion subsystem contains the complete hi-
propellant subsystem which is used for both midcourse and orbital injec-
tion. The general structure arrangement is shown in Figure 5-2.
The bus structure consists of an octagonal equipment bayphs an
inner conical structure. The octagonalframe is constructed of axial
members with frames at Stations 13 and 50 made from 7075-T73 angle
extrusions. The tees at the corners are also made from 7075-T73 ex-
trusions. Tubular struts run from the outboard corners at Station 13 to
the conical structure at Station 50. The top, bottom, and outer sides of
the bus structure are covered with load-carrying honeycomb panets con-
structed of 1-inch aluminum truss-grid core with 0. 025-inch 7075-T6
aluminum faces. All panels are bolted to the frame and can be removed
for access. These panels serve as mounting surfaces for the electronic
subassemblies, are part of the thermalcontrol subsystem, and provide
meteoroid protection. The conical structure is the main load-carrying
member for the bus load, flight capsule, and the propulsion subsystem.
It consists of eight main members which are the main load points at both
the flight capsule and Centaur interfaces. Ring frames are located at
Stations 0 and 59. The cone is a combination of skin and stringer con-
struction in the bus area and honeycomb panels above and below the bus.
These panels have the same construction as the bus panels.
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The propellant subsystem structure is in the form of a truncated
cone that runs from Station 59 to 9. It is of semimonocoque construction
with 7075-T 6 skin and stringers. Four large hat section stringers are
placed to accept the engine actuation system. At the lower end of the
cone, a second smaller cone runs up to Station 23 to provide the mounting
surface for the engine support struts. The four propellant tanks mount
to the main propulsion cone. Holes are cut in the cone to accept the tanks,
and support is provided by a support ring and four tension strap members.
The pressurization tanks and attitude control gas tanks mount from sup-
port cones on the outside of the propulsion cone and are also retained by
straps. A flat cone-shaped honeycomb panel is located between the basic
bus frame at Station 0 and the base of the propulsion system support cone
to provide a meteoroid protection member across the aft end of the space-
craft. It is a i-inch thick aluminum honeycomb truss-grid panel.
The solar array consists of the basic panel and supporting structure.
The array is a circular disk with a 234-inch OD and a circular inner edge
that matches the bus structure. The panel is divided into six equal seg-
ments made of l-inch aluminum honeycomb core and 0. 010-inch 7075-T6
skins. The segments mount to the bus with fiber glass angles. Radial
support members run from the bus to the outer edge of the array and pro-
vide panel mounting along these edges; aluminum tubular members run
from the outer edge of the panel at these points to the upper corners of
the bus. Additional horizontal support members run from the outer end
of one panel support member to the end of the next and support the panel
near its outer edge.
The high gain antenna and the POP are supported in the same man-
ner as on Configuration A-I.
i. i. 3 Configuration A-2
The major modification between Configurations A-I and A-Z is the
incorporation of the equipment mounting panels as part of the main struc-
ture. Configuration A-Z also consists of three major subassemblies:
i) the basic bus structure, including the engine support structure for the
solid-propellant motor; 2) the midcourse propellant subassembly; and 3)
the solar array. This design allows the same modular assembly and test
sequence as the preceding two configurations. The general structural
arrangement is shown in Figure 5-3.
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The basic bus structure is a hexagonal truncated pyramid. The
hexagonal frame is constructed of axial members with frames at Stations
i8 and 59 and is made of 7075-T6 channels. Six _-section corner mem-
bers machined from 7075-T73 run from the lander attach point to the pro-
pulsion subassembly joint at Station 18. These members carry all the
vertical loads of the bus, propulsion subsystem, and flight capsule. The
side panels serve as mounting panels for all electronic subsystems and
provide meteoroid protection, a thermal heat sink, and the basic shear
path of the structure. The panels are made of l-inch thick aluminum
truss-grid honeycomb core with 7075-T6 aluminum skins. Extruded
rails are attached to the backside of the panels to serve as the actual
mounting surface for the electronic equipment. All panels are bolted on
four sides to the frame with a hinge along the lower edge to facilitate
maintenance. The top of the bus is covered with a panel similar to those
used on the sides.
The solid propellant motor-support structure is a permanent part
of the equipment module. It consists of a motor mount ring at Station Z4.
Six tubular support members run from the ring to the corners of the bus
at Station 59 and carry the boost and thrust loads of the motor. Eighteen
horizontal tubes form a truss between the motor mount ring and the frame
of the bus at Station 18. They take all side and torsional loads.
The midcourse propulsion subassembly is attached at the Station 18
field joint with six bolts at the six major vertical members. The outer
structure of this module is identical to that used in the equipment module.
A 120-inch diameter flat circular disk closes off the aft end of the sub-
assembly and provides the meteoroid protection. It is of the same sand-
wich construction as all other panels. Six radial beams run along the top
of this panel to the centerline when they support the midcourse propellant
engine-mount structure. The two propellant tanks, the pressurization
tank, and the two attitude-control tanks are mounted in conical support
rings which are mounted to the structure by a tubular truss which runs to
the corner of the module at Stations 0 and 18. Tension straps hold the
tank to the support ring. All tanks are made from 6AL-4V titanium forged
hemispheres welded together. All bosses and ports are integrally ma-
chined into the tank walls. The propellant tanks are of 165,000-psi
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titanium and the pressurization tanks are annealed titanium. The solar
array is the same as that used on Configuration A-I, as is the antenna and
POP support structure. However, support members for the array run up
to the bus at Station 18.
i. i. 4 Configuration A-3
Configuration A-3, the selected configuration described in Volume 2,
is a refinement of Configuration A-2. Many of the structural concepts and
designs are identical. The general structural arrangement is shown in
Figure 5-4. The three-module concept of Configuration A-2 is also used
on this configuration.
The basic bus structure and geometry are essentially the same as
that used in Configuration A-2. The major change is the elimination of
the field joint at Station 18 and the incorporation of the midcourse pro-
pulsion module with the aft panel at Station i. The corner members are
continuous from Station 0 to 59 and the side panels run from Station 4 to
59. This change, which permits a cleaner bus design, is the result of
two other modifications. First, the solar panel, POP, and antenna sup-
port structure was revised to accommodate new POP and antenna locations.
In so doing, the support struts were carried up to Station 59, which re-
quires a single unit bus module if the array is to be installed before the
propulsion module is assembled to the spacecraft. The second change
was to mount the propulsion module on the Station i panel to allow the
single unit bus construction. The top panel of the bus was changed from
L1uli=y_om_ _=**_,-_Iov_r',_¢_g11,-_t_o__.......... A-2 to a lighter_ beaded single sheet.
This was done on the basis that the flight capsule will provide meteoroid
protection until separation and that the single skin panel in conjunction
with the motor support cone and burned out motor case will provide a
Whipple shield meteoroid barrier in Mars orbit.
The solid-propellant motor support structure is a permanent part
of the equipment module. It is a semimonocoque truncated cone, of
7075-T6 aluminum skin and hat section stringer design. A fiber
glass attach angle is provided at the lower end of the cone for attachment
of the motor. Fiber glass is used to reduce heat conduction to the space-
craft during and immediately after solid propellant engine firing. Six of
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stringers will carry the engine loads into the six-corner frame members
at Station 58. The design was changed from Configuration A-Z to provide
a more uniform support load into the motor case.
The midcourse propulsion subassembly consists of a horizontal
panel at Station i and tank support structure. The hexagonal panel is
120 inches across the corners and attaches to the bus lower frame with
an interchangeable bolt pattern. Sandwich construction is used for the
panel. It has a I. 5-inch thick aluminum truss-grid core with 0. 0Z5-inch
7075-T6 skins. The i. 5-incbface spacing provides optimum meteoroid
protection versus weight (see Section l.g. i), and gives added stiffness
to the panel. Two combined propellant-pressurization tanks and two
attitude-control tanks are mounted to the panel, resting on a horizontal
cone-shaped flange on the support frame. Two straps separated by 90 de-
grees go across the top of the tank and attach to the base of the tank sup-
port structure with tensioning devices. The midcourse engine mounts to
a support structure loacted on the centerline of the panel.
The solar array consists of thelSasic panel and the supporting struc-
ture. The array is in the form of a flat panel with a IZ-sided outer edge
and an inner edge that matches the shape of the basic bus. The panel is
divided into six identical units. Construction is identical to Configuration
A-Z. The panels mount to fiber glass angles on the basic bus. Fiber
glass is used to aid thermal control between the panels and the basic bus.
Six horizontal radial beams run fror_i the corners of the bus to support the
edges of the solar panels. Additional support members run from the end
of each beam to the end of each adjacent beam. Vertical loads are car-
ried by tubular struts running from the ends of the horizontal support
members to the corners of the bus at Station 59.
The high-gain antenna and POP support will be combined with the
solar panel support structure.
i. i. 5 Configuration B-Z
The major modification between Configurations B-I and B-2 is the
incorporation of the equipment panels as part of the main structure. Con-
figuration B-Z is a three-module design including: i) the basic bus struc-
ture, 2) the propulsion subassembly, and 3) the solar array. The general
structural arrangement is shown in Figure 5-5.
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The basic bus is an octagonal truncated pyramid. The frame is
constructed of axial members with channel frames at Station 0 and 59.
Eight w section stringers run down the corners of the bus from Station 59
to 0 and carry all vertical loads of the flight capsule, engine subsystem,
and spacecraft equipment. They are machined Tr-section members ot
7075-T73 aluminum and provide the attach points for both the flight cap-
sule and the Centaur. The side panels provide the mounting surface for
all the electronic components. They are i-inch thick honeycomb panels
with 0.25-inch 7075-T6 aluminum faces and an aluminum truss-grid core.
They are screwed to the frame on all four sides and can be removed for
maintenance of the electronic equipment. The top of the bus is also
covered with a panel of the same construction as the side panels.
The bipropellant subassembly support structure forms a square
truncated pyramid. The corner members are machined stringers with
integral end fittings and are made from 7075-T73. These members bolt
to four of the eight bus corner members at Station 59. The propellant
tanks have four mounting lugs per tank that bolt to these members. Shear
panels cover the sides of the support structure above, and below the tanks.
The attitude control tanks amount inside the support structure in the cor-
ners. Tank construction and material are the same as for the other
configurations. A four-bar linkage mounts to the bottom of the pyramid
to support the engine at Station 15.
The solar array, antenna support, and POP support are the same
as for Configuration A-2.
i.i.6 Configuration C-2
Configuration C-2 is characterized by earth/canopus orientation, a
large fixed disk, a small single gimbal auxiliary disk, a deployable solar
array, and a single gimbal POP. It is a four-module configuration con-
sisting of the basic bus structure, the propulsion system, a Centaur-to-
spacecraft interstage, and deployable solar panels. As with the earlier
configurations, it is modularized to enable parallel installation and test
operations. The general structural arrangement is shown in Figure 5-6.
The basic module is hexagonal, truncated pyramid that runs from
Station 18 to 59. The frame is constructed of axial members with channel
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frames at Stations 18 and 59. Six _-section machined corner members
run from the flight capsule attach point to the fixed antenna and are made
of 7075-T73 material. These members carry all the vertical loads. The
side panels serve as mounting panels for all electronic subsystems and
provide meteoroid protection, a thermal heat sink, and the basic shear
path of the structure. The panels are made of l-inch thick aluminum
truss-grid honeycomb core with 0. 0Z5-inch 7075-T6 aluminum face
sheets. Extruded I-sections are attached to the back of the panels to
serve as the mounting surface for all electronic components. All panels
are bolted on all four sides to the bus frame with a hinge along the lower
edge to facilitate maintenance. The top of the bus is also covered with
a honeycomb panel the same as on the sides. The fixed antenna provides
meteoroid protection on the lower face of the bus.
The propulsion subassembly consists of a truncated cone that runs
from Station 59 to 22. It is of semimonocoque construction with 7075-T6
skin and stringers. Six main stringers bolt to the bus structure at Sta-
tion 59. Attachment to the solid motor is through a fiber glass attach
angle. The monopropellant and pressurization tanks mount between the
cone and the engine bell. A conical support flange mounted to the thrust
cone supports the tank. Straps hold the tank to the support cone.
The interstage structure is a semimonocoque truncated cone, run-
ning from the Centaur interface to the bus at the antenna surface, with
six hard points on both interfaces and stringers running in between. The
separation plane is at the aft surface of the antenna. Cutoufs are pro-
vided to clear the antenna horn A-frame.
Ten deployable rectangular solar panels, approximately 4x6 feet
are located around the periphery of the fixed antenna. They are made of
l-inch thick aluminum honeycomb with 0. 010-inch 7075-T6 faces and a
hexcel aluminum core. The support beam runs down the center of the
panel and forks into two legs which end at the hinges along the inboard
edge of the panel.
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1. 2 Configuration Evaluation and Conclusions
1.2. 1 Design
Accessibility to the equipment bays is essentially the same for all of
the configurations just described, but the area available for mounting equip-
ment varies. Configuration A-3 has the greatest area; the full panel height
from Stations 4 to 58 is usable for equipment. The minimum amount of
area for equipment mounting is provided by Configuration C-2.
Although Configurations A- 1 and B- 1 have ample mounting areas,
they require a more complex structural arrangement and a heavier con-
figuration than the others since they are successful in achieving efficient
multiple-purpose structure members. The equipment-mounting panels of
Configurations A-Z, A-B, B-2, and C-Z also act as meteoroid protection,
heat sinks for the thermal control system, and as shear carrying struc-
ture for the vehicle loads.
The B configurations, with their liquid bipropellant subsystem, re-
sult in a design with four propellant tanks, two pressurization tanks, and
two attitude control tanks. In contrast, the solid-motor configurations
have only two propellant and one pressurization tank for the midcourse
course correction engine, plus the same two attitude control tanks. In
addition, the requirement for a modularized propulsion system with all
tanks mounted on the thrust structure results in a tank arrangement that
is difficult to support, and it is difficult to minimize tank restraints with
this arrangement. The propulsion support method for Cordiguration A-3
seems to be the simplest, _vith a conical support for the solid a_id ..... t ,t
monopropellant tanks all mounted to the horizontal base at Station 1.
When the basic bus structure is evaluated, the criteria used are the
achievement of direct load paths and minimum number of units. Configura-
tion A- I with the separate equipment mounting structure and both the
manufacturing joint and break in the direction of the primary load path,
appears the least desirable. Configuration B-1 has a single unit basic
frame with straight members from the flight capsule to the booster; how-
ever, it retains the complexity of the added equipment mounting frame.
The simplest frames are those on Configurations B-2 and A-3, where a
straight load path exists from flight capsule to booster, with no joints.
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Co,diguralion A-2 has the direct load path but has the complexity of an
interchangeable joint design at Station 18.
Thus. Configuration A-3, with its direct load paths, single unit
frame with n_ultipurpose structure, offers the best over-all structural
design.
1. 2. 2 Strength Analysis
The strength analysis in the Voyager Phase IA study had three goals:
1) to insure structural integrity of all designs, 2) to provide a sound basis
for structural weight calculations, and 3) to provide data for the selection
of structural component design and materials. The scope and level of
detail of the analysis is shown in Appendix C. The techniques used and
the assumptions made are either well-established concepts in structural
analysis, or conservative in nature. Material properties were obtained
mainly from "Metallic Materials and Elements for Flight Vehicle Struc-
ture" (MIL-HDBK-5 August 1962, with 1 May 1964 Revision Insert).
Where needed information, such as creep data for titanium tankage, was
not contained in MIL-HDBK-5, sources such as data published by the
Titanium Corporation of America and the Battelle Memorial Institute
were used.
The criteria used to analyze all structural concepts were specified
in the JPL "Preliminary Voyager 1971 Mission SpecificationS' i May 1965.
The elements of this specification directly applicable to structure analy-
sis include the two general structure factors of safety: i) ultimate factor
of safety = I. 25 and Z) yield factor of safety = i.00. Table 5-i shows
the flight loading conditions specified.
Table 5-I. Flight Loading Conditions
Condition
i
Z
3
4
Static
Lon$itudinal
G
Lateral
G
1
1
0
0
Lonsitudinal
o-peak
G
0.8
1.2
1.6
1.6
Dynami c
Lateral
o-peak
G
0.5
0.75
1.0
0
Torsion
o-peak
2
rad/sec
0
6O
6O
0
l
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Using these criteria combined in the same manner specified, the
major structural members of Voyager Configurations A-l, A-2, A-3,
B-l, and B-2 were analyzed. Tables 5-2 through 5-6 list members,
their critical load and condition (Table 5-I), and their margins of safety.
Structural members were sized on the basis of the strength analy-
sis in conjunction with meteoroid protection, dynamic analyses, and
thermal and packaging requirements. Table 5-7 lists the structural
weights computed for each configuration.
I. 2. 3 Dynamic Analyses
a. Critical Conditions
Critical spacecraft dynamic loading conditions and methods of
handling these conditions are discussed in the following paragraphs.
Compression Modes. Gross vehicle and spacecraft longitudinal
modes of vibration will be excited by structural/propulsion system inter-
actions at ignition and staging shocks. Spacecraft structure is designed to
have natural frequencies above those of the compression modes to pre-
clude excessive spacecraft dynamic loading. The exception is in the case
of solar panels. These are designed for allowable deflection, and base-
line configuration of the solar panels has been shown to have adequate
stiffness to meet these requirements.
Bendin_ Modes. Gross vehicle and spacecraft bending modes
of vibra_on may be excited through coupling with the compression modes
or by transient wind loads. Spacecraft structure is designed to have
natural frequencies above those of the bending modes to preclude coupling
of spacecraft major resonances with those of the launch vehicle.
Broadband Random Noise. Reflected rocket exhaust acoustical
noise and max-q turbulent boundary layer pressure fluctuations will
cause maximum over-all sound pressure level at the spacecraft of 142 db.
The thermal louver, susceptible to acoustic loads because of its large
surface area and thin wall blades, is the only critical item on the space-
craft in this respect. During Phase IB, the candidate louvers will be in-
vestigated both analytically and by development acoustic tests to insure
that acoustically induced failures will not occur.
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Table 5-2. Margins of Safety for Configuration A-I
Margins of
Iten_ De sc ription Load Safety
Solid Motor
Thrust Cone
0. 032x2219 - T62
aluminum monocoque
Spacecraft
Support
Cylinder
0. 032x 6AL-4V
titanium annealed
monocoque
16 stringers x0.020x
7075-T6 with 0. 020 x
7075-T6 skin and a
frame at midplane
0. 100x7075-T6
aluminum
monocoque
0. 040x7075-T6
aluminum stringer s
at i0.2-in, spacing
and 0.032x7075-T6
aluminum skin and a
frame at midplane
Honeycomb I/2-in. -
thick x 0. 020 x7075-
T6 aluminum faces
with core; 6 total
panels with 7075-T6
extrusion splice
members
Splice member
Spacecraft
Support Cone
Honeycomb 5/8 in.-
thickx 0. 025 x7075-
T6 aluminum faces
with 3. 1 ib/ft 3
aluminum core; 6
total panels
Solar Panel
Support Strut
I. 0 in. ODx0. 025 in.
wall 7075- T6 alumi-
num tube
Equipment
Compartment
Support Strut
1. 0 in. OD x 0. 025 in.
wall
$See Section 2 of Appendix C.
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4970-ib +0. 19
Compr e s sion (stability)
Condition 4
(Table 5-1)
4970-1b +0.81
Compr e s sion (stability)
Condition 1
4970-1b +1. 12
Compr e s sion _ (crippling)
Condition 1
374-1b/in.
Compr e s sion
Condition I
374-1b/in.
Compression
Condition i
374-1b/in.
Compression
Condition i
2525 -lb
Compre s sion
Condition 1
512-1b/in.
Compression
Condition 1
81 -lb
Compr e s sion
Condition 4
762-ib
Compre s sion
Condition 4
+0. 18
(stability)
+0. 003
(crippling)
+0. 77
(stability)
+0. 16
(column)
+0.95
(stability)
+1. 04
(column)
+0. i4
(column)
Table 5-3. Margins of Safety for Configuration A_2
Item Description Load
Margins of
Safety
Solid Motor
Support
Structure
Six longitudinal load
trusses of 1.25-in.
OD tubing x 0. 028 in.
wall x 7075 - T6 alumi-
num alloy, six lateral
load trusses of 1. 00-
in. OD tubing x 0. 028-
in. wallx 7075- T6
Scalloped cone with 6
full length stringers
and 30 partial length
stringer and 0. 025x
7075-T6 clad skin
Frame
Station 59
F rame
Station 18
0. 080x7075-T6 alumi-
num extruded angle
0. 063x7075-T6 alumi-
num extruded channel
Frame
Station 0
0. 090x7075-T6 alumi-
num extruded channel
Axial Load
Member
Six column members
channel shaped with
additional flanges for
attaching honeycomb
panels
Bus Panels
Solar Panel
Support Struts
Honeycomb sandwich,
0. 025 faces and 1. 0-
LU Lct.t U _13 t,:l
7/8-in. ODx0. 028-
in. wall x 7075-T6
tubing
See Section 2 of Appendix C.
6500 lb
Condition 4
(Table 5-1)
6500 Ib
Condition 4
3670 lb
Condition 1
2725 lb
Condition 4
6080 ib
Condition 3
1 3,850 lb
Condition 1
Sized for
meteoroid
protection
203 lb
Condition 4
0.19
(stability)
0.12
(shear
buckling)
0.01
( c rippling)
0.18
(crippling)
0.12
(stability)
0.01
(stability)
0.40
(stability)
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Table 5-4. Margins of Safety for Configuration A-3
Iten] Description Load Margins ofSafety
Retroengine
Support
Structure
Frame
Station 59
Frame
Station 0
Edge
Members
Bus Panels
Honeycomb
panel bottom
Solar Panel
Scalloped cone with 6
full length stringers and
30 partial length string-
ers and 0. 025x7075-T6
clad skin
0. 060x 7075-T6 alumi-
num extruded channel
0. 080x 7075-T6 alumi-
num formed channel
Six column members,
channel shaped with re-
turn flanges for addi-
tional stiffness and for
attaching honeycomb
panels
0. 025x7075-T6 faces
with a I. 0 in. total
thickness
0. 025x7075-T6 faces
with a i. 5 in. total
thickne s s
0. 010x7075-T6 faces
with a l. 0 in. total
thickness supported by
an 0. 040x7075-T6
formed channel
6500 ib
Compr e s sxon
Condition 4
4830 ib
Compression
Condition i
2810 ib
Compression
Condition 3
1 3,850 lb
C ompre s sion
Condition 1
Sized for
meteoroid pro-
tection and
thermodynamic
requirements
Sized for
meteoroid pro-
tection and tank
mounting
stiffne s s
Condition 1
0.12
(shear
buckling)
0.27
(stability)
0. 02
(stability)
0. 007
{ stability)
0
(bending)
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Table 5-5. Margins of Safety for Configuration B-I
Iten: De s c r iption Load Margins of
Safety
Bus Support
Structure
7075-T6 aluminum skin
and stringers
Propulsion
Subassembly
Structur e
Ring frames 7075-T6
Channels
Stringers 7075-T6 hats
Engine support cone:
0. 025x 7075-T6
aluminum
$See Section 2 of Appendix C
477 lb/in.
Condition l
(Table 5-I)
3450 in. -lb
Condition 1
41,600 in. -lb
820 ib
Condition I
0
(stability)
+0. 16
(bending)
0
(bending)
High
Table 5-6. Margins of Safety for Configuration B-2 $
Item Des cription Load Margins of
Safety
Axial Load
Member
7075-T6 aluminum struts
Bus Panels Honeycomb panels l-in.
thick, 0. 025 in. 7075-
T6 faces, 3. 1 ib/ft3
core
Solar Panel
Support s
7075-T6 tubing
Propulsion
Suba ssembly
Structure
Vertical I-beams
7075-T6
Upper I-cross beams
7075-T6
Lower I-cross beams
7075-T6
Longitudinal struts
7075-T6
$See Section 2 of Appendix C
8600 ib
ultimate
Condition i
(Table 5-I)
i 490 lb
ultimate
Condition 1
13, 130 lb
ultimate
Condition 2
90 lb
ultimate
Condition 1
290 lb
Condition 1
1970 lb
Condition 1
1970 lb
Condition 1
il90 lb
Condition 1
0
(stability)
High
+0.46
(shear)
+0.08
(stability)
0
(bending)
0
(bending)
0
(bending)
0
(bending)
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Table 5-7. Structure Weights for Alternate Configurations (lbs)
A-I B-1 A-2 B-2 C-2 A-3
Structure
Meteoroid protection panels 439 449 305 319 171 274.8
Frame-work 43 57 82 78 51 76. 2
Bus inner structure 70 104 ....
Separation provisions 31 31 1 5 15 15 -**
Equipment mounting provisions 47 47 53 53 53 92. 0
Attachments and Miscellaneous
(6 per cent) __L__ __:_ 2__7 28 i_.___7 26. 6
Total = 630 688 482 493 307 469. 6
Adapter (Spacecraft-Centaur) (-) (-) (-) (-) 89 {-)
Miscellaneous Mounts
High gain antenna 8 8 6. 8 6.8 6. 8 2. 7
Planet oriented package 12 12 8. 6 8. 6 8. 6 3. 2
Magnetometer, boom and
actuator - - 8.5 8.5 8.5 8. 5
Low gain antenna - - 0. 8 0. 8 0. 8 0. 8
External science package - - 7. 5 7. 5 7. 5 2. 6
Attachments and miscellaneous
(6 per cent) - - i. 9 I. 9 I. 9 I. 2
Lander receiving antenna 0. 6
Standby antenna i. i
ACS 0.8
Total = 20 20 34. i 34. 1 34. i 2i. 5
Grand Total = 650 708 5i6. 1 527. i 430. i 491. i
** Included in Framework We.ight
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Shroud Jettison. The longitudinal shroud-splitting detonation
and circumferential separation detonation adjacent to the Centaur aft
fairing will result in a series of decaying sinusoidal accelerations trans-
mitted through the spacecraft in the radial and longitudinal compression
modes. This loading condition could adversely affect certain spacecraft
structure, equipment, and mountings. The shock levels and response of
the three fore and aft bolts, spacecraft substructure, and equipment can
be estimated, but development detonation testing will be required to estab-
lish the actual effects on the spacecraft.
Centaur Separation. The Centaur stage is separated from the
SIVB stage by circumferential linear shaped charge detonation of the
Centaur/SIVB adapter. The event should produce higher shock inputs to
the Centaur than shroud jettison. The shock loading will result in decay-
ing sinusoidal accelerations transmitted through the spacecraft in its
breathing and compression lower modes. An upper limit to this space-
craft loading, based on the fraction of detonation energy transmitted to
the spacecraft as kinetic energy, has been calculated and is shown in
Section 2 of Appenaix C. To establish actual levels and preclude damage
in flight to certain spacecraft equipment, development detonation testing
will be required.
Spacecraft Separation. Three release nuts exploded during
separation from the Centaur stage and later from the flight capsule will
produce shock loads of relatively high amplitude and frequency. However,
only structure and equipment adjacent to the release nuts will experience
peak loading since relatively little kinetic energy is reiea_ea to _.=
attachment mountings during detonation. Detonation testing will be re-
quired to establish the actual shock levels and their effects on the
spacecraft.
Retromotor Ignition. Retrorocket motor ignition will cause a
shock to the motor circumferential frame attachments and motor supports.
However, this shock should be no more severe to the structure than shroud
jettison shocks.
b. Dynamic Models
Dynamic models of the Voyager spacecraft are required to
demonstrate spacecraft structural integrity and to define component
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vibration environments. Guidance and control of the spacecraft will be
dominated by rigid body motions; hence the dynamic model is of second-
ary importance for this analysis.
Modeling of the spacecraft is separated into two portions: i)
the external appendages such as solar panels, antenna, science payloads,
and their support structure, and 2) the basic structure and internal ele-
ments. Only the exterior structure has been modeled. Low frequency
modes which could couple with the launch vehicle modes involve the ex-
ternal structure, the solar panel, antenna, and science payload support
structure. Internal components are not included in the modeling because
their natural frequencies will be much higher than those of the appendages
and, hence, will be decoupled from the lower-frequency modes.
The exterior structure requires two separate models to describe
the conditions of launch and free flight. The basic differences are in the
positions of the antenna and science payload during boost phase and free
flight and the fact that the spacecraft is fixed to the booster for launch and
is free to translate and rotate during free flight.
in Figures 5-7 and 5-8.
/
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Figure 5-7. Dynamic Modelfor
Free Flight
These models are shown
X5
X4
X6
X2
Figure 5-8. Dynamic Model
For Launch
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The models are put into a mathematical format which includes
a mass matrix and stiffness (influence coefficient) matrix. A general
form is used so that minor changes in structure can be incorporated and
evaluated. A more accurate stiffness matrix will be generated by using
the Douglas Redundant Force Program in the final production design
analysis. The derivation of the mass and stiffness matrices for the models
are shown in Section 2 of Appendix C.
1. 2.4 Meteoroid Protection Analysis
Structural resistance to meteoroid penetration was determined using
the environment shown in the mission specification and the Summers and
Charters penetration equation. Figures 5-9 through 5-11 plot the data for
the environments near earth, in transit, and in Mars orbit. The effect of
the near-earth environment on structural protection requirements is neg-
ligible because the stay-time is short. Transient and Mars orbit environ-
ments are critical. Transit time is taken as 177 days, with one-half of
this time for particle flux in the vicinity of earth and the other half for the
vicinity of Mars. Two Mars-orbit times were considered, 1 month and
6 months. Nominal and extreme environments for both phases were analy-
zed; their effects on structural requirements are discussed in Section 1 of
Appendix C. Figure 5-12 shows the nominal environment structural re-
quirements. The effect of extending the transit time to 250 days is also
shown on this figure.
In addition to environment and time, exposed area and a model for
predicting penetration are needed to determine structural thicknesses.
Two approaches to spacecraft exposed area were investigated: 1) total sur-
face area and 2) effective or equivalent surface area. The total surface
area approach uses all the exposed area but does not include the upper
portion of the spacecraft for the transit phase of the mission. Adopting
the concept of the effective area further reduced this area by the shielding
provided by the solar panels and reduced view angle provided by the flight
capsule. This added shielding reduced the area 33 per cent during cruise.
The area was reduced 9 per cent for Mars orbit since only the solar panels
provided shielding and the area of the upper panel is fully effective (ex-
posed). It was found for the transit phase, where the area difference be-
tween the two approaches is large that a 7 per cent reduction in structural
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material is required, a negligible difference in view of the uncertainties
in the penetration equations. Figure5-12 and Table 5-8 show how the three
theoretical approaches to penetration affect structural thicknesses. The
effective approach and the nominal environment were used to determine
the reliability of meteoroid protection. The Summers and Charters pene-
tration equation was selected because of the three equations studied it was
the most conservative for the nominal environment.
0.1
i SUMMERS AND CHA TERS
_ _ -
0.01 _.
0.999 0.99 0.9 0.8
PROBABILITY OF NO PUNCTURES (P (O))
Figure 5-12. Sandwich Face Thickness Versus Probability
Of No Puncture
0.3
Table 5-8. Penetration Equations
Theory Equation
Summers and Charters
j
P - z. z8 z/3i v_/3
_-- .. _j
Bjork v),, f 40
- t% kqJ
Herrmann and Jones
t/3 [1 (-_t') z/p - o.6(.Pp'__. + %
- kqJ
3 Pt V2 -I
0.0 3922_J
See Section 1 of Appendix C.
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Table 5-8. Penetration Equations (continued)
where
p ._
d =
Pp
Pt
V
C t =
H t :
depth of penetration
particle diameter
density of particle
density of target
velocity of particle
speed of sound of target
Brinell hardness
The zero penetration probability is 0.868 for a 0. 025-inch face
thickness. ]When coupled with the failure mode analysis, it provided a
reliability for meteoroid protection in excess of 0. 97. Section i of Appen-
dix C shows this reliability analysis. Figure 5_12 shows the variation in
face thickness as a function of probability of no punctures. If the face
thickness increases, the probability of zero puncture is greater. The
reliability analysis shows that an increase in face thickness, or probability
of no puncture, improves the reliability of the meteoroid shield. For a
thickness of 0. 030 inch the reliability increases to 0.987.
The increase in structural weight is 29. 8 pounds.
i. 2. 5 Structural Reliability
Structural reliability is considered as a constant for all Voyager
configurations and structural component designs except for the reliability
associated with meteoroid protection. For all configurations as discussed
in Appendix C, a statistical-stress-versus-strength approach was employed
based on a I. 25 safety factor and a zero margin of safety for each struc-
tural member.
In this preliminary analysis, it was assumed that catastrophic fail-
ure of any one structural member produced a catastrophic mission failure
and that all structural members had equal reliability. These assumptions
allowed calculations of a single member's reliability; raising that value
to the 80 th power, the estimated number of structural members, provided
an estimate of the structural subsystem reliability.
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In addition to deriving a best estimate for the structural reliability,
R a _t 3_ confidence interval was obtained to indicate the degree of un-
S'
certainty associated with this analysis. The results are R (lower limit)
s
0. 9830, R (best estimate) 0.9973, and R (upper limit) 0.9995. These
S S
values apply to all Voyager structural configurations since the structural
me,nber count in each configuration does not significantly vary from 80.
Since all structural members are designed according to the same general
guidelines, the reliability of one structural member design does not change.
Material changes do have an effect on component reliability, but their ef-
fect is small enough to be neglected in this analysis.
I. 2. 6 Manufacturin_
Of the six Voyager structural configurations reviewed for compara-
tive production complexities, the one presenting the least problems during
fabrication, assembly, and production test is Configuration A-3.
The one disadvantage to this concept is that the outer bus structure
subassembly is not as inherently rigid as some of the other structures
reviewed (Configurations A-I and B-I). This factor will add to the dif-
ficulties encountered, in machining the planes for the interface between
the bus and the flight capsule, between the engine thrust cone and the en-
gine, and between the bus and the Centaur adapter. More elaborate fix-
turing will be required to support the assembly during the interface ma-
chining operations. It is possible that special milling equipment will be
mounted on the assembly jigs, so that these planes can be machined while
the assembly is supported by the assembly tooling.
Configuration A-2 is next in the order of preference, although this
concept, like A-3, offers less structural rigidity than some of the other
designs. ConfigurationA-3 is preferred to A-2, since its design elimin-
ates the joint between the two bus subassemblies. This total elimination
of one interface actually means one less subassembly to be fabricated and
assembled. It also reduces from five to three the number of interface
planes which require machining after assembly.
Configuration A-i has the advantage of more structural rigidity for
interface machining. However, the additional box-type structure for in-
strument and louver panel mounting means more pieces to fabricate and
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more assemblies to be naade than on either Configuration A-2, A-3, or B-2.
The area to be insulated is increased and its application is made more dif-
ficult by the added corners and many different surfaces.
Also the contoured honeycomb panels used on the aft structure re-
quire more tooling and are more difficult to fabricate and assemble than
the flat panels used on Configurations A-A, A-3, and B-2.
Configuration B-I presents approximately the same advantages and
disadvantages as Configuration A-1 except that the disadvantages are more
pronounced in that more contoured honeycomb paneling is used: added con-
toured panels include the aft meteoroid panel and the sections of the bus
outer structure forward and aft of the louver panel box-type structure.
Additionally, liquid engine as compared with solid motor configurations
introduce more complexities in manufacturing, again because more parts
are involved. Additional hardware is required to mount the tanks and
bottles, more plumbing is required, and additional parts such as actuators
and valves must be fabricated, assembled, and tested. The engine section
must be sent to a test site for test firing after it is assembled. Time for
shipping, cleanup, tools, and shipping fixtures required for transportation
to and from the site and time lost from the standard manufacturing flow
are considerations.
Configuration B-2 is, again, not as stable for interface machining
operations as either Configurations A-1 or B-I. It, too, presents the
added complexities for liquid engine concepts that are listed for Configura-
tion B- 1.
Configuration C-2 has factors which make its production somewhat
more complex than any of the others. Its general arrangement will not
permit the raidcourse propulsion system to be built up and tested as a
unit prior to final assembly. The deployable solar panels add to the over-
all manufacturing problems for the following reasons:
a) An additional interchangeable hinge pattern must
be controlled on panels and mounting structure.
b) The panels themselves become more complicated.
The hinge mechanism and the strongback beam are
additional requirements for these panels.
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c} Flexible connections for attitude control plumbing
make this system more difficult to fabricate,
assemble, and test.
d) Actuators are required. These are additional
pieces of hardware requiring fabrication, assem-
bly, and production testing.
The fixed antenna adds to the manufacturing problems:
a) The interface pattern between the top and bottom
bus structure subassemblies requires further con-
trol. This pattern must be coordinated with and
controlled for the antenna manufacturer.
b) The structures supporting the solar panels, the
science payload, and the omni antenna tie onto the
fixed antenna. This antenna must be installed be-
fore these structures can be located. This fac-
tor makes the manufacturing flow dependent upon
the timely delivery of this item. Its early instal-
lation makes it much more vulnerable to damage
during the final assembly procedures, and pro-
tective devices must be furnished for its protection.
1. 2. 7 Relative Costs
Manufacturing comparisons have been made on Configurations A-l,
A-l, A-3, B-I, B-g, and C-2. For purposes of comparison, Configuration
A-2 is considered as the baseline at 100 per cent cost. All other configura-
tions are related to it.
Configuration A-I has certain manufacturing advantages which were
pointed out in the previous discussion. Cost makes these advantages com-
plex because of added details and complex machining, thus placing Con-
figuration A-1 at about 125 per cent of baseline cost.
Configuration A-3 appears to have manufacturing advantages which
will translate into cost advantages in some areas. The elimination of a
structural interface between the solid motor section and the midcourse
motor section offers attractive savings in both tooling and fabrication re-
quirements. The extent to which these savings will be offset by complexi-
ties in the installation and assembly of interior hardware is not precisely
known at this time, but a general assessment of Configuration A-3 indicates
a probable rating with the Configuration A-2 baseline, 85 per cent of cost.
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Configuration B-1 (liquid fueled version), in addition to the manu-
facturing complexities of A-l, has the costs of the large, thin-wall titani-
um tanks, their attendant plumbing, servos, manifolding, and supports
which give Configuration B-1 a cost rating of approximately 190 per cent
of baseline.
Configuration B-Z (also liquid fueled) has less manufacturing com-
plexities than IB-1 but has all the costs associated with the liquid fuel tank
and attendant plumbing.
180 per cent of baseline.
Configuration C-2,
A survey of costs in this version place it about
as discussed in the manufacturing comparisons,
have numerous manufacturing areas of complexity, such as space
constraints, tending to complicate component positioning, support, and in-
sulation. In addition, the requirement that solar panels be deployable com-
plicates this area of cost, so that a comparison to baseline gives us a cost
of approximately 175 per cent.
A summary of all the relative costs is shown in Table 5-9.
Table 5-9. Summary of Relative Costs of Various Configurations
Configuration Relative Cost
A-I I. 25
A-Z I. 00
A-3 $ 0.85
B-I I. 90
B-2 I. 80
C-2 I. 75
$Selected configuration
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1.3 Selection of Structural Component Design
The subassemblies and related components for the basic bus struc-
ture, propellant tank support, solid propellant support structure and solar
panels are analyzed to provide information used to select the recommended
structural designs. Items considered in the analyses are design, strength,
and dynamic analysis, micrometeoroid protection, thermal analysis, manu-
facturing and relative cost.
1.3. I Basic Bus Structure
Tradeoff studies related to the basic bus design were divided into
two categories, one evaluating the frame design and the other concentrat-
ing on the external panels.
a. Frame
Design. The primary load-carrying members are designed to
meet the requirements of compression loading and the attachment of the
mounting panels. Other considerations were the attach fitting design at
the flight capsule and Centaur interfaces, separation system compatibility,
and end frame attachment. Two corner post designs were generated (Figure
5-13).
_LIMINUM
Figure 5-i3. Corner Post Design
Although the I-beam offers a somewhat better compression cross-
section, the I-beam corner post design is better fitted for the eight-sided
configurations than the six-sided ones and the use of single bolt integral
end fittings is more difficult with this design. The _r-section design can
be applied equally well to all configurations and can easily incorporate the
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integral end fittings. For these reasons the T-section design (Figure
5-13) is recommended.
Several different materials were evaluated for these members:
7075-T73, 2014-T6, 2024-T4, Lockalloy and beryllium. All designs can
be adapted to use any of these materials. The fact that aluminum alloys
have been used more widely make them appear the most promising from
an over-all design standpoint.
Strength Analysis. Compression is the primary loading condi-
tion but tension is also an important condition. The results of the trade-
off study, shown in Table 5-i0, based on a column strength, indicate that
no weight advantage is associated with the aluminum alloys shown. How-
ever, the secondary loading condition must be considered. This strut has
joints at each end which require integral fittings. These fittings are bolt-
attachment points, and the load at its baseplate caused by tension developed
during a rebound or high lateral load will be plate bending. To avoid
experiment, a material with high allowable tensile stress is desirable.
The aluminum alloy 7075-T73 satisfies this condition as well as show-
ing a high resistance to stress corrosion cracking.
Table 5-I0. Material Stress and Weight':'
Unit Weight
Mate rial (Ib/in)
20 i4 Aluminum 0. 083
ZOZ4 Aluminum 0. 083
7075 Aluminum 0. 083
Lockalloy 0.0 Z5
Beryllium 0. 025
_:'See Section Z of Appendix C
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Dynamic Analysis of Spacecraft Attachment Bolts. The space-
craft attachment bolts connect to integral fittings of the longitudinal frames.
The critical flight condition for the aft set of bolts will be detonation shock
resulting from Centaur separation from the SIVB stage. Upper limits to
forward and aft bolt loadings were calculated (see Section 2, Appendix
C), based on distribution through Centaur and spacecraft of the fraction
of detonation energy converted to vibration kinetic energy. Allowable
bolt loadings were calculated, based on the ultimate tensile strength and
strain.
The major assumptions used in the analysis were:
1) Kinetic energy resulting from detonation is distributed
through a few of the lower modes of vibration.
Z) Kinetic energy in the compression modes is one half
of the kinetic energy in the breathing modes.
3) Kinetic energy transfer across a joint is 50%.
4) Peak response accelerations attenuate somewhat with
distance from the detonation.
5) One third of the Centaur propellant acts with the Centaur
structure in vibration.
6) The payload interstage will deform in bending during
breathing modes of vibration, and the spacecraft bolts
and shear pins will not experience excessive shear de-
fle ction s.
Results of the analysis indicate the bolts should transmit the
shock loading without bolt _a_.u_...... .. _-^_+__,,_ a_.._ allowable loadin_s_ are
shown on Figure 5-14.
Relative Cost. Five materials were considered during the
manufacturing investigations. Their relative costs are shown in Table
5-11.
Recommended Design. A _rcross-section (Figure 5-13)
machined column with integral-end fittings on both ends is recommended
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Table 5-ii. Summary of Relative Costs of Various Materials
Materials Relative Cost
2014 i. 00
2024 I. 05
7075 I. 25
Lockalloy 2.00
Beryllium 2. 25
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using
I)
Z)
3)
7075-T73 for construction. Cross-section was selected because:
It provides for good panel attachment.
It constitutes a good compression member.
It allows for external access to end bolts.
7075 - T73 was selected because:
1) It is high-strength and provides resistance to stress.
2) Its weight is acceptable.
3} Its manufacturing techniques are well established.
4) The over-all cost is low compared to beryllium and
Lockalloy.
5) The T73 heat treat provides better resistance to stress
corrosion cracking than T6 heat treat.
6} It provides high allowable tensile stress.
b. Equipment Mounting Panels
Design. The equipment mounting panels offer the opportunity
to incorporate several functions into one structural member. The panels
are the mounting member for electronic subsystems. They are the princi-
pal shear carrying members of the spacecraft, provide meteoroid pro-
tection, and are an integral part of the bus thermal control system.
Additional requirements are the provision for the correct dynamic re-
sponse for the electronic components, design for ease of electronic com-
ponent replacement, and the provision for a design capable of flexible
mounting locations.
The four most promising designs are shown in Figure 5-i5.
The first design (a% ,1_e_ a i-inch thick aluminum honeycomb panel with
a truss-grid core. I, V and extruded members are attached to the
inside face and provide the mounting surfaces of the electronic com-
ponents. The second design (b) uses the same mounting method but re-
places the honeycomb panel with a member consisting of two skins,
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i inch apart, jointed by Z-section stiffeners in line with the mounting
rails. A single-skin, armor-plate design with mounting rails is
shown in {c). The last design {d) uses a honeycomb panel with equip-
ment mounted directly to it by means of inserts epoxied into the panel.
,[ , l[, ]i 1/ ],
/,, II_LI I I /
_'_ i ' ir ,ii : i _ "'i i _'I i' _r L
(c),
• • ! r _ , ! ¸ ] _ •
_,, J Jl ..... ,ll II
(d)l
Figure 5-i5 Equipment Mounting Panel Design
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The following chart indicates an evaluation comparison between
the four equipment mounting panel concepts for purpose in aiding in the
selection of preferred mounting concepts.
Z sandwich panel and rail
Honeycomb panel
b 8 7 8 7 7
c If0 9 6 5 4
d 8 IO _I0 6 IO
iO 47
! 10 44
i815z
No single design is best for all the varied requirements; however, the one
that seems to best satisfy the most design requirements is (a).
Strength Analysis. The equipment-mounting panels were
analyzed to establish their shear strength. Figure 5-16 shows the allow-
able shear stress and the applied stress because of torsion. It is evident
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that the strength of these panels is more than adequate, regardless of
the face material or core thickness. The selection of the material and
core thickness can therefore be based on other considerations.
Figure 5- 16.
30
,,q
,_ 2o
7075-T6
2014-T6
2024-T42
APPLIED fs FOR if - 0.025 IN.
0.25 0.50 0.75
CORE THICKNESS
Panel Allowable and Applied Stre s s
The analysis of these panels was based on a sandwich design
without equipment mounting rails. It is conservative to apply the con-
clusions drawn from this analysis to the other designs considered in this
tradeoff study. The weight breakdown for all of the designs is shown in
Table 5-12.
Dynamic Analysis. The natural frequencies of the candidate
panels were calculated to provide stiffness comparisons. A Maxi-
mum equipment weight of 130 pounds, uniformly distributed,
was assumed for this analysis. For the case of less equipment weight
r_t evenly distributed, this analysis is slightly conservative, that is, cal-
culated frequencies will be lower than actual frequencies. Stiffness in
both panel directions was calculated: for design concepts I and 5, com-
posite beam stiffness will govern frequencies; for design concepts 2, 3,
and 4, plate stiffness will govern frequencies. The frequencies of the
five designs are presented in Table 5-13. Panel design concepts 3 and
4 are variations on the basic nonstiffened honeycomb sandwich de sign.
Concept 3 shows the effect of increasing the face thickness to 0. 065
inches, and concept 4 shows the change in frequencies because of an
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Note:
Table 5-1 Z. Equipment Panels Weight Breakdowns
Area = 1 1.9 ft. Z/panel (used for weight comparison only)
Configuration/Item
Honeycomb Construction (d)
Weight (lb)
Faces 8.6
Core 3.1
Bond 1.0
Closing Channels 2.7
Inserts I. i
Attach and Misc. (6 per cent) i. 0
Total 17.5
Honeycomb and Rails (a)
Honeycomb Construction
Rails
Attach and Misc. (6 per cent)
Total
(c)Monocoque Sheet and Rails
Monocoque Sheet
Rails
Attach and Misc. (6 per cent)
Total
Space Sandwich and Rails (b)
Faces
Main E Sections
Secondary E Sections
Rails
Inserts
Closing Channels
Attach and Misc. (6 per cent)
Total
i7.5
11.9
0.6
30.0
25.8
11.9
F
0.0
2.2
1.4
11.9
3.0
i.5
m
:Z8.6
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increased core thickness from I to 2 inches and face thickness increased
to 0.055 inch, On a stiffness basis the design concepts 4 and 5 are ade-
quate, since DAC and TRW experience indicates electronic equipment
panels with natural frequencies above 50 cps are satisfactory.
Table 5-i3. Summary of Dynamic Analysis*
Panel Design Concept
Frequency (cps)
1st Mode Znd Mode 3rd Mode
1. Plate and rails
2. Basic sandwich
3. Sandwich with
0.065-in. faces
4. Sandwich with 0. 055-in.
faces but 2-in. core
5. Basic sandwich with
rails (1-in. core)
58 232 521
43 96 i21
46 101 127
84 187 235
145 284 360
* See Section 2 of Appendix C
Meteoroid Analysis. Tradeoff studies were conducted to de-
termine how material and core thickness affect the meteoroid protection
qualities Of spacecraft structure. Figure 5-17 shows the relative weights
of beryllium, magnesium, aluminum, titanium, and stainless steel to
provide equivalent material resistance to penetration. The Charter and
Summers penetration equation was used to obtain the values with speed
of sound and density of the target materials as variables in the analysis.
Considering aluminum as the base for this evaluation, beryllium shows
a 51.5 per cent reduction in weight and magnesium, a iZ. 7 per cent
reduction. The two materials studied, heavier than aluminum are
titanium (i9 per cent} and stainless steel (40 per cent). Penetration
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experiments have shown that aluminum is superior on a weight basis
to beryllium-copper, molybdenum, tantalum, Rene 41 and other
materials. *
Designs that incorporate spaced-sheet provide a large in-
crease in stopping power over armor-plate or single-sheet designs.
Figure 5-18 shows this effect. ** Using this data and the nominal
meteoroid environment, an optimum sheet spacing was obtained. When
the extreme environment was considered, an optimum thickness did not
show up. Figure 5- 19 shows the results of this optimization study for
both environments based on the same criteria of zero penetration and
aluminum faces for the Whipple shield.
Thermodynamic Analysis. As discussed in Section i. i, all
structural designs sought the multiple use of structure. Thus equip-
ment mounting panels, which are used as thermal radiators, had to
satisfy requirements for meteoroid protection, minimum weight, and
stiffness. A solid sheet is optimum for thermal requirements, but
sandwich construction shows definite advantages in all other areas. A
thermodynamic analysis was made to determine the effect of sandwich
construction on the base plate temperature of the electronic equipment
boxes. Results of this analysis are given in Section V. 2 (Temperature
Control).
Manufacturing. The four proposed designs were compared
for manufacturing complexity. The design using a single skin and
rails involved much less effort than any of the others because of
simpler manufacturing operations; moreover, its assembly requires no
special tooling. The double skin with Z- and J-section stiffeners design
was preferred next. Access for bucking rivets can be obtained by peeling
back the outer sheet during assembly, and using blind rivets to close off
the panel. The truss-core sandwich designs were the least desirable.
In additon to the more complex processing and handling operations, the
possibility of damaging the buried threaded inserts is a greater risk
than in the first designs where the nutplates are completely accessible
for replacement.
::_Astronautic s and Aeronautics, June 1963
V.C. Frost, Aerospace Report TOR-269 (4560-40)-Z
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Relative Cost. Heavy gage panels with rails, Z-extrusion
panels stiffened internally with extruded mounting rails, flat honey-
comb panels with inserts for mounts, and flat honeycomb panels with
extruded mounting rails were evaluated. Their relative costs are
shown in Table 5-t4.
Table 5-14. Relative Costs of Various Designs
Configuration Relative Cost
Heavy Gauge Panels
Z-Extrusion Panels
Flat Honeycomb Panels
Flat Honeycomb Panel with
Extruded Mounting Rails
1.00
1.20
1.30
1.40
Recommended Design. The recommended design is a 1-inch
thick honeycomb panel with equipment mounting rails as shown in Figure
5-15 (see section VI for additional factors pertaining to the selection).
The skin is 0. 025 7075-T6 with a 3. 1 lb/cu ft aluminum truss grid core.
The mounting rails are 7075-T6 extrusions. The reasons for this
selection are:
1) l-inch core was selected as a compromise between
meteoroid and thermal requirements.
2) Truss grid core was selected because it provides ade-
quate strength, is a good energy absorber for meteoroids
and the conductivity of the core is acceptable.
3) The design provides high frequency response.
4) High frequency response was considered more important
than minimum weight.
5) 7075 material was selected for its thermal conductivity
properties, ease of manufacture, low cost, and good
meteoroid protection efficiency.
6) It provides high shear carrying capability.
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a. Top and Bottom Panels
Design. Fewer requirements exist for the top and bottom
panels than for the side panels. Their principal functions are to pro-
vide meteoroid protection and act as the end shear members. In addi-
tion the bottom panel helps support the midcourse propulsion system.
These designs are proposed for the top and bottom panels (see Figure
5-20). A standard i-inch thick truss grid honeycomb panel is shown
in Figure 5-20(a). The second design (b) uses two skins spaced apart
by Z-section stringers approximately 7 inches on center. The last
design is a beaded single skin configuration (c).
TOP PANEL BOTTOM PANEL
I
m
(a)
Figure 5-20.
(b) (c)
Designs for Top and Bottom Panels
The solid propellant motor is protected from meteoroids by the flight
capsule and its sterilization container until just before orbital injection
firing, after which it does not require protection. In fact, after burn-
out the motor case along with the thrust cone provides a second mete-
oroid barrier for the basic bus. This fact allows the single-skin design
5-5Z
shown in Figure 5-20(c) for working with the second barrier, since it
is an efficient Whipple shield. The aft panel requires a two-skin design
for meteoroid protection requirements. The weight breakdown for the
top panel designs considered is shown in Table 5-15.
Meteoroid Protection. The meteoroid protection requirements
for the panel at Stations l and 59 (top and bottom of the spacecraft) are
the same as those of the equipment mounting panels; however, there
are significant differences in total requirements. The top and bottom
panels do not have the thermal or vibration restraints to contend with,
and the top panel is completely shielded during transit from earth to
Mars. Since the exposure time and surface associated with this panel
is small, it can be a beaded single skin. For the selected configurationp
a semimonocoque thrust cone used in the solid engine support would in
effect act as a second sheet. This combination of two sheets, with a
large standoff, would provide superior meteoroid shielding for equip-
ment. The bottom panel is exposed during the entire mission. Since
the thermal restraint of high conductivity does not apply to the bottom
panel, however, the core thickness can be increased from the 1-inch
selected for the equipment panels. As shown on Figure 5-t9 the opti-
mum thickness is approximately 1.5 inches. An increase in panel stiff-
ness also is achieved.
Manufacturing. Top panels under consideration are 2 facing-
sheets separated by Z-section spacers, flat facing-sheets reinforced by
beaded panels, and thruss-grid aluminum honeycomb panels.
The construction method involving the least manufacturing
effort is the second item, the beaded-panel reinforced structure. Simple
fabrication requirements and the ability to assemble the panels without
tooling contribute to this preference. The second choice is the two facing-
sheets separated by Z-section spacers. Again the fabrication require-
ments are unsophisticated, and a simple fixture can fulfill the assembly
needs. The last choice is the truss-cone sandwich. The more complex
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Table 5-15. Bus Top Panel Structure Weight Breakdowns
Note: Area = 31.4 sqft
Configu ration/Item Weight (lb)
Honeycomb Construction
Faces 22.7
Core 8.1
Bond 2.5
Closing Channels 3.0
Attach and Misc. (6 per cent} Z. 2
Total 38.5
Space Sandwich Construction
Faces
Stringers
Mid-Frame
Closing Channels
Attach and Misc. (6 per cent)
Total
Beaded Sheet Construction
Top Panel
Inner Ring
Inner Sheet
Additional Frame Weight
Attach and Misc. (6 per cent}
Total
22.7
3.8
0.7
4.6
1.9
33.7
9.1
0.2
4.0
4.8
1.1
19.2
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assembly procedure, the handling and processing, and the additional
time required to layup and bond the assembly make this configuration
the least attractive of the three.
Relative Cost. The relative costs of the panels considered
are shown in Table 5- 16.
Table 5-i6. Summary of Relative Costs
of Top and Bottom Panels
Configuration Relative Cost
Beaded Panel
Compound Panel
Honeycomb Panel
1.00
1.20
1.35
Recommended DesiGn. For the top panel a single skin
beaded panel of 7075-T6 aluminum as shown in Figure 5-20(c) was
selected because:
l) Lighte st design
2) Provides adequate meteoroid protection
3) Best from a fabrication standpoint
4) Low cost design
5) Provides adequate shear strength.
For the bottom panel, the 1.5-inch thick honeycomb panel
as shown in Figure 5-20(a) was selected with skins of 0. 025 7075-T6
aluminum with a 3. 1 lb/cu ft truss-grid aluminum core because:
l) 1.5-inch core was selected as optimum for meteoroid
protection and provides increased bending strength for
monopropellant system support.
2) Provides a universal mounting surface.
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1. 3. Z Propellant Tank Support Structure
a. Design
The principal design considerations in the tank support methods
are tank restraint, stress concentrations, and weight. A method must
be used that does not impose additional loads from deflection of the
supporting structure and does not impart a localized load to the tanks.
The two designs presented in Figure 5-21 satisfy these requirements.
The design in (a) consists of a conical support flange on a horizontally
mounted support structure. Two tension straps at 90 degrees to each
other go over the top of the tank where they are joined and down to the
base where they attach with tensioning straps. This design is the gen-
eral method that has been successfully used by Douglas on all Saturn
IV boosters for small tank mounting. The second design (b) has a
horizontal support flange at the maximum tank diameter. An integral
flange on the tank sets down on this support flange. The tank bolts
down to the flange. Slotted holes in the flange and spacers to prevent
high torquing of the tank to the support allow for fuel tank expansion
I
..... T..... -5,
...///_. _STRAP
\is
__ SUPPORT CRADLE
I
Figure 5-2t.
0 Cb 0
o_ _BOLT
O + O
___ TANK FLANGE
Typical Tank Attachment and Support Structure
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b. Strength Analysis
The most efficient shape for the tanks is spherical but this
shape presents a problem in attachment to the spacecraft structure.
Two major methods of mounting are proposed: one is a strapping of
the tanks to a base, the other is to have an integral hemispherical ring
on the tank to mount a base.
The strapped mounting consists of resting the tank on a base
support with four pretensioned straps retaining it. An analysis was
made of the monopropellant tanks with 1.25-inch wide by 0. 030-inch
thick straps pretensioned to Z0,000 psi. The attitude of the tank was
chosen to impart the highest inertial load to the system (see Section
Z of Appendix C). The major contributors to the strap load were the
pretensioning and the bottle pressurization. An increase in general
thickness occurs at the base edge on the tank and at the hub for the
strap intersection.
The integral hemispherical ring consists of a flange for
mounting the tank to a backup structure. An analysis was made of the
monopropellant tanks with an 0. 050-inch-thick ring. It was concluded
that the greatest contributor to the stress level was the discontinuity
caused by the hemispherical ring. An increase in thickness is required
in the tank wall in this area. Table 5-17 shows weight breakdowns.
c. Manufacturin_
A restraining method which cradles the tank in a formed
support by straps has been compared to a method which utilizes a sheet
metal cylinder with a flange at one end and four lugs at the other for
ease of manufacturing. The flange bolts to a ring, which is integral
with the tank at the tank equator, and the lugs are for bolts which secure
the assembly to the bus structure.
The formed support and retaining straps involve somewhat
less manufacturing effor than that involved in the second method of
securing the tank. The addition of the integral ring to the tank creates
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Table 5- 17. Tank Support Structure Weight Breakdown
Configuration/Item Weight (lb)
Cradle Support
Cradle Side Z. 14
Cradle Top Z. 33
Collar 0.70
Frame s 0. 2.5
Tank Pad 0. 18
Harne s s 0.40
End Fittings 0.40
Attach and Misc. 0.38
Total 6.78
F.!an_e Support
Support Structure 3. 15
Tank Flange 0.75
Tank Pad 0.51
Attach and Misc. 0. Z6
Total 4.67
additional effort in the manufacture of the tank itself. The fabrication of
the remainder of the items would involve substantially equal effort for
either configu ration.
d. Relative Cost
A manufacturing investigation of the two proposed propellant
tank-support methods indicated both systems about equal from a cost
standpoint.
e. Recommended Design
The recommended design is the cradle-supported tank with
straps. However, only two design concepts were analyzed in this study;
other designs should be investigated to ensure that the best approach is
selected. Since the results of the analyses show only small differences,
the cradle-and strap arrangement was selected because this concept is
a flight-test proven design.
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I. 3. 3 Solid Propellant Support Structure
a. Design
The main design consideration for the solid-propellant sup-
port structure was to provide uniform support for the motor case.
Thermal isolation of the structure, weight and rigid compression struc-
ture were also considered. Three designs were evaluated. The first
design consists of a semirnonocoque truncated cone with 7075-T73 skin
and hat-section stringers. Six of the hats transfer all loads from the
cone to the six main load-carrying members of the bus. A fiber glass
attach-angle mounts to the motor and provides insulation during and
after firing as shown in Figure 5-22(a). A second design is similar,
differing only in that it uses a monocoque skin design reinforced in the
six bus attach points.
(A)
J
Figure 5-22. Solid Motor Support Structure
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The last design uses a tubular truss with six tubes running radially up
from an engine attach ring to the bus load points at Station 59. Eighteen
horizontal tubes carry side and torsional loads to the bus structure as
shown in (b).
b. Analysis
The solid retroengine motor case is an oblate spheroid with
a mounting ring at the midplane of its motor case. This ring provides
the mounting provision for the engine. Three supporting systems were
analyzed: a truss work, a cone of skin and stringers, and a monocoque
cone. Although the truss system is the lightest, it introduces concen-
trated loads at the engine case. It is sized by both the maximum longi-
tudinal load condition and by the rebound load condition (see Section 2
of Appendix C). The skin-and-stringer cone is scalloped at its attach-
ment to the spacecraft structure introducing hard points and a shear in
the skin. This shear load sizes the skin and the hard point load sizes
the hard point stringers. The critical load condition is the rebound.
The monocoque cone is sized for over-all buckling stability
coming from the rebound condition. It is the heaviest of the three sys-
tems studied. None of the systems were sized by engine peak thrust, but
local attachments will be. Table 5-18 shows the weight breakdowns of
this structure.
c. Dynamic Load Conditions at Retrothrust
Shock and vibration loadings at the retrothrust motor supports
are based on an analysis of Goddard Space Flight Center Report No
631-141 to obtain estimates of sea level vibration and ratios of vacuum
to sea level vibration. Results indicate some reduction of ignition shock
and an order of magnitude reduction in steady random mechanical vibra-
tion for vacuum (versus sea-level) firing. Based upon experience with
other motors, and a weight ratio procedure from NASA TND-1836, pre-
dicted vibration and shock levels were obtained for the solid and bipro-
pellant configurations.
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Table 5-18. Solid Motor Support Structure
Weight Breakdowns
C onfi_u ration/Ite m
Thrust Cone-Scalloped Skin and Strinser
Intermediate Frame
Lower Frame
Main Support Strut
Inte rme diate St rin ger s
End Fittings
Lower Skin
Upper Skin
Side T ru s s
Attach and Misc. (6 per cent)
Total
Thrust Cone- Monocoque
Skin
Doublers
End Fittings
Lower Frame
Side Truss
Attach and Misc. (6 per cent}
Total
Truss Support
Longitudinal Load Members
Lateral Load Members
End Fittings
Motor Attach Ring
End Lateral Ring (Main Structure) Gussets
Mid Lateral Ring (Main Structure) Gussets
Attach and Misc. (6 per cent)
Total
Weight (lb)
1.19
1.93
2.16
1.95
t.86
6.60
2.63
6.71
i.50
Z6.53
30.8
1.8
1.9
i.9
6.7
2.6
45.7
4.25
3.64
4.43
8.04
i. iO
O. 38
1.31
Z3. 15
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The bipropellant levels are less reliable in this analysis
since most of the available data was for solid propellant motors. Pre-
dicted dynamic loads at the motor supports are presented in Table 5-19.
Table 5-19. Predicted Dynamic Loads for Retrothrust Motors
Dynamic Load Direction Solid Bipropellant
Equivalent
Shock: /
Vibration:
ee
x
5 msec
log _0_
. I i
i
x , J
o-p ' I
I I
160 cps 2, 000
log f cps
Longitudinal 4.0 g 7.9 g
Lateral I. 9 g 3.8 g
Longitudinal 0.4 g 0.5 g
Lateral 0. Z g 0.3 g
Duration 95 sec 830 sec
Thru st:
• . II
x ,
50 msec
Longitudinal 8,000 ib i, 000 Ib
Nominal
Longitudinal
Maximum
(3_ and Tem-
perature Factors)
8, 800 Ib I,000 ib
d. Manufacturing
For motor thrust-cone fabrication, the configurations com-
pared for manufacturing effort are a sheet metal thrust-cone structure
and a concept consisting of a set of strut members supporting an engine-
mount ring.
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In terms of manufacturing effort alone, the strut members and
ring are more desirable. However, the mount ring supports a fiber
glass heat block which is machined after assembly. This machining
consists of facing the matching interface plane for the solid engine case.
It is felt that the additional rigidity of the metal conical structure will
better assure the integrity of this critical interface plane.
e. Relative Cost
The manufacturing cost evaluation of the two proposed solid
propellant motor support designs slightly favors the tubular truss design.
f. Recommended DesiGn
The selected design is a semimonocoque truncated cone as
shown in Figure 5-22(a). The skin and all stringers are 7075-T6 alumi-
mum. This was selected because:
i) It provides uniform support for the solid motor case.
2) It provides an efficient and rigid compression member.
3) It provides lightest design in combination with single
skin top meteoroid panel.
4) It provides the second sheet of the two-sheet top panel
meteoroid protection.
5) It is more compatible with configuration A-3.
de sign.
figurations.
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Solar Panels
Design
Deflection and weight governed the solar panel structure
The final tradeoff studies were based upon three different con-
The cross-sections of each design are shown in Figure
5-63
Ill I I
(a)
(B)
(c)
Figure 5-23.
The honeycomb panel design (a) has a I-inch-thick standard
aluminum hex cell core with 0.010-inch 7075-T6 face sheets. All sup-
port is provided at the edge of the panels. Outer support on A3 is a
transverse beam inside the edge.
The second design (b) consists of a flat 0. 010-inch aluminum
skin bonded to a corrugated sheet of 0. 008 inch aluminum. The square
corrugations, l-3/8-inch high, run outward at right angles to the bus
side. Two channel supports run parallel to the bus sides at the third
points of the panel and end on the main panel support members.
The third design (c) consists of a 3/8-inch-thick aluminum
honeycomb panel with 0. 005-inch aluminum faces. Tapered hat sec-
tions with a maximum height of 3 inches will span the panel with two
running parallel to the outer edge and the third running radially at the
mid point of the panel.
b. Strength Analysis
Deflection of the solar panel was calucated for a static load
produced by a maximum axial acceleration condtion. This analysis
5-64
shows the effect of weight and designs on panel deflection. Figure
5-24 presents the results. Using the parameters of panel weight in
Ib/sq ft and panel deflection, the two structural designs of Figure
5-23(a) and (b) were analyzed. Panel weight in this analysis includes
structure, solar cells, and electrical connectors. For both designs,
the maximum deflection occurs at the outer edge and midpoint of the
panel.
2.51
_2.0
,5
o
x_ 0.5
J SANDWICH PANEL
FACE PANEL WEIGHT DEFLECTION
0.0T0 1.5 0.146
0.020 1 .828 0. 089
0.040 2.404 0.059
0 0.5 1.0 1.5
DEFLECTION (IN.)
Figure 5-24. Solar Panel Deflection
Figure 5-25 pertains to the sandwich design. The moment of
inertia used in this analysis was kept constant. Any changes in face
thickness or core thickness could, with the use of this chart, be related
to weignL.. .. ,,i"_'-'-,..,,_case _,_y^_1""o_+....__+ ....I _,,_ght........._ _n_e]ered.......... . The _ium°
in the total weight curve is due to the adhesive weight change. For face
thickness of 0.010 or less an adhesive weight of 0.040 Ib/ft 2 is used
but above 0. 010 a weight of 0. 080 is used.
Figure 5-25 shows the weight of the recommended design.
Its weight is slightly higher than shown on the parameter curve because
detail design included additional members and the weight estimate pro-
vided for attachments and contingencies. Table 5-20 shows the weight
breakdown of three designs.
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2.5
2.0
ff
U
5
_ 1.0
8
0.5
0
0.002
TOTAL SKIN WEIGHT
- --q--'-:-=I
0.004 0.006
CORE WEIGHT I
------_
-- _ EDGE MEMBER WEIGHT
0.008 0.010 0.012 0.014
FACE THICKNESS (IN.)
Figure 5-25. Solar Panel Design Study
0.016
Table 5-Z0. Solar Panel Structure-Typical Section for
Area of 42 ft2 Weight Breakdowns
Co,ffi_u ration/Item Weight (lb)
Honey,onlh Construction (t. 6 lh/ft core)
Skill 12. 1
Core 5.6
B_,nd 1. 7
Ch,sing Channels 2 3
Z-Stiffeners 1.4
Attach and Mist, (6 p_r cent) 1.4
Total 24.5
Corrugation Con struction
Corrugation and Skin 15.5
Outer Beam 4, 2
t.5Inner Beam
Doublers O. 5
Closing Me.,her s 0.7
Attach and Misc. (6 per cent) 1.3
Total 23.7
Honeycomb with Stiffeners
Bcmd (H,,ne_ comb) 1. 8
Skin 6 2
C_,re 3 2
Stiffeners 9. 3
Bond (Stiffeners) g 8
Gussets and Hardware, etc. 1.6
Z-Stiffener 1.4
Total 34. 3
an
c. Dynamic Analysis
Solar PanelA. A modal-response analysis of the PD85-70
configuration was performed to determine deflections of the sandwich
construction solar panel design shown in Figure 5-23(a). Deflection
of this panel is critical because it must not violate the dynamic deflection
envelope provided for the spacecraft. Due to location of the solar panel,
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a i-inch dynamic deflection will reach the dynamic envelope.
major assumptions used in the analysis were:
I)
z)
3)
4)
5)
The
Input to the panel is I. 6 g limit-load superimposed
on a I g static load.
Response is i0 times input, at resonance (Q=10)
due to coupling with the gross vehicle compression
mode.
A rectangular panel (of area equal to actual panel area)
with three sides simply supported, and one side free,
is equivalent to the actual panel.
The panel modes are uncoupled and each one may be
treated as a linear quasi- single-degree-of-freedom
system.
Conservatively, the modal deflections may be added
linearly to obtain total deflection.
Frequencies for a four-sided, simply-supported plate were
transformed on the basis of static deflection, to the assumed edge con-
ditions. Then a correction was made for the honeycomb construction
weight and stiffness. Finally, the solar cell weight was accounted for.
The resultant maximum, under ultimate-load deflection is
predicted to be 1.33 inch for PD85-70. The supporting beam and strut
were found to have negligible deflection (beam frequency = 2.45 cpsl.
Predicted solar panel maximum limit-load deflection and frequency for
each mode are presented in Table 5-21. Mode shapes used in the anal-
ysis are shown in Figure 5-26.
Table 5-21. Solar Panel Frequencies
Mode Deflection (inch) Frequency (cps)
I. 1 0.89 19
2. 1 0.26 35
3. 1 0. O86 61
1. Z 0. 086 61
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AC19 CPS) B (35 CPS)
C (61 CPS) D (61 CPS)
Figure 5-26. Mode Shapes Used for Dynamic
Analysis of Solar Panels
The final configuration has less solar panel area and greater
stiffness and will have a maximum deflection under ultimate load of less
than I inch.
Solar Panel B. The maximum deflection of this design con-
cept shown on Figure 5-23(c) is predicted to be 1.9 inches. This occurs
at the midpoint of the stiffener's largest span. The loading used in the
analysis was i g static, plus i. 6 g dynamic, with a response 14 times
input at resonance, (Q=14). The value of Q=14 was obtained from Lunar
Orbiter and Nimbus data. Therefore the total acceleration of this struc-
ture is _" = I + 14 (I. 6) = 23.4 g.
d. Manufacturing
The solar panel designs under consideration are: I) supporting
panels comprising standard hexagonal cone bonded to two aluminum facing
sheets, Figure 5-23(a), 2) a bonded assembly consisting of 0.008-inch-
thick aluminum hat sections bonded to an 0. 010-inch aluminum facing
sheet, reinforced by two Z-section beams, Figure 5-23 (b), and 3)
3/8-inch-aluminum honeycomb panels with 0. 005-inch aluminum facing
sheets, reinforced by four aluminum U-section beams, Figure 5-23(c).
Of the first and third configurations, the first is preferred by
Manufacturing. The third configuration involves the same effort as the
first plus the fabrication and installation of the U-section beams. The
5-68
second and third configurations would involve substantially equal manu-
facturing effort. Current investigation indicates very similar costs in
all three configurations.
f. Recommended Design
The selected configuration is a i-inch-thick honeycomb panel
with 0. 010-inch 7075-T6 aluminum skins and an aluminum hexagon cell
core as shown in Figure 5-23{a). The reasons for this selection are:
l) Best dynamic characteristics
2) Simplest design
3) Lightweight design
4) Highest level of manufacturing experience
5) Versatility of external attachments
6) Good thermal characteristics {uniform
temperature distribution in eclipse}
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2. THERMAL CONTROL SUBSYSTEM
The thermal control subsystem design studies have centered prin-
cipally on the Mariner concept of an insulated compartment with inter-
nally generated heat radiated to space through individually actuated
louvers. The heat-generating equipment is mounted to the internal sur-
faces of the honeycomb side panels through which heat is conducted and
then radiated through the louver system to space. The system is
summarized in Section Z. 8.
The over-all heat balance, discussed in Section Z. 1, is the basic
tool utilized to determine requirements on the thermal control equip-
ment. This is an energy management technique by means of which
radiating area requirements are determined and on the basis of which
it was determined that a completely passive design is not feasible and
that the performance of a louver system such as these on Mariner and
OGO is adequate.
Section Z. Z presents the representative performance of the sub-
system based upon a simplified computer model of the spacecraft. The
tradeoff studies are also discussed which determined the effect of
allowable variations in power density on operating temperatures as a
function of the number of louvers and honeycomb face sheet thickness.
This study was extended to determine the packaging constraints on high
power density equipment such as the traveling wave tubes.
Although the final over-all heat balance shows adequate performance
of the louver systems, alternate louver systems (Section Z. 3) were
investigated as a possible augmented system permitting a lower heat loss
when closed and actuation over a narrower temperature range.
The insulation and heat conduction analyses are presented in
Section 2.4. These analyses are utilized in the over-all heat balance to
determine the insulation requirements on structural attachments between
the main compartment and the external structures, principally the
solar array.
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Tradeoff analyses on the solar array substrate weight and backside
emissivity are discussed in Section 2.5 to show the requirements for
survival in long Martian solar eclipses. Although a low emissivity array
backside violates the specification of an array a/_ less than 0.5, the
minimum weight design for eclipse durations greater than 70 minutes
requires the lowest available backside emissivity.
Analyses of the effects of plume heating are presented in
Section Z. 6, determining the convective heating rates of the liquid
engines and both convective and radiative heating rates for the solid
engine.
Thermal control considerations for externally mounted equipment
such as the POP, externally mounted sensors, and gimbals are analyzed
in Section 2.7 to determine thermal design requirements such as heater
power to maintain proper temperatures.
The thermal control subsystems for the three spacecraft configura-
tions (see Volume 4) are similar. All external surfaces other than the
louvered areas are covered with 20 layers of I/4-mil aluminized Mylar
sandwiched between two layers of 3-rail Mylar for handling ease. The
Mylar side of the outer layer faces space to protect the insulation when
irradiated by the sun. The inner layer is clear Mylar for electrical
insulation. The engines are insulated with blankets of alternating layers
of aluminum foil and fiberglass paper such as Linde SI-62 to protect the
components from engine case radiation during firing and to limit heat
loss from the main compartment after firing, in Configuration A a
bifilar wound heater on the motor case and a Mylar insulation blanket
covering the nozzle exit plane (destroyed at ignition) are required to
maintain adequate propellant grain temperatures during transit. A
I/2-inch thick layer of Refrasil batt, such as used on Vela, is required
to protect the upper surface of the spacecraft from the radiation of the
aluminum oxide particle plume. The radiating areas under the louver
system are coated with white potassium-zirconium silicate paint having
a solar absorptivity of 0.2 after I00 hours of normal ultraviolet
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exposure (initially 0.17) _ and a total hemispherical emissivity of 0.85.
The internal surfaces within the main compartment are coated with high
emissivity finishes such as black Cat-a-lac epoxy resin paint (_ +0. 86)
or anodized (e varies between 0. 76 and 0. 83 depending upon treatment)
to promote internal heat transfer.
P. 1 Over-all Heat Balance
The concept of an over-all heat balance is an energy-management
approach to determine, for the insulated, louvered concept, that the
total energy balance in the main compartment remains within limits
controllable by the louver system and that margins are available to
compensate for heat leaks to assure that the spacecraft average temper-
ature remains within the operating range of the louvers. The average
spacecraft temperature limits are taken as 40 to 85°F which are consis-
tent with the constraints imposed by individual component temperature
requirements (see VS-3-111 in Volume 2) generally 30 to ll0°F but with
batteries 50 to 90°F and propulsion tankage 40 to 90°F.
2. 1. 1 Hot Condition (Near-Earth Cruise Mode)
The hot conditions are as follows:
Loads in the Main Compartment Watts
Electrical power subsystem (100-watt solar
array shunt dissipation)
Communication subsystem (less Z0 watts RF)
Stabilization and control
Command and sequencing
Science
Total dissipated (p)
137
78.4
13.7
8.5
55.5
293. 1
_Completion of Test Program: Vacuum and Ultra-Violet Degradation of
STL Manufactured Potassium Silicate - Zirconium Silicate Thermal
Coating MT-6-2, TRW Document 63=9723.3-187.
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Heat Fluxes in Main Compartment Watt._.____ss
Solar array attachment fittings 14
Solar array struts -15
Attitude control lines 1
Aft insulation 2
Forward insulation (assumed zero with capsule on) 0
Net heat flux (q net) 2
The amount of louver area required is determined from the over-
all heat balance:
o = _ A LAL EL + (As AL) qi P + qnet + aL FLoSA SA ESA
where /k L and A S are the louvered and total areas of the trapezoidal
sides, qi is the heat loss from the insulation on the side areas
(0. 125 watt/ft 2 as predicted by the analysis of Section 2.4" for 20 layers
of aluminized Mylar), E L and E S . are the emissive powers of a fully
opened louver system (30 watts/ft _ at 85°F) and the solar array
(57 watts/ft2), and the product aL FL-SA _SA is the effective absorpti-
vity of the louver system to emitted solar array radiation. From the
above the required louvered area is calculated to be 12 ft 2. For added
margin and transients this is increased by 10 per cent to 13.2 ft 2.
2. I. 2 Cold Condition
capsule separation where the power supply shunt dissipation is down to
25 watts (Table 5-22) or in a full sun orbit at 1.67 AU without the
capsule but with power dissipations higher because of the orbital mode
of operations (Table 5-23). The eclipses are not expected to present a
worst case because the increased internal dissipations due to the
*This value is based upon vendor and Douglas Aircraft calorimeter tests.
The effective conductance across the insulation is approximately
2.9 x 10 -3 BTU/hr ftZOF. Tests on insulated packages at TRW indicate
a conductance of 5 x 10 -3. To be conservative the low conductance value
is used in the hot case and the higher value is the cold case.
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battery charge and recharge cycle will compensate for added heat loss
through solar array attachments. A/so in this transient condition the
energy stored as sensible heat in the on-board equipment is available
to maintain adequate temperatures compared to a steady state condition
where only the dissipated power is available to compensate for heat
losses through complex heat paths (heat leak) that have established a true
steady-state condition due to the long duration of the flight.
Table 5-22. Worst Case Cold Conditions
Down to 25-Watt Shunt Dissipation
Encounter (Precapsule separation)
Loads in the Main Compartment Watts
Electrical power subsystem (25 watts shunt
di s sipation) 6 Z
Communications subsystem (less Z0 watts RF
no bulk storage operations) 76.8
Stabilization and Control (cruise mode) 13.7
Command and sequencing (cruise mode) 8.5
Science (cruise mode) 55.5
Total dissipated power Z16.5
Heat Fluxes in Main Compartment
Heat loss through closed louvers (effective
emissivity 0. I, panel temperature 40°F) 41.5
Heat loss through solar array attachment fittings 10
Heat loss through solar array struts 15
Heat loss through aft insulation, 67 ft Z (solar 6.5
constant 57.2 watts/ft Z, conductivity degraded
25 per cent, nominally 0.076 watts/ft 2)
Heat loss through side panel insulation 111.3 ft z 65. 5
(conductivit_ degraded 25 per cent, nominally
O. 45 watt/ft')
Heat loss through Canopus sensor and earth detector
openings (two 5 x 5 in. and one 4 x 4 in. openings) 14.3
Heat loss from attitude control lines 4
Total Heat Loss 156.8
Margin for heat leak (above insulation uncertainty)
and for maintaining higher spacecraft temperatures 59.7
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Table 5-23. Worst Case Cold Conditions in Full Sun
at 1.67 AU
1.67 AU (Capsule Off, Orbital Mode)
Loads in the Main Compartment Watts
Electrical power subsystem (shunt dissipation
assumed zero) 65
Communication subsystem {less 20 watts RF
bulk storage on) 98.4
Stabilization and control (orbital mode) 19.7
Command and sequencing {orbital mode) 12.0
Science {some science loads turned off) 63.0
Total power dissipated 258. 1
Heat Fluxes in Main Compartment
Heat loss through closed louvers 41.5
Heat loss through solar array attachment fittings 14
Heat loss through solar array struts 15
Heat loss through aft insulation 67 ft 2 (solar
constant 46.7 watts/ft Z, 25 per cent degradation) 8.6
Heat loss through side insulation {same as encounter) 65.5
Heat loss through forward insulation Z6 ft 2 {25 per
cent degraded, nominally 0.45 watt/ft 2) 12.2
Heat loss through Canopus and earth sensors
{same as encounter) 14.3
Heat loss through attitude control lines 4
Heat loss through spacecraft lander interface fitting 3
Heat loss through expended rocket case 12
Total heat loss 190.1
Margin for heat leak {above degraded insulation)
and for maintaining higher spacecraft temperatures 68
As seen in both postulated cold cases, an energy margin of
27 and Z6 per cent of dissipated power exists at encounter and 1.67 AU
respectively, to compensate for heat leaks that cannot be either analyzed
or established fully during limited duration space simulation tests.
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2. 1.3 Over-all Heat Balance with a 40-Watt Output TWT
One of the alternate designs considered included a 40-watt traveling
wave tube. Since this tube would not be used until after encounter the
extra dissipation need not be included in the hot condition for louver area
sizing. Thus the worst cases in the over-all heat balance and the total
louvered area remain the same. Considering failure mode where the
20-watt tube fails early in life, the one-watt transmitter radiating through
the high gain antenna can provide communication at 128 bps at encounter
when the 40-watt tube will be activated. (See Volume 2, VS-4-310,
paragraph 5.2. ) However, as discussed in Section 2.2, local problems
are encountered in distributing the heat from a 40 watt TWT.
2. 1.4 Conclusions
A fully passive system sized to accommodate the hot condition
would have a heat loss of 220 watts from the radiating areas alone at a
temperature of 40°F. With the other heat losses given in Table 5-ZZ the
total heat loss would be 335.3 watts compared to 216.5 watts dissipated.
Thus, even if the impractical case of assuming that all other heat losses
through attachments and insulation could be absolutely minimized, a
passive system would have no margin. Conversely, sizing the radiators
passively for the cold condition would cause high spacecraft tempera-
tures near Earth. Therefore, an active louver system is required in
general. The active control is even more beneficial considering local
changes in power dissipation on the electrical power panel. There are no
differences between the 20 and 40 watt versions considering required
louver area. Thus, a 40-watt configuration does not affect the thermal
control design on an over-all basis.
The margin assumed in sizing the louver system is 10 per cent,
based upon a fully opened louver system which absorbs 8 watts per square
foot from the solar array. As will be seen in the following section the
actual panel temperatures are less than 70°F rather than the assumed
85°F, indicating an effective margin greater than 10 per cent. The margin
in the cold case is approximately 26 per cent above internally dissipated
power. The conservative assumptions on insulation conductances
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(2.9 x 10 -3 Btu/hr-ft2-°F in the hot condition compared to 5 x 10 -3 in
the cold condition) also adds effective margin.
Other conclusions that can be drawn from the results of the over-all
heat balance are that a 20-1ayer blanket of I/4 mil aluminized Mylar such
as NRC-2 is adequate and that a louver system of the Mariner OGO type
is adequate from the standpoint of heat loss in a closed position.
2.2 Spacecraft Thermal Model and Mounting Surface Analysis
2.2. I Spacecraft Thermal Model
A thermal computer model of the spacecraft was established to
determine a representative performance to evaluate the effects of the
constraint that all parts of any one subsystem are mounted on a single
panel and to investigate the best distribution of panels about the space-
craft. The lumped node technique of analysis was utilized. A schematic
of the model is presented in Figure 5-27. The TRW Thermal Analyzer
Program (TAP) was utilized for solution of the resultant network. TAP
is an n-dimensional, asymmetric, finite difference program run on the
IBM 7094.
Figure 5-27. Schematic of Spacecraft Thermal Model
5-77
The model consists of 20 nodes, one each for the six side panels,
top and bottom panels, one each for the eight insulation panels, one node
representing the lumped internal equipment, one node for the solid
engine, one node for the solar array, and one for space (-460°F). The
power dissipating equipment was lumped with the side panels. The
effect of louver opening was included by varying emissivity on the radia-
ting areas with the radiator temperature according to the louver opening
curve as shown on Figure 5-28. The absorptivity of the louvers to
0.7
_- 0.4
_ 0.3
u.
_ 0.2
0.5
0.1
0
0 ]0 20 30 40 50 60 7D 80 90 100 110 120
TEMPERATURE (°F)
Effective Emissivity of a Louvered Panel
Radiating to Space
Figure 5-28.
solar-array emitted radiation was programmed by varying the emissivity
of the radiation resistor coupling the array and the louvers according to
the data derived in Section Z. 3.
Steady state cases were run for conditions at I, I. 38, and i. 67 AU.
Initial temperatures were obtained from this data to run non-nominal
orientations at i and I. 38 AU to obtain data on the allowable duration of
maneuvers. The solar vector was assumed normal to the communication
equipment panel. With the I. 67 AU steady state data, runs were made for
a Z. 3-hour eclipse. The assumptions regarding power profiles during these
conditions are presented in Table 5-Z4. These representative cases are
for the alternate 40-watt output version, which is a worst case. The data
for the selected Z0 watt version and selected inboard profile are presented
in Volume Z,VS-4-510.
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Table 5-24. Power Profiles of Equipment Panels
Communications Panel Note s
1 AU, 138.4 watts
1.38 AU, 138.4 watts
Power Panel
Worst case assuming
a 40-watt transmitter
on
Worst case for non-
nominal orientation,
40-watt transmitter
1 AU, 137 watts
1.38 AU, 62 watts
1.67 AU, 87 watts (in sun)
1.67 AU, 197 watts (eclipse)
Stabilization and Control and Command
Sequencing Panel
1 AU, ZZ. 2 watts
1.38 AU, 31.7 watts
1.67 AU, 31.7 watts
Worst case assuming
array tolerances
cause 100 watt shunt
dis sipation
Cruise mode conver-
ter dissipation, 25-
watt shunt dissipation
Orbital mode conver-
ter dissipation, no
shunt dis sipation
Battery and boost
regulator increases
dis sipation
Cruise mode
Maneuver mode
Orbital mode
Bus E_xrperiments Panel
1 AU, 55.5 watts
1.38 AU, 55.5 watts
1.67 AU, 63 watts
POP remote hardware
off all DAE on
Same
POP remote hardware
portion of orbit
The inboard profiles examined are presented in Figures 5-29 and
5-30, the indicated size of the louvered area on each panel based on the
power dissipation on each panel.
5-79
CO MMUNICATPONS PANEL-
LOUVERED AREA 6 FT 2
ATTITUDE CONTROL
AND COMMAND [
SYSTEM PANEL-
LOUVERED
AREA 2 FT 2
INSULATED
PANE
Figure 5-Z9
t
iNSULATED
PANEL
]
POWER PANEL-
LOUVERED
AREA 5 FT 2
BUS EX PERIIVENTS
PANEL-LOUVERED
T2
Configuration I
Inboard Profile
COMMUNICATIONS ,PANEL
ATTITUDE CONTROL
AND COMMAND
SYSTEM PANEL
-LOUVERED AREA 2 FT 2
INSULATED
PAN
Figure 5-30.
-LOUVERED AREA 6 FT 2
,
r
POWER PANEL
-LOUVERED AREA 5 FT 2
INSULATED
L
f f _
BUS EXPERIMENTS
PANEL
-LOUVERED AREA 3 FT 2
Configuration II
Inboard Profile
The computed results are presented in Table 5-25. As seen, the temper-
ature variation is quite small because of the individual sizing of louver
area to the appropriate panel and because of the large internal radiation
coupling; no conduction between panels was assumed except to the solar
array. In addition, the variation in panel temperatures is small com-
paring the two inboard profiles. Since the Configuration I profile is more
convenient for spacecraft weight balancing, it was chosen for further
analyse s.
The assumption of coupling the panels by radiation to a central node
representing all internal equipment was examined by halving the configura-
tion factor from the panels to the central node from 0.44 to 0. Z2. The
results, in Table 5-26, show that the decreased internal coupling affects
average temperatures by at most 2°F, indicating that the louvers are
regulating most of the heat flow.
Figure 5-31 shows the performance when the solar vector is normal
to the communications equipment panel, a condition which may exist
during the early midcourse maneuvers. A 40-watt transmitter was
assumed for this calculation, to provide a worst case. The communica-
tions panel average temperature rises from 64 ° to 86°F, reaching
essentially steady state in 50 minutes. On the average, this temperature
9
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Table 5-Z5. Average Equipment Panel Temperatures
Configuration 1, Steady-State Temperatures
Range from sun (AU)
Communications panel (OF)
Power panel (°F}
Bus experiments panel (OF}
CS and C panel (OF)
1 I.38 i. 67
64 58 54
67 51 54
59 53 54
56 51 5O
Configuration Z, Steady-State Temperatures
Range from sun (AU)
Communications panel (OF)
Power panel (OF)
Bus experiments panel (OF)
CS and C panel {°F)
I 1.38 1.67
63 59 55
66 5Z 55
59 55 55
56 53 5Z
Table 5-Z6. Average Steady-State Equipment
Panel Temperatures
Full Internal Coupling
Range from sun (AU)
Communications panel (OF)
Power panel (°F)
Bus experiments panel (OF)
CS and C panel (OF)
I I.38 i.67
64 58 54
66 51 54
60 53 54
57 51 5O
50 Per Cent Reduced Internal Coupling
Range from sun (AU)
Communications panel (oF)
Power panel
Bus experiments panel (OF)
CS and C panel {°F)
1 1.38 1.67
64 59 54
67 51 54
59 53 54
55 5O 5O
Z. Z. Z Mounting Surface Analysis
A tradeoff study was performed to determine the combined effects
of constraining the power distribution, the number of louvers, and the
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rise does not present a problem, although a problem may exist in the
vicinity of the transmitter which detailed analysis may show necessitates
local increased honeycomb face sheet thickness.
I00
90
COMMUNICATIONS PANEL
80 / _- I
POWER PANEL
_" ATTITUDE CONTROL AND COMMAND
D BUS EXPERIMENTS PANEL
5O
34o
I.-
3O
SYSTEM
20
10
0
0 0.5 1
Figure 5-31.
1.5 2 2.5 3 3.5 4 4.5
TIME (HR)
Temperature Histories of Equipment Panels at i AU
with Sun Normal to the Communications Panel. (For
conservation all thermal capacities are taken at half
actual values. )
The same orientation was run at 1.38 AU considering the long term
orientation for deboost (Figure 5-3Z). The average communications
panel temperature rose to only 71°F with the 40-watt transmitter on
because of the decreased solar constant. Compared to the previous case
approximately 15°F margin exists even for a 3-hour (practically equili-
brium) condition.
A 2.3-hour eclipse was simulated (Figure 5-33) utilizing initial
temperatures for the 1.67 AU condition. All average temperatures
remained above 40°F, with the power panel decreasing the least because
of the larger dissipation in the batteries and boost regulator.
The simplified computer model has shown adequate performance
throughout the mission. Although many of the details of the actual
construction have been omitted, in Section 2. l, margins in the worst
cases were determined and found to be adequate. In addition, the
following analysis examines the effect of power distribution on an
individual equipment panel on the temperature gradients.
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face sheet thickness of the honeycomb panels on temperature gradients
within a panel. The general layout of power on the panel conformed to
the four abreast standardized packaging technique proposed. A nominal
power density of 0.2 watt/in 2 was chosen and the tolerance about this
was varied for + 0.2, + 0. I, + 0.05 watt/in 2. Face sheet thicknesses
considered were 0.01, 0.025, and 0.05 inch. To determine the
gradients only, the conductance across the core was neglected such that
the mounting surface was equivalent to a solid plate twice the thickness
of the honeycomb face sheet thickness. The power distributions are
shown in Figure 5-34 and the louver configurations are shown in
Figure 5-35. The louver effective emissivity as a function of tempera-
ture is presented in Figure 5-36.
The TRW thermal analyzer program was utilized for a steady
state solution of the network. The temperature maps resulting from the
analysis are presented in Appendix D. The curves summarizing the data
are shown in Figure 5-37 for the 12-1ouver configuration and in
Figure 5-38 for the 24-1ouver configuration. As seen, the 24-1ouver
configuration decreased gradients in the panel by approximately 40, 20,
and 10°F, for the Z5-mil face sheets for power density variations of
+ 0. Z, ÷ 0. I, and + 0.05 watt/in 2, respectively. Since sizable gains in
temperature uniformity are realized with a two-abreast louver configura-
tion this approach appears to be the best for the Voyager application.
The effect of face sheet thickness is as follows for the 24-1ouver
For the + 0. Z-watt/in 2 constraint, a 20°F gain in
uniformit--y can be obtained by increasing face sheet
thickness from 25 to 50 mils.
2) For + 0. I and + 0.05 watt/in 2 the gain is 10°F and 4°F
respectively, and is not considered significant for the
weight penalty.
For 25-mii face sheets a gain of 30°F is achieved by increasing
the constraint from + 0.2 to + 0. I watt/in 2 and a gain of approximately
15°F from + 0. i to + 0.05 watt/in 2. The relatively large gain in tempera-
ture uniformity by limiting power density in general to 0.3 watt/in 2
constitutes a genuine gain in reliability and electronic performance that
configuration:
i)
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is desirable but difficult to evaluate. Experience with OGO temperature
control has shown that a loose constraint of 0.2 to 0.3 watt/in 2 provides
a workable design. Based upon the OGO experience and the tradeoff
analysis showing a + 15°F variation about the mean panel temperature,
the Voyager packaging should probably be constrained, in general, to
0.3 watt/in 2 with 25-mii honeycomb face sheet thicknesses.
The above power density constraint inflicts severe penalties in the
case of traveling wave tubes, however, and for this one case must be
relaxed. The foregoing study was extended to incorporate a high power
source, the effect of the honeycomb core, and the effect of the component
baseplate area (Figure 5-39). The parameters examined were a 40 or
an 80 watt power load distributed over one node (21.75 in2) or three nodes
(65.25 in 2) for core conductances of 5 and 15 Btu/hr-ft2-°F. The former
conductance is an estimated value for the truss grid and the latter is a
typical value for honeycomb such as used on Pioneer. The placement of
the concentrated source is shown in Figure 5-40. Another 40 watts of
power was uniformly distributed on the panel. The face sheets were
assumed to be 25 mils thick for the honeycomb runs, while the effects
of 50-rail face sheets were examined for infinite core conductance and
the results extrapolated. The results of the analyses are presented in
Figure 5-41. The selected 20-watt output traveling wave tube dissipates
approximately 47 watts with a maximum allowable baseplate temperature
of 185°F.
An RTV-I1 silicone rubber filler is required to decrease the
temperature drop between the baseplate and the honeycomb face sheet.
Tests conducted at TRW show a conductance of 50 Btu/hr-ftZ-°F for this
type of filler and baseplate dimension. The temperature drop is then
7°F and the maximum allowable face sheet temperature is 178°F.
Extrapolating from Figure 5-41, the trussgrid core (thermal resistance
of 0.2 hr-ft2-°F) with the 25-mii face sheets provides a maximum
Btu
face sheet temperature of 132°F for a 47 watt concentrated source if the
baseplate couples to three nodes. Thus with the selected configurations
there exists 46°F of margin. Since the two tubes are never on simul-
taneously both could be mounted to the same baseplate for weight savings.
_"Bi-Monthly Progress Report No. 4, Prediction of Space Vehicle
Performance," TRW Report 4182-6004-SU-000, I March 1965.
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On the other hand it is undesirable to have the TWT's sharing the
same louvers so that a single louver failure does not overstress both
tube s.
The alternative 40 watt output traveling wave tube dissipates approxi-
mately 91 watts with the same maximum allowable baseplate temperature
of 185°F. Again, a large baseplate is needed to meet the requirement.
If the baseplate radiates internally to an environment at 85°F with an
emissivity of 0.85, the power dissipated through the honeycomb is
76 watts. An RTV-II silicone rubber filler limits the temperature drop
through the honeycomb to ll°F and the maximum allowable face sheet
temperature is 164°F. From Figure 5-41 the trussgrid core (thermal
resistance of 0.2 hr-ftZ-°]_ ) with 50-rail face sheets provides a maximum
face sheet temperaturl]:L_f 158°F for an 80-watt concentrated source.
This combination will be acceptable for temperature control of the 76-watt
dissipation of the traveling wave tube, producing an estimated face sheet
temperature of 142°F based on an extrapolation between the 40 and 80
watt cases. A temperature map of the case of an 80-watt dissipation
in three nodes with 25-mii face sheets is presented in Figure 5-42.
The map shows that only the locally surrounding nodes are effective in
distributing the power dissipation such that an optimum solution
(minimum weight) would be a locally thickened face sheet and a detailed
tradeoff on baseplate area.
POWER
SOURCE-
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TWO EACH 0.025 rN. FACE SHEETS-7075 T6 AL.
HONEYCOMB CORE CONDUCTANCE = 15.0 BTU/HROF FT2
NO. OF LOUVERS = 24
AVERAGE TEMPERATURE OF NODE t eF NODE NO.
\ / I45.3 I 47,1 2 46.3 3 43.9 4
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13 14 1_ 1|
53.4 72.5 55.0 42,5
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Figure 5-42. Temperature Map for 80-Watt
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Z. 3 Louver Design
The louver system used on Mariner, OGO, and Pioneer has been
selected for Voyager, but louver systems with a smaller temperature dif-
ferential between the closed and open positions and with lower louver heat
leak when closed are possible. Such improved performance would lead to
reduced temperature limits with a corresponding (although difficult to
evaluate) improvement in reliability. It would also allow a wider variation
of dissipated power and a reduced sensitivity to component locations. Both
features are desirable for growth potential and flexibility.
Achieving such higher performance may require alouver blade of
lower conductivity, a decreased gap between closed louver blades and at end
fittings. Since decreasing the gaps between blades and end fittings re-
quires a more forcible closure and spring actuated end inserts, an actuator
more powerful than a bimetal spring is required, such as a piston driven
by a wax which changes volume at the melting point. This type of actuator
is also capable of narrow open-to-close temperature limits.
More torque and narrower temperature ranges can be achieved in
the bimetal actuators at the expense of weight. However, experience on
Pioneer has shown that manufacturing techniques with nonmagnetic bi-
metal springs currently limit the closed to open range to 45°F. The OGO
bimetal spring has a 30°F range, but is highly magnetic (2.000 Y at
6 inches, demagnetized to 42 Y, compared to Pioneer, which is less than
3Y at 3 inches).
Additional actuator mechanisms which were examined include rack
and pinion drives and cable-pulleys. Also briefly examined were such
devices as wax- or gas-filled bellows actuators, variations onbimetal
actuation, and bourdon tubes (see Appendix D).
Other types of active systems such as rotating masks to expose
high and low emissivity areas and circulating fluids have not been
considered due to the greater simplicity and efficiency afforded by
louver s.
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2. 3. 1 Thermal Performance
A study was performed on the effect of the louver blade conductivity
and gap fraction (that fraction of the radiator area not covered by louvers
due to end clearance or imperfect closure) on the effective emissivity of
the radiator. The assumptions and program solution are presented in
Appendix D. The results are presented in Figure 5-43 and show that the
dominant factor is the gap fraction. The effective emissivity of the
Mariner-OGO type louver system when it is closed is approximately 0. I.
To gain significantly in insulating performance from these flight-tested
systems would require a more forcible closure and spring-actuated end
fittings which, in turn, would require a more powerful actuator. With
such an improved louver system the gap fraction is estimated to be 0.02,
with an effective emissivity of 0. 041. If such a high performance
system were required, the louver material would remain the easily
fabricated hollow aluminum blade but the actuation technique and blade
end design would become more complex.
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Equations for the effective emissivity in the fully open condition are
developed in Appendix D. Parametric curves for the assumption of a
diffusely infrared reflecting louver are presented in Figure 5-44 and for
the specular assumption in Figure 5-45. With a mounting surface
emissivity of 0.85 the effective emissivity for the diffuse case is
approximately 0.63 and with specular surfaces approximately 0.83 with
a louver emissivity of 0.05 or a 30 per cent increase. Since the bare
aluminum surfaces of Mariner-OGO type of blades are specular, the
larger effective emissivity is used. Notable is the weak effect of the
louver emissivity on the effective emissivity with the specular blades.
Since the absolute tolerance on the value of emissivity is approximately
+ 0.0Z the actual value of the emissivity, while unknown by a large
percentage, will have a small effect on performance (+ 0.01 accuracy on
the effe ctive emiss ivity).
Z. 3. Z Environmental Inputs
As part of the external environment, the solar array will cause
added heating of the louver-covered radiator. Since the louver blades
are specular reflectors there is a portion of the array, for a particular
louver angle, for which incident energy will be reflected to space.
Hence, the heat absorbed by the radiator which is emitted by array can
be expressed as
q = _A EA aBP F (O)
where
q __.
£ =
A
E A =
aBP =
F(0) =
Absorbed heat flux (Btu/hr-ft 2)
Infrared hemispherical emittance of solar
array back side (dimensionless)
Black body_ emissive power of array
(Btu/hr-ft _)
Infrared absorptivity of radiator
(dimens ionle s s )
Effective shape factor of array as viewed by louver
system, a function of louver angle and position of
louver with respect to array (dimensionless)
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The effective shape factor, F(@), is evaluated by considering that
array radiation originating between X = 0 and the line of intersection of
the louver blade surface normal is reflected entirely to space (see
Figure 5-46).
y= 171N.-- "_
Y =561N._/
s _ Y = -(TAN _) X
/_ y : o(TANO) X + b
_ # : LOUVEI_ANGULAR POSITION
Y
Figure 5-46. Reflection of Array Radiation
The intersection of the line representing the array and the line coincident
with the surface normal of a louver is given by
- (tan _ ) X = - (tan e ) x + b
or
X _.
b
tan g - tan
The array varies from X = 0 to X = 65 inches and _ = 17 degrees.
The louver system varies from Y = 17 to Y = 56 inches. Thus
17 < b < 56 inches
The portion of the array contributing to heating of the louver system is
given by
b
65 - X = 65 -
tan g - tan
which must be greater than zero and less than 65 inches.
The TRW Shape Factor No. I computer program was used to
evaluate shape factors from the louver blades to the portions of the array
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contributing to heating of the radiator, the results of which are presented
in Figure 5-47. The effective shape factor is present in Figure 5-48.
The analysis is preliminary; a more detailed analysis is planned for
Phase IB comparable to Becket's. *
The absorptivity of the louver system to solar radiation was taken
from OGO data** as 0. Z5 with the louvers fully opened and the solar
vector normal to the mounting surface. Radiation to the louvers from
the capsule was neglected because of the shading of the capsule by the
solar array and the small amount of heat dissipated in the capsule.
Considering the canister surface to have the lowest emissivity available
(0.03), for a capsule area of 325 ft Z the canister temperature is -10°F.
The emitted energy is then only 0.6 watt/ft 2 and the configuration factor
from the louvered face to the capsule is approximately 0.25 such that the
heat input to the louvers is 0. 15 watt/ft 2. During non-nominal orienta-
tions the bottom of the canister could present a problem area in absorbing
and re-emitting solar energy or in reflecting solar energy into the
louver systems. From the spacecraft side of the interface the canister
bottom should be an insulated surface having a high solar absorptivity.
2.3. 3 Actuation Mechanisms and Louver Construction
Several actuators and actuation mechanisms were examined. Pre-
sented in this section are the three most promising designs (other
designs appear in Appendix D). Two different actuators were studied,
a bimetal spiral and a thermal actuator utilizing volumetric change of a
wax about the melting point (called a thermal actuator). Since the
thermal actuator can develop a powerful stroke, it is utilized for an
augmented, high performance design. Because of its flight proven per-
formance, the bimetal is used in our selected design.
Raymond Becket, "Analysis of Solar Panel Effects on Louver Perfor-
mance, " Technical Report No. 32-687, Jet Propulsion Laboratory,
1 June 1965.
"Thermal Control Systems, " OGO Engineering Data Book,
2311-0010-OU-000, 3 June 1965.
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a. Selected Louver System
A cross-section of the Mariner-OGO type of louver
system is presented in Figure 5-49. It is proposed to replace the bi-
metal with the Pioneer type bimetal (40 to 85°F closed to open) for
magnetic cleanliness, providing a field of less than 3 y at 3 inches. The
Pioneer bimetal is manufactured in a proprietary process by the W. M.
Chase Co. of Detroit, designated alloy No. $99Z. The bearings are
sintered silver impregnated with molybdenum disulfide to avoid cold
welding and stiction. The louvers are formed of 3-rail aluminum halves
spot welded together with the ends of the louver blades having phenolic
inserts to insulate the louver from the actuator. This type of louver
construction is a relatively simple manufacturing task. The bimetal is
covered by a multi-layer insulated housing to closely couple the bimetal
to the mounting surface through radiation.
b. Augmented Louver System
An augmented system utilizing the thermal actuator is
shown in Figure 5-50. This actuator utilizes a special wax and bronze
mixture which is highly sensitive to temperature changes. The expanding
material forces a moulded synthetic rubber plug into a reduced diameter
in the plunger guide, which multiplies the plunger movement by an
extruding action.
The plug and diaphragm are nonhygroscopic and are
insensitive to barometric pressure and extreme temperature environ-
ment. In operation, the piston moves smoothly throughout its full
stroke and does not chatter with rapid temperature fluctuations.
The actuator plunger terminates in a rack gear which
drives a pinion gear on the louver shaft. A teflon bearing block
mounted on the louver inner frame acts as a guide for the rack and
pinion assembly, and provides a position adjustment for louver travel
limits. The base of the actuator is inserted into the cold plate for
improved heat transfer. An overshoot spring is provided to prevent
assembly damage in case of an over temperature condition. The spring
backup plate attached to the actuator body allows for adjustment of the
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EVALUATION OF THERMAL ACTUATORS
I. WEIGHT ...... (9) . . . 0.038 LB
2. COST ............ 9
3. RELIABILITY ......... 0.9995
4. ADJUSTMENT ......... 10
5. MANUFACTURING ...... 6
6. SIMPLICITY .......... 6
7. HEAT TRANSFER ABILITY .... 5
8. TORQUE LEVEL ........ 3
9. FAIL SAFE .......... 5
10. GAP FRACTION ........ 5
11. RESEARCH AND DEVELOPMENT . . 10
12. AVAILABILITY ......... 9
13. MAGNETIC LEVEL ....... 9
TOTAL... 86
BIMETAL ACTUATION SPRING
I_____LOUVER
INNER FRAME
BEARING ABBEM8
Figure 5-49. Spiral Bimetal Actuation
EVALUATION OF THERMAL ACTUATORS
I. WEIGHT ....... (6) . , 0,0883 LB
2. COST .............. 7
3. RELIABILITY .......... 0.9996
4. ADJUSTMENT .......... 7
5. MANUFACTURING ........ 4
6. SIMPLICITY ............ 6
7, HEAT TRANSFER ABILITY ...... 8
8. TORQUE LEVEL .......... 10
9. FAIL SAFE ............ 9
10. GAP FRACTION .......... 10
I1. RESEARCH AND DEVELOPMENT . . 6
12. AVAILABILITY .......... 6
13. MAGNETIC LEVEL ........ 9
TOTAL .... 88
/,LOUVER ADJUST SCREW
-- _@_, I__ _,_., .y ._, P i-- INNERP_,ME
"__ RACK AND PINION
_TEPLON8EAR'NG
/ 1-- BLOC_
tL, ..¢,'7 Iz-- WAX
_ ACTUATOR
-%R_gOOT
SECTION A-A
Figure 5-50. Wax-Filled Thermal Actuator Rack
and Pinion
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O louver open position. The thermal actuator develops sufficient force to
provide a minimum gap closure between louvers and to drive a sliding
fixture at the louver ends to minimize the end gap, a feature which cannot
be achieved by the bimetal.
The louver proper (Figure 5-51) is made of two 3-rail
aluminum halves spot welded at the edges to form a hollow louver. To
minimize end-gap fraction, teflon plugs are made to slide inside the
louvers. These plugs are lightly spring-loaded from inside the louver
to press the plugs against the louver frame, thus providing a zero-gap
sliding member. A thin shaft runs the full length of the louver. Ends of
this shaft are larger in diameter to provide for bearings and support.
The small diameter, center section of the shaft acts as a torsional
return spring for the actuator and a fail-safe closure device in the event
of actuator failure.
This system provides sufficient power to eliminate gap
fraction and its operating characteristic provides full louver travel over
a small temperature differential.
Figure 5-52 describes a similar system except that the
rack and pinion drive is replaced with a flexible drive cable. This
feature gives more flexibility in mechanical alignment. In all other
respects, it is the same as Figure 5-50.
c. Evaluation
Each system was evaluated on the basis of terms
appearing in the tables accompanying Figures 5-49, 5-50, and 5-52.
While weight and reliability are assigned actual numbers, the other
factors are assigned weighting numbers up to 10 (the best). The over-
all evaluation shows the three systems practically equivalent. The
simpler system of an Mariner-OGO type blade with the Pioneer bimetal
is chosen because it has been developed and flown, the reliability has
been determined from OGO test data rather than handbook failure rates,
and the overall heat balance and representative performance tempera-
tures have not necessitateda higher performance system. Presented in
Figure 5-53 is a photograph of a Mariner-OGO type louver system with
the bimetal insulation housings removed on one end.
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!
LOUVER DRIVE PIN FLOATING TEFLON END
/ LOUVER CLOSURE TORSION SPRING J SEAL (BOTH ENDS)
AOJUSTME.T ( 7fF_'_OwSPR'NG
\ _" CLOSING SPRING
_-__...--h.., ...... "., _ _-_<_":C%_i'_q '_¢4----AOJUSTMENT
\_ _ _ __)_ 3._ - .___ <:-_-.i LOUVER FRAME
_//ll/lliil_ilv" I [ ,+ ¢ i
Figure 5-5 i. Augmented Louver Blade Design
O
EVALUATION OF THERMAL ACTUATORS
I. WEIGHT ........ (6) . 0.1083 LB
2. COST .............. 7
3. RELIABILITY .........
4. ADJUSTMENT .......... 6
5, MANUFACTURING ........ 4
6. SIMPLICITY ........... S
7. HEAT TRANSFER ABILITY ...... 8
8. TORQUE LEVEL .......... 10
9. FAIL SAVE ............ 9
10. GAP FRACTION ......... 10
1 I. RESEARCH AND DEVELOPMENT . , 6
12. AVAILIBILTY ........... 6
13. MAGNETIC LEVEL ........ 9
TOTAL . . . 06
CABL
WAX-FILLED THERMAL
ACTUATOR UNIT
OVERSHOOT SPRING
SCREW
'_ INNER FRAME
/
LOUVER _,._
COLD PLATE
I I
I I
z2z_
Figure 5-5Z. Wax-Filled Thermal Actuator Cable
and Pulley Drive
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2.4 Insulation
From both a thermodynamics and weight standpoint the ideal type
of insulation is multilayer high-performance insulation such as NRC-2
consisting of crinkled i/4-mil aluminized Mylar layers. Foam insula-
tions were briefly examined and rejected both on weight and insulative
deficiencies.
Aluminized Mylar insulation degrades in performance with tempera-
tures over 300°F. By having the Mylar side of the outer 3-rail layer
facing space, the absorptivity is 0.24 (undegraded) _ and the emissivity
is 0.78 so that normal solar radiation will not cause excessive tempera-
ture s.
Results of a parametric analysis detailed in Appendix D are
presented in Figures 5-54 through 5-57. Each figure presents the heat
flow through a square foot of insulation as a function of insulation thick-
ness and spacecraft interior temperature for a specified value of the
solar constant. Tables 5-Z7 and 5-Z8 present the heat flux out through
i/4-mil aluminized Mylar insulation with Z0, 30, and 40 sheets of
insulation as a function of the amount of solar heating. This data was
taken from Figures 5-54 through 5-57 and is applicable to insulation
with an exterior surface finish of _ = 0.24 and _ = 0.78. Negative values
indicate the heat flow is into the spacecraft.
To attach the insulation so that it has a high thermal performance
but is still easily removable, the approach on OGO and Pioneer employs
Velcro tape and ultrasonic welding. The edges of the insulation blanket
are spot welded ultrasonically to fasten the blanket into one piece. The
tape is applied to the edges of the blanket and the blanket outline on the
spacecraft skin by activating the tape adhesive with methyl-ethyl ketone.
The blanket or assembly is then attached to the mating tape by applying
pressure along the edges. Figure 5-58 illustrates this technique.
_Preliminary test shows degradation of a to 0. 32 after I000 hours of
UV exposure, "Ultraviolet of 3M No. 850 Mylar tape {OGO}, Gold and
Silver," TRW document 65-9723. 3-72, 16 February 1965.
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Table 5-Z7. Heat Flux Out Through I/4-Mil
Aluminized Mylar Insulation for
Spacecraft Interior Temperature =
40°F, Heat Flux Rates in Watts/Ft 2
Solar Heating
Rate s (watts)
Number of Sheets of Insulation
20 30 40
127 -0.033 -0.022 -0.016
7O 0.010 0.007 0.005
44 0. 032 0. 021 0. 016
0. 101 0.067 0.051
Table 5-28. Heat Flux Out Through i/4-Mil
Aluminized Mylar Insulation for
Spacecraft Interior Tempera%ure =
85°F, Heat Flux in Watts/Ft _
Solar Heating
Rate s (watts)
Number of Sheets of Insulation
20 30 40
127 -0.008 -0.005 -0.004
7O 0.036 0.023 0.018
44 0.058 0.038 0.028
0.126 0.084 0.063
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OGO 
INSULATION 
ASSEMBLY 
SUBASSEMBLY BEING 
REMOVED 
Figure  5-58 .  U s e  of Velcro and Tapes and Ultrasonic Spot 
Welding for Insulation Attachment on OGO 
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Another technique, which has  performed successfully in t e s t s  at 
DAG, is to  button the insulation in place. 
to the vehicle skin, the other end fastened to the button. Slits, f o r  
button holes,  a r e  made in the insulation using a hot cutter to avoid 
tearing. 
removal  and replacement of the insulation without degrading its thermal  
performance. 
One end of a thread is bonded 
Both approaches, shown in F igure  5-58 and 5-59 allow repeated 
Figure 5-  59. Button Insulation Attachment 
An important problem in the evaluation of insulation effectiveness 
is the effect of heat shorts,  i. e . ,  a r e a s  which allow large amounts of 
heat to flow through them. In the case  of the Voyager spacecraf t ,  any 
par t  on the exter ior  which is s t ructural ly  attached to the inter ior  is a 
potential heat short .  
and supporting s t ru t s ,  the spacecraft-lander attach a r e a ,  attitude 
control lines, and mapping package support. 
Typical examples a r e  the so la r  a r r a y  attach ring 
Par t icu lar  ca re  w a s  used in the analysis of the heat shor t  between 
the so la r  a r r a y  and the spacecraf t ,  as  it i s  potentially the la rges t  or most  
cr i t ical  short .  
both near Mars  and near ear th  and a t  the end of Martian eclipse 
(2. 3 hours duration). 
temperature ,  approximately 14 watts of heat flows into the spacecraf t .  
Near Mars ,  and assuming a 40 F internal tempera ture ,  the heat flow 
amounts to 14 watts out of the spacecraf t .  
the heat flow out of the spacecraf t  is 60 wa t t s .  
Results were obtained for  the solar  a r r a y  sun oriented 
0 Near ear th ,  with an  85 F internal spacecraf t  
0 
At the end of Martian eclipse 
The s t ru t s  which attach the outer per imeter  of the so la r  a r r a y  to 
the spacecraf t  a r e  also heat shor t s .  The analysis shows that at this 
short  the heat flow can be maintained a t  14 watts o r  l e s s  leaving the 
spacecraf t ,  a t  the end of Martian eclipse.  
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The spacecraft-lander attach area was also analyzed. As long as
the spacecraft and lander are attached, the heat flow through this area
is negligible. After the lander has separated, however, the exposed
attach points or ring can radiate heat to space. If the temperature of
the exposed area is 40°F and its emissivity 0.80, the heat leak out of
the spacecraft is 22 watts. With a low-emissivity finish on this area,
for example, an emissivity of 0. l, the heat leak is reduced to 3 watts.
The attitude control lines extending from the spacecraft in the area
of the solar array allow about 5 watts of heat to leak out during Martian
eclipses; the loss is 1 watt when the spacecraft is in the sun near Mars.
A heat gain of 1 watt exists when the spacecraft is in the sun near the
earth.
Table 5-29 lists the value of the heat flow through the analyzed
shorts at various times. Negative values indicated that the heat flow
is into the spacecraft.
Table 5-29. Heat Flow Through Heat Shorts
Heat Short
(watts)
In Sunlight
Near Earth
In Sunlight
Near Mars
End of
Martian Eclipse
Solar Array
Attach Ring - 14 14 60
Solar Array
Attach Struts 14 14 14
Space craft- Lander
Attach Area 0 3 3
Attitude Control
Line s - 1 1 5
Totals - 1 32 82
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2.5 Solar Array
The thermal analysis for the solar array is based on the following
equations, For the steady state conditions existing in the sun, the
temperature can be determined from
e
T 4 (_- _) GO" =
(c F + 'B ) D---2 cos g
Transient temperatures during eclipses were determined from
where.
1 1
vT F _T i
3t(e F + EB)
w Cp
Cp = average specific heat
D = distance in astronomical units from the sun
G = solar constant at earth (433 Btu/hr-ft Z)
T = steady state temperature
T F = temperature at end of eclipse
T. = temperature at start of eclipse1
t = time
w = weight per unit area
a = solar absorptivity
c F = emissivity of front face (solar cell cover glass)
c B = emissivity of back face of array
= Stefan-Boltzmann constant
g = angle between the sun vector and the solar array
= array efficiency (array power = _G)
e
e
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Mars- or earth-emitted radiation and albedo were not included in
the temperature prediction shown in this analysis. For the Mars orbits
considered, the distance from the planet to the spacecraft is great
enough to make the effect of these heat inputs negligible. The earth
inputs were neglected as a rapidly decreasing transient.
Except for the analysis of the in-sun steady state temperatures
for an earth-oriented spacecraft, the angle between the sun vector and
the normal to the solar panel was taken as zero. Efficiencies of the
solar array varied from 7 to 10 per cent.
Figures 5-60 ;_ and 5-61 indicate the temperature range for the
panel with back face emissivities of the nominal 0.85 and the minimum
allowable emissivity of 0.7 to remain within the a  _ constraint of less
than 0.5. Variations in temperatures because of tolerances on
measured values of absorptivity to emissivity are shown on this figure.
At 1.38 AU, the release of the landing capsule results in the back of
the solar array having a larger view factor to space and therefore
lower temperatures. This can be noted on Figures 5-60 and 5-61 by the
abrupt change of temperatures at 1.38 AU. The blockage because of
the landing capsule is included in the calculation by modifying the
above equations as follows:
whe r e
_T 4 = (a+ _1) G
(eF + CB ) D---2- cos 0
'B = (I - FAC FCA)B
FAC
FCA
= geometric view factor from solar array to landing capsule
= geometric view factor from landing capsule to solar array
Tolerances of +0.02 (measurement accuracy) were used for the
anticipated values of absorptivity and emissivity. The view factors
from the back of the solar array to the landing capsule and from the
landing capsule to the back of the array were estimated at 0.54 and 0.39
*Figures 5-60 through 5-73 are shown following the solar array
discussions. (Section 2.5) 5-109
respectively. When the landing capsule is ejected, the view factor from
the array to space was estimated at 0.97. A tolerance of 15 per cent
was taken on the view factors for calculating the temperatures shown in
Figures 5-60 and 5-61.
The equation for E'B assumes that the capsule surface is adiabatic
and a diffuse radiator. The radiation from the back of the solar panel
to the landing capsule is assumed to be reflected back to the panel once.
For a high emissivity on the back surface of the array, the assumption
of a single reflection results in a negligible error, since only a small
portion of the energy remains for rereflections and approximately
75 per cent of those are lost to space.
The tolerance analyses were performed to permit array power
output evaluation under worst cases caused by shifts in I-V curves due
to temperature variation.
After Mars encounter, the Voyager spacecraft can be eclipsed
from the sun for a nominal time of 2.3 hours (see Volume 4, Section
III. 5.4). For lightweight arrays, temperatures below -160°C could
occur. The parameters which must be considered in determining the
best design for the array are:
a) Minimum allowable panel temperatures
b) Weight per unit area
c) Power per pound of heat sink substrate
d) The emissivity of the back face
e) The effect of eclipse time on minimum array
te nape r atur e s.
If array temperature at the end of eclipse must remain above that
achieved with maximum emissivity coatings and a structurally adequate
substrate, a tradeoff can be performed between decreasing emissivity
of the back face of the solar panel and increasing the weight of the panel.
A decrease in the emissivity increases the equilibrium temperature of
the panel in sunlight, resulting in less power per unit area, has the
5-II0
advantage of increasing the time constant of the solar panel. An increase
in the time constant in turn decreases the requirement of added weight
per unit area for increased thermal capacity.
Figure 5-62 indicates the wide range in the steady state tempera-
ture of the solar panel at 1.65 AU which can be achieved if the back face
emissivity of the panel is varied. A comparison of transit temperatures
for low and high emissivities is shown in Figure 5-63. The calculations
for this figure assumed that the view factor from the back of the panel
to space is unobstructed. It is worthy to note that near earth array
temperatures with the low emissivity backface may be above 100°C.
Figure 5-64 shows the array temperature as a function of eclipse
time for the extremes of emissivity, with weight per square foot as a
parameter. The present qualification limits of -120°C on the lunar
orbiter solar array and -140°C on OGO are noted. With the Voyager
reference design, -140°C would be reached after 70 minutes of eclipse.
Figures 5-65 through 5-68 are plots showing the required specific
weight as a function of eclipse duration with allowable minimum tem-
perature and backside emissivity as a parameter. The corresponding
array output when illuminated is also noted. Presented in Figure 5-69
are the combined effects of in-sun temperature on array output per unit
area and minimum allowable eclipse temperature on the power per unit
weight. This shows no optimum point in the emissivity-weight tradeoff:
the minimum weight design (highest power per unit weight) is at the
highest achievable in-sun temperature and the lowest achievable
minimum temperature in _o_ assumlng no area limitations°
Use of beryllium substrates such as on OGO to obtain a higher
thermal capacity for equivalent weight has been examined; the results
are presented in Figure 5-70. Because of the strong dependency of the
specific heat on temperature {Figure 5-71) and the low initial tempera-
ture at Mars, aluminum substrates are equivalent or superior to
beryllium.
During retropropulsion, the back of the array is exposed to
radiation from the particle plume of the engine. The heat flux impinging
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on the array is calculated in Section Z. 6 as 3300 Btu/hr-ft 2. The effect
on array temperature has been calculated and may be seen in Figure
5-72, for three array backside coatings: black Cat-a-lac paint having
an absorptivity of O. 95 to the solar and plume spectra, and an infrared
emissivity of 0.86, potassium-zirconium silicate paint having an
absorptivity to the solar spectrum of O. Z, an absorptivity to the plume
spectrum of O. 33, and an infrared emissivity of O. 85, and a bare metal
surface having an estimated absorptivity to the plume of O. 15 and an
infrared emissivity of 0. 1. The initial temperature was determined for
the sun vector normal to the solar array with the highest flux expected
at encounter (67 watts/ft2}. Under these conditions the white coating is
the design selection to avoid high temperature problems.
Array temperatures for the earth-oriented configuration C for a
nominal history of sun-spacecraft-earth angle are shown in Figure 5-73.
The initial low temperatures are not realistic because spacecraft
orientation would be constrained to that where the solar array would
shadow the louver system.
2.6 Rocket Engine Heatin_
The effects of the propulsion systems upon the spacecraft thermal
requirements have been assessed in view both of the heat from the
exhaust plume and the conducted heat from the engine. The analytical
techniques are described in Appendix D.
Z. 6. 1 Plume Heating
Heat transfer to the spacecraft from the exhaust plumes by
radiation and convection from the plume of the solid motor and by
convection from the plume of the liquid bipropellant engine were
considered. The radiation heat transfer rates to two regions of the
spacecraft were calculated: the aft end of the spacecraft lying in the
exit plane of the solid motor and the aft face of the solar array. Space-
craft configurations A-1 and A-2 were analyzed.
The maximum heating rate for the aft end of the bus does not
vary between the two configurations. The calculated incident rate is
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Solar Panel Temperature - Voyager
E arth-Oriented Array
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113. 5 Btu/ft2'/sec. In applying this rate to an anlysis of insulation and
structure, it is multiplied by the surface absorptivity. A simple seven-
node model ,of the Refrasil batt was established to determine the heat
soak into th_ aft surface. The batt thermal properties are:
Conductivity in vacuum
T he r real capa city
Die ns ity
0.04 Btu/hr-ftZ-°F/inch
0.2 Btu/ib- oF
3. 16 ib/ft 3
Emissivity 0o 85
The heating rate was reduced by the absorptivity of the batt to plume
radiation (0.,17) and applied to the insulation for 90 seconds. The back
surface temperature history is presented in Figure 5-74. As seen, the
temperatur, rise is less than 30o9 " and does not present a problem.
I
-_ FIRING DURATION
I
0.1 0.2 0.3
TIME (HR)
9.igure 5-74
Refrasil t3att Interval
Surface Temperature
History Due to Plume
Radiation Heating
0.4
The heating incident upon the aft end of the solar array varies
between the two configurations because of the difference in shading by
the spacecraft. The calculated incident heat flux for configuration A-2
is considerably greater than for configuration A-I, 0.9Z Btu/ft2/sec
for A-2 and 0.6 Btu/ft2/sec for A-1. The effect on the solar array was
presented in Section Z. 5.
The exhaust plume of the solid propellant motor is shown to ex-
pand forward of the nozzle exit plane and would therefore impinge upon
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portions of the spacecraft structure. Figure 5-75 shows lines of
constant properties and the plume boundary, for the motor being studied.
Data from this figure were used to predict the convective heat transfer
rate to the spacecraft structure. This data was generated by Aerojet-
Gene ral Corporation.
From the properties along the M=20 line, the stagnation heating
was calculated to be 0.023 Btu/ftZ/sec (8B Btu/hr-ft2). This predicted
heating rate is so much lower than the radiation heating rate that it can
be neglected. Even by itself, the convective heating rate is below a
level of concern.
Exhaust plume characteristics for the liquid bipropellant engine
are illustrated in Figure 5-76.
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A convective-heat transfer analysis was performed in the same manner
as for the solid motor plume. From the properties along the M=14 line,
a stagnation heating rate of 0. 016 Btu/ftZ/sec (57.5 Btu/hr-ft Z) was
calculated. A heating rate of this magnitude does not require alteration
of the thermal protection requirements.
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2.6.2 Heat Transfer Between the Solid Motor and Spacecraft
The solid motor must be thermally isolated from the spacecraft for
two reasons: the motor becomes a source of heat immediately after
firing, and later, after it has cooled, it becomes a path for heat loss to
space.
Radiation isolation is achieved by covering the motor with a blanket
of multilayer insulation such as Linde SI-62. Conduction isolation is
obtained by placing a high thermal resistance pad between the motor and
its support structure. Aphenolic-fiberglass gasket, with a difference in
the inner an outer radii of 0. i inch, placed between the motor and thrust
structure, gives a contact area of 15 square inches and meets the struc-
tural requirements. The heat loss from the spacecraft through the
expended motor as a function of gasket thickness is presented in Figure
5-77. It is assumed that the motor radiates to space through the nozzle
exit with an emissivity of unity. As shown in Figure 5-77, thicknesses
greater than 0.5 inch offer little improvement. A one-half inch thick
gasket permits a heat loss of 12 watts which is acceptable.
The one-half inch thick gasket limits the peak heat transfer rate
from the hot motor into the spacecraft to 13.6 watts, assuming a space-
craft temperature of 85°F and a maximum motor case temperature of
275°F *. Experience from the Vela program has shown that a peak motor
case temperature of 600°F can occur. This would result in a peak heat
transfer rate of 36 watts. Even the higher value of heat flux is accept-
able, being well within the heat rejection capability of louver system.
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Figure 5-77. Solid Motor Insulation Requirement
Data obtained from Aerojet-General Proposal.
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2.7 External Equipment
Externally-mounted equipment will require a thermal design which
is independent of the main compartment. The thermal designs are based
upon minimizing thermal coupling between the equipment and their
support structure, as well as minimizing the effects of the varying exter-
nal radiant environment. Thermal isolation is accomplished through the
use of low-conductance mounts (stacked washers, phenolic blocks, etc. ),
multilayer radiation insulation, and where possible minimizing radiator
view angles of the spacecraft and the sun. Thermostatically controlled
heaters will be used to prevent excessively low temperatures, and the
radiators, if required, are passive or actively controlled through the use
of thermal louvers. All heaters are bi-filar wound such that the
magnetic fields cancel.
2.7. 1 Planet Oriented Package (POP)
The POP will house a variety of experiments, television systems,
ultraviolet and infrared spectrometers, radiometers, and Mars-scanning
radiometers. Of these experiments, the TV optical systems place the
greatest demands upon the thermal design in that they require a nearly
uniform temperature environment to maintain optical resolution and
pointing accuracy. A Mars-scanning radiometer also requires a fairly
uniform temperature environment since it also has an image forming
optical system. The ren_aining experiments have temperature level but
not temperature gradient requirements.
Several POP configurations and locations have been examined. The
same basic concepts have been employed for each:
a) Insulate the entire package with multilayer aluminized
Mylar except for viewing ports and radiators.
b) Provide low conductance mounts.
c) If required, use a passively controlled or louver-
covered radiator, depending upon the orientation of
the package with respect to the sun.
Use local electrical heaters and thermostats to minimize
temperature gradients in the region of the fine resolu-
tion TV camera lens systems and for the Mars scanning
radiometer.
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e) Use thermal shutters, if required, over the TV lens
aperture to reduce heat leaks. The shutter, an insulated
door, is open during picture taking modes, estimated to
be less than 15 minutes per orbit. The rotating light
filter for the TV optical system could be used to reduce
heat leaks, instead of a separate shutter, by having a
portion of the filter opaque to thermal radiation. The
sequencer could be programmed to rotate the opaque
portion of the filter over the lens aperture after every
picture taking sequence.
f) Place thermal doors over experiment apertures, similar
to those proposed for the TV system, to reduce heat
leaks.
If local areas within POP require lower temperatures than their
surroundings, this could be achieved by insulating the area from the
package and providing a view to space. Figure 5-78 presents for a
hypothetical cylindrzcal volume the temperatures which could be achieved
by isolating the volume and giving it a view of space, with heat leaks into
the volume from a 60°F environment.
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One of the locations investigated for the POP was that of placing
a two-axis gimbal on the end of the array with the POP extended on an
arm (Figure 5-79a). The postulated experiment opening requirements
were a total of i/2-square foot. The thermal design requirements for
either an active or passive system were examined.
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Figure 5-79b. Selected POP Configuration
First, for the passive configuration, consider the hot case where
the experiments are looking at the sun through the Martian atmosphere.
If no active thermal shutters are used, the experiment openings (assumed
thermally black) absorb 33.5 watts; with the 9-watt nominal power dissi-
pation, one square foot of radiating area (coated with potassium-zerco-
nium silicate paint) is required to maintain a package temperature of
100°F. The radiating areas are located on the oriented face because it
is the least exposed to the sun in nominal (Mars-oriented) operation. In
the cold condition the package is assumed shaded from the sun, receiving
negligible heat from the array and spacecraft, and all sensors are turned
off. Again, with no active shutters, 33 watts of heater power is required
to maintain a package temperature of 0°F.
"'-_ t _ sa_P _n_itionsAn active system utilizing ..... s ..........IUtLV _ i- _ ......
requires 2.4 square feet oflouvered area to maintain an upper tempera-
ture limit of 85°F and 20 watts of heater power to maintain 40°F in the
cold case. The operating temperature requirements of the sensors
(see VS-3-111 in Volume 2) are zero to 140°F. A passive design is thus
adequate at the expense of 13 watts of heater power.
In the selected POP configuration (Figure 5-79a) the POP is partially
shaded from the sun, and the TV apertures are never required to look
at the sun. During transit the package position is such that none of the
experiment apertures receive solar radiation. The selected configuration
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has an increased aperture area of one square foot. In the hot condition
the aperture area alone is sufficient to reject the dissipated power and
absorbed solar energy at 85°F; therefore no additional radiating area is
required. In the cold condition, when all sensors are off, 25 watts of
heater power is required to maintain a package temperature of 0°F.
Z. 7.2 External Experiment Packages
The external experiment packages will house various sensors and
detectors such as meteoroid sensors and plasma detectors. These
experiments are low-powered, on the order of 3 watts total power
dissipation, and can thus be completely insulated except for experiment
apertures. Heater power will be used to make up for heat leaks and
heat losses out of experiment apertures. Where possible, windows which
are opaque to thermal radiation but transparent to the frequencies of
interest will be placed over the detector apertures. Bare metal windows
which view the sun will have sufficient conduction coupling to their
housing to prevent excessively high temperatures. The packages are
insulated from the 4- and 8-inch diameter plasma detector plates since
the temperature limits of the plates are those of the metallic plate
mate rial.
The experiments are conceived as housed within one package on the
edge of the solar array, as shown in Figure 5-79a. Approximately
i/4 square foot of black openings is required by the sensors, which would
radiate 8 watts at an average temperature of 40°F. For a nominal
dissipation of 2.5 watts, approximately 7.5 watts of heater power are
required.
If the experiments were housed within two packages on the edge of
the solar array as shown in Figure 5-79b, 1.5 watts of additional power
(totaling 9 watts) are needed because of the increase in heat leaks caused
by increasing mounting area and the surface area to be insulated.
2.7.3 Gimbals
Antenna and POP gimbals must be maintained within a 20 to 120°F
temperature. The gimbal systems, discussed in Section II, are
essentially electrically passive and must rely on heater power to maintain
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acceptable temperature limits. The gimbal mechanisms, motors and
bearing, are insulated with low conductivity mounts to reduce heat leaks;
cable leads are also insulated. The thermal capacity of the gimbal
systems is used to absorb drive motor power dissipation during their
brief periods of operation.
The antenna gimbal systems, consisting of a primary and secondary
gimbal motor and bearing, each require approximately 2 watts of heater
power; the main bearing require approximately 1 watt of power.
The 6-foot antenna gimbal system requires approximately 6 watts
of power; the 3-foot antenna requires approximately 4 watts of power in
order to maintain acceptable temperatures.
The total heater power requirement for all gimbals is estimated to
be 15 watts.
2.7.4 Antennas
The antenna surfaces facing the sun are painted black to eliminate
the problem of focusing the sun's rays on the antenna feed. The aft
surface is painted white to reduce solid rocket plume heating.
The near-earth antenna and feed temperature was evaluated to be
143°F; the Martian orbit minimum and maximum temperatures were
evaluated to be 54 and -350°F, respectively. The antenna dish is
expected to rise to 354°F because of solid rocket plume heating. The
antenna feed is isolated from the antenna by a phenolic insert as shown in
Figure 5-80 and the leads insulated to insure that the upper temperature
limit of 200°F on the feed is not exceeded during rocket firing.
ANTENNA
FEED PHENOLIC _NSERT
INSULAT£D LEADS f
Figure 5-80. Antenna Feed Insulation Concept
2.7.5 Magnetometer
The magnetometer, located on a boom, is insulated from the sun
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with multilayer insulation (Figure 5-81) with a radiator facing outboard
and never seeing the sun except possibly during midcourse orientations
and deboost maneuvers. The radiator is painted white to reduce solar
heating during maneuvers and plume heating from the solid engine.
Electric heaters are used to insure that the power rejected by the radia-
tor is greater than heat leaks. This is of concern for a low continuous
power dissipating magnetometer where power dissipation is the same
order of magnitude as heat leaks, since heat leaks are difficult to predict
and cannot be controlled. Heater power requirements are such that heat
leaks will be less than 20 per cent of the total power to be dissipated by
the radiator. Heat leaks have been estimated to be approximately one
watt for the magnetometer; thus the total power rejected by the radiator
is 5 watts, requiring a radiator area of approximately 25 square inches
and leading to an average temperature variation of 20 to 70°F. The
average maximum radiator temperature during orientation maneuvers
near earth is 140°F. The temperature rise of the radiator during deboost
is slight, on the order of 10°F, since the radiator faces away from the
major portion of the plume.
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Figure 5-81. POP Gimbal System
5-124
2.8 Summary of the Selected System
Thermal control features of the selected design are shown in
Figure 5-82.
2.8. I Louver System
Although the alternate louver and actuator designs show potential
performance improvement over the selected design, the performance
analysis and over-all heat balance has shown that the already developed
and flight tested Mariner-OGO type of louver and actuator is adequate
and reliable. In addition, improvements in magnetic cleanliness are
possible with the Pioneer-type bimetal, at some small sacrifice in
actuation range. The selected design is then a Mariner-OGO type
louver blade actuated by a Pioneer-type bimetal. Some performance
gains may be realized with the selected system through carefuI design
and improved fabrication techniques to achieve very small gap fractions.
The louver system has been sized for a margin of 10 per cent in the hot
condition; however, the performance curves show average temperatures
less than 70°F compared to the sizing at 85°F indicating a margin of
17.8 per cent on excess radiating capability.
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COATING ON BACK SIDE
OF SOLAR A_
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Figure 5-82. Thermal Control Features of the
Selected Voyager Configuration
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2.8.2 Insulation
The over-all heat balance shows 26 per cent margin of internally
dissipated power above that lost through closed louvers, insulation, and
identifiable heat shorts with 20 layers of aluminized Mylar. Although
adequate, additional margin may be realized by allocating weight
reserves for more insulation. The Velcro attachments have been proven
on OGO and Pioneer and are chosen for the Voyager application.
2.8.3 Power Density Constraints
The tradeoff study on power distribution along with experience on
OGOhas shown that aloose constraint of 0 to 0. Z and occasionally as
high as 0. 3 watts/in 2 of baseplate will provide adequate temperature
control for most electronics, perhaps 30 to 100°F. Use of a 20 watt TWT
transmitter poses no special problems. If a 40 watt TWT transmitter
is used, it would be necessary to enlarge baseplates and thicken face
sheets to provide adequate control, the upper limit on local high power
sources being approximately I. 4 watts/in 2 with an attendant operating
temperature of 185°F.
2.8.4 Rocket Engine Heating
It has been determined that gaseous heating from the engine plume
presents no thermal problem for the selected design. However, the solid
particle plume of the selected configuration constrains the back surface
of the solar array to be a white coating, presents a problem in thermally
insulating the antenna feeds from the dish, requires Refrasil batt insula-
tion on the top surface, and may require the use on external packages of
insulation with a higher allowable temperature.
Z. 8.5 Externally-Mounted Components
The externally-mounted experiments require insulation and heater
power to maintain adequate temperatures but the approach is straight-
forward. Gimbals present a problem area in requiring an operating
temperature above 20°F while exposed to space and attached to the solar
array. Thermostatically-controlled heaters, multilayer insulation, and
low conductivity attachments offer a solution. However, an accurate
sizing of the power needs requires the detailed thermal analysis and
design effort planned for Phase IB.
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3. SEPARATION SYSTEMS
Means for separating the spacecraft from the booster and the
capsule cover base from the spacecraft have been studied in detail.
Although no specific designs for separation of the capsule cover or
separation of the capsule from its cover were developed, the implications
of these operations on the spacecraft design were considered, particularly
the requirements imposed by on-pad operations with the over-all space-
craft enclosed in the launch fairing. The considerations leading to
selection of the final concepts are described in the following paragraphs.
3. 1 Spacecraft-Booster Separation
It has been assumed that spacecraft-booster separation will rely on
retrorockets on the Centaur stage and that these rockets are under the
control of the Centaur programmer; thus no means are incorporated in
the booster-spacecraft separation studies here for providing any
differential velocity. It is further assumed that the signal to initiate
separation will be from the Centaur stage. Additional ground rules for
design are that no wiring for separation should cross the separation
interface, and wire cutters will not be required. The heavier parts
of the separation assemblies will remain with the booster, and non-
magnetic material should be used where possible. Preliminary analysis
of the worst case of static and dynamic loads indicates that three bolts
will carry the tension loads. The temperature range over which the
stage separation system must operate is -100 to +165°F.
In configurations in which the separation nuts remain with the launch
vehicle, standard gas-sealing capture nuts can be used, and no special
provision need be made to prevent outgassing.
3. i. i Mechanisms Considered
Four separation concepts were studied for possible use in
separating the Voyager planetary vehicle from the Centaur stage.
The first concept considered for stage separation
consisted of an interface with a release device located at each of six
hard points of the spacecraft structure. However, since stress analysis
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showed that adequate margins could be obtained with three attach points
and since the additional mechanisms would be in line with respect to
reliability, this approach was not selected. Consideration was given
to ways of minimizing the number of in-line operations requiring
actuation.
A second arrangement which reflects the information gained from
the stress analysis performed on the first arrangement contains three
bolts and three separation nuts and three shear pins (Figure 5-83). This
arrangement provides an improved reliability due to the use of fewer
release mechanisms; it is also lighter in weight. A release system of
this type will impart little shock into the system. The simultaneity of
release of the bolts is in the order of 2 msec; thus the attitude of the
vehicle will not be significantly perturbed.
SHEAR PIN SEPARATION POWER FROM
NUT CENTAUR
BO
SPACECRAFT
SEPARATION PLANE-
ONE INITIATOR
Figure 5-83. Separation Joint Assemblies
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A third arrangement (Figure 5-84) consisted of a continuous cable
connection between the two stages. In theory the reliability of this
approach is high, especially if two cable cutters are used. The concept
was discarded, however, for the following reasons:
a) The weight would be greater than that of separation nuts.
b) There would be loose pieces of cable which could spring
back and damage the solar panels.
c) Because of uneven drag from the cable, attitude tip-off
rates would be higher than with other approaches.
A fourth arrangement studied consisted of a Marman V-clamp
which would hold a flange on the spacecraft to a flange on the launch
vehicle (Figure 5-85). This is a good system which has been success-
fully used on sm_ll-diameter missile and payload release systems.
Redundant bolt cutters or releases perform the release function. On a
joint as large in diameter as that of the Centaur-spacecraft (120 inches),
and with tension loads as high as those calculated for the Voyager system,
the V-clamp system looks less attractive for the following reasons:
a) Several turnbuckle tighteners would be required to
equalize the clamping loads against the sliding friction
loads.
b) A flange would be required on the spacecraft side of
the joint, in place of bolt tabs at the load-carrying points.
c) The loose parts of the V-clamp would require flexible
retaining connectors to keep them with the launch vehicle.
The four types of separation systems were evaluated in terms of
seven factors: weight, simplicity, availability, shock, outgassing,
safety, and reliability. It was found that in all of these respects,
except shock, the concept illustrated in Figure 5-83 was equal or
superior to the other three. Although the V-clamp and the cable concepts
appear to be slightly less shock-inducing in the separation event, their
margin is quite small and the shock resulting from the three bolts and
shear pins is well within acceptable tolerances. Moreover, the
Figure 5-83 concept is the simplest and lightest in weight and appears to
offer the most reliable separation. It was therefore selected as the
preferred design.
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Figure 5-84.
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Figure 5-85. Separation Joint
Assembly Showing
V-Clamp Connection
We i_ht- Reliability T rade off
Methods of improving reliability by the use of redundant elements
were considered. The results of this evaluation are as follows:
Re liability
Estimate We ight
3-nuts, 3-dual bridge cartridges 0.99852 2.2
3-nuts, 6-dualbridge cartridges 0.9998 2. 3
above + 3-pin pullers and 6 cartridges 0. 9999 5.7
The selected approach uses three nuts with six dual bridge
cartridges, with a reliability estimate of 0.9998.
3. 2 Capsule Cover Base Jettison System
After the capsule cover has been opened and the lander separated,
the cover base will be left with the spacecraft. On the spacecraft
configuration where a solid-propellant retromotor is used, the cover
must be removed and jettisoned prior to motor ignition. A separation
system for performing this function would be similar to that considered
for spacecraft separation, with the additional requirement of providing
force to move the cover away from the spacecraft. The study presented
here is without the benefit of any information on the capsule release
mechanism. Close cooperation and a good interchange of data will be
necessary between the capsule contractor and the spacecraft contractor
before the design can be finalized.
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An arrangement (Figure 5-86) whereby three hard points take all
shear and three hard points take all tension from the capsule was
selected in this study. Preliminary analyses indicate that three 1/2-inch
studs would hold the lander in position during launch and flight. These
same three studs are released to jettison the portion of the capsule
cover remaining after lander separation. This mechanization does not
intrude into the capsule attachment point adaptors as shown in Figure 4
of the JPL Preliminary Voyager 1971 Mission Specification. A
preliminary calculation to substantiate the practicability of a spring
deployment system is shown in Section 2 of Appendix C.
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Lander Cover Base Release Mechanism
A design constraint is that requirement for installing all ordnance
in the spacecraft before it is placed in position on the Centaur stage.
Arming of the ordnance, that i8 the installation of the electro-explosive
initiator, should be done as late as possible in the countdown.
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A method of accomplishing these two requirements would be the
installation of release nuts, with nonelectric pressure cartridges to
actuate the release nuts. Attached to each of the nonelectric pressure
cartridges would be two tube-enclosed confined detonating fuzes (CDF).
The other ends of the confined detonating fuzes would be attached to an
arming block located for convenient access on the bottom of the space-
craft. CDF has been used with great success on Thor and Zeus programs.
However, the flight times of these missiles have been short compared
to Voyager, and tests of CDF under hard vacuum conditions have
demonstrated that the material loses weight. The design presented here
anticipates enclosing each CDF lead in a sealed metal tube, which
performs the function of protecting the CDF from the hard vacuum and
also acts as a pressure seal for the actuators after firing.
The comparison of separation approaches in Section 3. 3. 1 is
also applicable to the lander cover base separation. Reliability and
weight tradeoff for this system lead to the same dual bridge configuration,
with a reliability estimate of 0. 9998.
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4. PYROTECHNICS
4. 1 Requirements and Design Criteria
In addition to mission specification requirements, the following
criteria were used in evaluating candidate pyrotechnic devices and
selecting the devices recommended for the Voyager spacecraft:
a) Efficient, reliable performance of the required
functions.
b)
c)
Static and dynamic analyses of devices that induce
low shock are preferred.
The mission temperature range of +165 to -300°F.
All devices will not be subjected to the entire range.
d) Nonventing, and nonrupturing devices providing
positive gas containment to preclude surface deteriora-
tion.
e) Reliability evaluation of the electroexplosive devices
based on test data and accumulated history. Pyro-
technic devices (hardware)will be evaluated with
greater emphasis on the basic design because less
history exists. The selected items will all receive
reliability evaluation tests in the exact configurations
selected.
f) RF analysis made to assure that the 1 amp/lw no-fire
standard initiator with twisted shielded firing circuit
survives the RF environment specified. In the event
that the RF environment is increased beyond the
survival capability of the 1 amp/lw squib equipped
with completely shielded firing circuit, filters have
been designed and can be installed ahead of the squibs.
g) Capability of electrical circuitry to:
• Short initiator circuits to protect electro explosive
devices (EED)
• Switch initiator circuits from shunt position to
fire position
Provide 5 amps of current for 50 msec to each
bridgewire, and at no time exceed Z2 amps on any
one bridgewire.
h) Minimize total number of items used on the Voyager
program. Qualification costs, lot acceptance, and
development testing will probably exceed the cost of
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of the parts. Consideration must be given to maintaining
a balance between total cost and value.
i) Simple design for reliability and lower cost of manu-
facturing, handling, and personnel training.
j) Amount of damage that an explosive part is capable of
inflicting and the relative sensitivity of the explosives
used in the device.
The Apollo standard initiator is a device that meets the require-
ment of the Voyager mission specification. There are presently two
sources for the device.
4. Z Pyrotechnic Devices
The types of EED-actuated pyrotechnic devices considered for use
in the Voyager spacecraft include the following:
• Explosive bolts
• Separation nuts
• Flexible linear shaped charge
• Mild detonating fuse
• Primacord
• Pin pullers
• Reefing line cutters
4.2. I Explosive Bolts
Explosive bolts can perform the primary function of spacecraft
separation. They have the advantage of being lightweight, have a good
accumulation of performance data behind them, and their availability is
good. They are simple devices and are easy to install and arm
(Figure 5-87).
Disadvantages of explosive bolts are their larger-than-standard
diameters, fragments, and vented gas. In addition, EED redundancy
is usually attained by using the stud form and placing an EED in
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Figure 5-87. Typical Explosive Bolt
each end. Force-of-breaking drives the single-ended bolts forward,
necessitating the use of a bolt catcher.
4.2.2 Separation Nuts
Separation nuts with captive, removable flange bases (see
_-'z_ J-uu1=oo_ were _v.,o,_;_-_ _¢_ perf_;-g__..................th_ _t_g_ r_1_e function.
Advantages of these devices are: I) the retention of all fragments and
gases within the case, 2) the use of less explosive and a slower
explosive, and 3) less shock introduced into the system than introduced
by explosive bolts or a flexible shaped charge.
A notable exception to most of the disadvantages is the Space Ordnance
Systems, Inc. pressure bolt; however, the number of sizes available
and the history on these items is limited.
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Separation nuts can be obtained with or without a bolt-ejection
feature. Dual EED cartridges, for redundancy, can be installed on the
same side of the separation joint. Good history exists for separation
nuts and may be reconditioned and reused. Disadvantages of separation
nuts are: I) heavier than explosive bolts, 21 not as simple in con-
struction or installation, 3) limited as to sources of supply of qualified
items, and 41 need of bolt catchers if bolt ejectors are used.
4.2.3 Collet Release
A collet release has been investigated as a stage separation
release mechanism. (See Figure 5-89) This device uses a fuse wire
to hold the collet in alocked position. Advantages of the collet release
are: I) elimination of all explosives, 2) induction of less shock than
release nuts, 3) installation of dual fuse wires for redundancy, and
4) installation can be made from one side of the separation plane.
The disadvantages of the collet release method are: I) the com-
plexity of the device and the close tolerances needed in the construction
of the device, 2) increase in weight over explosive bolts or release nuts,
3) meager history of these units {they have never been used for stage
separation), and 4) the electric power required to operate the fuses is
two to three times that of the EED.
4.2.4 Pin Pullers (and Reefing Line Cutters)
Pin pullers (Figure 5-901 were considered for stage separation.
The advantages of pin pullers are the same as those indicated in
Paragraph 4.2. Z for release nuts.
The greatest disadvantage of pin pullers is their weight, which is,
with the required brackets and turnbuckle, greater than that of
explosive bolts or release nuts. Another drawback in the application
under consideration is the dependence on proper torquing of turnbuckles
to provide identical shear preloads to pin pullers. Not providng this
_:=Grey andHuleguard, Inc., Subsidiary of Mertronics Corp.
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INSTALLED
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SEPARATED
I . LOCKING PISTON MOVES FORWARD TO UNLOCK THREADED SEGMENTS
2. SEGMENTS DISPLACE RADIALLY AWAY FROM BOLT
3. SEPARATOR PISTON LOCKS SEGMENTS IN OPEN POSITION
4. EJECTOR PISTON THRUSTS BOLT OUT OF STRUCTURE JOINT
DESIGN FEATURES
I. GAS RETAINING
2. LOW REACTION FORCE TRANSMITTED TO STRUCTURE
3. ULTRA FAST RELEASE TIME DUE TO MINIMUM MOMENT OF
PARTS 1.6 MILLISECONDS HAS BEEN OBTAINED
4. POSITIVE BOLT EJECTION
5. NO FRAGMENTATION. ALL pARTS ARE RETAINED AND
LOCKED IN PLACE
OPTIONAL iNSTALLATION
_,/INTEGRAL
_ FLAIGE BASE
METHODS - USING BASIC NON-CAPTIVE SEPARATION NUT
SN702
r-Jl REMOVABLE
l--'J 'SN70|2
L-J SEPARATION NUT SEPARATION NUT
SN7311 CAPTIVE NUT HAS INTEGRAL
FLANGE BASE. DESIGNED FOR BOLT
TORQUING
SN7312 CAPTIVE NUT HAS REMOVABLE
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TORQUING
SN7012 USED AS NONCAPTIVE
SEPARATION NUT (WITHOUT BASE)
Figure 5-88. Separation Nut
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DIELECTRIC MATERIAL RETENTION COLLET
CLEVIS HOUSING_ / HO/SING
O RING _ CLEVIS HOUSING RECEPTACLE HALO
P,,OT,LEEVE NGREA, _/
PLUNOER BELLEV,LLE_PR,NGSSPR'HcOS,TNoNERSPRING WASHER
681 ARMED
WITH THE ACTUATOR IN AN ARMED CONDITION1 THE 681 BECOMES
A SOLID MECHANICAL LINK. IT WILL BE NOTED THAT THE ACTUATOR
PLUNGER MAINTAINS A POSITIVE MECHANICAL LOCK BETWEEN THE
CLEVIS RELEASE COLLET AND THE CLEVIS
_44444_ ...................
I 17 f------_ I1 "-_t
681 SEPARATED
AN ELECTRICAL CURRENT IS PASSED THROUGH THE HALO ELEMENTS,
THE HALO CEASES ITS KEEPER FUNCTION AND ALLOWS THE SPRING
LOADED ACTUATOR PLUNGER TO BE WITHDRAWN FROM THE CLEVIS
RETENTION COLLET. THIS CAUSES THE TENSION LOADED CLEVIS TO
COLLAPSE THE RELEASE COLLET (AIDED BY A MECHANICAL PRESSURE
ANGLE) AND BE DRAWN FREE PROM THE HOUSING
Figure 5-89. Collet Release
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uniform loading could cause hang-up on one puller pin.
4.2.5 Flexible Linear Shaped Charge
Flexible linear shaped charges (FLSC) (Figure 5-91)have been
used for stage separation on other programs, and Douglas has done
considerable testing of this material. The advantages of FLSC lie in the
simplicity of the explosive system and, in some cases, ease of installa-
tion and low weight.
Disadvantages of FLSC in the Voyager application are: I) the
shock imparted into the structure and thus into the instruments, 2) the
production of shrapnel, and 3) the emission of gases. Moreover, if
the side away from the jet is protected from blast effect, the weight of
an FLSC system will be greater than any other system considered.
All of the foregoing assumes cutting a continuous thin-walled
cylinder. If three tension-straps were used instead of a complete
cylinder, the advantages and disadvantages of the FLSC would then be
approximately equal to those of explosive bolts (Paragraph 4. Z. I).
4.2.6 Summary and Selection Criteria
A summary and comparative evaluation of the pyrotechnic
selection criteria are indicated in Table 5-30.
Table 5-30. Evaluation of Selected Pyrotechnic Criteria
Gas
Simpli- Avail- Pro- Reli-
Weight city ability Shock duction ability Safety Total
Bolts l0 9 I0 2 7 8 7 53
Nuts 9 8 9 9 9 9 9 62
Collet 6 6 5 I0 I0 9 i0 56
_Pin Puller 8 8 i0 9 9 9 9 62
FLSC i0 I0 i0 1 6 I0 Z 49
and Reefing Line Cutters
Note: Rank 1 to I0 in order of preference.
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Figure 5-90. Typical Pin Puller
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Separation nuts rank among the highest in the comparative evalua-
tion and have been selected for use in stage separation. Pin pullers and
reefing line cutters are also recommended for specific applications.
Items which produce high shock are not recommended.
4.3 Spacecraft Destruct Systems
In view of the Voyager spacecraft design, the launch vehicle pro-
visions, and the requirements imposed by AFMTC 80-7, the Voyager
spacecraft should not require a separate destruct system. AFMTC 80-7
states that each missile must have two separate flight termination sys-
tems. The Voyager launch vehicle has three separate destruct systems:
Stage IB, Stage 4B, and Centaur (two systems, in the case of the Atlas-
Centaur 1969 configuration). The AFMTC regulation states in the
discussion of ballistic missiles that the redundant destruct systems must
be in the last powered stage of the missile. If Voyager is treated as a
ballistic missile, the last powered stage would be the Centaur. The
engine in the flight spacecraft is a retrorocket which points in the oppo-
site direction from the three boost stages. The retrorocket requires
the following sequence of events to become significantly propulsive:
• Separation from Centaur
• Jettison of spacecraft capsule container
8 Motor ignition signals
Because of the problems of insuring against inadvertent operation of a
destruct systeFn _---" - ........,_ns Mars *_n_t 8_nd because of its implications on
Mars contamination, it is highly desirable to omit the destruct system.
TRW Inc. has successfully justified not including a destruct system in
other orbiting vehicles which contain solid propellant engines and feels
that a waiver should be attainable for Voyager. However, in the event
that a waiver cannot be obtained, design studies have been made to
select a technique for the spacecraft. These studies are summarized
in the paragraphs which follow.
4.3. 1 Destruct System Concepts
Four destruct system concepts are as follows:
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a) Shaped-charge explosives contained in the Centaur inter-
stage and initiated by Centaur destruct explosives train
to rupture the retrorocket case.
b) Explosives contained in the spacecraft and initiated by the
Centaur electrical destruct signal. The explosives are
designed to rupture the retromotor case and also to
puncture all high pressure gas storage tanks.
c) Explosives contained in the spacecraft and initiated by the
Centaur electrical destruct signal to rupture retrorocket
motor case only.
d) Explosives and command destruct receivers are installed
in the spacecraft to rupture the retrorocket case.
4.3.2 Comparative Evaluation
In the discussion which follows, these four concepts are ranked in
order of preference in regard to their possible effect on the following:
a) Mission Weight and Reliability
Concept a) - Since all weight is added to Centaur stage
instead of Spacecraft, this is an advantage for the
spacecraft.
Concepts b} and c}leave explosives in spacecraft during
entire mission and add weight to spacecraft.
Concept b}is heavier and more complex than Concept c).
It is not believed to be necessary to destroy all high
pressure bottles if the rocket is made nonpropulsive.
Concept d)has the greatest complexity, added weight, and
modes of inadvertent destruct actuation.
b) Range Safety
Conceptd) will destroy the spacecraft as long as it is within
range of the destruct trgnsmitter.
Concepts b) and c)would not operate if the Centaur had
separated from the spacecraft unless a "booby trap" type
firing device was included in the spacecraft. This device
would fire on separation unless disarmed by another
system prior to the separation command.
Concepta) would not be effective in case of premature
Centaur separation unless such a booby trap device was
built into the Centaur.
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c) Avoidance of Mars Contamination
Concept a) would contaminate Mars only if fired after
Centaur second burn and before Centaur trajectory
deflection is accomplished after Spacecraft separation.
This hazard is already present in Centaur destruct
system.
For Conceptsb) and c)inadvertent firing of destruct by
micrometeoroid collision, solar heating, or heat from
retrorocket (during Mars injection burning) could put
parts of unsterilized Spacecraft into Mars collision
course.
Concept c_ has all of the disadvantages of Concepts
and with the additional hazard of inadvertent firing by
spurious destruct signals.
4.3.3 Brief Description of Destruct System Design
If required, two safe and arm devices (S and A) capable of arming,
firing, or disarming on command could be installed in the Spacecraft.
In addition, the S and A should provide a readout of their condition; that
is, armed or disarmed. Each S and A should be provided with two firing
circuits and two explosive trains (paths). Two sources of power should
be provided. In the safe position the EED leads must be shorted.
Attached to the output of each S and A would be a totally enclosed explo-
sive harness so arranged that the output of any one of four trains would
initiate the harness. The harness would lead to shaped-charge compo-
nents placed adjacent to the motor or four large pressure vessels
(Configuration B only). Each shaped charge will be capable of producing
a jet which would penetrate the motor or tank at which it is directed. It
is anticipated that all other range safety gear will be in the Centaur stage,
and will be unnecessary after spacecraft separation.
Explosives are initiated by heat and shock. Therefore, exposed
explosives could be initiated by micrometeoroids. All explosives planned
for use in the Voyager spacecraft will be enclosed in a metal envelope,
and most of the explosives will be protected by the spacecraft bus. Those
parts not inside the buss will have additional insulation protection to cut
down on heat flow and to protect the explosives from micrometeoroids.
The total cross-section of explosive items is an extremely small
percentage of the total cross-section of the spacecraft.
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Micrometeoroids travel at high velocities, but protection can be
provided by providing a covering which will break them up and dissipate
their energy.
4.4 Safe and Arm Provisions
The S and A could be located in the bottom plane of the spacecraft
for easy access. Plug-inunits are planned to permit the destruct charge
to be installed on the ground without the initiators. A plug-in simulator
could be inserted to permit safety system checkout, and arming could be
done late in the countdown.
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5. DEPLOYMENT MECHANISMS
5.1 Magnetometer Sensor Deployment
One of the magnetometer sensors is required to be deployed at
least 30 feet from the spacecraft center - 20 feet from the edge of the
solar array. Also, as indicated in VS-4-572 (Volume 2), the sensor
axes are required to be predictable within 3 degrees. The sensor
weighs 1.6 pounds and is 6 in. long by 3 in. diameter. Ten to 12 lead
wires are required to be deployed with the sensor.
The major problems considered in the design and selection of a
suitable system are as follows:
a) Storing a deployable boom of the required length
within the spacecraft envelope.
b) Deployment of lead wires with the sensor.
c) Design of a boom which can withstand or avoid the
solid motor g-loads during retrothrust.
d) Maintaining the required sensor orientation with con-
sideration given to bending of the boom during cruise
by solar heating and uneven temperature distribution.
e) Design to withstand launch and mission environment.
f) Design to meet spacecraft nonmagnetic requirement.
Solution of the orientation problem for each configuration is based
on: l) a thorough analysis to determine the maximum temperature
differential expected and maximum deflection expected on a particular
design, 2) optimization of the design to minimize u_-_.v**,-" :'--_'A- and 3)
mounting of the sensor on the boom at a predetermined bias to assure
that its orientation does not exceed requirements.
5. I. 1 Mechanizations Considered
a. STEM System (Storable Tubular Extendable Member)
The STEM system is manufactured by the DeHavilland Air-
craft Company of Canada and has been used successfully on other space
systems (Gemini, Mercury, and Agena). The design for Voyager is
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shown in Figure 5-92. When stored, the size of the required STEM
unit is approximately 18 x 6 x 7 inches. The boom is a tubular element
which consists of several layers of various lengths formed out of strip
metal. The element is stored in a strained flattened condition by wind-
ing it onto a drum. As the circular element is retracted, it is smoothly
transformed into the flattened condition by passing it through a guiding
element. The boom is extended or retracted by rotating the drum in the
appropriate direction, using an electric motor. The motor power re-
quirements are approximately 5 watts to extend and 50 watts to retract.
The lead wires to the sensor are deployed through the tube as an
integral part of the STEM unit.
I
r---
\ /
MAGNETOMETER PACKAGE
STEM 20-FOOT BOOM
BOOM STORAGE AND
DRIVE PACKAGE
MOUNTING
FLANGE
£
Figure 5-92. De Havilland STEM-type Boom
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The STEM unit would be mounted on the edge of the solar
array (Figure 5-93). At the start of cruise, a command is given to
extend the boom. Just before retrothrust, the boom is retracted to
avoid deflections resulting from the g loads. By controlling the time
during which power is applied to the drive motor, the length of the
boom can be selected.
soRI  CRUSEATTDE
_ FIXED BOOM
Figure 5-93. STEM Boom With Fixed Backup Boom
After extension, the a STEM unit will experience bending
caused by thermal gradients between its sunlit and dark sides. The
gradients and therefore the deflections are reduced by using a silver
coating on the tube. The deflection at 1 AU is about 2 x 10 -4 L 2 ft,
where L is the boom length in feet. Thus a 20 foot boom will deflect
up to 0.08 feet or an angle of about 0.3 degrees, which is well within
the goal of 3 degrees. The maximum angle uncertainty caused by the
deployment mechanism is 0.6 degrees. Without the silver coating the
thermal deflection will be an order of magnitude larger. Discussions
with DeHavilland indicated that the booms can support the magnetometer
weights under an acceleration exceeding 4.5 g.
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b. Nonretractable Folding Boom
The folding boom, illustrated in Figure 5-94, is an alternate
method considered for deploying the magnetometer sensor. The system
consists of a tension spring and segment actuator and locking mechan-
ism at each joint similar to the improved OGO configuration. Both sec-
tions of the boom are of beryllium-copper tube. The release system
is a nylon cord and a pyrotechnic cable cutter programmed to fire when
release is desired. The sensor lead wires are inside the tube with care
taken at the joints to assure that the wires are not damaged during
actuation. Such a boom is not retractable and thus must be strong
enough to withstand the retrothrust g load, with a significant weight
penalty.
.SEGMENT EXTEND POSITION LOCK_ j
::-:Z:CABLE/" ITENS,ONB,R, O
/ _XXX X /STOWED POSITION /
/ \\ \\ \ spR,No SEOMENT'_
CABLE CUTTER' \\ \\ _ FOLDED
\
............ x _ 1 /_ EXTEND POS,T,ON LOCK MAGNETOMETER
; _t _--_ _=_2=_ T_ _:_'
Figure 5-94. Nonretractable Boom
c. Retractable Folding Boom
A retractable folding boom can be employed in a configuration
similar to the nonretractable folding boom. In this case the boom is
lighter since it need not withstand the retrothrust g loads. An electric
motor is used to retract the boom using a drum-wound cable attached
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to the boom. The pyrotechnic release system used in the nonretractable
folding boom would not be required. Figure 5-95 shows the arrangement.
MENT
RETRACTOR AND SUPPLY DRUM "_,_
TOWED BOOM
FIXED
SEGMENT
J
SPRING
EXTENDED
Figure 5-95.
_'TOR CABLE GUIDE
Retractable Boom
d. Expendable Folding Boom and Fixed Backup Sensor
To eliminate the need for retracting the lightweight folding
booz__., = _eond sensor can be permanently mounted on the spacecraft
for use after retrothrust in Mars orbit. Thrusters are programmed to
fire the expendable boom assembly off the spacecraft prior to the
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retro-thrust maneuver. A pyrotechnic cable cutter severs the wires to
the boom. Figure 5-96 shows the design arrangement.
SPRING _'_ SEGMENT
F0 L D/_ _,/_'_"_17_ _ /NYLON CORD
/_ _STOWED POSITION
CABLE O ER \SP ,NG\\\ \ \ SP ,NG/
SEGMENT _'_1_ _ 1 / _. / ,CRUISE BOOM AND SENSOR
J" GRAY HUL'_[ GU'ARD _ ....... --_'_ _'
UMBILICAL THRUSTER
Figure 5-96. Nonretractable, Expendable Folding )Boom
The thruster system could be of the pyrotechnic type or a
nonexplosive "Gray-Huleguard (G-H) umbilical thruster joint" whereby
actuation is made by a spring held in position by a wire which melts
upon application of power. The G-H unit incorporates an umbilical
disconnect for the sensor wires, eliminating the requirement for a
cable cutter.
5. i. 2 Configuration Evaluation
Each of the configurations just discussed has been evaluated on
the basis of severaltradeoff factors, with the results presented in
Table 5-31. As a result of this comparison, the STEM unit plus a
sensor fixed at the edge of the solar array are used in the selected
spacecraft design.
5.1.3 Material Considerations for Selected Designs
Development work by the DeHavilland Aircraft Co. , of Canada has
indicated that the optimum boom material is beryllium-copper because
of thermal expansion, elasticity, strength, and magnetic considerations.
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The STEM boom is capable of withstanding retrothrust and could remain
extended. The second sensor mounted on a fixed boom will be used in
Mars orbit. The STEM system has been qualified for other space pro-
grams but not for as long as 9 months. Development testing is
continuing on the STEM system for other applications.
Plating the element surface with material such as silver will
reduce the absorptivity while increasing element thermal conductivity.
This results in reduction of boom bending due to solar heating.
Use of magnetic materials is to be minimized to comply with
spacecraft specifications.
5.2 Solar Panel Release and Deployment System
The investigation of solar panel release mechanisms applies only
to Spacecraft C. This configuration has I0 solar panels whose dimen-
sions are approximately 4 ft x 6 ft. The panels are hinged on the 4-foot
side. When stowed, the major axis of the panels would be approxi-
mately parallel to the roll axis of the spacecraft. The panels are
required for deployment into a plane perpendicular to the roll axis
of the spacecraft. Deployment is to take place upon initial insertion of
the spacecraft into the earth-to-Mars cruise trajectory. A suitable
system for accomplishing all the requirements of deployment would
have the following elements:
a) A release device which holds the panels rigidly in the
stowed position and releases them upon command.
b) An actuator device which supplies torque to move each
panel from the stowed to the deployed position.
c) A damper device which limits the actuation rate and
prevents damage when the panels reach the stops.
d) A locking device to hold the panels in the deployed
position.
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5.2. I Deployment Configurations Studied
a. Fixed Support, Pin Puller, Hinge Spring and Damper
The design configuration is shown in Figure 5-97. The
release device is a pyrotechnic pin puller mounted on each solar panel.
Upon command, the pin puller releases the joint between the solar panel
and a support which is fixed to the structure. Torque is supplied to the
panel by two hinge springs. Rate damping is provided by a linear piston,
hydraulic-type damper. The panels are locked into the extended position
by a hinge lock.
b. Fixed Support, Pin Puller and Linear Actuator-
Damper- Lock As sembly
The design configuration shown on Figure 5-98 makes use
of a release and hinge similar to the configuration described above.
The actuator, damper, and lock are combined into one assembly. The
lock is a piston ring which expands into a step when in the extended
position.
c. Nylon Cord and Bolt-Cutter Release, and Linear Actuator
The configuration shown on Figure 5-99 uses a release
system consisting of i) a panel release latch which is pivoted on a
fixed support, 2) a detent on each panel to which the latch catches,
3) two nylon cords which hold the latch in the panel-stowed position,
and 4) two pyrotechnic bolt cutters which cut the nylon cords and
release all of the panels simultaneously.
do Nylon Cord and Bolt-Cutter Release, and
Hinge Spring Actuator
A fourth configuration makes use of a release system the
same as that discussed in c, above, together with hinge springs and
hydraulic damper that are the same as in a, above.
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Figure 5-98.
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Figure 5-99.
DETAIL A
Cable Cutter System
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e. Pin Puller and Latch Release, and Linear Actuator
The configuration shown on Figure 5-100 has a release sys-
tem consisting of a mechanism which pulls a latch out of a swiveled
catch attached to a fixed support member. The mechanism is actuated
by a pyrotechnic pin puller The stroke of the latch and the rotation of
the catch makes it possible for all the solar panels to be released when
the mechanism on every other panel is actuated. The actuator damper
lock assembly is the same as described in b, above.
5. 2.2 Configuration Evaluation
Each of the five configurations has been evaluated on the basis of
several tradeoff factors. The results are given in Table 5-32. As a
result, the design shown on Figure 5-99 has been selected.
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FIXED SUPPORT MEMBER
/
\ \
SPACECRAFI BUS LINEAR ACTUATOR
I
SW,VELC_::NLOCKEOPOS,T,ON
i LATCH,NUNLOCKEOPOS,T,ON
SOLAR PANEL
TO PIN PULLER
Figure 5-i00. Pin Puller and Swivel Catch
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VI. ELECTRONICS PACKAGING AND
ELECTRICAL DISTRIBUTION
I. ELECTRONICS EQUIPMENT PACKAGING
Except for sensors and science equipment which require mounting
at particular places on the spacecraft structure, all electronic assemblies
will be mounted on temperature-controlled panels (Figure 6-1). These
panels will form the exterior surface of the spacecraft, act as heat sinks,
and provide micrometeorite protection for the electronics. Thermal
louvers on the space-facing sides of the panels provide thermal control.
At present only four of the six bus faces are required to mount the
ele ctr onic s.
The electronics packaging studies have involved consideration of
heat sink, thermal, and stress properties, methods of mounting equip-
ment to potential heat sink materials, arrangement of boxes and cable
assemblies, and study of internal packing approaches for electronics
assemblies. Structural and material considerations leading to the design
selection of the heat sink are described in Section V of this volume.
I. 1 Design Objectives and Constraints
Objectives and constraints covering the disciplines of equipment
integration, electrical distribution, and electronic packaging are
discussed below, grouped according to considerations affecting system
design, electrical performance, and general packaging.
The equipment design and integration objectives are to achieve an
arrangement compatible with the spacecraft system regarding:
• Efficient utilization of equipment space and mounting
area in a manner which lends itself to effective
control of vehicle center-of-mass.
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Flexibility of equipment installation to facilitate
temperature control and to obtain uniform power
distribution.
• Allowance for testing complete panels with electronics
prior to installation on the spacecraft.
• Capability for testing panel-mounted items without
removal from the spacecraft.
High panel structural rigidity consistent with low
weight, with electronics assemblies contributing
to over-all stiffness.
• Adequacy of micrometeorite protection.
• Cable routing and shielding for minimum losses and
inte rfe fence.
The objectives relating to electrical performance are to provide
a package design which is compatible with functional requirements of:
• RF and EM interference shielding.
• Signal isolation.
• Minimization of circuit losses and capacitance effects.
A third objective is to develop a package design which is compatible
with general packaging technique requirements regarding:
• Standardization of package size, method of construction,
and method of installation.
• Standardization in the use of parts, materials, and
process techniques.
• Selection, use, and control of parts, materials, and
processes with a proven history of performance.
Flexibility of design accommodating growth and
varying packaging techniques (i. e., cordwood modules,
board-mounted components, I.C. on multilayer boards,
RF construction).
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• Thermal design which minimizes the temperature
difference between components and the mounting panel.
• Structural design for best vibration protection of
components and internal wiring.
• Efficient utilization of material for minimum weight.
• Accessibility for installation and checkout.
• Easy producibility and minimum cost.
1.2 Alternate Approaches and Selection
I. Z. I Cable Routing and Attachment
The three most promising cable routing approaches of those
considered are shown in Figure 6-2. Their advantages and disadvantages
are listed in Table 6-1.
a) Approach 1. This approach has panel-mounted assemblies
connected by a U-shaped assembly harness. Both legs of
the U connect to the system ring harness (at the aft or wide
end of the bus) through a hard mounted connector. The
system ring harness interconnects all assembly harnesses.
A service loop is added to the assembly harness to facili-
tate hinging of the panels for equipment access.
b) Approach 2. This approach is the same as Approach 1
except that the ring harness is located at the forward
instead of the aft end of the bus.
c) Approach 3. This approach has assemblies connected on
each panel by two assembly harnesses which extend
between a forward and an aft ring harness. The assembly
harnesses connect on each end through a service loop to
a hard-mounted connector on the trough of the ring
harness. The service loop at the forward end of the
panel must permit manual access to the connectors.
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APPROACH I
RING HARNESS AFT
U ASSEMBLY HARNESS EACH PANEL
EQUIPMENT MOUNTING
PANELS
l
4 II _
4 IL
APPROACH 2
RING HARNESS FORWARD
U ASSEMBLY HARNESS EACH PANEL
APPROACH 3
RING HARNESS FORWARD AND AFT
TWO ASSEMBLY HARNESS EACH PANEL
EQUIPMENT MOUNTING
PANELS
SPACECRAFT UPPER
RING STRUCTURE
SPACECRAFT LOWERJ RING STRUCTURE
EQUIPMENT MOUNTING
PANELS
1
Figure 6-2. Cable Routing and Attach-
ment Tradeoff Considerations
The distinguishing features of a hard-chassis assembly harness are
that the harness and connectors are housed and supported in an individual
chassis. Subassemblies equipped with mating connector halves make
connections when they are inserted into their mounting positions. Trade-
off considerations for two assembly harness design approaches, labeled
A and B, are listed in Table 6-2.
a) Approach A. This approach has the assembly harness and
associated plug-in connectors installed in a chassis which
is integrated into the spacecraft system as a rigid
physical item. Equipment assemblies mate with their
appropriate connectors when they are inserted into their
mounting position.
b) Approach B. This approach provides for an assembly
harness which is installed and rigidly supported within
troughs which are integral to the spacecraft structure.
Cable loops and connectors issue out of the trough at
places as appropriate to make connection with equipment
as s emblie s.
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a. Method of Attachment
The method of support and attachment of the cables and har-
nesses is the same for all three configurations. The ring harness lies
in and is rigidly secured to a trough which goes around the inside of the
bus. The aft trough is nested into the corner formed by the side panels
and the aft end of the bus, while the forward trough is similarly positioned
at the forward end. Connections to the ring harness are made through
plug-in connections which are hard mounted to the trough. The assembly
harness mounts into two channels which traverse the length of each panel.
b. Shielding and Grounding
Shielded or twisted wires are used to satisfy electrical and
magnetic field requirements.
c. Configuration Selection
The only advantage Approach 2 has over Approach I is the
smaller ring diameter. This does not offset the longer cable run that
would be required for items mounted on the solar panel. Approach I is
also a more natural arrangement to allow opening the panels for equip-
ment test or removal. Approach 1 is therefore preferred over Approach 2.
Approach 3 has a larger capacity and better flexibility than
Approach 1 at the expense of more cabling and more complicated panel
access. Since it is not clear that the capacity of Approach 3 is required,
and since Approach 1 can, if necessary, grow into Approach 3,
Approach 1 is preferred.
In the selection of an assembly harness design, Approach B
is preferred over Approach A for reason of better design flexibility
and minimum dimensional tolerance problems.
i. 2.2 Equipment Panels and Equipment Mounting
The three most promising approaches to equipment mounting that
were considered are shown in Figure 6-3 and tradeoff factors are listed
in Table 6-3.
a) Approach I. A honeycomb or truss-grid panel with five
rows of rails attached to inserts in the panel. Equipment
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b)
c)
is mounted to the panel by bolting to the rails in such a
manner that the base of the boxes will be pressed against
the panel.
Approach 2. A truss-grid panel to which equipment is
mounted directly by use of inserts imbedded in the mount-
ing plate.
Approach 3. A solid plate with five rows of rails attached
to one surface. Equipment is mounted to the plate by
bolting to the rails.
I 1
r lr "r lr "1
i i i |
APPROACH ] APPROACH 2
SANDWICH PANEL WITH RAILS SANDWICH PANEL
Figure 6-3. Equipment Mounting
r lr T 3r 1
APPROACH 3
PLATE WITH RAILS
Tradeoff Considerations
In most cases a thermal filler, such as RTV-11, will be required to pro-
vide good conduction to the heat sink.
a. Structural Rigidity Requirements
For failure modes arising out of relative motion, such as
between components and chassis, the stress induced is proportional to the
relative motion which, in turn, varies inversely with the square of the
frequency. Since the fatigue life increases exponentially as stress
decreases, and the stress decreases exponentially with increase to fre-
quency, much fatigue life is bought with a small increase in frequency.
Typically, a 75 per cent increase in frequency produces two orders of
magnitude increase in fatigue life.
Since rigidity is bought at the expense of weight the question
arises as to the proper amount of rigidity. There is no simple answer
to this question. Experience on other programs has shown that failures
because of excessive flexing of leads or pulling on connecting joints can
generally be controlled by a) avoiding bridging of wires between
6-9
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potentially resonating structural members; b) properly securing wires
and leads to prevent pulling on connection joints, and c) avoiding low-
frequency, high-displacement resonances.
It has been found that for an equipment chassis with a considera-
ble amount of wiring which is susceptible to flexing and pulling, a mini-
mum resonance frequency of 300 to 400 cps eliminates virtually all dis-
placement failures without incurring a severe weight penalty. Experi-
ence has also shown that the assembly and system connection cables can
easily sustain much larger deflections than the internal wiring of an
assembly. Typically, minimum primary resonances of the order of 100
cps for the equipment and cable support structure have proven satis-
factory for limiting deflection.
From the standpoint of vibration transmission to the equip-
ment, it is desirable to avoid cascading of resonances. Therefore, a
design goal calling for a minimum primary resonance frequency of
100 cps for the equipment panel and 400 cps for the assemblies has been
used.
For the three panel design concepts under consideration, the
weights and natural frequencies are compared in SectionV-I of this
volume. Some of these considerations are summarized in Table 6-4.
These data show that mounting components directly to the panel is the
lightest approach but it also has the lowest natural frequency. When the
panel is stiffened to achieve a frequency comparable with the panel with
rails, its ....w_,_L:-_*._: _"I_^ compa_h]___.......Also shown is the normalized life
fatigue factor for the various panels compared with the panel-mounted
approach.
b. Integrated Structural Design
An integrated structural design allows subassemblies to con-
tribute to the strength and rigidity of the assembly which, in turn, con-
tributes to the strength and rigidity of the spacecraft structure. The
design concepts which utilize rails (Approaches 1 and 3) lend themselves
to this integrated structural design. With this approach the installed
equipment forms a beam in the direction across the rails. (See
Figure 6-4) This beam has the ability to take tension, compression,
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and shear forces, thereby increasing the natural frequency by increasing
the rigidity of the panel in a direction across the rails.
II ,rl-I1 n rFl1,___ll_
I I I
I1___111_4f____4111_1\
rl II,,I/
, \
Figure 6-4. Typical Arrangement of Equip-
ment Mounted to Panel
c. Selection of Preferred Approach
The solid equipment panel (Approach 3) was discarded because
of the relatively poor protection it provides against micrometeorites and
because of its low natural frequency. Approaches 1 and 2, for the same
stiffness, are comparable on a weight basis. Approach 1 was selected
because of the discipline it introduces into box and circuit board
standardization, its flexibility, its suitable thermal conductivity, and its
provision of an integrated structural design.
I. 2.3 Equipment Size Standardization
Selection of a standard equipment size is influenced largely by the
requirements of packaging and the efficient utilization of available
6-13
equipment space. Avariety of equipment sizes were considered, of
which three logical selections are shown in Figure 6-5 and compared
in Table 6-5. The 6-inch width permits mounting of four rows of
equipment on each panel, with sufficient spacing for rails and cable
routing. The 7. Z5-inch width allows for three rows of equipment
instead of four, or for four rows if the rows do not extend the full length
of the panel. The height of the equipment is limited in some regions
near the engine to 6 inches. Both the 6 x 6-inch and the 5 x 7.25-inch
are compatible for most of the packaging; however, there are some
requirements (batteries and possibly tape recorders) for a two-row
width. For the 6 x 6-inch standard, the two-row width is 13.5 inches,
while for the 5 x 7.25-inch standard, the two-row width is 16.0 inches.
Approach i, using a 6-inch width and variable thickness, was selected
for the reasons given in Table 6-5.
APPROACH I
WIDTH = 6 IN. HEIGHT = 6 IN.
LENGTH MAR ABLE FROM I TO 56 IN.
-'_ VARIABLE
APPROACH 2
-_ VARIABLE
r-
I I_ik_l
APPROACH 3
WIDTH = 7.251N. HEIGHT = 51N. WIDTH = 61N., HEIGHT VARIABLE FROM31N. TO
LENGTH VARIABLE FROM I TO 56 IN. APPROXIMATELY 8 IN. LENGTH VARIABLE FROM I TO 56 IN.
Figure 6-5.
*NOTE: 3 IN. LOWER LIMIT FOR RAIL MOUNTING.
8 IN. UPPER LIMIT IS POSSIBLE FOR MOST LOCATIONS.
NEAR THE ENGINE, HEIGHT IS LIMITED TO 6 IN.
Equipment Size Standardization
1.2.4 Electronic Packaging Techniques
Electronic packaging techniques cover many different methods and
processes which go into the productizing of equipment. Some lend them-
selves readily to generalized tradeoff considerations, while others can
be evaluated only in terms of specific functional circuit requirements.
Examples of the latter are selection of an interconnection matrix,
selection of the method of joining leads to terminals, and selection of
modules versus board mounted components.
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a. Assembly Chassis Designs
The design concept of the chassis strongly influences the
method of interconnection. Three design approaches, which are shown
in Figure 6-6 and compared in Table 6-6 are representative of three
widely different as sembly concepts.
Approach i. In this design an assembly is housed in a
single chassis. Subassemblies may consist of individual
or pairs of circuit board cards.
z) Approach 2. A number of subassembly chassis are
mechanically strapped together to form one assembly.
Subassembly interconnection can be internal, as illustrated
in Figure 6-7, or can be with external plugin connectors
and jumper cables.
Approach 3. Anumber of individual subassembly chassis
which are not mechanically tied together and which depend
entirely on external plug-in connection.
APPROACH I
SINGLE INTEGRAL CHASSIS
FOR ONE ASSEMBLY
APPROACH 2
INDIVIDUAL SUBASSEMBLY CHASSIS
MECHANICALLY STRAPPED TOGETHER
TO FORM ONE ASSEMBLY
APPROACH 3
INDIVIDUAL SUBASSEMBLY CHASSIS
Figure 6-6. Packaging Technique I
Tradeoff Consideration
b. Subassembly Chassis Design
Even within a single concept the design of a subassembly
chassis may take a number of variations, depending on specific packaging
requirements. Two configurations, shown in Figure 6-8, and compared
in Table 6-7, are representative of the packaging philosophy used on two
different programs. To facilitate tradeoff considerations between the two,
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both are shown in their board mounted component configurations.
I) Approach I. Subassembly chassis consists of a frame
and center web. A circuit board is bonded to each side
of the web.
z) Approach 2. Subassembly chassis consists of a frame and
a separate heat sink. The board is constructed so that
only terminals are exposed on the top surface. When the
board is bonded to the heat sink, cut-outs in the heat sink
leave the terminals exposed. The component bodies are
bonded to the heat sink, while the leads are bonded to the
terminals. Through bolts clamp the heat sinks to the
frames. (See Figures 6-7 and 6-9).
APPROACH 1 APPROACH 2
CHASSIS WITH CENTER WEB TO WHICH
A CIRCUIT BOARD IS BONDED TO EACH
SIDE
Figure 6- 8.
PRINTED CIRCUIT BOARD IS CONSTRUCTED SO THAT ONLY
TERMINALS (PLATED THROUGH HOLES, POSTS OR PADS)
ARE EXPOSED ON THE TOP SURFACE. WHEN THE P.C.B. IS
COMBINED WITH THE HEAT SINK r THE CUT-OUTS IN THE
HEAT SINK LEAVE THE TERMINALS UNCOVERED. THE COM-
PONENT BODIES ARE BONDED TO THE HEAT SINK AND THE
LEADS ARE CONNECTED TO THE TERMINALS. THROUGH
BOLTS IN EACH CORNER CLAMP THE HEAT SINKS TO THE
FRAMES.
Packaging Technique II Tradeoff
Considerations
a number of materials and fabrication processes. There are three
distinct approaches which are employed frequentl_ in chassis construction.
Tradeoff considerations for these are listed in Table 6-8.
I) Approach ,A. Casting approach using thin-wall, light-
weight alloys, such as aluminum A356-QQ-A-601 Comp. 3,
aluminum C612-QQ-A-371 Comp. Z, or magnesium
AZ 91C-QQ-M-56. The fabrication process includes
investment, semipermanent, and permanent costing
technique s.
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e 2) Approach B. Machining approach using generally milling 
operations to  cut the chassis  out of a solid block. 
mater ia l s ,  such as aluminum 6061-T6 and 2024-T3, a r e  
used for this purpose. 
Common 
3)  Approach C. Build-up approach using generally s tandard 
sheet, roll,  o r  extruded stock which a r e  joined together - 
as required to fo rm the chassis.  
consist  of dip-brazing, welding, and diffusion bonding. 
Joining processes  m a y  
TRW SPACE T E c t i N o L o e r  L A B O R A T O R I E S  
FRONT BACK 
MULTILAYER CIRCUIT BOARD WITH HEAT SINK ATTACHED, N E E  GRADED CIRCUIT FLAT 
PACKS ARE SHOWN MOUNTED TO THE HEAT SINK. THIS BOARD DESIGN IS USED O N  
ANOTHER PROGRAM AND I S  USED HERE TO ILLUSTRATE THIS CONCEPT 
Figure 6-9. Packaging Technique 
c. Selection of P re fe r r ed  Approaches 
F o r  the assembly packaging no single approach is prefex=i=ed 
but ra ther  a prefer red  approach to each type of circuit .  
a la rge  number of digital circuits,  Approach 1, Figure 6-6  i s  prefer red .  
In this case  an interconnection mat r ix  is almost a necessity.  
registration of cards  with respect to the ma t r ix  requires  close tolerance 
control which cannot be achieved with a segmented box approach. 
battery packs the same approach i s  p re fe r r ed  since the best  design i s  a 
single container sized to the total  battery cell  a r r ay .  
F o r  boxes with 
P rope r  
F o r  
F o r  analog and R F  circuits Approach 2, Figure 6-6 and 6-8 
i s  p re fe r r ed  because compartmentalized construction and shielding i s  
ea s i e r  to achieve. Subassembly chassis  that a r e  mechanically tied 
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together have the advantage over Approach 3 by providing a single
physical item for checkout and test. Approach 2 has also a thermal
advantage over Approach 3, since heat from a hot chassis has a better
chance to be distributed. Exploded views of typical assemblies are
shown in Figure 6-7. The selected approach for both digital and analog
or RF circuits is shown.
No single material and process approach is preferred at this
time. A selection will be made as specific design considerations are
generated. Table 6-8 lists the factors which generally determine such
a selection.
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2. ELECTRICAL DISTRIBUTION EQUIPMENT
The electrical distribution equipment consists of the following
components: I) all interconnect cabling throughout the spacecraft,
2) the necessary junction boxes for multiple distribution of electrical
functions and a producible cabling configuration, 3) power switching
circuits, 4) circuit protective devices, and 5) the circuitry for the
control and initiation of pyrotechnic devices.
2. 1 Interconnect Cablin_
It is not anticipated that any new cabling materials, i.e. , wire,
insulation and connectors, will appear prior to July 1966 which will
produce significant advantages, from the standpoint of weight, reliability
or ease of manufacture, over those available at the present time.
Materials are presently available which meet the Voyager requirement
in the areas of outgassing and nonmagnetic properties. The use of
crimp-type connectors has been examined and will be pursued further.
These have the advantage of easing cable manufacture and eliminating
some of the quality control problems attendant to the inspection of
soldered connections. Flat ribbon wire has been examined and may be
applicable in limited areas. This wire has decided disadvantages where
twisting, shielding or both are required to control magnetic fields and
to prevent electromagnetic interference. An additional disadvantage is
that no acceptable connector has been developed for flat ribbon wire.
The cabling implementation must be compatible with the over-all
packaging philosophy and techniques discussed in Section I.
Z. 2 Power Switchin_ Circuitry
It is necessary at specific points in the spacecraft to switch
electric power loads which are normally beyond the capability of the
circuitry contained in the on-board signal generation equipment and the
circuitry containing the outputs of the ground command receiving and
processing functions. These requirements normally consist of
switching power to equipment which are not required to operate
continuously or to switch between redundant equipments.
6-24
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In the majority of past and current TRW spacecraft programs,
electromechanical relays have been used with success for the switching
of primary and secondary electrical power as well as low level signal
switching. Relays have a disadvantage, however, insofar as Voyager
is concerned, in that they are magnetic components. The OGO space-
craft, in which relays are used extensively, has imposed upon it rather
stringent magnetics requirements, but the requirements are imposed
at the magnetometer, located at the tip of a 20-foot boom. In contrast,
the magnetics requirements imposed by the Voyager specification are
placed upon the individual spacecraft assemblies.
The Pioneer program also has stringent magnetics requirements,
though again the requirements were imposed at the magnetometer
location at the tip of a 6-foot boom. In this case, electromechanical
relays were almost totally eliminated from the spacecraft, the
exception being that relays are used for switching currents to pyro-
technic devices. The Pioneer solution consists of power control to
using assemblies by the switching on and off of the drive signal to power
conditioning circuits in DC-DC power converters. Since the Voyager
distributed power is intended to be AC and each power consumer will
provide or be provided a conditioning power supply it appears probable
that the technique used on the Pioneer can be applied to Voyager.
Further study of this technique and its applicability will be made in
Phase IB of the Voyager program.
The difficulty in meeting the Voyager requirements does not,
however, totally eliminate the use of relays. Shielding and magnetic
field compensation techniques have been developed and are in use on
Pioneer and other spacecrafts. These techniques, however, suffer the
disadvantage of added weight.
2.3 Circuit Protective Devices
It is probable that the Voyager spacecraft will require devices
to protect the power subsystem from catastrophic overloads. Devices
are available, such as the microelectron fuse, which provide non-
resettable protection. These have been successfully used on the OGO,
6-25
Vela and Pioneer programs. It is desirable that resettable protection
be available and the applicability of all potential devices should be
reviewed and compared with other techniques of overload protection.
The capability for handling marginal circuit overloads (non-
catastrophic) by detection and applying corrective action by ground
command is now available in all spacecraft subsystems.
6-26
2.4 Pyrotechnic Control
2.4. 1 Solid-State Firing Circuits
Solid-state circuits (silicon-controlled rectifiers, transistors,
diodes, etc. ) have many definite advantages over conventional firing
circuitry. Designed properly, current and transient control can be
obtained to a very close tolerance. Switching time, if an important
factor, can be made extremely rapid, and switch and contact losses
are eliminated. The entire circuit can be made very small, light-
weight, vibration and shockproof (when immersed in epoxy), and highly
reliable. Printed circuits can be used for nominal current values;
and if the circuit is mounted on boards or in cans, troubleshooting and
replacement can be made simple. The entire circuit can be removed
and tested; and if found to be defective, it can be repiaced by a new
circuit (as in computers - plug-in type). With present-day devices,
circuits can be designed to accommodate fairly large currents, although
care should be taken so that transient currents do not far exceed current
rating s.
There are problem areas that must be considered for design.
Solid-state devices are very sensitive to temperature, particularly high
temperature resulting either from excess current or environmental
temperatures. Effects of pressure are generally not very important
to the functioning of the circuits, although this should not be over-
looked. If cryogenic temperatures are a design factor, tests should be
conducted at these temperatures to determine characteristics. High
temperature effects are very important, and performance character-
istics are greatly affected by temperature. If the device experiences
heat (from any source) for a given length of time, thermal runaway can
occur and destroy the device, or possibly cause the circuit to switch.
The circuitry must be tested and analyzed in very environmental
condition it will experience.
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2.4.2 RF Environment
The maximmn power density to which the vehicle will be exposed
in the frequency range of 150 kc/sec to 10 Gc/sec is 36 dbrn/m 2 or
4 watt per sq m.
All EED have 1-amp, 1-watt, 5-minute no-fire at DC: each of
the two bridge circuits is capable of surviving the application of 1 amp
DC and can dissipate 1 watt of power for 5 minutes.
The entire firing circuit, including the EED bridge, is shielded
continuously with no gaps or discontinuities. The shield is capable of
reducing ambient electromagnetic power densities by a factor of 10,000
and of reducing the maximum electromagnetic environment of the cir-
cuit to a level of 4 x 10 -4 W g/m 2. The EED and associated firing
circuit shield meet the Eastern Test Range requirements of "General
Range Safety Plan,"AFMTCP 80-2, Vol. I.
To create a safety hazard, the firing circuit would have to create
an antenna with a coupling factor of 2500. If a 20 db safety factor for
dudding protection is required, a maximum coupling factor of 25 would
be permissible. Shielded circuits normally have coupling factors much
less than one.
The proposed design, the Apollo standard initiator, will not fire
when subjected to discharge from a 500 pico-farad capacitor charged
to 25, 000 watts. This initiata is safe in the presence of the stated
RF power densities.
6-28
Vll. PROPULSION SUBSYSTEM
The selection of the type of propulsion subsystem represents one
of the main decision points in this study, not so much because the two
types differ significantly in performance and reliability, but because the
propulsion type has a strong influence on the over-all spacecraft
configuration.
The basic alternatives considered for the spacecraft propulsion
subsystem were: l) a combination system in which a monopropellant
hydrazine propulsion subsystem is used to provide impulse for midcourse
velocity corrections and orbit trim maneuvers and a solid propellant
motor is used to provide impulse for the retro maneuver, and 2) a
single-engine storable liquid bipropellant system in which impulse for
both the midcourse correction and the retro maneuver is provided by a
single engine. More elaborate propulsion approaches such as multiple
monopropellant or a side firing engine were eliminated in early over-all
vehicle configuration studies. (See Volume 4. )
The propulsion subsystem study involved several phases. The first
compared various design solutions within the basic alternatives to define
representative baseline subsystem for each alternative. Next weight-
reliability tradeoffs were performed to determine the reliability potential
and the appropriate levels of redundancy within the subsystem. In
parallel, this data was incorporated at the system level to define the A,
B and C series of _..____;1_tlnns____discussed in Volume 4. At this point,
the system selection of Configuration A was made, the configuration that
uses the monopropellant vernier together with a solid propellant retro-
motor. The final phase refined the selected design. In particular, the
monopropeUant midcourse propulsion subsystem was significantly
simplified at the expense of only a modest weight penalty.
This section discusses the various design solutions and problem
areas for both of the two basic alternatives and derives two representative
designs. The comparison of these systems in terms of vehicle per-
formance and vehicle interactions is covered in Volume 4. As indicated
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in that volume, it became evident, early in the study, that both alterna-
tives met the minimum requirements of the Voyager mission specifica-
tion and that the differential between the relative merits of the alterna-
tives in comparable features, such as retro AV capability or predicted
reliability, would be inadequate to justify selection of either alternative
on such grounds alone.
In view of the fact that both choices are essentially equivalent inso-
far as ultimate performance is concerned, the major factors which pre-
cipitated the choice for Configuration A were:
a) The relative high density and compact nature of the com-
bination system resulted in significantly greater flexi-
bility, applicable not only to currently planned missions
and in the adaptability to the 1969 mission, but also to
future missions in which the mission's scientific
objectives may require new or additional equipment.
b) The status of propulsion technology is well established for
all elements of the combination system. No fundamental
problem areas requiring extensive development testing
for reliability verification are anticipated, a conclusion
that cannot be applied to the single-engine bipropellant
system. A/though the feasibility of the bipropellant system
is sufficiently well established to qualify for consideration
under the general guidelines, several components including
the main engine will require relatively lengthy develop-
ment programs to verify the design and ensure that the
reliability potential has been achieved.
c) The bipropellant engine, as configured, does not have orbit
trim capability because of the limited positive displace-
ment approach. If trim capability is provided, the engine
is no longer comparable in performance with the solid
system.
d) The selected system has a small (40 to 50 pound) per-
formance advantage and a slightly better reliability.
I. PROPULSION SUBSYSTEM REQUIREMENTS
The propulsion subsystem requirements can be classified into
three general categories:
o Mandatory requirements to satisfy the mission specifi-
cation and mission guidelines
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o Desirable requirements to refine the capability of the
spacecraft or to compensate for potential malfunctions
of other spacecraft subsystems
o Requirements generated by consideration of interactions
with other spacecraft subsystems.
This section restates the requirements, discusses the areas where
exceptions to the requirements were considered, and presents considera-
tions which resulted from interaction with other spacecraft subsystems.
1. 1 Mandatory Requirements
The mandatory requirements given in the mission specifications
and mission guidelines include performance specifications, operational
limitations, and restrictions on the types of hardware to be evaluated.
In general, these requirements were assumed to be inviolate at the sub-
system level. Consequently, potentially higher performance alternatives
such as the use of a combination system with a solid-propellant retro-
motor and a bipropellant midcourse correction system, which essentially
meets all other fundamental constraints, were not considered to be within
the ground rules of the study. However, at the component level there
were a few specific instances, such as the requirement for positive
expulsion propellant tanks, where a close interpretation of the specifica-
tion appeared to be an unreasonable constraint. In these instances
several alternates were evaluated during the study.
The requirements which were assumed to be mandatory are as
follows:
a) Configuration Options :
i) A monopropellant hydrazine midcourse velocity
correction subsystem and a solid-propellant retro-
propulsion motor
2) A single-engine, earth-storable liquid bipropellant,
pressure fed propulsion subsystem.
b) Performance Requirements :
I) Capability of providing a minimum velocity correction
of 75 m/sec for midcourse for I) above and 50 m/sec
for Z) above (if propellants for midcourse are available
from the main propulsion tank)
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2) Capability of adding a velocity increment at least as
small as 1 m/sec with a maximum allowable error of
0. 1m/sec.
3) Capability of providing three start-stop cycles plus one
backup cycle for midcourse maneuvers
4) Capability of sufficient AV retrothrust to inject the
planetary vehicle into orbit about Mars.
c) Structural Requirements:
I) Hazardous vessels designed with a 2. Z-safety factor
2) Pressure vessels mounted to avoid restraints which
could induce high stress concentrations
3) Minimum wall thickness to diameter ratio of tanks not
smaller than I/I000
4) Vessels pressurized in the vicinity of personnel fabri-
cated of Ti-6AI-4V titanium in the annealed condition
5) Pressure vessels not pressurized in the vicinity of
personnel fabricated of Ti-6AI-4V titanium heat
treated to 165, 000 psi maximum yield strength.
d) Operational Requirements:
i) Propellant on- stand loading not permissible during
197 1 launch operation
i. 2 Desirable Requirements
In addition to the mandatory requirements, the mission specifica-
tions and mission guidelines referred to several performance character-
istics as desirable or highly desirable and in general dictated that the
basic design philosophy should be simple and conservative. Requirements
which fall in this category as as follows:
a) MinimumAV increment should be 0. 1 m/sec with a 3
error of 0.01 m/sec
b) Capability for one orbit trim maneuver of about 50 m/sec
(highly desirable )
c) Capability for two or more orbit trim maneuvers with up
to I00 m/sec total AV velocity capability
d) Nonmagnetic materials used wherever possible
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e) Confined to a single assembly for ease of handling, check-
out, and qualification testing.
1.3 Requirements Resulting from Spacecraft Interactions
The principal areas of interaction between propulsion and other
vehicle subsystems are in considerations of structure, stabilization and
control, and thermal control. However, significant interactions also
occur between propulsion and the power, CS and C, and the electrical
distribution subsystems. In addition to the on-board interactions, the
propulsion system interacts significantly with OSE and launch operations.
The major interactions encountered during this study are as follows:
a) Structure. The two basic propulsion alternates are the
major variables in the spacecraft structural design. Other
propulsion subsystem requirements such as the desire for
modular construction or potential contamination and heat
transfer from exhaust plumes were determining factors
in prescribing the relative location of components such as
solar panels and the rocket motor nozzle.
b) Stabilization and Control. The best approach to stabiliza-
tion and control of the spacecraft during retromotor
firing is obviously dependent on the basic propulsion
alternate. However, even after the basic alternate of the
solid motor was selected, several different approaches
to thrust vector control were found to be suitable. The
use of liquid injection, a gimballed nozzle, and a separate
solid gas generator system, and other approaches were
evaluated in terms of propulsion and S and C interactions.
c) Thermal Control. The thermal control interface requires
that the propulsion subsystem be maintained within pre-
scribed limits and other spacecraft subsystems be pro-
tected against heat produced by the propulsion subsystem.
d) Power. Power requirements vary significantly between
basic alternates and even between potential components
such as control valves.
e) Electrical Distribution and CS and C. Alternate component
types and system arrangements resulted in significant
variations in requirements imposed on the electrical distri-
bution and the CS and C.
2. SOLID PROPELLANT INJECTION MOTOR
A survey was made to see if any existing solid-propellant rockets
or minor modifications thereof could meet the mission requirements. No
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suitable candidates were found. A preliminary specification outlining the
requirements for the motor was then prepared. (A copy of this specifica-
tion is included as Section 2.5.) This specification was submitted to the
following manufacturers: Hercules Powder Company, Thiokol Chemical
Corporation, Aerojet-General Corporation, Lockheed Propulsion Company,
Atlantic Research Corporation, and United Technology Center. These
companies were invited to submit their recommended design solutions
for the solid propellant motor as well as backup technical information to
support the feasibility of the proposed approach. Thiokol and Atlantic
Research declined to submit information at this time, because of the
pressure of work in process. The remainder submitted technical dis-
cussions of a proposed approach. From the technical information thus
obtained, it was apparent that a motor capable of meeting all the require-
ments of the mission could be procured using proven propellants, case
and nozzle design, and thrust vector control. In addition, significant
improvement in the over-all motor performance could be obtained, at
somewhat higher risk, by using higher energy propellants than those
in current operational use.
Brief descriptions of each of the motor designs submitted by the
different vendors are given in Section 2.6. A tabular comparison of
their important design parameters is presented in Table 7-I. Based
on this information, the best features of the various designs were inte-
grated into the composite design shown in Figure 7-I. The following
sections describe the solid propellant motor which TRW proposes for
the Voyager mission and presents the rational for design selection in
those areas where multiple choices were available.
2. 1 Component Selection
Since it appeared that all of the proposed motors satisfactorily met
all performance requirements, it was necessary to develop rational for
design selection in each of the several components. These choices are
discussed in the following paragraphs.
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2. i. 1 Propellants and Performance
A parametric indication of the impulse requirements is shown in
Figure 7-2 where the required specific impulse is given as a function of
the retro AV. Both the specific impulse and mass fraction parameters
are defined in terms of the weight expended during firing rather than the
more conventional basis of the propellant mass. This convention will be
followed throughout this section. The range of velocity increments shown
corresponds to AV's between 3.7 and 4.5 km/sec for entries into the
nominal 2000 x 20, 000 km orbit. The two sets of payload curves shown
correspond to the nominal 2000-pound payload plus the required mono-
propellant system (75 m/sec for a 7800-pound spacecraft) either full of
propellant (upper set) or with the propellant completely expended (lower
set). The nominal design point for the solid has been set at AV = 7000 ft/
sec with a zero midcourse (full monopropellant tanks). From the infor-
mation presented in Table 7-1, it appears that an effective engine mass
fraction of 0.92 will be relatively easy to obtain in this application. The
required specific impulse is then determined from Figure 7-2 as 291
seconds. (This procedure is justified because the mass ratio is the less
sensitive variable and because Table 7-I is based on fairly detailed
designs. The mass ratio selection is more fully justified in the following
sections. )
Figure 7-2.
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Parametric Indication of the Impulse Requirements
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Information presented by the vendors and gained from past experi-
ence of TRW with various ballistic missile and space programs was used
in evaluating proposed propellants. The propellants considered for this
application can be classified in the three categories discussed in the
following paragraphs.
a. Rubber-_ Base Propellants
The rubber-base propellants are characterized by the encapsu-
lation of a high percentage of solids (ammonium perchlorate and 15 to
25 per cent aluminum powder) in a rubber binder which provides
structural integrity of the propellant and acts as the fuel. Polyurethane
and polybutadiene are two common types of rubbers used in these pro-
pellants. The polybutadienes, in general, maintain structural integrity
with a high percentage of solids and thus have a higher performance.
Comparative performance characteristics of polybutadiene propellants
are shown in Figure 7-3. This figure shows Isp versus expansion ratio.
A quantitative version of this figure has not been included because of its
security classification. Curves are presented for a propellant loaded
with approximately 84 per cent solids and one loaded with 88 per cent
solids. The former is typical of the state of the art of approximately
2 to 2-i/2 years ago (i.e., Minuteman Wings I and II, Stages I and II;
Polaris A2, Stage I; Scout, Stages I and II; and Surveyor). The 88 per
cent loaded solid is typical of the more advanced polybutadiene pro-
pellants which are presently operational in vehicles such as Stages I and
II of the WingVI Minuteman. In Figure 7-3, the points shown correspond
to inflight specific impulse measurements on qualified stages. The
specific impulse of the propulsion companies' proposals is shown for
comparison. It is apparent that all of the proposed PBAAperformance
figures are well within current state of the art. The characteristics of
these propellants are:
• Highly reproducible
• Safe to manufacture and handle-Class Z Army Ordnance
classification. {Nondetonable)
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• Member of well-characterized family of propellants
• Relatively inexpensive.
NO. 3
L J J.u
[] MINUTEMAN WING I
'_ MINUTEMAN WING II
0 MINUTEMAN WING Vl
_, VELA
O SCOUT
4 SURVEYOR
X UNITED TECHNOLOGY
CENTER PROPOSAL
O HERCULES POWDER
PROPOSAL
0 AEROJET PROPOSAL
O LOCKHEED PROPULSION
COMPANY PROPOSAL
Figure 7-3. Comparative Performance
Characteristics of Poly-
butadiene Propellant
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b. Double Base Propellants
Double-base propellants are characterized by the use of nitro
compounds (usually nitrocellulose and nitroglycerine) as plasticizers to
form a structural material. In general, they yield a higher performance
and better mechanical properties than rubber-base propellants for an
equivalent solid loading. However, they have an appreciably higher
flame temperature for a given specific impulse and typically higher burn-
ing rates. A typical curve for a common double-base propellant series
is shown in Figure 7-3. Recently, further advanced double-base pro-
pellants have been developed for use on Polaris A-III. However, because
of their extremely high flame temperature, development of a nozzle
capable of withstanding a firing time of approximately I00 seconds could
be a serious problem.
c. Beryllium Propellants
By substitution of beryllium for the aluminum in either rubber-
base or double-base propellants, it is possible to achieve appreciably
higher performance. Typical performance is shown in the upper curve
in Figure 7-3. The development status of these propellants is less
extensive than that of the aluminized propellants, since the majority of
the tests with beryllium propellants have been with small charges (40
pounds or less); only a few large charges (up to I000 pounds in total
weight) have been tested. A small mass ratio penalty is incurred with
these propellants since they have approximately 5 per cent lower bulk
density. In addition, the toxic products of combustion present a potential
test firing hazard. Thus, while the beryllium propellants represent
appreciable growth potential for the solid propellant motor, it does not
seem justifiable at this time to utilize them for this application.
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d. Propellant Selection
Figure 7-3 shows that the required performance can be pro-
vided by the high-solids-ratio aluminized rubber-base propellants pro-
vided that the expansion ratio is above 35. Because this propellant is
in widespread usage and considerable design information is available,
a minimum development program is to be expected. Hence, the rubber-
ized aluminum propellant was felt to be the lowest risk solution to the
problem and was selected. Since the burning time for the Voyager motor
is considerably greater than for a typical missile application, it is
expected that the effective specific impulse may be lowered somewhat by
the proportionately greater insulation required. Thus it appears prudent
to select a target expansion ratio in the range of 45 to 50.
2. 1.2 Grain DesiGn
The selected geometry was dictated by the envelope constraints of
48 inches diameter x 52 inches long (or 56 inches long with a 6 inches
diameter x 4 inches long relief in the head end). In particular, the
efficient Aerojet design could not be accommodated within this envelope.
The required internal volume is provided by a short cylindrical section
with elliptical ends. The desired expansion ratio of 45 to 50 requires
that a submerged nozzle be used. The resultant grain geometry is
shown in Figure 7-1. The slot geometry has not been optimized but is
an adaptation of the Aerojet design. It is believed that the internal
burning surface geometry will be a routine development task.
2. 1.3 Case
The manufacturers considered maraging steel, titanium, and
filament wound fiberglass as possible candidates for the case material.
Each manufacturer recommended fiberglass because of its weight
advantage and highly developed fabrication technology. The advantage
for a motor of this size is significant; the indicated 50 pound differential
corresponds to a one point mass ratio improvement. By comparison, the
titanium alternative would be a more difficult fabrication problem with
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higher unit costs. The steel alternative showed a weight substantially
higher than the titanium. A preliminary weight computation showed that
the combination of the most conservative case and nozzle designs
yielded a system mass greater than would be allowable. The decision
to use fiberglass was made because this material in conjunction with a
conservative nozzle design would yield higher reliability and lower
developmental risk within the allowable weight bounds. The con-
comitant problem thereby created was one of vacuum-soak degradation
effects on the composite glass epoxy material. This problem is dis-
cussed in Section 2.3.
2. 1.4 Insulation
A fairly large divergence appeared between the various proposals
in the insulation weight allowance. An order of magnitude analysis by
TRW of the submissions resulted in the conclusion that they ranged
from extremely optimistic to reasonable. The Aerojet proposal was
judged best in this respect and was therefore used as a basis for esti-
mation of the proposed motor requirements. The proposed insulation
would be of the silica-rubber type which is widely used in operational
missiles.
2. 1.5 Nozzle
It was initially felt that the relatively long burning time of the
Voyager retro combined with the desire to minimize the thrust vector
shift during burning would dictate the use of a hard throat insert. The
vendors' proposals did not totally agree with this premise and considera-
ble divergence was evident in their selection of throat materials. Possi-
bilities included graphite, pyrolytic graphite washers, and tungsten.
The pyrolytic washer option was eliminated on the basis that no known
flight experience has been obtained with this design. Despite the
weight penalty associated with the tungsten option, it was still felt that
the tungsten design would have a better chance of proving satisfactory
for Voyager. Since a sufficient weight allowance was available (see
above discussion, paragraph 2.4), the tungsten alternative was adopted.
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The nozzle-throat design shown in Figure 7-1 is essentially a duplicate
of the one proposed by Aerojet, which in turn grew out of AGC's experi-
ence in the design and development of the Minuteman Wing VI second-
stage nozzle. In this design, the tungsten throat is supported by molyb-
denum, titanium, and steel supporting members with molded graphite
phenolic in the entrance section. The nozzle is submerged at the 15:1
exit-area- ratio point.
While initial considerations of the exit cone design had included
both ablative and radiative cooling, the "buried" location of the motor
within the spacecraft dictated use of the lower-wall-temperature
ablatives to limit heat input during retromotor firing. Although the
radiative cone would be approximately 25 pounds lighter than the
ablative version, it is probable that most of this advantage would be
absorbed in protecting the spacecraft from the additional heat input.
The resulting design would certainly be more complex and less rigid.
(Note: The wall temperature requirement was issued to the vendors
subsequent to preparation of the preliminary requirements given in
Section 2.5. )
Silica-phenolic should be satisfactory for the exit cone liner
material in view of the low heat rates expected in this area, while
structural support might be either fiberglass or, as Aerojet suggested,
a material which provided sufficient strength and gave better insulation
such as tape wrapped silica-phenolic. The exit geometry shown in
Figure 7-1 is designed according to the Rao criterion and has a length
equal to 82 per cent of a 17 degree half-angle conical nozzle. Optimi-
zation calculations will have to be made to find the contour which
maximizes the thrust coefficient in the available length.
It should be noted that the 3 g limitation placed on the solid pro-
pellant contractors (which ultimately determined the burn time)is
not an absolute upper limit. The limiting component (structurally) is
the antenna drive mechanism which can be designed for an acceleration
slightly in excess of 4 g's without entailing undue size or weight. Hence
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an alternate solution is available should nozzle life become a critical
development problem.
2. 1.6 Thrust Vector Control
As shown in Table 7-1, a considerable divergence appeared in the
vendors' recommended systems for pitch]yaw control of the thrust
vector during burning. However, in reaching these recommendations,
remarkable unanimity was evident on one basic premise: "Of the TVC
systems considered, secondary liquid injection has had the most
development and is therefore best understood." This was postulated
because some manufacturers considered only the LITVC while others
used it as a baseline of comparison in evaluating other proposed
candidates. TRW's experience corroborates this judgment. While
the swivel-nozzle concept proposed by Lockheed appears attractive
because of its low weight (100 pounds lighter not including actuator),
it is still in the early development phases and cannot be considered a
well understood design. Also, the relatively short axial separation
between the predicted spacecraft center of gravity and the throat would
require fairly large gimbal angles (approximately 5 to 7 degrees)
which may present serious developmental problems. Aerojet's
alternative of a solid gas generator hot-gas system appeared promising
and resulted in a substantial weight saving (50 pounds). Since a
similar system is in use for roll control on Minuteman, Wing VI
Stage 2, development problems with this system should not be serious.
However, vehicle integration studies showed that impingement from
the forward-facing-pair of nozzles would create a fairly severe ther-
mal protection problem on the solar panels (see Volume 4). For these
reasons, the secondary injection thrust vector control system was
chosen for use on Voyager. This choice must be regarded as the most
conservative of the several available, due primarily to the extensive
experience which has been gained with this system which, in addition
to Minuteman, includes use on Titan IIIC solids and Polaris A3
Stage 2.
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The proposed system consists of the injectant supply system and
four injector nozzles located at 90-degree intervals on the exit cone.
Choosing freon over N204 as an injectant is again the more conservative
choice. Most of the development work done to date has employed these
injectants. The freon injectant is housed in two spherical containers
and is expelled by gas evolved by a solid gas generator pressurization
source. Butyl bladders are used for positive expulsion in the freon
tanks. The flow control valves are the continuous-flow proportional
type shown schematically in Figure 7-4 resulting in the entire injectant
being expended during burning. The solid gas generator is similar to
one which is operational on Minuteman and is, therefore, not anticipated
to be a development problem.
TORQUE MOTOR
SUPPLy PORT
SERVOVALVE
FLAPPER
AND NOZ
CONTR(
URE
LINE
POTENTIOMETER
ACTUATOR
INJECTOR NO. I INJECTOR NO. 2
Figure 7-4. Servoinjector Schematic (One Axis)
Based on scaling from other engines the predicted roll distur-
bance torque produced by the solid engine is expected to be less than
3 ft-lb. This level can be accommodated using the cold gas attitude
control system, but it will require higher thrust than is used for the
cruise mode. Thrusts of about 1 pound appear suitable. The exact
value of roll torque required will be reevaluated when engine character-
istics are better known. If considerably larger thrusts are required,
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pressurizing gases from the solid engine TVC system can be used in the
same manner as the cold gas.
Z. Z Weight and Performance
Table 7-2 contains a summary of performance and design para-
meters of the selected retromotor. The variables of primary importance
are the effective specific impulse and the effective mass ratio. Justifi-
cation of the listed specific impulse has been presented in Section 2. i. i.
It will be noted that the effective mass ratio is somewhat lower than
the targeted value. Since this is a function of the weight of the inert
parts only, a detailed examination of these weights is indicated.
Table 7-3 contains weight breakdowns for the TRW selected con-
figuration compared with the vendors' proposals. Such a comparison
is of particular interest since the 0.92 target had been selected on the
basis of the latter information. It may be noted that the TRW total
inert weight is 65 to I00 pounds greater than those of the vendors. Of
this difference 25 pounds result from the 6-per cent contingency,
which was not a requirement on the vendors. This factor alone repre-
sents nearly a l-point decrease in the mass ratio. The remaining
portion of the difference can be accounted for by comparison of the
individual component weights. For example, Aerojet's component
weights are quite similar to TRW's except for the case mass. This
deviation was not unexpected, since the AGC proposal was based on a
more efficient shape. Minor differences were also noted in the TVC
mass (as noted previously, AGC's auxiliary thrustor system should
be somewhat more efficient) and in the nozzle mass which is at least
partially due to TRW's lower expansion ratio (50 versus 60). All of
the remaining proposals made use of graphite throat inserts, which
at least partially accounts for the lighter nozzle weights quoted. The
Hercules proposal is probably too optimistic in the case, insulation,
and nozzle weights. Since the weights given in Table 7-3 were not
explicitly quoted by Hercules but obtained by extrapolation from a
heavyweight breakdown, it is difficult to make a more definite
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DTable 7-Z. Performance Parameters of Selected
Retromotor Design
Pe rformanc e:
Standard specific impulse I o (sec)
sPl000
Effective vacuum specific impulse (sec)
Mass fraction (propellant/total)
Mass fraction (expended/total)
Maximum thrust (lb)
Average thrust (lb)
Maximum chamber pressure (psia)
Expansion ratio
Burn time (sec)
Propellant Properties:
Density (ib/in3)
Burning rate (in/sec)
Z49
293
0.87
0.90
15,000
8500
700
5O
90-100
0.064
0.21-0. _=_J
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statement as to which items might be suspect. The Hercules TVC
weight is more conservative than TRW's since the former was based
on providing an effective deflection of 4 degrees throughout burning
while the latter was sized for 2 degrees steady-state deflection with
a 4 degrees transient maximum. UTC's insulation weight is so low
as to be suspect, while their low nozzle weight is at least partially
due to the short 30:1 nozzle to which they were limited. Lockheed's
weights compare with TRW's; the main difference is the gimballed
nozzle, unique to their proposal.
Since the TRW weights were obtained independently, it can be
concluded that the weight budget for the selected configuration can
be achieved with a high degree of confidence.
The velocity capability of the selected motor is shown in
Figure 7-5 for various values of the required midcourse velocity
increment. Curves are shown for the retromotor only, the retro
plus orbit trim, and the total of the three maneuvers. The effect
of the lowered effective mass fraction is seen in this figure since
the desired 7000 ft/sec retro capability is not achievable if the sum
of the midcourse corrections is less than 15 m/sec. Since this is
roughly the same magnitude as the 1 _ value for the midcourse
corrections, it is likely that such a trim would be required if the
trajectory selection requires the full 7000 ft/sec retro velocity in-
crement. Figure 7-5 shows that the orbit trim _V capability varies
between 235 m/sec for a zero midcourse to zero for a maximum
midcourse.
If the length restrictions were relaxed, a higher expansion
ratio could be used and the performance of the selected motor thereby
improved. If it is desired to use the increased capability to increase
the payload, the tradeoff coefficient is approximately 2 pounds of
payload per inch. If the increased performance is used to increase
the velocity increment, the tradeoff coefficient is 9 ft/sec per inch.
Both of these coefficients include the additional weight of the nozzle
extension.
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Figure 7-5. Velocity Increment Capabilities
of Selected Design
2.3 Problem Areas
This section discusses several problem areas which may have
potentially serious implications on the development of the Voyager
retropropulsion system. Further detailed analyses of these problems
will be required early in the development program.
2.3. I Storage in Space Environment
The following discussion of the motor's space environment
storage capability is presented essentially as it was submitted
by Aerojet-General.
The flight of the Voyager vehicle from launch to ignition of the
retropropulsion system will constitute a 6 to 9-month storage period
in space. The potential hazards known to exist in space include
ionizing radiation of all types, hard vacuum, mlcrometeorites, and
solar thermal radiation. The first two of these hazards are discussed
in some detail below. For the latter two, it is sufficient to note that
the retromotor is surrounded by other vehicle structure in the Voyager
vehicle. As a result, the motor is shielded from the intense thermal
radiation and from micrometeorites. Design of the spacecraft side
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panel is based on providing a high degree of protection against micro-
meteorites. Furthermore, the structure of a solid rocket motor is
less susceptible to damage from micrometeorite impact than many
other components of the spacecraft.
a. Radiation
The principal sources of ionizing radiation which the Voyager
will encounter in space include primary cosmic rays, solar flares,
Van Allen belt and a possible similar radiation belt around Mars. The
expected radiation dosage for the various motor components is under
investigation. For example, in Reference 7-I it is conservatively
estimated that maximum exposure dose to the liner or grain of a solid
rocket motor for a 1 year exposure in the most severe Van Allen region
would be of the order of 1 x 106 rad. This estimate is based on an
order-of-magnitude analysis of the flux in the Van Allen belts, and on
the assumption that the motor has a metal case which will shield the
interior from low energy particles. (Because of their higher energy,
particles of proton radiation are the most important source of damage. )
The glass case used on the Voyager motor would also provide an
effective radiation shield for the grain (Reference 7-Z). However,
the retromotor is entirely surrounded with metal structure in the
spacecraft which provides a further radiation shield for the motor.
Since the Voyager flight is less than a year (6 to 9 months) during
which the residence time in the Van Allen region (1400 to IZ, 000
mile altitude) would be approximately 15 minutes; and since the doses
due to solar flare particles, _,._ _^1_ ;:,i_,........_nl_r electromagnetic_
radiation, and cosmic rays are small (References 7-1, 7-2) (radiation
from solar flares is estimated at less than 10 per cent of the Van Allen
dose rates); the estimated 106 radian dose for the Voyager should be
cons e rvative.
A considerable number of tests have been performed at
Wright Air Development Division to determine the threshold of degra-
dation caused by gamma radiation of commercially available structural
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plastic materials (Reference 7-3). The effects of gamma radiation and
elevated tempe rature simultaneously on glas s- reinforced plastic
laminates were also investigated. In general, the mechanical and
electrical properties of reinforced plastic laminates of various resin
types were not adversely affected by gamma radiation of a maximum
dosage of 7.8 x 10 8 rad. This dosage is far more severe than would
be encountered in many years of exposure to Van Allen radiation.
Two series of experiments were conducted at Jet Propulsion
Laboratory (Reference 7-2) and Battelle Memorial Institute
(Reference 7-1) to determine the effects of radiation on propellants
with various types of binder systems. The results are summarized on
Figure 7-6 through 7-10. These data show that all of the propellants
tested were able to absorb a dose of 10 6 rad with negligible change
in mechanical or ballistic properties.
While these data combined with the previous estimates of
radiation dosages are a strong indication that a radiation problem does
not exist, this problem cannot be neglected in future work. It will be
necessary to understand fully the radiation problem so that a confident
prediction of radiation absorption effects in the retromotor can be made.
With these results as a background, testing must be performed on the
specific materials selected for the retromotor design to determine the
effect of this radiation on the potential failure modes in the motor.
Only in this way can the requisite high motor reliability be assured.
b. Hard Vacuum
In space between earth and Mars the ambient pressure is
estimated to be approximately 10 -8 tort. Under these conditions,
volatile materials will evaporate from the surface and escape. The
rate of evaporation (Reference 7-4) is dependent on the equation
I/z
G = KPA (_) ,
where G = Weight loss per unit time
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K = Dimensionless constant (see Reference 7-I
and 7-5)
P = Vapor pressure of the specie evaporating
A = Characteristic area
M = Molecular weight
T = Temperature of the specie evaporating.
This equation indicates that to minimize G it is necessary to avoid the
use of materials with high vapor pressures. However, this equation
also indicates that the weight loss can be reduced by minimizing the
area.
The area term in the above equation depends on the physical
conditions. For a body in a vacuum, A is the surface area of the body.
If the body is inside a container and the container has a small opening
in relation to the mean free path of the molecules within the container,
A is the area of the opening if the container is submerged in the vacuum.
This would be the case for a rocket and A would be the throat area.
Inside the container the molecules emitted from the surface accumulate
until an equilibrium number are present. At this condition, some
molecules are emitted from the surface and at the same time other
molecules are striking and condensing. Occasionally a molecule will
escape out of the opening in accordance with the above equation. The
only weight loss is caused by those escaping molecules.
If the throat can be sealed, the weight loss can be made
negligible. The pressure inside the motor wiii then be the vapor pressure
of the evaporating species. In a solid rocket the vapor pressure should
be relatively low, and normal sealing techniques should yield escape
areas which essentially eliminate weight loss from the inside of the
motor.
The external surface of the fiberglass case, while partially
shielded by the structure, will have to be capable of prolonged exposure
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to hard vacuum. An indication of the ability of this material to with-
stand hard vacuum is contained in Reference 7-5. Specimens were
exposed to a radiant energy flux concentrated in the range from 2500 to
5800 angstroms but equivalent in amount to the solar constant tempera-
tures of 300°F and reduced to pressures of 10 -6 to 10 -7 torr. It was
observed that no significant degradation occurred in 500 hours of
exposure. When exposed to vacuum and a temperature of 300°F, a
polyester laminate lost approximately 2 per cent in weight and 20 per
cent in strength. However, the epoxy and phenolic laminates lost only
0.5 and 1 per cent in weight, respectively, and experienced no loss in
strength. It is concluded (Reference 7-5) that the extent of degrada-
tion in epoxy and phenolic laminates is a function of temperature rather
than high vacuum or combined high vacuum and temperature. Certainly,
further work is indicated.
2.3.2 Nozzle Development
As has been stated previously, development of a nozzle capable
of withstanding the I00 sec burn time with low throat erosion may turn
out to be a problem. No engines of comparable size and performance
have been developed to date with as long a burn time. (In the large
solids such as the Titan III booster which have comparable burning
times, the change in the throat area is not a problem since the erosion
rate is not critical in nozzles of this size. ) Although the tungsten
throat is expected to greatly decrease the potential problem, special
attention will be required to provide sufficient support for the insert.
The regressive pressure characteristic will help here since the pressure
and heat-rate loads will drop as the firing time increases. Also, the
thermal environment of the proposed motor should not cause surface
melting of the tungsten material. It is concluded that development of
this component is only a slight extension of the current state of the art
which should be accomplishable by development of current techniques
rather than innovation.
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2.4 Reliability
The following analysis of the reliability of a solid retromotor
for Voyager was extracted from the technical backup material prepared
by Aerojet-General. While it cannot be considered to be a definite
treatise, it is a reasonably cogent approach to this difficult problem.
For reliability estimating purposes, the successful performance
of a solid rocket motor may be represented as the successful functioning
of a small number of independent components. To be considered
successful, a component must maintain structural integrity prior to
and during the firing and must not interact in an untoward manner with
other components. Further, certain prime components (igniter,
propellant, and TVC)must deliver the required ballistic performance.
Using the simple product rule, a preliminary estimate of motor
reliability for a new design can be calculated as the product of these
individual component reliabilities.
The best estimate for these component reliabilities for this pro-
gram can be obtained by examining the record for similar components
developed in previous programs and evaluating the results in terms of
the conditions that will be applicable during the development of the
proposed retromotor.
Table 7-4 depicts the historical pattern of failure rate reduction
experienced for the same basic types of components to be used in the
retromotor. Note that the four sections of the nozzle (entrance, throat,
exit, and extension) are considered as separate components since they
are made of different materials and are exposed to different loads and
environments.
In calculating the failure rate for a typical component, each
basically different configuration evolved during a given program was
considered to represent a new learning series and the occurrence of
failures was classed in accordance with the number of tests of that
configuration. In applying the data to a new program, it must therefore
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be assumed that a certain number of early development tests will be
required before the final configuration is evolved.
To obtain an over-all picture of the trend in failure rate reduction,
the data for all components was pooled and the average rate calculated
for increments of five tests. The results are shown in Figure 7-I1.
0.14
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NUMBER OF TESTS OF A CONFIGURATION
Figure 7-11. Results of Failure Rate Tests
As can be seen, the failure rates are reduced steadily in
successive increments. Most of this reduction results by resolving
design problems and eliminating or controlling unanticipated failure
modes. After the 20th test of a configuration, failures rarely occur.
In Table 7-5 both the total firings for configurations tested more than
20 times and the number of post-20th test failures are shown. A statis-
tical test indicated that none of the observed failure rates, save that of
the case, differed significantly from each other or from zero. Further
analysis indicates that the seven failures occurring in the 4169 post-20
tests were primarily of two types. One type resulted from schedule
pressures on certain programs which forced the use, in static develop-
ment tests, of obsolete configurations which had experienced previous
failures and whose replacements were not yet available. These failures
typically occur in the 20th to 40th test of a configuration. Significantly,
no such failures occurred in flight tests or in motors delivered to the
customer. The second type of failure appears to be more random in
nature. This type of failure can be caused by a rare combination of
forces or conditions or a random undetected process error.
Because the development and delivery schedule for the retromotor
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Table 7- 4.
Component
Case
Insulation
P ropellant
Ignite r
Auxiliary TVC
Nozzle Entrance
Nozzle Throat
Nozzle Exit
Nozzle Extension
Failure Rate Reduction History for Components
Similar to Voyager Design
1 to 10 Tests
0.06122
0 03415
0 00000
0 00000
0 26000
0 10126
0 23626
0 09396
0.00000
11 to Z0 Tests
0 03703
0 0O990
0 00000
0 00000
0 03226
0 00000
0. 12281
0. 04545
0. 00000
Over 20 Tests
0 01449
0 00245
0 00000
0 00411
0 00000
0 00000
0.00 255
0. 00000
0. 00000
Table 7- 5.
Component Tests
Case 153
In sulation 596
Propellant Grain 90
Igniter 311
Auxiliary TVC I 14
Nozzle Entrance 593
Nozzle Throat 2162
Nozzle Exit 1200
Nozzle Exten don 42
Total 5263
Failure Rates After the Z0th Test
Total Tests Post-Z0th
For Configu- Failures Test
rations Tested After Observed
More Than 20th Failure
20 Times Test Rate
87 1 0.01149
409 1 0.00245
45 0 0.00000
243 1 0.00411
31 0 0.00000
464 0 0.00000
1872 4 0.00255
1005 0 0.00000
13 0
4169 7
Post-Z0th
Test
Ob served
R e liability
0.98851
0. 99755
1 r% r% s'%t% _'%• %2%2%2%2%2
0.99589
1.00000
i.00000
O. 99745
1. 00000
7-31
does not contain the schedule pressure that caused the failures in the
case and insulation components, it is reasonable to exclude these mal-
functions in calculating the estimated failure rate for Voyager components.
It is further proposed that the remainder of the test and failure experi-
ence be pooled to obtain the best estimate for Voyager component failure
rates for the following reasons:
• The remaining failures occur randomly and
stern from causes that are random in nature
• There is no significant difference in the
observed failure rates, once the early
development failures are excluded
• It appears that these random design and process
error type of failures could occur on any component.
The resulting pooled component failure rate of five failures per
4169 tests can be viewed as measure of the likelihood of encountering
a random design or process error failure on a developed component,
as evidenced by historical data.
Although the five failures per 4169 tests appears to be an accurate
estimate of the historical failure rate for configurations tested over
20 times it does not completely reflect the type of reliability and quality
control program proposed for the retromotor program. To provide
added assurance that the system reliability goal for the retromotor of
0.99 is met, certain additional reliability activities will be undertaken
to reduce the probability of encountering the types of design or process
error that produced the five failures. It is estimated that these activi-
ties should reduce the probability of design failures by 50 per cent and
the probability of process error failures by 90 per cent. Table 7-6
presents an evaluation of these failures. The resulting residual failure
rate of 0.000312, based on a total 1.3 failures per 4169 tests is there-
fore used for retromotor component reliability.
The 0. 000312-failure rate is equivalent to a component reliability
of 0. 999688. Raising this to the 9th power (for the nine components
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shown in Table 7-4) yields a predicted reliability of 0. 99719, compared
to the goal of 0.99. Even though the environmental conditions will be
more severe for Voyager than most of the programs used in the his-
torical data, the integrated test program will provide ample opportunity
for early detection of induced failure modes such as vacuum-aging.
It is expected that the learning rate evidenced in past programs will be
equaled or exceeded on the Voyager retromotor program.
Table 7-6. Evaluation of Historical Failures
Evaluate d
Probability of Re sidual
No. of Cause of Occurrence in Number
Component Failures Failure Voyager Motor (%) of Failures
Igniter 1 Design 50 0.5
Nozzle
Throat 1 Design 50 0.5
Nozzle
Throat 3 Process I0 0.3
Control
(Inadequate
NDT Criteria)
1.3
Z. 5 Preliminary Design Requirements
A preliminary design specification was prepared for the six
contractors to obtain preliminary design information. This section
presents the unabridged specification. Section Z. 6 summarizes the
design solutions which were submitted in response to these require-
ments.
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PRELIMINARY DESIGN REQUIREMENTS
VOYAGER RETRO ROCKET
1.0 SCOPE
This document outlines design requirements for a solid pro-
pellant rocket motor to be used to retro the Voyager spacecraft from a
fly-by trajectory into Mars orbit. Since the TRW study is at present only
conceptual, the requirements presented are intended only as guides to
preliminary design and are not firm; exceptions are permitted if it can
be shown that corresponding benefits accrue.
2.0 DESIGN REQUIREMENTS
2. 1 Ballistic Performance (Vacuum Conditions)
2. 1. 1 Velocity imparted to a 2300 lb payload shall be 7000 ft]sec
with a standard deviation less than 0.25 per cent over the range of
environments in paragraph 2.6.
2. 1.2 Thrust level to limit axial acceleration with 2300 lb payload
to 3 g (2.5 g preferred}.
2.2.2 Diameter not to exceed 48 inches exclusive of attachments.
2.2.3 Over-all length not to exceed 52 inches, except that the
length may be increased up to an additional 4 inches if a well of com-
parable length is provided in the forward end.
2.2.4 Motor to be symmetrical about thrust axis. A single fixed
nozzle is considered desirable.
2.2.5 Motor design is to be compatible with provision of attachment
surfaces capable of transmitting specified loads and permitting align-
ment to precision required. Location is not identifiable at this time.
2.3 Mechanical Alisnment and Thrust Vector Control
2.3. 1 Loaded motor center of gravity radial offset from the motor
axis is not to exceed . 05 inch.
I
7-34
Z. 3. Z The thrust vector control device must be capable of generating
upon command any desired thrust deflection up to 4 degrees and a total
control impulse of up to 1 per cent of axial total impulse. Roll control
is not required. Frequency response shall be 5 cps minimum.
Z. 3.3 With the TVC system nulled, the nozzle axis must be parallel
to the motor axis within .001 radian and coincident within .010 inch
laterally. The thrust axis is assumed to be coincident with the nozzle
axis when no defection is commanded.
Z. 3.4 Nozzle erosion is to be sufficiently uniform to insure:
Z. 3.4.1 Compliance with ballistic performance tolerances;
Z. 3.4. Z Lateral shift in centroid of nozzle throat (post burn) not to
exceed . 0Z inch.
Z. 4 Ignite r
Z. 4.1 Redundant squibs and firing circuit wiring are mandatory;
redundant igniter charges are optional.
Z. 4.2 An electromechanical S and A device shall provide electrical
safetybetween the power supply and the squibs and interpose a
mechanical barrier between the squibs and subsequent pyrotechnic
train until such time as the ability to achieve actuation (arming) is
desired.
Z. 4.3 The igniter charge shall be a separable subassembly.
Z. 4.4 Access for n_anua! safing and visual status readout of the
S and A will be provided.
Z. 4.5 The igniter must be capable of firing if only one of the
redundant squibs in the S and A fires.
Z. 5 Nozzle Seal
A nozzle seal shall be provided to insure against loss of pro-
pellant volatiles and to promote ignition.
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2.5. I The nozzle seal must maintain at least 5 psia internal
pressure after 9 months assuming 1 atmosphere at launch.
2.5.2 The nozzle seal shall provide thermal insulation at least
equal to the case insulation in the motor aft end.
Z. 6 Environmental Constraints
The motor must perform within requirements of paragraph Z. 1
when exposed to any combination of the following environments.
2.6. 1 Acceptable firing temperature limits are 40°F to 90°F.
Reliable performance within specification over broader limits is desir-
able.
2.6.2 Flight acceleration.
2.6. Z. 1 Prior to ignition, nozzle end is forward.
2.6.2.2
2.6.3.2
2.6.2. I. I Up to 12 g axial.
2.6.2. 1.2 Up to 3 g lateral.
During burning.
2.6. Z. 2. 1 Up to 3 g axial.
Flight vibration, any axis.
Sinusoidal
Frequency, cps
I0- I00
I00- 300
300- 2000
Gaus sian Random
Frequency, cps
20- 300
3OO- 2000
RMS _ level
3.5
5.0
7.5
Level gZ/cps
0.04
0.12
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2.6.4 Vacuum exposure for 9 months.
2.6.5 Magazine storage up to 2 years in any attitude,
temperature between 30°F and 100°F.
2.7
2.7.1
2.7.2
and at any
Safety Considerations
Propellants containing beryllium are acceptable.
Motor including igniter and S and A to be capable of 20 foot
drop onto steel-faced reinforced concrete without ignition or explosion
and must be safe to dispose of.
2.7.3 Electrical safety. An electromechanical S and A device is
required for primary ignition safety.
2.7.4 Structural safety factor. Motor pressure vessel stress at
mean + 3 sigma maximum temperature reached during firing.
2.8 Design manufacture, and inspection should be consistent with
a reliability goal of 0.99.
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2.6 Contractors' Design Solutions
This section summarizes the design solutions submitted by
United Technology Center, Aerojet-General Corporation, Lockheed
Propulsion Company, and Hercules Powder Company in response to
the requirements given in Section 2.5.
2.6. 1 United Technology Center (UTC)
UTC proposed two designs which differed mainly in choice of case
material. The propellant is a state-of-the-art formulation (polybuta-
diene -a c ryli c a cid- ac ryonitrile /ammonium per chlorate /aluminum)
developed for use in the Titan III-C booster, which differs from that
motor's current propellants only by a burning rate additive. The burn-
ing rate is 0.21 in/sec with rate exponent n = 0.24 and temperature
sensitivity coefficient, _ , of 0. II per cent/°F. Density is 0.064 Ibm/
r
in 3 and the pressure sensitivity coefficient, _k ' is 0. 15 per cent/°F.
The grain is a case bonded conocyl design with a circular port
resulting in a regressive thrust-time curve to limit the maximum
acceleration to approximately 3 g's. The two case options have slightly
different geometrical configurations to minimize case weight. The
fiberglass case, which UTC selected for prime emphasis, has a cylindri-
cal section with optimumly-contoured elliptical ends. This configuration
is shown in Figure 7-12. The steel case was nearly spherical, resulting
in a 1 inch greater diameter. The nozzle consisted of a submerged
graphite throat with an ablative nozzle extension. The length restriction
limits the expansion ratio to 30 with a 20 degree half-angle conical
nozzle. A forward-mounted pyrogen igniter is employed. Internal
insulation is provided by General Tire and Rubbers' V-3050 insulation.
A secondary injection liquid freon TVC system is utilized. The
pintle-modulated injector valves are scaled-down versions of the Titan
booster design which are actuated by an off-the-shelf torque motor.
The injectant is stored in a bladder inside the motor, eliminating an
external propellant tank container and pressurization source. This
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concept has been demonstrated by subscale firings at UTC and shows
an ultimate performance advantage of nearly 40 pounds over the
conventional methods.
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Figure 7-12. United Technology Center Design
2.6.2 Lockheed Propulsion Company (LPC)
LPC proposed three possible motor configurations which differ
primarily in the choice of propellant. The three candidate propellants
were: I) a conventional rubber-based propellant containing 18 per cent
A1 (carboxy-te rminate d polybutadiene/ammonium perchlorate /
aluminum), 2) a modified double-based propellant containing 16 per cent
aluminum and a solid oxidizer, and 3) a high-performance version of
No. 2 containing I0 per cent Be instead of the aluminum. Propellant
No. 1 is Class Z (nondetonable) while No. Z and No. 3 are Class 9.
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Several alternate grain designs were evaluated prior to selection
of the proposed grain which is a casebonded, modified end burner with
slots in the aft end to give the required regressive characteristics. The
maximum acceleration for the propellant No. 1 was approximately
2.8 g while the double base propellants result in a maximum 3.0 g
because of differences in the burning rate.
Three materials (maraging steel, titanium, and fiberglass) were
initially considered as case material candidates. A preliminary com-
parison showed that fiberglass was the lightest by 34 to 44 per cent.
Based on the limited environmental interaction data available, it was
concluded that the required storage in space would not present a
structural problem for the fiberglass material. This material is,
therefore, proposed in the baseline design. The nozzle is a contoured,
partially submerged design which possesses the same efficiency as a
20 degree conical nozzle. The expansion ratio was in the range of
75 to 81. The throat is a composite design with pyrolytic graphite
washers to reduce erosion. The nozzle is completely ablative, using
graphite and silica phenolics. Dual pyrogen igniters are mounted in
an aft location. Insulation is Buna "N" for the rubber based propellant
and butyl rubber for the double base options. The configuration is
shown in Figure 7- 13.
A swivel nozzle TVC concept was selected at the conclusion of
a preliminary comparison which also included a secondary injection
liquid TVC system. The selected "Zockseal" design is a toroidal
structure of alternating rubber and steel spherical rings in which
angular motion is accommodated by shear in the rubber. This is a
Lockheed proprietary design which is currently being developed under
Air Force sponsorship.
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2.6.3 Aerojet-General Corporation (AGC)
The design submitted by AGC is shown in Figure 7-14. The pro-
posed propellant differs only by a burning rate additive from one which
is operational on Minuteman. This propellant is of the polybutadiene/
ammonium perchlorate/aluminum class with a relatively high A1 content.
The burning rate is 0.2! in/sec, the rate exponent 0.27, and the density
is 0. 064 ibm/in 3. The grain is a modified conocyl design which allows
a low maximum acceleration of 2.53 g's.
On the basis of preliminary studies, fiberglass was chosen over
maraging steel and titanium as the case material. The proposed nozzle
design is based on Minuteman technology and includes a tungsten throat
insert; molybdenum, steel, and titanium support members, and an
ablative exit cone. Molded graphite phenolic is used in the entrance
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section. An alclojet igniter is used located in the motor head-end. The
insulation is General Tire Company's V-45 silica rubber which is
extensively used in Minuteman and Polaris.
Three TVC systems were initially considered: liquid secondary
injection, translatable nozzle, and a solid gas generator auxiliary
thruster. AGC chose the latter system on the basis that it was the most
reliable and least costly. A system of this type is employed for roll
control on one model of Minuteman. This system showed a weight
advantage of 43 pounds over the secondary injection system but was
30 pounds heavier than the translatable nozzle.
2.6.4 Hercules Powder Company
Hercules limited their consideration to propellants which contain
beryllium. This resulted in a conclusion that the requirements could be
met by one of several propellants which are now in early development.
Use of one of the better characterized Be propellants was prohibited by
the burning rate requirement (r _ 0.3 in/see). A slotted tube grain
design is used and the resultant maximum acceleration is 3 g. A layout
of the proposed configuration is shown in Figure 7-15.
The case material is fiberglass and EP-87 insulation is used. A
submerged nozzle is used which employs a graphite throat and uses
silicatape phenolic and carbon-tape phenolic in the entrance and exit
section. The nozzle is conical with 23 degree divergence half angle
allowing an expansion ratio of 32. TVC is provided by a secondary
injection of liquid freon.
3. MIDCOURSE PROPULSION SUBSYSTEM
The midcourse propulsion subsystem (MPS) study began as a
comparison between various schematic arrangements of pressurization
control schemes. The object was to trade off reliability against weight
to determine an optimum configuration. However, it became obvious
that this analytical technique was unsatisfactory because the reliability
estimates of nearly all of the various redundant arrangements approached
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unity (on paper) and the weight differences were relatively insignificant.
The selected system, shown schematically in Figure 7-16, is
thus justified more on engineering judgement and some experimental
tests than on the analytic optimization. The system is characterized
by a combined gas storage and propellant tank which is operated in a
blowdown mode, a single monopropellant engine, and explosive-actuated
flow control valves with a backup solenoid valve. The weight penalty
associated with this system, as compared to the conventional regulated
pressure systems, was originally estimated to be 18pounds. This
penalty is believed to be overly conservative in consideration of tests
performed during the study to verify performance of a monopropellant
engine when operated in the blowdown mode. These tests, summarized
in Figure 7-17, show that the engine, nominally designed for 50-pound
thrust, will operate smoothly and at essentially constant performance
over a thrust range of Z5 to 75 pounds (down to a chamber pressure of
80 psia). Hence the pressurant weights assumed in the study could
probably be reduced by 25 per cent. Based on this evidence and the
advantages of the selected system in terms of ultimate reliability,
design simplicity, and minimum spacecraft interactions, the blowdown
system was judged to be superior to any of the other schemes.
3. l Thrust Chamber Design
The thrust chamber design proposed for the MPS, shown in
Figure 7-18, is an adaptation of the 50-pound thrust Ranger engine,
the major difference being the use of a spontaneous catalyst in place
of the H-7 catalyst. This modification permits multiple starts without
the complication of multiple N204 start cartridges. Another modification
includes the control valve arrangement which provides for potentially
unlimited starts through the use of a solenoid backup valve. TRW
Systems fabricated a prototype motor (Figure 7-19) during the study
period to verify performance and ability to function in the proposed
blowdown mode. The test results, as previously shown, were success-
ful.
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3. I. l Thrust Level Selection
The governing restraint on the thrust level for the midcourse
maneuver is the minimum AV requirement. The minimum increment
objective of 0. 1 m/second can readily be achieved for thrust levels of
the order of 50 to I00 pounds. Since lower thrust levels would result
in unnecessarily long burning times with little weight savings or
effective improvement in accuracy and the 50-pound thrust engine has
proven to be successful in both the Ranger and Mariner applications,
this value was chosen for the Voyager mission.
3. 1.2 Thrust Chamber Configuration
The multiple start requirement entails the most significant change
to adapt the Ranger thrust chamber to Voyager. Of the two approaches
immediately available, the substitution of a spontaneous catalyst or the
use of multiple start slugs, the former is preferable. Multiple start
slugs were successfully employed on the Able-4 and -5 monopropellant
hydrazine propulsion system (18-pounds thrust) built by STL in 1959,
(Reference 7-6). This system was built before the successful develop-
ment of a spontaneous hydrazine catalyst and incorporated complications
and subsequent reliability penalties not necessary within the present
state of the art.
Two spontaneous catalysts (Shell 405 and STL 1404-21) which are
capable of reliably igniting hydrazine and meeting the Voyager mission
requirements are now available. Although modification to the Ranger
bed configuration will be necessary because of the difference in shape,
porosity, and activity between spontaneous catalysts and H-7, they can
be accomplished without major alteration of the head-end or nozzle.
The head-end would be modified to eliminate the N204 injection port
and the nozzle would remain unchanged.
However, two basic considerations in the use of spontaneous
catalyst must be noted. First this type of catalyst is inherently weaker
than the H-7 type because of the structure of the catalyst support
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material. The crush strength of Shell 405 is about half that of H-7, and
the catalyst bed design and qualification must be guided by this fact.
Second, no spontaneous catalyst system has been qualified under space
vacuum. While it is unlikely that any serious deterioration of the cata-
lyst would ensue, an experimental evaluation of the effect of prolonged
exposure of the catalyst to high vacuum should be undertaken as soon as
possible.
3.2 Monopropellant Feed System
The blowdown feed system selected for the midcourse propulsion
subsystem, illustrated in Figure 7-18, is similar in concept to the
Able-4 and -5 monopropellant hydrazine pressurization and feed systems
built at TRW in 1959. The feed system contains no electrical controls,
regulators, or other functional components. The fill and vent valves
are manually operated and can be capped and permanently sealed after
the system has been loaded and pressurized. The system was selected
over the more conventional regulated pressure systems although the
regulated systems are approximately 18 pounds lighter and can be
made sufficiently reliable by various redundant arrangements of
components.
Some justification for the blowdown system can be made on the
basis of fewer components and spacecraft interactions in terms of
electrical circuitry and CS and C inputs. However, the primary
attraction is the inherent simplicity of the concept.
A discussion of alternate systems evaluated and eventually re-
jected is presented in Appendix J.
3.2. 1 Operation
The system characteristically operates with decaying thrust as the
pressurization gas expands and propellant inlet pressure decreases.
Hence, burning time required to produce a velocity correction is
dependent on the initial conditions in the tanks. If an accelerometer
were used to measure the velocity increment, this would be inconse-
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quential but the accelerometer is not required since the system can be
calibrated so that the burn time to produce a prescribed velocity
increment can be predicted to within the required tolerance. This mode
of operation requires that expended propellants be accounted for and
that either pressure or temperature of the tanks be monitored. A third
option is using the accelerometer as an override to terminate thrust
if the velocity increment is attained in less than the predicted time. It
was tentatively decided not to use the accelerometer. However, this
decision should be reevaluated in the light of the empirical characteri-
zation of the entire subsystem.
3. Z. 2 Pressurization Gas
Helium was selected as the pressurant instead of N z because of a
weight saving of approximately I0 pounds. A discussion of the con-
comitant leakage problem associated with He is given in Appendix J.
In brief, the discussion concludes that even in a bipropellant system,
for leakage rates as determined by conventional techniques, the leakage
would be an insignificant amount, of the order of 6 x 10 -4 Ib/yr. The
leakage of helium across the bladder into the hydrazine will eventually
result _in saturating the hydrazine. This will produce a small predict-
able throttling of the engine which could be accounted for in the pro-
grammed commands.
The potential problem associated with helium coming out of
solution to form a bubble on the wrong side of the bladder, because of
the reduction in tank pressure during a firing has been_ shown not to be
serious. In recent tests conducted at TRW where helium gas was mixed
with hydrazine, as a means of throttling the propellant flow, no ill
effects on combustion stability or efficiency were detected. Hence it
is clear that the bubble, if trapped in a high velocity region such as the
feed line, would pass through the injector with negligible effect. If
trapped in the tank, the bubble would simply float to the top.
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3.2.3 Expulsion Device
The rubber bladder design, successfully used on Mariner, was
selected without considering alternate designs. It is interesting to note
that, whereas selection of the expulsion device for the monopropellant
system is straightforward, the same problem for the oxidizer in the
bipropellant system is considered difficult.
3.2.4 Selection of System Design Pressure
An optimization technique for a blowdown system tank design is
given inthe JPL memo _. A simplified but similar analysis given in
Appendix J was conducted during the study. The analysis showed that
the optimum tank pressure is of the order of 600 psia, a pressure that
was thus tentatively selected and used for weight purposes. However,
the analysis was based on a conservative estimate of a practical lower
limit for chamber pressure. Tests conducted during the study showed
the feasibility of operating the engine at pressures as low as 80 to
100 psia. Hence, the optimum pressure and ultimately system weight
would be reduced. The exact extent and actual optimum conditions can
best be determined empirically.
4. BIPROPELLANT PROPULSION SYSTEM
4. 1 Voyager Bipropellant Engine Design
As discussed in the Introduction, the bipropellant engine consti-
tuted a fundamental part of one of the alternate configurations studied
for Voyager, the Configuration B defined in detail in Volume 4. The
preferred configuration adopted instead a solid propellant retropro-
pulsion engine in conjunction with a monopropellant midcourse engine.
Configuration B, however, called for the bipropellant engine to perform
both of these roles. Since these dual functions are optimally provided
by engines of widely different thrust levels, the design making use of a
single engine must be based on a compromise between the conflicting
requirements.
SD. H. Lee, J. S. Martinez, A. F. Grant, Jr., "A Monopropellant-
Hydrazine Thrust Unit for Velocity Control of Extraterrestrial Vehicles,
JPL Memorandum No. 20-161, 3 February 1958 (C)
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Ignoring state-of-the-art considerations of bipropellant engines,
the total system performance and impulse accuracy design criteria
dictate a thrust level in the general range of 600 to 800 pounds. Unfor-
tunately, the resultant burning times during the retromaneuver, 1200
to 1400 seconds, are pushing the technology of nonregeneratively
cooled high performance bipropellant engines. Hence, a more conserva-
tive thrust level of 1000 pounds, consistent with chamber life currently
being demonstrated on the LEM DE was selected. Similarly, a 100-psia
chamber pressure was selected because of current ablative chamber
experience rather than system optimization analysis. The engine
configuration used as a base point to compare the system potential
between the bipropellant single-engine propulsion subsystem and the
combination of monopropellant for midcourse and solid propellant for
retropropulsion is shown in Figure 7-20. The engine is characterized
by a single element coaxial injector; an all ablative lined chamber,
throat, and nozzle divergent section; and a quad redundant bipropellant
valve.
4. I. 1 Performance Characteristics
To provide a realistic basis for comparison, an attempt was made
to configure both the solid-propellant retrornotor and the bipropellant
engine to similar degrees of design conservatism. Hence the nominal
performance figures in Table 7-7 are considered to be realistic targets
within the confines of Voyager schedules and not the ultimate performance
potential of the engine.
4. I. Z Engine Design
The major alternatives in the design of the engine include operating
parameters, propellants and mixture ratio, and engine component
design details. The major considerations which dictated the design
solution are as follows:
• Selection of the operating parameters, thrust, and
chamber pressure was based on a compromise
between optimum system performance and current
chamber technology
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Table 7-7. Engine Performance Parameters
Units
Thrust, F (nominal) lb
Chamber pressure, P (nominal) psia
c
Mixture ratio (nominal)
Nozzle expansion area ratio
Characteristic velocity, C _,_ (nominal) ft/sec
(percentage of kinetic recombination C*)
Thrust coefficient, C F (nominal) at t o
(percentage of theoretical kinetic
recombination flow)
Specific Impulse, Is,_ (nominal)
•
(based on kinetlc f_ow) Ib- sec/Ib
Fuel inlet pressure, Pf (nominal) psia
Oxidizer inlet pressure, Pox (nominal) psia
Throat diameter in.
E xit diameter in.
Chamber diameter (l. D. ) in.
Contraction ratio (D c/Dt)z
_'_,_ ,_,-_=hi Ib
Burn time (maximum) sec
Ablative wall thickness in.
Max Thrust
1000
100
1.65
60
5530
98
1.786
95.6
307.0
195
195
Z. 67
20.9
5.34
4.0
95. O
850
1.30
D
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• Selection of the propellants and mixture ratio was
primarily based on empirical experience obtained
at TRW Systems on current engine development
programs
• Selection of engine component design details was
also based on empirical experience obtained at
TRW Systems in current engine development programs.
a. Propellant Selection
Because the propellant storage compartment will be maintained
above 40°F for reasons independent of the propulsion system, MON as
the oxidizer was eliminated and N204 was selected. The selection of
the fuel is not as obvious, however.
In its engine development programs TRW Systems has acquired
extensive experience with NzH 4, 50/50 UDMH/hydrazine, and MMH.
Based on this experience it appears that the criteria for selecting the
fuel are the relative compatibility of the propellants with thrust chamber
materials, the relative combustion stability and performance under off-
design operating conditions, the relative ease of achieving a high
percentage of the theoretic available energy, and existence of a developed,
high performance, chamber compatible injector.
Chamber Material Compatibilit)r. The ability to operate non-
regeneratively cooled combustion chambers with the candidate propellant
combinations has been demonstrated in engines currently in advanced
phases of development. However, the development difficulties
encountered, the performance degradation required, the effects of non-
optimum injection conditions, and reproducibility (hence reliability)
vary significantly between the candidate fuels. For example, the first
firings at TRW Systems with NZ04 + NzH 4 in an ablative chamber (at
performance levels in excess of 97 per cent theoretical C*) showed
essentially no erosion and low uniform char rates. These tests were
conducted with a coaxial injector tuned to maximum performance (in a
water-cooled chamber) with no consideration given to radial distribu-
tion of the combustion gases. Subsequent tests verified the relative ease
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of achieving thrust chamber compatibility with this combination. In
comparison, chamber compatibility (in terms of throat erosion) during
the LEM DE development program (the LEM DE uses N204 + 50/50 UDMH/
hydrazine) was a major problem area. The solution to this problem was
a fairly delicate adjustment of the injection velocities which provided a
low-temperature, fuel-rich zone at the chamber wall. Other engines
which use 50/50 UDMH hydrazine, such as the LEM ascent engine and
the radiation cooled Apollo reaction control engines, achieve a similar
low-temperature, fuel-rich zone at the chamber wall by injecting fuel
around the periphery of the injector. It is difficult to assess the mini-
mum performance penalty associated with these techniques. However,
it is clearly in the range of 1 to 2 per cent for ablative type chambers
and even higher for radiation type chambers.
Considering the similarity between 50/50 UDMH hydrazine
and MMH, it might be concluded that ablative chamber compatibility with MMH
would be similarly difficult. However, empirically, at least with the
coaxial injectors, it has been observed that erosion in chambers burning
N204 + MMH has not been a serious problem. Identical injectors run
with MMH + N204 and with 50]50 UDMH/hydrazine show nearly an order
of magnitude difference in erosion rates. Streak tests with relatively
soft ablative throats on the Surveyor and C-1 engines (which use MMH +
N204) invariably show negative throat area change after typical 200-
second injector acceptance tests. With "hard throats" 90-10 tantalum-
tungsten, firing times in excess of 3600 seconds have been demonstrated.
Hence, in the ,xx_a of thrust -_---_ ,^--.1 ..... ,'_-1-...
both N2H 4 and MMH show clear superiority over 50/50 UDMH/hydrazine.
Combustion Stability and Performance Under Off-DesiGn
Conditions. The relationship between propellants, injector design, and
combustion stability is not well understood; and the problem has,
historically, been solved by empirical techniques. The coaxial injectors
used on TRW engines have demonstrated dynamic stability with all three
candidate propellant combinations. (Artificially induced pressure
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transients in excess of ZOO per cent nominal chamber pressure damp
out within Z0 to 40 milliseconds. ) Hence, a dynamically stable injector
can be developed for any of the fuels, and the probability of a destructive
instability occurring in a qualified engine is remote. However, consi-
derable evidence shows that the general level of combustion roughness
and the frequency of random pressure spikes can be attributed to the
fuel.
TRW's experience with all three propellant combinations
indicates that smooth, stable, high-performance combustion can be
achieved for any reasonable set of design operating conditions. However,
the sensitivities of the various propellant combinations to off-nominal
operating conditions are significantly different. This fact, which has
been observed in thousands of development test firings, favors the
selection of MMH. On the LEM descent engine performance has been
evaluated over a wide range of injector configurations and operating
conditions. It has been observed that relatively small changes in
seemingly unimportant parameters produce significant changes in per-
formance and chamber compatibility. On the Surveyor vernier engine
and the C-I engine (which use MMH), the converse appears to be true:
performance is practically insensitive to wide variations in mixture
ratio, propellant temperatures, and injection pressures.
TRW's experience with neat NzH 4 is not as extensive as with
the other propellants. During early development tests of a 500-pound
thrust coaxial injector, stable high performance combustion was readily
demonstrated. However, no attempt was made to characterize the
injector over a range of off-design conditions. Hence, TRW's experi-
ence is not sufficient to verify or reject NzH 4 on this basis. General
experience throughout the industry, however, indicates that NzH 4 is
inherently more difficult to combust smoothly than even 50/50 UDMH/
hydrazine, as evidenced in fact by the existence of the 50/50 UDMH/
hydrazine blend.
Hence, on the basis of the empirical experience, insofar as
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stability and performance at off-nominal conditions, MMH appears to be
superior to both 50/50 UDMH/hydrazine and NzH 4.
Ease of Achieving High Performance. The task of achieving
high performance in a nonregeneratively cooled rocket engine is compli-
cated by the fact that the injector must not only achieve efficient mixing
of the propellants, but must also provide a fuel-rich, low-temperature
region at the chamber wall. The difficulty has been alleviated with all
three candidate fuels by several different thrust level coaxial injectors.
However, the injector development has proven to be significantly less
difficult with MMH than with 50/50 UDMH/hydrazine.
b. Engine Component Design
The thrust chamber, the injector, and the flow control valves
were evaluated to determine the best design approach and to examine
potential problem areas which could delay or extend the development
time. The evaluation indicated that a bipropellant engine for the
Voyager mission would extend the state-of-the-art valve design, but
that the injector and thrust chamber would not present fundamental
development problems. The reasons for selecting the single element
coaxial injector, the all-ablative lined chamber, and the quad valves
are discussed in the following paragraphs.
In)ector Design. The injector for a long-burning, high-
performance engine with a nonregeneratively cooled thrust chamber
must not only produce high combustion efficiency but must also have a
uniform circumferential combustion pattern and produce a fuel-rich,
low-temperature zone at the chamber wail. The coaxial _uu_.... injector
chosen for the Voyager bipropellant engine is similar to t_hat used on
the TRW C-I, SVE, MIRA 500, and LEM descent engine. Combustion
efficiencies in excess of 98 per cent of theoretical kinetic C_ have been
demonstrated in all of these engines, and chamber compatibility in terms
of char and erosion rates in excess of that required for the Voyager
engine has been demonstrated.
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In the coaxial injector the oxidizer is injected axially as a
hollow cylinder which arrives at the impingement zone with a uniform
circumferential velocity profile prior to atomizing. The fuel is injected
radially with sufficient velocity to penetrate the cylindrical oxidizer
sheet so that no preferential separation of oxidizer and fuel can occur.
Throughout the resultant expanding propellant spray the liquid phase
reactions generate gas and vapor which atomize and distribute the
remaining liquid oxidizer and fuel uniformly in all directions, thereby
producing high combustion efficiency.
The over-all symmetry of the mixture ratio distribution
characteristics of the coaxial tube injector is significant, because of its
favorable effect on combustion efficiency and the fact that it provides
the necessary uniform circumferential heat load to the chamber walls
and nozzle throat. In practice, a wide range of velocity ratios which
will produce high performance was found. This range includes velocity
ratios which permit the establishment of a radial mixture ratio gradient,
resulting in the formation of a low-temperature, fuel-rich zone adjacent
to the chamber wall and nozzle throat. When operated in this manner,
it is possible, with the coaxial injector, to obtain long life and high
performance with thrust chambers made of state-of-the-art materials.
Combustion Chamber Design. The proposed combustion
chamber and nozzle assembly consists of an ablative lined chamber,
throat, and nozzle divergent section encased in a titanium pressure case.
The ablative liner is 60 degrees oriented phenolic refrasil ablative
composite, tape wrapped with a 0 degree oriented phenolic refrasil.
The liner is contained in a titanium pressure case. Similar designs
have been successfully used on the LEM descent engine, C-I, and SVE
engines.
The experience of TRW during the LEM descent engine, C-I,
and SVE development programs has shown that the key to developing a
successful combustion chamber is the integration of a satisfactory
chamber design with an injector producing a mild thermochemical
7-6Z
PD
D
environment. The proposed injector configuration (fuel centered
coaxial) has demonstrated on the SVE and C-1 engines both high per-
formance (_96 per cent C*) and a favorable thermochemical wall
environment. Based on both transient and steady-state temperature
measurements made during the SVE and C-1 development programs,
the boundary layer temperature of the gas stream at the chamber
throat is between 2300 and 2800°F. At this temperature the refrasil
reinforcement is quite strong and will maintain the integrity of the
throat. Linear erosion rates of less than 10 -4 in/sec on all ablative
throats have been consistently demonstrated with this configuration.
For a 750-second firing this would result in an area increase of less
than 6 per cent.
The effect of the long soak in the space vacuum on the
ablative composite used for the combustion chamber represents a major
unknown area in the development of the Voyager engine. Among the
problems associated with the effect of the deep vacuum on the ablative
combustion chamber are:
a) Loss of resin from the ablative composite, reducing the
efficiency of the cooling
b) The possibility of appreciable loss from the silica matrix
due to volatilization immediately after engine shutdown
c) The possibility, as experienced on a number of engines,
of foaming of the silica portion of the composite to
partially plug the nozzle.
It is possible that these problems could lead to expensive
development program even if the problems proved not to be detrements
and many engines would have to be fired in high vacuum to demonstrate
satisfactory solution. An alternate approach to eliminate questions of
the effect of the loss of resin material from the ablative composite is
to design the thrust chamber to provide satisfactory life when operating
on a completely charred (hence no volatile resin) matrix. For the long=
duration firing associated with the Voyager mission) the increase in
weight resulting from this conservatism is calculated to be quite small
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(about 4 pounds). Thus, the development emphasis can be shifted from
an extensive evaluation of combustion chamber(s) in high vacuum to sea
level tests on fully precharred matrices. This mode was proved feasible
in tests in which ablative chamber life in excess of 3600 seconds were
demonstrated.
Reducing the loss of silica material immediately after engine
firing could be accomplished by satisfactory film cooling of the engine
to maintain the hottest portion of the combustion chamber below 3000°F
under all conditions. As previously discussed, the injector configuration
selected should result in a maximum chamber wall temperature below
2800°F. Negligible volatilization rate would be expected at these
temperatures. The low maximum surface temperature also serves to
prevent foaming from becoming a major problem. At temperatures
below 3000°F, the viscosity of the silica is high enough to preclude
foaming as a significant factor.
Flow Control Valves. The Voyager mission places unusual
requirements on the engine flow control valves. An evaluation of
alternate design approaches has been made leading to a tentative
selection, but it is clear that further analysis is required before a
final design commitment could be made.
The requirements for the shutoff valve are:
a) Nine months' storage in space with minimum of five
ope rations
b) Maximum leakage in vacuum of 1 cc/day
c) Maximum power consumption of 50 watts during
ope ration
d) Reproducible closing time to + 2 ms
e) Maximum pressure drop of 10 psi at rated flow.
To increase the potential reliability, the following additional
design constraints have been imposed on the valve:
a) Use of bellows for all dynamic seals
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b) Mechanical or hydraulic linkage of the oxidizer and fuel
pintles to ensure simultaneous operation
c) Use of high hydraulic closing forces to ensure rapid
closing and high unit loading of the seal.
The major problem areas in selecting a valve are those
associated with the effects of the long storage in the space environment.
Although many sealing techniques are available in the existing valve
technology, all techniques are modifications of either the soft seat
deformed to provide a tight seal or two high-precision hard surfaces in
intimate contact. The space environment presents problems for both
of these design concepts. The soft seal generally incorporates an
elastomeric or plastic material such as Teflon, and the effect of expo-
sure of Teflon to the combination radiation and high vacuum of space
is still uncertain. Present indications are that less than I0 per cent
(Reference 7-7) of the Teflon will be vaporized on exposure to the space
environment for one year, but these results cannot be applied simply
to the Voyager requirements since the effects on the Teflon while it is
in contact with the actual propellant have not been examined. It is
shown in Reference 7-6 that the presence of oxygen (and hence probably
nitrogen dioxide) accelerates the effect of radiation upon Teflon.
The second problem is associated with the use of hard metal-
to-metal seats. Under high vacuum and high loads, a tendency toward
cold welding of even relatively dissimilar metal surfaces has been
experienced. It is possible to impregnate the surfaces of the hard
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Teflon, gold, or silver, but it has not been demonstrated that these
types of surfaces would effectively reseal after continual operation.
Hence, it is felt that this component will require improvement beyond
the state of the art and would thus constitute a development risk.
Four basic types of flow control valves are available for the
Voyager application, poppet, ball, slide, and explosive, each of which
presents both advantages and disadvantages.
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Poppet Valves. Poppet valves are, in general, the simplest
approach to a valve design. Since the poppet can be completely
supported by bellows, cold welding and high wear can be avoided.
Both hard and soft seat designs are available and the state of technology
is quite high. Disadvantages are the difficulties of mechanically linking
the oxidizer and fuel pintles without having interpropellant seals and the
relatively high pressure drop associated with this type of design. It
would be expected that for a given pressure drop, a poppet valve might
weigh approximately twice as much as either a ball valve or a slide
valve. Another problem associated with the poppet valve is presented
in the high force levels required for effective sealing, making it
difficult to operate such a valve without either hydraulic or pneumatic
piloting.
Ball Valves. Ball valves can employ either soft metals or
plastic seats. Because of the relativelylarge surface area associated
with ball valves, leakage tends to be a problem. In addition, the rotary
action requires joints, pinions, or gears to translate linear into
rotary motion. However, ball valves permit a relatively light weight
for a given pressure drop. They are presently used by TRW on the
LEM design with success.
Slide Valves. The slide or plug valve represents a compro-
mise between poppet and ball. The slide valve has a relatively high
sealing area and requires high forces in order to seal. In general, slide
valves are designed with metal-to-metal seats, which would tend to
cold welding. Slide valves lend themselves well to mechanically linking
oxidizer and fuel pintles and have excellent sealing qualities. Because
of the relatively tight clearance, they are not susceptible to contamin-
ation, the closing action being self cleaning.
Explosive Valves. Explosive valves avoid all of the problems
associated with cold welding and effective resealing, but a severe weight
penalty would accompany their use and the electrical interface would
have to be more complex by an order of magnitude. They were
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therefore not considered competitive with the other three approaches.
For the purposes of the initial design, a quad redundant
arrangement of ball valves similar to those in use on the LEM descent
engine has been selected. This design has the advantage of several
years of development history and has been thoroughly debugged. With
the exception of the long-term vacuum storage it has demonstrated
performance very close to the Voyager requirements.
4.2 Bipropellant Feed System
The feed system design task involved selecting an optimum
configuration from the many possible combinations of feed system com-
ponents. The technique used in the study was first to configure a
baseline design, i.e., the simplest design providing high reliability
without redundancy. The design was then perturbed with various com-
ponent changes, alternate arrangements of components and addition of
redundancy to improve reliability. The modifications were then com-
pared on the basis of reliability improvement versus weight increase.
Weights of major elements were based on detailed analysis of actual
layouts; weights of components were based on existing similar hardware.
Reliability of components was based, in general, on historical data.
As was expected, reliability improvements with redundancy were
less spectacular than for other subsystems, largely due to the already
high intrinsic reliability of the baseline system. Details of this pro-
cess are given in Appendix J and the system application and summary
results are discussed in Volume 4.
a. The selected design is shown schematically in Figure 7-21.
The system includes a helium pressurization supply tank; quad redun-
dant solenoid valves to isolate the high pressure gas; a pneumatic and
electric regulator (a solenoid valve controlled by pressure switches)
in series; bladder type positive expulsion fuel tanks; positive ullage
displacement steel bellows in the oxidizer tanks; and associated hand
valves for fill, vent, and drain. The weight is summarized in
Table 7-9.
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Figure 7-Zl. Bipropellant Augmented Configuration
4.2. 1 Component Selection and Arrangement
As can be seen from Table 7-8, of the 491 pounds inert weight
only 19.5 pounds (approximately 4 per cent) are for valves, regulators,
and other control devices. Hence, perturbations to the design which
substitute various types of components and component arrangements
have little effect on the total system weight and hence, system perfor-
mance. As can be seen by the reliability data presented in Appendix J,
arranging the control devices in any of several different redundant
schemes results in reliabilities in excess of 0. 999. Component arrange-
ments with predicted reliabilities in excess of 0. 999 do not really help
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the system since the weaker links in the system simply become the
dominant failure modes. Hence the component arrangement selected
which illustrates two of the more common redundant approaches is
really one of several possible representative designs.
4.2.2 Gas Pressurant and Storage Tanks
As configured in the selected system, the pressurant and storage
tanks constitute about one third of the total feed system weight. The
choice of He instead of N Z, as used on Mariner, was dictated by a
weight saving of the order of 20 to 40 pounds (depending on various other
design assumptions). The higher leakage potential of He was not
considered to be a significant problem, particularly since it is planned
to use welded connections and stringent leak check procedures during
final system checkout. IThe predicted leakage rates are discussed in
Appendix J.
The gas storage bottles were designed per the specification require-
ments for hazardous vessels. Consideration was given to the potential
weight savings, about 15 to 20 pounds, which could be achieved if the
storage bottles were designed for remote pressurization during launch
operations. The disadvantage of this approach is that it requires an
umbilical connection to the spacecraft, and precludes a final leak check
of the system. It was decided that this approach is the type of con-
tingency one would like to save for growth potential and that the 15 to 20
pounds weight savings were insufficient justification for violating the
specification requirement.
A second approach considered was the use of a solid-propellant
gas generator to reheat the gas and supplement the He during the retro
firing. This alternate results in a weight saving of about 6Z pounds.
It was rejected primarily for reliability considerations; however, if
the system proved to be marginal in performance, a solid-propellant
gas generator would need to be reconsidered as a real possibility.
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Table 7-8. Component Weight List Single
Engine Bipropellant Supply
Augmented Configuration Less
Engine and Engine Valve s
Item Weight (lb)
Pressurization Subsystem 158
Tanks (2)
Controls
Fill and Dump Hand Valve 0.4
Filter (Z) 0.8
Solenoid Valves (5) 5.5
Pressure Regulator 2.5
Pressure Switches (2) 0.4
Plenum Chamber Z. 0
Burst Disc 0. Z
Check Valves (2) 0.8
Squib Valve 0.3
Vent and Relief Hand Valve and Cap 0.8
Lines
Fittings and Clips
Propellant Subsystem
Tanks (2)
Controls
Fill and Drain Hand Valve and Cap 4.8
Recirculation V alve I. 0
Line s
Flex Line s
Fittings and Clips
Positive Expulsion
NZ04 Tanks 23.2
MMH Tanks 12.8
Engine Plate Actuation Structure
The rmal Control
Insulation - Engine Envelope
Heaters and Thermostats
Propulsion Module Structure
Dry Propulsion Structure
Pressurant
Unusable Propellants
Usable Propellants
142.6
13.7
1.0
0.5
115.6
5.8
4.9
2.5
1.2
36.0
TOTAL
166
8
9
150
491
10
60
2, 840
3,401
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4. Z. 3 Propellant Tank and Expulsion Devices
The propellant tank configuration of four spherical tanks sym-
metrically locat_;_ about the roll axis is dictated as much by the over-all
spacecraft geometry as by weight considerations. The propellant
expulsion devices, particularly in the oxidizer tank, are the least
understood portion of the feed system design. The choice of a small
cylindrical steel bellows tank submerged in the main oxidizer tank as
shown in Figure 7-22 derives from data indicating that Teflon bladders,
reversing metal diaphragms, Teflon-metal laminates as bladders, and
fine mesh or twilled fabrics for propellant orientation lack operational
flexibility (inability to recycle), have not been demonstrated in flight
type design, or would present difficulty in establishing confidence of
adequate reliability. Steel bellows were thus considered to be the
conservative approach. However, the steel bellows in titanium tanks with
ful__!l positive expulsion capability were found to involve an additional
weight of about lZ0 pounds.
The bellows tank in the selected design is sized so that extended it
will displace a volume equivalent to the oxidizer expended during 75 m/sec
of midcourse correction plus sufficient volume to ensure ignition during
the retro maneuver. During the retrofiring the propellants are oriented
by the engine gravity field; when the bellows reaches the fully extended
position the plug is released from the diaphragm by steel cable.
This system by itself preempts the orbit trim capability of the bipro-
pellant system. However, orbit trim capability may possibly be
.... _ hy _h_ ,,_ of tightly woven srr_n_ at the tank e_it. Whereas
this method of orientation was not considered adequately demonstrated
for propellant orientation during the 6-to 9-month flight, there appears
to be a high probability of successful propellant containment for a
shorter period following injection into the Martian orbit. Since loss of
the orbit trim capability would not represent a mission failure, this
scheme appeared to be the best compromise of the available choices.
For the fuel tank, where material compatibility is not as severe a
problem, Teflon or Teflon-metal laminates or perhaps rubber bladders
appear to be feasible and are chosen because they are the lowest
weight solution.
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SIGNIFICANT ERRATA. TRW Systems, Phase iA
Study Report, Voyager Spacecraft
August 11, 1965
AUG 1 2 ";-""--':
_'a'.J,,5
Volume t. Summary
Substitute new p. 79 attached.
Voluble 2. !971 Voyager Spacecraft
/p. 16. item h) "necessary landed operations" should read "necessary
ia__der operations."
. /4 -_
. ,.-
,,,f _°
Section 3.4.1.a.
r--ines 3 and 4.
second line should read "threshold of 0.25 gamma"
Delete "or incorrect spacecraft address"
2. 23,=.
''4. '"
b_igure 5. Change "IZ8 Word DRO Core Memory" to ,256 Wo_d
__._O Core Memory"
_. 3Z?. Denominator of second term on right hand side of equation should
-"/ l-e a d
(:,+,..,)(.,)
/ _.. 351. Figure ._, Section F-F.
Volur.%e 3. Voyager Program Plan
"separation nut" should read "bolt catcher"
Substitute new p. 12 attached.
p. 13. Figure Z-3. PTM Assemblies in item 7 move 1.5 months to right
_. 16. Figure 2-6. First milestone date should be September l, 1969,
instead of mid-January i970, and all subsequent dates should be
correspondingly adjusted 4.5 months earlier.
20. Table g-2. Third item in 1969 column should read "coincident
with completion of proof test model assemblies. Fifth item in
this colui_n change "2 weeks" to "3.5 months." Fourth item in
1971 column, change "4 months" to "5 months."
oj,/p. 67.
p//.j! 20.
/_. 126.
o. 153.
__. iS,'/.
!"
./_. 254.
f G -7Y. --_8.
/
_. o0-_.
Figure 5-2. Under Intersystem Interface Specification add a
block entitled "Spacecraft to OSE Interface Specification"
Last line of paragraph c should read "shown in Table 5-2."
Figure 5-13. Year should be 1966 instead of 1965.
Figure 5-18. Ignore all numbers associated with lines in figure.
F!,zure 5-Z!. In line 20 change "design revisions" to "design
reviews"
Second paragraph, third line, "The capability of the transmitter
to select" should read "The capability of the transmitter selector '_
to select.:'
Section heading n should read __xperiment Data Handling
Section o.-._, beginning of second paragraph should read "The
" _ " _u_l .. 1:
-'.yQraz!ne _" _
Vo!u-._.e 4. _Citernate hTesi_os__ Systems Considerations
- 2 ....u2. _ &-"9. Caption should read "Radial Center of Mass
,, _ ......... ___, second line, "For the baseline, the reliability.. "
..... should mead "The reliability . . . "
_Z.._i5.3. Sth line, replace "0.06 pound/watt" by "0.6 pound/watt"
........._,-L..5;> iri¢:ure 3-50. Dot in ellipse at right should be 0.
........._.--Z 3 3.
- /
,'7 / ,l
_,' p. 2oa.
,'_,p. 293.
s
Sect!on 5.3.2, secona paragraph, 7th line, should read "Figure 3-52."
Second ]ine, "with a variable V" _¢,,,1,_ "=°d "v¢ith a ..... w_
_'irst line, "3250 krn/sec" should read "3.250 km/sec"
Figure 3-64. Interchange coordinates, clock angle and cone angle
Figure 3-81. An arrow should connect "Low-gain spacecraft
antenna" and the dashed line at 73 X 106 km
Volu_-_e 4. Alternate Designs: Systems Considerations Appendix
._g._
. Figure A-2. The shaded portion under the lower curve should
extend to the right only as far as 3Z5 lb.
2
p. 9.
p. 2Z.
Table A-i, part (1). In last column heading change "W3" to
"Vii". In part (4) last column heading change "W3'i to "W4"
Second line below tabulation, replace "575 × 35" by "570 × 35"
p. gg. Tabulation at bottom of page, change "18" to "30" and "400"
to "240"
p. 207.
p. g09.
p. 2:7.
_u:r.erazor of equation for k best atbottom of page should read
';C.020_," and numerator of equation for k worst should read
:'9.2 ":" ,_
_"a _ "e _'_ . . .s-. , fifth line Delete " × i0- " Also p. 213, Table_TA,
seventh line, and p. 232, Table 3B, fifth line. _:::}•
_2o'_ portion of Table 9B should be labeled "pri_r, _
ins:ead of "o;her modes"
spacecraft" should read ". . is
p. 3-52 "Cwo equations at bottom of page should read
D = 4wA/k Z
A
Dk g 1000k Z
_ 4w
p. 3-8Z 6th line should read "50 degrees:: instead of "50-140 degrees,"
and seventh line should read "140 degrees" instead of "50-140
degrees:'
p. 3-III Last line, change "50 Mc" to "i Mc"
p. 3-i37 Item g) for "... followed by 5 frames of real time" substitute
"... followed by il frames of low rate science data and 5 frames
of real time"
pp. 3-150 and 3-151 are interchanged.
p. 3-156 Last line, should read "gates, a 7 bit"
p. 5-21 Second paragraph, third line, for "others since they are"
substitute "others which are"
p. 5-33 Bjork equations should identify 0.i8 as an exponent, and the
exponent for (pp/Pt) in the Hermann and Jones equation
should be 2/3 in both cases.
p. 5-33 Figure 5-12 should be replaced with Figure C-7 of Appendi x C.
p. 5-40 _2hree lines above Table 5-i0 substitute "permanent set" for
e:.:p_ r .ment
Volume 5. _lzcrna:e _" _ _ _ "_ _ " "
_es.gns: _uosysterp_ _o..sic_eratlons. Appendix I :_
p. _ - __<_c,.Oi-rl _ _ r I
p. C-4 The title of Figure C-Z shou!dread "Figu_:_;: N_oid
influx Rate Circular Orbit Mars", and the t{{:le-%f _ C-3
xhould read "Figure C-3. Meteoroid Influx Rate Cruise _'
p. ,_-5 At bottom of page, add the following:. "["Within 50,000 _
of Mars" :=
p. C-6 Line 13 should read: "... of!ow density (pp.=_<_2,4 g_m3..."
_-o 5"igure _-4. The ordinate "2" should read "i00"
2!
:_p. C-!'/ _The figures C-6 and C,7 on pages C-I7 and .G_!. shou_e
C-2i reversed. ................ _,:_:.,_
p. _-m_ The title of Figure C-8 should read "Meteoroid Shield Test
Specimen"
p. C-Z9 The title of Figure C-9 should read "Cutaway of Meteoroid
Shield Test Specimen
p. C-34 In Section 1.8 the first sentence should be replaced by the
following two sentences: "Preceding sections of this appendix
contain derivations of the probability of penetrations of the
spacecraft outer skin by meteoroids. It is clear that to design
an outer skin of sufficient thickness to reduce the probability
of no penetrations to a low level, such as 0.05 to 0.01, would
be prohibitive in terms of the weight required."
4
Ip. C-35 In the first equation, the expression "(t in rn2) ''in two places
should read "(t in ca)" and "A" in two places should read
"(A in m Z)''
_o
p.
C-38
C-40
in Table C-Z, all values in inches should be in centimeters.
A zero should be inserted immediately following the decimal
Doint, for example: (0.020-inch) = 0.05080, (0.020-inch) =
0.06096, (0.020-inch) = 0.04064, etc.
in Section 1.8.7 Computation of Ris, the sixth line should
read "... than 10b are neglected"
C-45
C-52
Tn !_°+''_ under "Values of t Used for Extreme Environment _
__z_a:_ysis,':under Inch, the first number shou!_i read 0.0Z0
u_s=ea_ oz 0.202
....._ 0 NOMENCLATURE, _'1<2i'
..-l/Z_.. (4 _2)" and '_B" should be
should be de:_Lued as _:
_:::_ _v[o%?
i000 Pt VZ
9.806 H t
pp. G-150 and G-151 should be reversed.
p. _--oo Along the ordinate in the graph,
"Stress X !0 -2''
"Stress X i0 -3'' should read
|! 71: :=,
Voiu_7_e 5. Alternate Designs: Subsystem Considerations. Appendix II
p. =-Z_ Lines 7 and i0 change all subscript T to T
. " to "
_. F-Za_ Line 14, change "ME i "mE I
p. F-29
p. F-30
Figure F-9 title should be ::Reflection Phase Angle 6 (deg)"
a_ad Figure F-10 title should be "Reflection Magnitude R"
Last line, change "0.27" to ':0.175"
p. F-31 Lines i4 and i5, change "i4,700 ft/sec to 460 ft/sec" to
14,700 ft/sec minus 460 ft/sec:' and "14,700 ft/sec to
i0,000 ft/sec" to "14,700 ft/sec minus I0,000 ft/sec"
p. F-32 Last line in item 4), change "27 per cent" to "17.5 per cent"
p. F-35 Table F-4, under Assumed Parameter for item 2 insert
"-+-2× 10 -5'', for item 3 insert "±3 × i0 -5'', and for item 4
--5 Hinsert ':±2 X I0
5
:7_53
F-5g
F-59
":" C!.L U _ :.TD_
_ %7.
-_ db"
Noise Figure, change "4 db" to "3.5 db"; Gain,
"g0 db" to "10 db", last line change "10 db" to
z_gure F-21. Change I0g kc to I12 kc.
Line ,_9_ change to "Mi = 21.5 deg or 0.375 radians (rms,
lzeak)"
Li:-_c g, change to
_/ _ )2"M 2 = (1.1)- - (0.375 "
..... 3 change to "M 2 = i.03 radians (rms) or i.46 radians
k.-,C¢,.,i<l
p .... -. __aragrapn !.., second hne, change :'from E.. = 10' E t_
................'" =.............................;;-ta ;_i°- _'oZ_.
to-
Vo!u:_-e 6 ...........-....:_una_'Support _ " _ ,"_
. __ z_qulpmen_ %7,
7
p. 25 Figure 6. Caption should be "Typical Grounding Scheme"_
change opening of first sentence to read "Launch
pad equipment consists of the ground power and RF consoles
and the test flight program power and control equipment . . . "
#. _-_ Figure t
]"S O_iCi.
Lines enclosing Data Format Generator should be
_. G-!02 Last line substitute "4500" for "45" ..... ._, _
"3. G'i_3 In Section 4.4.2, change "25 per cent" to "250 per cent_ _ i_
o. G-184 Section 4.5 substitute "6.5 feet" for "six feet"
p. G-3ii Fifth line, change "30 per cent" to "20 per cent"
p. G-398 Section 4.2 should begin with "The hoist beam is .. . "
p. G-419 Second line "4 optical alignment targets" instead of 8. Same
correction top ofp. G-421.
p. G-423 Section 4.9.2, substitute "20 per cent" for "50 per cent"
Volun_e 7. i969 Flight Test Spacecraft and OSE
p. 90 First line should read "Launch pad equipment consists of
the ground power and RF consoles and . . . "
p. I07 Last line, change Volume 5 to Volume 6.
iii_i
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